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Theme 


Hypersonic  vehicles  for  military  and  space  transportation  applications  are  receiving  increased  attention  among  the  leading 
aerospace  nations.  Hypersonic  vehicle  technologies  have  been  the  subject  of  meetings  of  several  AGARD  Panels,  each 
addressing  the  technical  issues  from  their  particular  discipline  perspectives.  It  is  appropriate  and  timely  for  the  Propulsion  and 
Energetics  Panel  to  sponsor  a  Symposium  on  hypersonic  propulsion.  The  proposed  Symposium  will  deal  with  the  major 
propulsion  aspects  including  high  temperature  materials,  components,  combustion  and  computational  methods.  The 
Symposium  will  also  explore  relevant  propulsion  and  propulsion/vehicle  concepts.  The  interest  of  the  member  countries  is 
high,  reflecting  both  the  several  hyjtersonic  vehicle  development  efforts  and  the  broad  interest  in  key  areas  as  propulsion  and 
computational  methods.  Adequate  basic  research  is  going  on  in  many  countries,  and  a  technical  interchange  will  be  of  great 
value. 


Theme 


Les  vehicules  hypersoniques  destines  a  des  applications  militaires  et  spatiales  suscitent  de  plus  en  plus  d’interet  de  la  part  des 
pays  les  plus  avances  en  matiere  de  recherche  et  de  realisations  aerospatiales. 

La  technologie  des  vehicules  hypersoniques  a  deja  fait  I’objet  de  differentes  reunions  organisees  par  les  Panels  de  lAGARD, 
chaque  Panel  abordant  les  aspects  techniques  de  son  propre  point  de  vue.  Nous  considerons  qu’U  est  opportun  et  approprie  que 
le  Panel  de  Propulsion  et  d’Energetique  organise  un  symposium  sur  la  propulsion  hypersonique.  Le  symposium  propose 
traitera  les  principaux  aspects  de  la  question,  y  compris  les  materiaux  a  haute  resistance  thermique,  les  composants,  la 
combustion  et  les  methodes  de  calcul.  Des  concepts  de  propulsion  et  d’integration  propulsion/vehicule  applicables  seront 
egalement  examines  lors  de  la  reunion. 

Les  pays  membres  de  TOTAN  s'interessent  vivement  a  ce  sujet,  ce  qui  est  le  reflet  a  la  fois  des  differents  projets  de 
deveioppement  de  vehicules  hypersoniques  qui  sont  en  cours,  et  de  I’interet  manifeste  de  fa(on  generale  pour  les  domaines  cles 
tels  que  la  propulsion  et  les  methodes  de  calcul. 

Des  travaux  de  recherche  de  base  appropries  ont  ete  entames  par  de  nombreux  pays  et  un  Change  d’informations  techniques 
serait  dune  grande  utilite. 
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TECHNICAL  EVALUATION  REPORT 


by 

G.  Winter f eld 

Deutsche  Forschungsanstalt  fflr  Luft-  und  Raumfahrt  e.V. 
Institute  for  Propulsion  Technology 
Linder  Hfihe,  5000  Kttln  90,  W. -Germany 


INTRODUCTION 

Since  the  middle  of  the  last  decade  the  trends  in  aerospace  research  and  development 
are  characterized  by  renewed  scientific  and  technical  interest  in  problems  of  hypersonic 
flight.  Technology  programs  have  been  set  up  in  the  alliance's  countries,  which  in  the 
long  run  aim  at  the  realization  of  transatmospheric  vehicles  for  space  transportation. 
Work  in  propress,  presently,  is  oriented  towards  concrete  flight  missions,  as  well  as  to 
basic  technologies  needed  for  hardware  demonstration.  The  magnitude  of  this  fascinating 
technological  task  demands  for  increased  cooperation  as  well  as  for  extended  exchange  of 
information  and  experience  between  the  experts.  Therefore,  after  a  break  of  more  than 
20  years,  AGARD's  Propulsion  and  Energeties  Panel  has  returned  to  this  field  of  work  and 
selected  "Hypersonic  Combined  Cycle  Propulsion”  as  the  subject  of  its  75th.  Meeting,  held 
at  Madrid,  Spain,  May  28,  to  June  1,  1990. 

The  meeting  comprised  a  keynote  lecture  and  34  technical  papers,  arranged  in  nine 
sessions.  Five  originally  scheduled  papers  had  to  be  withdrawn  due  to  restrictions  im¬ 
posed  by  national  authorities.  In  order  to  bridge  the  gap  to  former  activities  histori¬ 
cal  aspects  of  the  subject  have  been  partly  included.  The  technical  content  of  these  35 
papers  will  be  evaluated  under  the  following  subject  areas,  which  differ  slightly  from 
the  published  program  of  the  meeting. 

1.  General  overview  and  flight  mechanics  considerations 

2.  Propulsion  systems  for  hypersonic  vehicles  and  missiles 

3 .  Component  technology 

4.  Materials  for  hypersonic  engines 

5.  Conclusions  and  recommendations. 


GENERAL  OVERVIEW  AND  FLIGHT  MECHANIC  CONSIDERATIONS 

In  his  keynote  lecture,  E.T.  Curran  reviewed  the  potential  of  hypersonic  propulsion 
systems.  Besides  stressing  the  need  for  engine/vehicle  integration  he  pointed  to  seve¬ 
ral  important  features  which  determine  the  practical  application  of  combined  cycle  engi¬ 
nes.  Of  paramount  importance  is  to  stretch  the  performance  of  the  bc.sic  engine  types 
over  a  larger  range  of  operating  parameters  than  hitherto  usual.  For  turbo-based  ac¬ 
celerators,  application  of  new  materials,  all-supersonic  throughflow  as  well  as  inlet 
and  nozzle  designs  promise  higher  thrust-to-weight  ratios,  whereas  extension  of  the  Mach 
number  range  can  be  achieved  by  precooling.  Improvements  in  specific  impulse  of  rocket- 
based  accelerators  can  be  obtained  by  a  variety  of  combinations  of  the  main  components, 
ranging  from  simple  ejector  rockets  to  complicated  liquid-air  collectihg  engines.  A 
main  challenge  is  posed  for  all  engine  cycles  employing  precooling  or  liquefaction  by 
the  need  for  compact  and  low-mass  heat  exchangers,  which  demand  also  for  cryogenic  or 
endothermic  fuels  as  heat  sinks.  As  far  as  hardware  testing  of  combined  cycle  engines 
during  their  development  is  concerned  new  problems  are  posed  by  the  requirement  for  de¬ 
monstration  of  stable  transition  from  one  operational  mode  to  the  next.  Also  ,*.ew  pro¬ 
cesses  for  the  true  simulation  of  high-speed  high-altitude  conditions  in  a  ground  test 
facility,  avoiding  vitiation  of  the  test  air  are  required.  Lastly,  flight  testing  of 
propulsion  systems  will  be  a  fundamental  need  in  the  development  process. 

One  of  the  most  important  requirements  of  hypersonic  flight  missions  is  minimum  fuel 
consumption,  demanding  for  a  continuous  optimization  of  aerodynamic,  trajectory  and 
engine  parameters  along  the  whole  flight  path.  This  is  brought  to  the  attention  of 
engine  designers  by  paper  4  of  F.  Kremer,  using  the  ramjet  part  of  a  hypersonic  engine 
as  an  example.  He  shows  that  flight  mechanic  and  aerodynamic  parameters  like  accelera¬ 
tion,  climb  angle,  angle  of  attack,  wing  loading,  trajectory  dynamic  head  and  vehicle 
mass,  and  engine  parameters  like  thrust  vector  angle  and  specific  fuel  consumption  are 
all  closely  interrelated  and  have  to  be  optimized  jointly,  if  minimum  fuel  consumption 
is  to  be  achieved.  Thus,  the  right  choice  of  the  engine  size  needs  the  close  coopera¬ 
tion  of  engine  and  vehicle  designers,  and  still  more  important,  vehicle  design  and  tra¬ 
jectory  optimization  has  to  involve  the  engine  designer. 

The  system  of  mathematical  relationships  between  flight  mechanics,  aerodynamic,  struc¬ 
tural  and  engine  operational  parameters  is  also  the  basis  for  optimum  guidance  and  con¬ 
trol  for  a  hypersonic  vehicle.  In  paper  3,  R.L.  Schultz  et  al.  reported  on  a  computa¬ 
tional  system  which  is  capable  of  on-board  generation  of  energy-optimized  flight  trajec¬ 
tories  for  vehicle  control,  thereby  improving  vehicle  autonomy.  Minimum  fuel  usage, 
flight  trajectory  constraints,  accommodation  for  uncertainties  of  the  individual  design 
models  are  basic  inputs  to  the  computation  system,  of  which  the  above  mentioned  inter¬ 
relationship  between  trajectory  and  aerodynamic  parameters  and  engine  parameters  are 
substantial  parts. 

These  three  Introductory  papers  have  clearly  shown  that  hypersonic  vehicle  design  and 
operation  is  strongly  coupled  to  the  flight  mission  objectives  and  to  the  characteris- 


tics  of  the  propulsion  systems.  Thus,  studies  on  the  design  optimization  of  hypersonic 
propulsion  systems,  which  concentrate  on  the  hardware  aspects  of  the  propulsion  system 
only,  are  surely  not  sufficient,  if  optimum  vehicle  design  and  operation  is  to  be 
achieved . 


PROPULSION  SYSTEMS  FOR  HYPERSONIC  VEHICLES  AND  MISSILES 

Presentations  on  this  subject  were  introduced  by  2  historical  reviews  of  combined 
cycle  and  ramjet  propulsion.  The  first  report  by  Sanchez  Tarifa  described  the  evolution 
of  ramjets  since  the  beginning  of  this  century.  The  second  report  by  Marguet  summarized 
the  numerous  and  well-known  French  activities  on  the  application  of  combined  cycle  pro¬ 
pulsion  systems  in  the  range  of  low  to  medium  flight  Mach  numbers.  Projects  like  the 
turbo-ramjet  powered  "Griffon"  or  the  Leduc  22  aircraft,  the  missiles  ASMP,  Stataltex, 
Scorpion  or  the  dual-model  ramjet  ESOPE  shows  the  wealth  of  theoretical  and  practical 
experience,  by  ground  as  well  as  by  flight  testing,  which  is  available  in  France. 

Studies  on  Combined  Propulsion  Systems  for  Space  Transportation  Vehicles 

Propulsion  systems  for  hypersonic  vehicles,  preferably  space  launchers,  have  been 
treated  in  several  contributions.  Emphasis  was  placed  on  the  qualification  of  the  indi¬ 
vidual  basic  engine  types  and  their  integration  into  a  propulsion  system  for  single- 
stage  and  two-stage  space  transportation  vehicles.  As  these  investigations  were  partly 
carried  out  from,  a  general  point  of  view  and  not  always  based  on  specific  ascent  trajec¬ 
tories,  the  results  and  conclusions  from  these  papers  differ  to  some  extent.  Neverthe¬ 
less,  there  seems  to  be  agreement,  that  for  SSTO-vehicles  propulsion  systems  based  on 
combinations  of  ramjets/scramjets  and  rockets  as  boosters  for  the  lower  and  higher  speed 
level  of  the  ascent  trajectory  are  best  suited.  This,  mainly  because  of  their  high 
thrust-to-mass  ratio,  and  although  in  the  lower  speed  range  relatively  low  specific  im¬ 
pulses  have  to  be  encountered  (papers  5,  10,  12).  On  the  other  hand,  for  the  propulsion 
systems  of  the  first  stage  of  TSTO-vehicles ,  priority  is  placed  with  high  specific  im¬ 
pulse;  hence  combinations  of  turbo  engines  for  the  lower  speed  range  with  ramjets  for 
the  higher  Mach  numbers  are  favoured  (papers  5,  8,  10).  The  higher  flexibility  of  turbo 
engines  is  viewed  as  an  advantage  despite  their  lower  thrust-to-mass  ratio.  Whether 
precooling  the  air  mass  flow  before  it  enters  the  turbo  engine  is  a  suitable  means  for 
shifting  the  transition  to  the  ramjet  mode  to  higher  flight  Mach  numbers  depends  on  the 
demonstration  of  extremely  light-weight  heat  exchangers.  For  this  purpose  H.  Ktinkler 
proposes  in  paper  8  to  use  heat  exchangers  with  rather  low  effectiveness.  The  subject 
of  extending  the  operational  range  of  turbo  engines  towards  Mach  5  is  treated  in  Paper  9 
by  J.M.  Strieker  et  al..  The  necessary  prerequisites  are  improvements  in  nozzle  gross 
thrust  coefficient,  component  efficiencies  and  matching,  as  well  as  Increased  turbine 
inlet  temperatures.  The  analysis  shows  that,  based  on  components  optimized  for  the  en¬ 
larged  operational  range  and  on  the  application  of  advanced  materials,  an  afterburning 
turbojet  without  precooling  promises  good  performance,  if  compared  to  a  turboramjet  or  a 
turboexpander-ramjet.  Although  none  of  the  papers  dug  into  the  depth  of  the  speficic 
problem,  a  chance  is  given  to  the  turbofan  engine  only,  if  the  trajectory  includes  lon¬ 
ger  cruise  phases  at  low  speed.  Design  criteria  for  turbo  engines  and  ramjets  were  dis¬ 
cussed  in  paper  5.  As  to  the  results,  it  has  to  be  remarked  that,  if  the  design  stra¬ 
tegy  were  based  on  the  requirements  of  the  specific  mission  objective  (e.g.  paper  4), 
different  recommendations  for  the  design  of  ramjets  may  be  deduced. 

A  description  of  the  progress  achieved  in  the  field  of  scramjets  in  recent  years  as 
well  as  a  trade-off  study  for  the  development  and  application  of  scramjets  are  given  in 
papers  6  and  12.  The  latter  shows  the  high  Mach  number  limits  of  scram jet  application 
if  in  performance  calculations  the  efficiencies  of  inlet,  combustor  and  nozzle  are  vari¬ 
ed  with  realistic  component  efficiencies.  The  useful  range  of  application  of  screunjets 
is  predicted  to  end  between  Mach  12  and  14,  if  compared  to  liquid  rockets.  As  is  well 
known,  the  decisive  parcuneters  are  inlet  and  nozzle  efficiency.  However,  the  total 
pressure  loss  of  the  supersonic  combustion  process,  which  is  not  specifically  mentioned, 
may  worsen  the  quantitative  results  still  more. 

In  view  of  a  possible  development  of  hypersonic  propulsion  systems  several  general 
conclusions  and  requirements  can  be  formulated  from  what  has  been  discussed  in  the  above 
mentioned  papers.  The  selection  of  a  propulsion  system  for  a  hypersonic  vehicle  depends 
strongly  on  the  mission  objective,  as  well  as  on  the  development  risk,  one  is  prepared 
to  take.  The  latter  concerns  mainly  the  technology  base  for  combined  cycle  hypersonic 
engines  which  is  not  yet  firmly  established.  Therefore,  particularly  the  estimate 
achievable  thrust-to-mass  ratios  contain  major  uncertainties,  at  present. 

Here,  Improvements  can  be  expected  from  progress  in  the  development  of  new  light-weight 
high-temperature  materials.  Both,  the  complexity  of  the  space  flight  missions  and  of 
the  propulsion  systems  determine  a  number  of  problem  areas  in  which  progress  is  urgently 
needed.  First,  the  proper  integration  of  the  propulsion  system  and  the  vehicle  has  to 
be  mastered,  this  the  more,  as  the  complete  undersurface  of  the  vehicle  is  used  for  pro¬ 
pulsion  purposes  and  different  power  settings  Influence  the  force  and  momentum  book¬ 
keeping  and  thus  vehicle  control.  Moreover,  for  SSTO-vehicles  solutions  for  the  inte¬ 
gration  of  the  rocket  engines  without  additional  external  drag  are  needed.  The  smooth 
transition  from  one  engine  mode  to  the  next  places  very  difficult  requirements  with  the 
control  system,  since  not  only  much  more  control  variables  have  to  be  handled,  but  also 
control  of  the  engine  transients  as  well  as  the  thermal  management  (e.g.  active  cooling) 
of  the  vehicle  has  to  be  included. 

The  proof  of  concept  of  hypersonic  propulsion  systems  including  mode  transition  re¬ 
quires  ground  test  facilities  as  well  as  flight-testing.  Larger  facilities  which  can 
handle  continuous  testing  at  high  Mach  numbers  of  engine  modules  of  larger  size  than 


hitherto  would  be  urgently  needed,  in  order  to  establish  a  data  base  for  upscaling. 
However,  they  are  very  expensive  to  build  and  operate.  For  Mach  numbers  beyond  about  8, 
pulse  type  facilities  are  hoped  to  be  an  alternative.  They  promise,  at  least  partly, 
less  vitiation  of  the  test  air,  however  they  allow  only  short  test  times  of  0.5  -  1msec. 
Therefore,  doubts  are  raising  as  to  whether  these  facilities  are  actually  suitable  for 
scrcimjet  engine  testing.  This  seems  to  Indicate  that  In  the  future  more  emphasis  might 
be  placed  with  flight  testing  of  hypersonic  engines. 

A  positive  development  must  be  registered  In  the  field  of  CFD  application  In  hyperso¬ 
nic  engine  development  and  testing.  Progress  made  In  this  field  In  recent  years  allows 
to  use  theoretical  calculations  as  a  reliable  tool  not  only  for  engine  component  design 
but  also  for  the  support  of  propulsion  module  testing  In  wind  tunnels.  However,  further 
progress  Is  needed  In  the  field  of  turbulence  modeling  particularly  for  supersonic  flows 
with  mixing  and  chemical  reaction.  Nevertheless,  CFD  will  be  Increasingly  used  In  hy¬ 
personic  engine  design  and  Investigations,  not  the  least,  because  of  the  limited  availa¬ 
bility  of  suitable  test  facilities. 

Specific  Problems  of  Hypersonic  Propulsion  Systems  and  Modules 

Air  liquefaction  techniques  for  the  use  In  hypersonic  propulsion  systems  as  developed 
In  the  US  during  the  last  decades  are  described  In  a  very  comprehensive  report  by  W. 
Escher  (paper  14).  Starting  from  the  basic  LACE-proposal  of  the  fifties.  It  Is  elabo¬ 
rated  how  by  several  Innovative  steps  some  of  the  basic  cycle  limitations  have  been 
removed  In  the  following  years,  e.g.  by  the  air  collection  and  enrichment  system  ACES. 
Component  technology  Is  discussed,  as  well  as  Improvements  of  the  cycle  by  new  possibi¬ 
lities,  e.g.  use  of  para/ortho-H_-shlft  conversion  catalysts.  A  brief  overview  of  com¬ 
bined  propulsion  systems  employing  llquld-alr  collection  terminates  this  elucidating 
report.  However,  It  still  remains  to  show  whether  such  Improved  concepts  will  be  ac¬ 
tually  competitive  In  terms  of  thrust-to-mass  ratio. 

Problems  of  oblique  detonation  wave  engines  (ODWE)  are  the  subjects  of  papers  25,  33 
and  26.  The  first  paper  by  T.M.  Ateunanchuck  et  al.  analyzes  theoretically  the  perfor¬ 
mance  of  this  engine  type  at  Mach  numbers  above  10.  It  shows  that  due  to  the  special 
thrust/drag  relationship  of  the  relevant  vehicles  the  design  Mach  number  must  be  chosen 
at  the  lower  end  of  the  operating  range  of  the  ODWE.  Off-deslgn  performance  seems  to 
depend  on  vehicle  geometry.  Paper  26  by  G.  Menees  et  al.  reports  on  recent  analytical 
and  experimental  work  In  the  field  of  ODWE  at  NASA-Ames.  Firstly,  performance  calcula¬ 
tions  show  that  the  ODWE  Is  only  slightly  superior  to  the  normal  scramjets  above  Mach 
14.  Secondly,  the  main  problem  of  the  ODWE,  fuel-air  mixture  formation.  Is  addressed 
experimentally  showing  the  difficulties  to  be  expected  In  practice.  It  Is  obvious  that 
the  use  of  Injectors  fuelling  the  whole  flow  field  of  the  ODWE  cannot  be  circumvented. 
Thus,  the  ensuing  disturbances  of  the  flow  field  together  with  premature  burning  Induced 
by  the  hot  air  boundary  layers  of  the  injectors  might  easily  spoil  the  shock  pattern 
required  for  good  performance.  Together  with  the  reduced  performance  flexibility  this 
might  lead  to  increased  inferiority  of  the  ODWE  compared  to  "conventional"  scramjet 
engines.  Lastly,  computational  problems  of  the  modelling  of  a  shock  wave  plus  chemical 
reaction  as  to  be  found  in  an  ODWE  engine,  are  addressed  in  paper  33  by  M.  Onofri.  A 
technique  of  decoupling  the  system  of  differential  equation  by  using  separate  gas  dyna¬ 
mic  and  chemical  operators  Is  proposed  and  applied. 

Missile  propulsion  up  to  Mach  numbers  in  the  lower  hypersonic  range  is  discussed  in 
paper  30,  where  the  specific  problems  of  the  optimization  of  solid  fuel  reunjets  (or 
ducted  rockets)  for  this  speed  range  are  treated.  Observing  the  constraints  set  by 
military  application,  H.L.  Weinreich  shows  that  by  clever  design  of  optimized  inlet, 
propellant  and  gas  generator,  and  the  nozzle  it  should  be  possible  to  adapt  this  c>pe  of 
propulsion  systems  to  low-level  missions  with  flight  speeds  up  to  about  Mach  5.  A 
similar  extension  of  the  Mach  number  range  of  solid-fuel  rcimjets  is  Investigated  i:or 
high-altitude  missions  in  paper  29  by  P.J.M.  Eland  et  al..  They  conclude  that  by  ex¬ 
perimental  and  theoretical  optimization  of  the  solid-fuel  gas  generator /combustor  the 
performance  of  the  propulsion  system  can  be  improved  such  that  sustained  flight  with 
Mach  numbers  of  about  4  should  be  possible  at  altitudes  of  13  km. 


HYPERSONIC  ENGINE  COMPONENT  TECHNOLOGY 

Inlet  diffusors  are  critical  components  of  hypersonic  airbreathing  propulsion  sys- 
temT^  largely  determining  their  performance.  Their  design  will  profit  strongly  by  the 
application  of  advanced  CFD-methods  if  the  codes  describe  the  flow  phenomena  within  the 
inlet  adequately.  This  presumes  adequate  and  sufficient  knowledge  about  the  physical 
processes  in  hypersonic  inlets.  As,  in  this  respect,  deficiencies  are  existing  present¬ 
ly,  validation  against  experimental  test  cases  is  mandatory.  W.  Schmidt  reported  on  re¬ 
levant  activities  of  Working  Group  13  of  AGARD's  Fluid  Mechanics  Panel,  which  are  direc¬ 
ted  towards  the  collection  of  suitable  experimental  test  cases.  However,  only  one  test 
case  for  a  hypersonic  inlet  (Mach  number  7)  has  been  offered,  up  to  now.  Furthermore, 
inlet  test  data  including  real  gas  effects  are  practically  non-existent,  and  even  with 
the  available  lower  Mach  number  test  cases  code  validation  is  difficult  because*  of  the 
scarcity  of  data.  Therefore,  an  important  research  task  for  the  future  is  to  set  up 
generic  test  cases  for  hypersonic  inlets,  producing  all  data,  that  are  needed  for  code 
validation.  This  requires  close  cooperation  between  CFD-experts  and  experimentalists. 

One  way  to  improve  the  insight  into  flow  phenomena  in  hypersonic  Inlets  is  presently 
pursued  at  NASA-Lewls  (paper  18  by  L.  Povlnelll) ,  where  computer  simulations  using  ad¬ 
vanced  3D-Navier-Stokes  codes  are  compared  with  experimental  results  of  flow  fields  in 


hypersonic  inlets  for  Mach  numbers  5,  12  and  18.  Although,  partly  good  agreement  had 
been  achieved,  more  and  improved  experimental  information  is  needed,  for  excunple,  on  the 
state  of  the  wall  boundary  layers  including  corner  flows,  as  well  as  on  hypersonic  inlet 
flows  with  real  gas  effects.  This  poses  new  challenges  for  measuring  and  testing  tech¬ 
niques;  on  the  theoretical  side,  new  mathematical  models  for  flow  effects  are  required, 
particularly  for  the  adequate  description  of  turbulence  and  of  glancing  shock/boundary 
layer  interaction.  Similarly,  paper  17  by  J.  Stollery  demonstrated  by  means  of  experi¬ 
mental  results  some  of  the  deficiencies  in  understanding  important  inlet  flow  phenomena, 
like  shock/boundary  layer,  shock/shock  and  viscous  interaction,  which  can  lead  to  flow 
separation,  extremely  high  heat  transfer,  and  unsteadiness.  Clearly,  more  information 
is  needed  on  how  the  whole  inlet  flow  field  including  interaction  phenomena  is  influenc¬ 
ed  by  boundary  layer  transition  and  real  gas  effects  before  proper  mathematical  modeling 
is  achieved. 

Unconventional  inlet  designs  are  mentioned  in  two  of  the  papers,  namely  sidewall  con¬ 
traction  (paper  18)  and  an  all-internal  compression  inlet  (paper  16) ,  using  symmetrical 
variable  geometry,  similar  to  a  proposal  of  Busemann  many  years  ago.  This  latter  paper 
addresses  also  design  problems  of  hypersonic  inlets  using  semi-empirical  engineering  as 
well  as  numerical  methods.  An  important  conclusion  is  that  numerical  methods  are  not 
yet  advanced  far  enough  as  to  be  used  for  inlet  performance  estimations.  Thus,  wind 
tunnel  testing  of  inlets  is  still  necessary  for  that  purpose. 

Subsonic  and  supersonic  combustor  technology  problems  were  treated  by  two  papers 
each.  Paper  21  by  H.  Koopman  et  al.  Investigated  transverse  injection  of  gaseous  hy¬ 
drogen  into  a  subsonic  ramjet  combustor  model  by  means  of  experimental  and  numerical 
studies.  CFD-calculations  showed  reasonable  agreement  for  jet  penetration  except  for 
burning  jets,  where  improvement  of  turbulence  and  flame  models  are  needed.  Concerning 
flame  stabilization  by  such  jets  in  subsonic  cross-flow,  a  new  correlation  based  on  the 
main  variables  determining  the  ratio  of  characteristic  times  is  derived  from  experi¬ 
ments,  which  can  be  used  for  the  selection  of  flcune  stabilizing  jet  parameters.  This 
interesting  work  needs  extension  into  the  range  of  parameters  pertaining  to  actual  ram¬ 
jet  combustor  conditions,  particularly  higher  flow  temperatures.  In  paper  22,  S,  dels 
et  al.  reported  on  a  technique  for  the  investigation  of  combustion  instabilities,  the 
"Active  Instability  Control"  (AIC) .  Applied  to  an  enclosed  jet  burner  it  is  shown  how 
sound  radiation  can  be  used  to  control  oszillating  combustion,  thus  permitting  conclu¬ 
sions  on  the  mechanisms  driving  the  combustion  instability.  This  new  experimental  tech¬ 
nique  could  be  a  powerful  tool  for  the  investigation  of  such  processes  during  the  deve¬ 
lopment  of  highly  loaded  ramjet  combustors  provided  that  the  necessary  sound  energy  in¬ 
put  can  be  realized  with  AIC;  therefore,  the  method  should  be  extended  towards  more 
complex  engine  combustor  flow  fields,  exhibiting  also  tangential  and  radial  instability 
modes . 

One  of  the  processes  governing  the  design  of  scramjet  combustors  is  fuel-air  mixing 
in  supersonic  flow.  Paper  24  by  G.V.R.  Rao  describes  a  numerical  attempt  to  improve 
hydrogen-air  mixing  by  generation  of  axial  vorticity  using  conical  ramp  injectors.  The 
computations  using  an  Euler  code  show  the  existence  of  axial  vorticity  if  a  "skewed" 
hydrogen  nozzle  is  incorporated  in  the  conical  ramp,  however,  no  experimental  results 
are  available,  as  yet.  Although,  there  is  presently  much  interest  in  ramp  injectors  for 
improved  mixing,  there  are  several  reservations  as  to  the  specific  method  and  the  re¬ 
sults  presented  here.  They  concern  the  numerical  code  used,  the  influence  of  glancing 
shock /boundary  layer  interaction  on  the  resulting  flow  field,  as  well  as  the  effective¬ 
ness  of  a  conical  ramp  injector  as  compared  to  the  usual  swept  or  unswept  ramps  with 
rectangular  cross-sections. 

The  design  of  scramjet  combustors  is  described  in  detail  by  F.  Billig  et  al.  in  paper 
23,  using  his  well-known  method  of  flow  analysis.  The  design  procedure  consists  of  a 
2-step  iterative  computation,  where  in  the  first  step  the  ID-conservation  equations  for 
supersonic  flow  with  heat  addition  are  solved  using  estimations  for  three  of  the  unknown 
flow  quantities  at  the  combustor  outlet.  In  the  second  step  the  estimated  flow  quanti¬ 
ties  are  improved  using  a  finite  difference  method,  and  the  iteration  is  repeated  until 
convergence  is  obtained.  The  procedure  employs  empirical  or  semi -empirical  models  for 
important  phenomena,  si;ch  as  the  pressure  rise  in  the  shock  train  at  combustor  inlet, 
wall  shear  and  heat  transfer,  transverse  fuel  injection  by  wall  jets,  as  well  as  mixing 
and  combustion.  These  models  are  outlined  in  detail  (with  the  exception  of  mixing  and 
combustion),  placing  emphasis  with  the  pressure  field  in  the  combustor,  particularly 
with  the  shock  train  in  the  isolator/combustor  inlet  region.  The  paper  shows  the  wealth 
of  experimental  and  theoretical  experience  and  results  resting  with  the  author  and  his 
co-workers.  However,  due  to  the  high  complexity  of  supersonic  flows  with  heat  addition, 
shocks  and  viscous  effects,  a  thorough  understanding  of  the  solutions  of  the  design  pro¬ 
cess  can  be  obtained  only  by  penetrating  deeply  into  the  related  physical  problems.  In 
addition  to  the  calculated  curves  a  more  detailed  explanation  of  the  physical  meaning  of 
individual  results  would  be  very  helpful. 

Two  papers  on  rotating  components  (papers  19  and  20)  are  devoted  to  multistage  hydro¬ 
gen  turbines,  as  they  are  proposed  for  turboexpander  engines,  mainly  for  SSTO  propulsion 
systems.  The  well-known  equations  for  the  design  of  turbines  are  applied  for  hydrogen 
as  the  turbine  fluid  in  order  to  derive  the  aerodynamic  design  parameters  leading  to 
optimum  conditions.  A  comparison  between  corotating  and  counterrotating  wheels,  includ¬ 
ed  in  paper  20,  showed  advantages  in  turbine  efficiency  in  favour  of  the  counterrotating 
case.  In  general,  the  design  exercises  did  not  reveal  unusual  problems,  except  for  the 
higher  number  of  stages  compared  to  air  or  combustion  gases.  Problems  of  hydrogen  in¬ 
teraction  with  the  turbine  materials  as  well  as  solutions  for  adequate  mechanical  design 


are  discussed  in  paper  19;  however,  durability  of  turbine  hardware  and  sufficient  opera¬ 
tional  life  has  yet  to  be  demonstrated. 

Heat  exchangers  will  be  found  in  future  hypersonic  propulsion  systems  performing 
several  iii^>ortant  duties;  however,  this  system  component  was  only  marginally  represented 
a€  the  Meeting.  Paper  11  by  Ribaud  et  al.  discusses  the  design  of  heat  exchangers  as 
components  of  inverse  cycle  engines,  based  on  current  technology  and  using  the  well- 
established  equations  for  the  heat  exchange  process.  The  results  of  this  exercise  give 
rise  to  doubts  with  respect  to  a  hardware  application,  particularly,  as  far  as  the  high 
ratio  of  heat  exchanger  weight  to  total  engine  mass,  estimated  in  the  paper  to  be  about 
10,  is  concerned.  Moreover,  if  the  losses  in  the  heat  exchanger  inlet  and  outlet  area, 
which  are  neglected  in  the  paper,  are  taken  into  account,  one  recognizes  easily  that  a 
tremendous  ^unount  of  research  and  development  work  has  to  be  done  before  light-weight 
high-performance  heat  exchangers  are  available  as  main  components  for  hypersonic 
engines. 

Nozzles  of  hypersonic  propulsion  systems  arc  critical  components,  too,  for  which  a 
very  careful  design  is  needed.  Although  there  is  accelerated  flow  in  a  nozzle,  flow 
phenomena  associated  with  shocks  and  boundary  layer  separation  can  be  encountered,  which 
can  lead  to  a  deterioration  of  thrust,  and  this  the  more,  since  nozzle  geometry  will 
mostly  be  2D  and  asymmetric,  and  geometric  constraints  from  the  Integration  of  the 
nozzle  into  the  vehicle  have  to  be  observed.  Therefore,  one  of  the  most  important  areas 
of  work  on  future  hypersonic  propulsion  technology  should  be  to  generate  a  sound  basis 
for  nozzle  design  and  to  understand  and  to  avoid  detrimental  flow  effects. 

Three  relevant  problem  areas  have  been  treated  in  papers  32,  34,  and  35.  Paper  35  by 
M.  Gfiing  and  J.  Heyse  dealt  with  the  very  first  step  in  nozzle  design,  namely  the  gene¬ 
ration  of  an  idealized  optimum  nozzle  geometry.  By  means  of  the  methods  of  characteris¬ 
tics,  and  employing  simplifying  assumptions,  e.g.  inviscid  flow,  a  family  of  length-op¬ 
timized  2D-nozzles  is  derived,  which  is  bounded  by  the  symmetric  nozzle,  the  single  ex¬ 
pansion  ramp  nozzle  and  the  Prandtl-Meyer-type  nozzle.  By  combining  different  elements 
of  these  three  basic  types,  adaptation  to  different  requirements  is  feasible.  However, 
the  Integration  of  those  optimized  nozzle  geometries  into  a  hypersonic  vehicle  is  very 
difficult,  mainly  because  of  their  length.  Hence,  the  described  design  procedure  repre¬ 
sents  only  the  very  first  step,  from  which  nozzle  geometries  with  shorter  lengths, 
allowing  for  variable  geometry  and  meeting  the  integration  constraints  must  be  derived. 

Analysis  of  nozzle  flow  properties  and  problems  requires  versatile  and  complicated 
CFD-codes,  which  are  now  available  or  in  the  process  of  development.  An  example  of 
their  capabilities  is  given  in  paper  34  by  G.J.  Harloff  et  al.,  using  a  3D-Navier-Stokes 
code,  PARC3D.  After  validation  of  the  code  by  means  of  two  known  specific  test  cases, 
the  code  is  applied  to  analyze  several  nozzle  flows  in  the  Mach  number  range  between  3 
and  20,  Including  2D  and  3D,  laminar  and  turbulent  flow  cases,  in  order  to  gain  confi¬ 
dence  in  the  calculated  results.  Although  these  calculations  have  been  carried  out  with 
some  simplifying  assumptions,  like  perfect  gas  and  frozen  flow,  the  results  are  encou¬ 
raging,  particularly  for  the  case  of  the  single  expansion  rcunp  nozzle.  Realistic  flow 
phenomena  have  been  predicted,  like  flow  separation  characteristics,  divergence  of  flow 
vectors  in  the  nozzle  outlet  plane  or  change  in  flow  direction  of  shear  layers  by  shocks 
leaving  the  nozzle.  Where  pressure  measurements  were  available  a  fairly  good  agreement 
with  computed  results  is  registered.  It  appears,  that  for  future  realistic  calculations 
on  nozzle  performance,  e.g.  nozzle  coefficients  and  thrust  vectors,  the  use  of  such 
codes  is  absolutely  mandatory.  However,  what  still  remains  to  be  done  is  to  Include  in 
these  codes  real  gas  effects  and  also  finite  rate  chemistry,  where  necessary.  Likewise, 
non-uniformity  effects  of  the  flow  at  the  nozzle  inlets  will  have  to  be  taken  into  ac¬ 
count,  although  the  latter  problems  might  yet  be  beyond  our  present  computer  capabili¬ 
ties. 

This  latter  aspect  of  non-uniformity  with  respect  to  flow  variables,  gas  composition 
and  recombination  processes  is  very  important  for  hypersonic  nozzle  performance.  An 
example,  which  is  still  rather  simple,  n^unely  the  effect  of  a  non-uniform  static  pres¬ 
sure  distribution  at  the  entrance  to  the  supersonic  portion  of  a  single  ramp  nozzle,  is 
demonstrated  in  paper  32,  by  P.  Goel  et  al..  A  CFD-analysls  using  a  3D-Euler  code  is 
carried  out  assuming  several  pressure  profiles  with  high  or  low  pressure  at  the  upper 
and  the  lower  nozzle  wall  and  keeping  constant  the  other  flow  parameters.  In  cases  with 
high  pressure  at  the  lower  wall,  an  Improved  thrust  2iDd  nozzle  coefficient  was  calculat¬ 
ed,  whereas  in  the  opposite  case  a  deterioration  of  the  nozzle  performance  was  found. 
This  exercise  shows  that,  at  least  in  the  case  of  highly  asymmetric  2D-nozzles,  non-uni¬ 
formity  effects  at  the  entrance  are  eunplified  in  the  complicated  nozzle  flow  field. 
Therefore,  it  is  important,  that  in  future  work  on  hypersonic  nozzles,  both  experimental 
and  theoretical,  much  emphasis  has  to  be  placed  with  studies  on  these  effects. 


MATERIALS  FOR  HYPERSONIC  ENGINES 

New  structural  materials,  which  combine  low  density,  high-load  bearing  capabilities 
with  highest  possible  temperature  performance  represent  one  of  the  most  important  key 
technologies,  which  can  permit  or  prevent  flying  at  hypersonic  speeds  for  extended  time. 
Particularly,  the  low-density  requirements  point  to  new  classes  of  materials  for  use  in 
hypersonic  engines  and  airframes  than  hitherto  employed.  Recognising  their  Importance 
the  meeting  closed  with  two  papers  devoted  to  the  development  of  suitable  materials  and 
their  application  to  structural  parts  within  engines  and  airframe.  Unfortunately,  for 
two  additionally  scheduled  papers  on  related  subjects  permission  for  their  presentation 
could  not  be  obtained.  This  is  to  be  regretted  the  more,  as  engine  design  has  to  rely 
highly  on  suitable  high-duty  materials  and  their  performance  data. 


Paper  36  by  T.  Ronald  presented  a  brief  survey  on  the  structural  materials  which  are 
under  develoixnent  within  the  US  NASP-progr^UD.  It  concentrates  on  Tl-Alumlnides ,  Ti- 
based  metal  matrix  composites,  c/c-composites  and  ceramic-matrix  composites,  as  well  as 
on  copper-matrix  composites  and  beryllium  alloys,  the  latter  two  particularly  because  of 
a  possible  use  in  cooled  engine  parts.  Advantages  and  disadvantages  as  well  as  manufac¬ 
turing  problems  are  discussed,  thus  representing  a  comprehensive  Introduction  into  the 
problem  area.  Paper  38  by  D.  Boury  et  al.  deals  with  the  same  problem  area,  as  viewed 
from  the  French  activities  and  experiences  (SEP/SNECMA) .  In  particular,  properties  and 
problems  of  glass-cercunic  composites,  C/C  composites  (type  SEPCARB,  SEPCARBINOX)  and 
SiC/SlC  composites  (type  CERASEP)  are  discussed,  together  with  considerations  on  their 
applica»tion  to  specific  engine  types  and  components.  The  presentation  is  Illustrated 
with  figures  for  materials  properties;  and  estimations  for  possible  life  time  and  num¬ 
bers  of  thermal  cycles  under  high-load  high-temperature  situations  are  given.  In  both 
papers  the  progress  which  has  been  made  with  respect  to  the  manufacture  of  large  and 
complicated  structural  parts  fr<»n  the  new  materials  was  demonstrated  by  Impressive  exam¬ 
ples. 


CONCLUSIONS  AND  RECOMMENDATIONS 

This  75th.  PEP-meeting  on  hypersonic  combined  cycle  propulsion  attracted  a  large  number 
of  participants,  in  the  order  of  180  authors  and  observers.  On  the  average,  the  techni¬ 
cal  papers  were  of  considerable  interest -and  of  high  technical  standard.  The  presenta¬ 
tions  enclosed  a  rather  wide  range  of  technical  subjects  related  to  hypersonic  propul¬ 
sion,  which,  for  a  first  AGARD-meeting  on  that  theme  after  a  long  time,  is  surely  justi¬ 
fied.  On  the  other  hand,  there  was  only  little  discussion  immediately  after  many  of  the 
presentations.  This  phenomenon  is  known  from  other  Panel  meetings  on  similarly  wide¬ 
spread  areas;  it  could  be  avoided  in  the  future  by  keeping  to  sufficiently  narrow 
meeting  subjects.  Another  comment  to  be  made  is  that  the  withdrawal  of  12%  of  the 
papers  on  important  topics  and  recent  work,  due  to  restrictions  from  outside  the  Panel, 
represented  a  heavy  loss  for  the  meeting. 

Taking  all  facts  into  account,  the  meeting  was  surely  successful,  although  not  all 
hopes  for  technical  exchange  connected  with  the  meeting  have  been  fulfilled.  The  Panel 
is  definitely  encouraged  to  continue  with  further  activities  in  that  field.  There  are 
enough  well-defined  subject  areas  in  hypersonic  propulsion  technology  which  warrant  • 
further  Panel  meetings.  Preferably,  Specialists*  Meetings  should  be  organized  on  sub¬ 
jects  the  scope  of  which  is  chosen  narrow  enough  to  provide  both  detailed  presentations 
as  well  as  lively  discussion  and  exchange  of  information  and  experience.  Based  on  the 
technical  evaluation  in  the  preceding  paragraphs,  tentative  subjects  for  Specialists’ 
Meetings  could  be 

-  hypersonic  Inlets  and  nozzles,  possibly  as  a  joint  effort  with  FDP, 

-  combustion  problems  in  hydrogen- fuel led  ram-/scramjets 

-  heat  transfer  and  cooling  problems  in  hyp>ersonlc  propulsion  systems; 

after  sometime  from  now  another  Specialists'  Meeting  could  be  interesting  on: 

-  systems  aspects  of  hypersonic  engines,  including  for  example  variable  geometry 
aspects,  integration  and  testing  techniques. 

In  addition  to  the  subjects  mentioned  above  there  are  other  problems  of  hypersonic 
propulsion  technology  which  need  presentation  and  discussion  at  technical  meetings,  too, 
but  where  the  number  of  expected  contributions  might  not  warrant  a  dedicated  meeting. 

It  should  be  considered  whether  it  is  appropriate  to  include  them  into  those  running 
Panel  activities  which  deal  with  related  physical  aspects  of  propulsion  technology. 

This  could  concern  subjects  like,  for  example,  instrumentation,  measuring  and  testing 
techniques  (a  topic  which  -  in  view  of  future  research  still  in  preparation  -  would  also 
be  suited  for  a  lecture  series),  boundary  layer  problems  in  hypersonic  ram/ scram jets, 
CFD-methods  for  hypersonic  propulsion  components,  multi -variable  control  of  confined 
cycle  engines,  high-temperature  lubrication,  fuel  systems,  or  secondary  energy  ’genera¬ 
tion  on  board  of  hypersonic  vehicles,  etc.. 

In  view  of  the  high  degree  of  integration  of  hypersonic  vehicles  it  might  be  recom- 
mendable  to  undertake  some  of  the  efforts  jointly  with  other  Panels, 
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SUMMARY 

The  current  renewal  of  interest  in  hypersonic  flight,  and  in  low-cost  access  to 
space  has  emphasized  the  accelerative  aspects  of  aircraft  performance  in  contrast  to 
the  traditional  emphasis  on  cruising  flight.  The  consequent  trade-off  between 
specific  fuel  consumption  and  engine  thrust-to-weight  ratio  has-  generated  renewed 
interest  in  a  wide  variety  of  existing  and  new  engine  cycles.  Furthermore,  the 
requirement  to  fly  efficiently  over  a  wide  Mach  number  range  demands  that  multi-mode 
propulsion  systems  be  Integrated  into  the  vehicle. 

In  this  paper  the  emergence  of  combined  cycle  engines  from  their  rocket  and 
airbreathing  progenitors  is  reviewed  and  the  task  of  bringing  such  engine  cycles  to 
practical  reality  is  examined.  Particular  emphasi*^  is  laid  on  the  requirements  for 
airframe-engine  integration,  and  on  the  ground  testing  of  such  engine  systems. 


INTRODUCTION 

The  early  decades  of  aviation  were  characterized  by  the  pursuit  of  speed,  of 
range,  and  of  extended  range  at  high  flight  speeds.  Further  advances  in  speed  will 
require  the  development  of  combined-cycle  engine  technologies.  Some  exploratory 
flight  experience  has  been  gained  in  the  past  with  both  airbreathing  and  rocket 
elements.  A  major  push  for  higher  speed  was  characterized  by  the  X-series  of  aircraft 
which  explored  the  supersonic  regime  in  the  1950 's  and  1960 's.  The  x-series 
culminated  in  the  rocket  powered  X-15-A2  which  propelled  man  to  his  highest  speed  in 
an  airplane,  namely  Mach  6.7.  In  a  similar  time  period  several  other  interesting 
projects  were  pursued,  for  example,  the  rocket-airbreathing  powered  fighters  such  as 
the  Republic  XF-91  (1949)  and  Saunders  Roe  SR53  (1957).  The  turbo-ramjet  engine  also 
appeared  as  the  powerplant  of  the  outstanding  Nord  Aviation  Griffon  02  aircraft  in 
France  and  as  the  power  plant  of  choice  for  the  ill-fated  Republic  XF-103  fighter. 
The  work  of  Rene  Leduc  in  pioneering  ramjet  and  turboramjet  propulsion  must  also  be 
noted:  The  flight  programs  involving  the  ramjet  powered  Leduc  0.10,  Leduc  0.21  (with 
Turbomeca  turbojet)  and  Leduc  0.22  (with  Atar  turbojet)  were  significant  steps  in 
aviation  progress.  In  this  time  frame  it  is  also  important  to  note  the  contribution 
to  U.S.  ramjet  engine  technology  of  the  unmanned  Lockheed  X-7  ramjet-powered 
test-vehicle  program  which  has  not  received  wide  publicity. 

At  the  time  of  writing,  maximum  speeds  of  commercial  aircraft  and  military 
aircraft  appear  to  have  reached  a  plateau  with  Concorde  in  the  Mach  2  region  and  the 
SR71  in  the  Mach  3  region,  but  currently  there  is  a  renewal  of  interest  in  the 
utilization  of  airbreathing  combined  cycle  engines  for  vehicles  cruising,  at  high 
flight  speeds  and  for  vehicles  dedicated  to  acceleration  to  hypersonic  speeds'‘'. 

In  regard  to  cruising  flight  the  potential  of  high  speed  commercial  vehicles  has 
been  evaluated  in  the  USA  under  NASA's  High  Speed  Civil  Transport  (HSCT)  program. 
Also,  in  recent  years,  there  has  been  a  proliferation  of  studies  of  aircraft-like 
vehicles  as  first-stage  space  launchers  or  indeed  as  slngle-stage-to-orbit  (SSTO) 
vehicles.  Such  studies,  at  various  levels  of  investment,  include  efforts  by  the  USA, 
the  United  Kingdom,  Germany,  France,  Japan,  and  the  USSR.  Although  these  various 
studies  can  arbitrarily  be  divided  into  cruising  vehicles  and  accelerator  vehicles 
this  is  not  a  hard  and  fast  distinction.  Thus  the  acceleration  phase  of  a 
predominately  cruising  hypersonic  vehicle  is  a  significant  segment  of  the  total 
flight-path,  and  similarly  a  dedicated  accelerator  vehicle  may  require  substantial 
cruise  capability,  for  example,  to  obtain  access  to  desired  orbit  planes,  or  for 
subsonic-ferry  capability. 

A  general  discussion  of  the  probable  evolution  of  high  speed  commercial 
transports  is  difficult,  because  the  foundational  technologies  such  as;  aerodynamic 
configuration,  power  plant,  structure,  and  fuel  type,  change  markedly  with  increasing 
flight  speed.  In  the  last  major  U.S.  effort  to  build  an  SST  the  need  to  accommodate 
both  low  speed  and  high  speed  flight  requirements  led  to  the  evolution  of  a 
significant  new  engine  technology,  namely  that  of  variable-cycle  engines.  With  even 
higher  maximum  flight  speeds  it  is  to  be  expected  that  advanced  variable-cycle 
engines,  combined  cycle  or  mixed  engine  types,  and  also  novel  engine  cycles  will 
emerge  to  bridge  the  wide  speed  range.  The  right  choice  of  terminology  and 
classification  of  such  engines  is  not  a  trivial  problem^. 
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The  ultimate  aeronautical  challenge  however,  is  the  achievement  of  orbital 
conditions  with  a  single-stage  vehicle  using  primarily  airbreathing  propulsion.  This 
elegant  but  elusive  approach  to  space  transportation  is  a  classical  aeronautical 
concept.  For  this  vehicle  the  flight  spectrum  from  horizontal  take-off  to  orbital 
speed  is  encompassed  and  a  combined  cycle  system  is  required  for  efficient  operation 
over  this  wide  speed  range.  The  propulsion  installation  will  probably  require 
significant  variable  geometry  features.  However  the  vehicle  aerodynamic  configuration 
will  presumably  not  incorporate  variable  geometry  in  the  interest  of  low  structural 
weight . 

It  is  important  to  note  that  with  increasing  flight  speed,  the  fuel  type 
typically  changes  from  conventional  JP  fuels  at  the  lower  speeds  to  cryogenic  fuels 
such  as  methane  or  liquid  hydrogen  at  hypersonic  speeds,  with  endothermic  fuels 
currently  emerging  for  possible  use  at  intermediate  speeds.  The  introduction  of 
liquid  hydrogen  fuel  with  its  high  cooling  capacity  and  its  high  work  capability,  has 
introduced  major  new  opportunities  for  the  synthesis  of  efficient  aero-propulsion 
systems.  Hydrogen  may  be  used  to  cool  both  internal  (engine)  and  external  flow 
surfaces,  or  to  cool  the  working  fluid  (air)  and  thus  impact  the  engine  thermodynamic 
cycle.  Also,  hydrogen  may  be  used  as  a  working  fluid  in  its  own  right  providing 
opportunities  for  additional  energy  interactions  as  an  intrinsic  part  of  the 
aero-propulsive  system. 

Prom  this  point  forward  the  discussion  will  primarily  apply  to  the  accelerator 
class  of  vehicle.  There  is,  of  course,  much  which  is  also  applicable  to  hypersonic 
cruising  vehicles. 

OVERALL  PROPULSION  CONSIDERATIONS 

The  potential  performance  of  conventional  engine  cycles,  using  hydrogen  fuel,  is 
shown  in  Figure  1.  It  is  apparent  that  as  flight  speed  increases  the  turboaccelerator 
class  of  engine  is  supplanted  first  by  the  subsonic  combustion  ramjet  and  second  by 
the  supersonic  combustion  ramjet:  rocket  propulsion  may  also  be  needed  at  the  higher 
flight  speeds.  Consequently,  for  a  hypersonic  flight  vehicle  operating  at  a  maximum 
speed  above  about  Mach  5.0,  a  multi-mode  propulsion  system  will  be  required.  Bearing 
in  mind  the  limitations  of  materials,  such  an  engine  system  might  operate  as  a 
turboaccelerator  to  speeds  of  the  order  of  Mach  4.0,  then  transition  to  subsonic 
ramjet  operation  up  to  speeds  of  about  Mach  6.0,  and  then  be  operating  totally  as  a 
supersonic  combustion  engine  for  speeds  above  about  Mach  7.0.  Now  Figure  1  affords  a 
simple  comparison  of  various  engine  cycles  based  on  fuel  specific  impulse  (Isp)  and 
therefore  generally  appropriate  to  cruise  flight  performance,  where  the  Breguet 
equation  is  used  to  compare  ranges.  However,  for  acceleration  missions,  the  engine 
weight  becomes  an  even  more  important  variable  and  the  performance  of  the  engine  may 
be  evaluated  initially  on  the  basis  of  both  its  specific  impulse  and  its  corresponding 
thrust-to-weight  ratio. 

It  is  clear  that  for  maximum  flight  speeds  of  about  Mach  6  the  use  of  a 
conventional  ramjet  cycle  is  imperative  and  for  higher  maximum  flight  speeds  the 
scram jet  is  the  appropriate  high  speed  engine.  The  lower  speed  engine  cycle  must  be 
integrated  with  the  appropriate  ramjet  element(s)  to  form  a  truly  combined  cycle 
engine.  In  the  following  discussion  the  term  low  speed  engine  applies  typically  to 
turbo-accelerator  or  rocket-based  systems  used  to  accelerate  the  vehicle  up  to  speeds 
of  roughly  Mach  4.0. 

For  purposes  of  discussion,  let  us  consider  a  hypersonic  vehicle  with  maximum 
speed  in  excess  of  say  Mach  7,  and  consequently  using  a  supersonic  combustion  ramjet 
as  its  dominant  propulsion  system.  A  plausible  overall  propulsion  installation  for 
such  a  vehicle  is  one  which  uses  a  low  speed  engine  of  the  turbo-accelerator  class  for 
take-off  (and  landing),  and  for  acceleration  to  speeds  of  about  Mach  4.0,  followed  by 
an  initial  transition  to  ramjet  operation.  A  subsequent  transition  to  scramjet 
operation  takes  place  at  about  Mach  6.0.  The  vehicle  then  accelerates  to  a  terminal 
Mach  number  on  scramjet  power. 

It  is  appropriate  to  point  out  that  because  of  the  complexities  of  mode 
transition,  there  is  a  substantial  payoff  to  eliminating  such  transitions.  For 
example,  the  turbo-accelerator  speed  capability  may  be  "stretched*  to  permit  direct 
transition  to  a  scramjet  mode.  Alternatively,  for  say  a  Mach  7  system,  the  ramjet 
performance  may  be  "stretched*  to  avoid  transition  to  a  true  scramjet  mode. 
Simultaneously  the  scramjet  take-over  Mach  number  may  be  reduced  or  "stretched*  down 
to  eliminate  the  ramjet  mode.  Similarly  in  relation  to  fuels  it  is  desirable  where 
possible  to  stretch  the  performance  of  hydrocarbon  class  fuels  to  higher  Mach  numbers 
to  defer  the  logistical  problems  of  operating  with  cryogenic  fuels.  Consequently  the 
propulsion  engineer  must  place  emphasis  on  "stretched"  capability  wherever 
appropriate,  and  where  mission  requirements  will  not  be  compromised. 

LOW  SPEED  PROPULSION  TRADE-OFFS 

For  maximum  payload  capability  it  is  desirable  for  a  candidate  engine  to  possess 
high  specific  impulse,  a  high  installed  thrust-to-weight  ratio  and  the  capability  to 
function  over  a  broad  Mach  number  range.  For  an  acceleration  mission  a  typical 
trade-off  curve  between  specific  impulse  and  thrust-to-weight  ratio  for  a  given 
payload  is  of  the  form  shown  in  Figure  2. 
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note  that  for  each  class  of  engine  the  thrust  loading  of  the  vehicle  must  be 
chosen  to  optimize  the  appropriate  payload  fraction.  Different  aircraft 
thrust-loadings  are  required  for  each  engine  class  and  consequently  the  corresponding 
initial  vehicle  accelerations  are  different.  Thus  the  rocket  class  of  engine  requires 
a  higher  initial  acceleration  for  optimum  payload  fraction  than  the  turbo-accelerator 
class.  (Of  course  a  pinch  point  in  excess  thrust  may  exist,  requiring  additional 
thrust  loading.)  In  regard  to  Figure  2  it  is  unfortunately  true  that  for  propulsion 
systems  there  is  no  class  of  engine  which  simultaneously  possesses  high  specific 
impulse  and  high  installed  thrust-to-weight  ratio.  Typically,  high  specific  impulse 
engines  such  as  turbojets  are  mechanically  complex,  and  therefore  heavy,  whereas 
lightweight  engines  such  as  liquid  fuel  rockets  generate  relatively  low  specific 
Impulses.  Darrere’’  has  recently  drawn  attention  to  the  relationship  between  engine 
thrust-to-weight  ratio  and  basic  specific  impulse:  a  similar  functional  relationship 
was  also  noted  by  ii^illder  and  Cuadra*  in  evaluating  candidate  transonic  acceleration 
engines . 

In  order  to  improve  the  payload  potential  of  engines  three  simplistic  approaches 
can  be  outlined:  for  the  turboaccelerator  class  of  engine  the  appropriate  approach  is 
to  increase  the  engine  thrust-to-weight  ratio;  for  the  rocket  class  of  engine, 
attention  should  be  focused  on  Improving  the  specific  impulse;  it  would  be  expected 
that  an  engine  type  intermediate  between  the  turboaccelerator  and  the  rocket  engine, 
for  example  the  air  turborocket,  may  offer  a  performance  superior  to  its  progenitors. 
This  expectation,  of  course,  accounts  for  the  current  renewal  of  interest  in  combined 
cycle  engines. 

CANDIDATE  LOW  SPEED  ENGINES 

One  stream  of  development  is,  as  noted  above,  to  improve  the  thrust-to-weight 
ratio  of  turbo-accelerators.  The  specific  thrust  of  the  engine  can  be  Increased  by  a 
modest  but  useful  amount  by  Increasing  the  turbine  inlet  temperature,  and  also  by 
increasing  the  efficiency  of  the  internal  flow  processes.  However,  there  are 
potentially  larger  benefits  available  by  significantly  reducing  engine  weight  by  use 
of  new  materials  allied  with  Innovative  structural  concepts.  In  this  regard  a  major 
initiative  is  underway  in  the  USA  to  double  the  thrust-to-weight  ratio  of  advanced 
turbine  engines  by  the  year  2000.  This  initiative  is  known  by  the  acronym  IHPTET  - 
Integrated  High  Performance  Turbine  Engine  Technology.  Similar  efforts  are  being 
pursued  internationally. 

The  rotating  machinery  of  a  turbo-accelerator  is  a  major  contributor  to  the 
engine  weight;  it  also  dictates  the  basic  air  swallowing  characteristics  of  the 
propulsion  device,  and  Imposes  mechanical  limitations  on  the  Mach  number  capabilities 
of  such  engines.  Also,  with  increasing  Mach  number,  the  size  and  complexity  of  the 
inlet-nacelle-nozzle  in  which  the  core  engine  is  housed,  becomes  increasingly  heavy 
and  results  in  a  significantly  reduced  installed  thrust-to-weight  ratio. 
Additionally,  the  internal  pressure  and  temperature  loads  imposed  on  such  inlet  ducts 
become  a  limiting  factor.  In  this  regard,  there  is  a  driving  need  to  devise  compact 
inlet  and  exhaust  nozzle  configurations.  Another  approach  to  reducing  the  inlet 
weight  is  to  reduce  the  amount  of  flow  diffusion  by  maintaining  supersonic  flow  either 
throughout  the  engine  or  through  a  fan  stage:  ±his  latter  concept  has  been  worked  on 
intermittently  over  the  years.  Recent  studies’  of  the  potential  performance  of  Air 
Turboramjets  (ATRs)  using  a  variable  geometry  Supersonic  Through-Flow  Fan  (STFF)  have 
shown  significant  gains  in  performance  compared  to  a  conventional  over-under 
turboramjet  arrangement.  Furthermore  the  installation  of  the  STFF-ATR  is  much  simpler 
leading  to  a  lighter-weight,  reduced  drag  power  plant.  Much  more  work  needs  to  be 
done  to  develop  high  efficiency,  rugged  supersonic  fans  and  this  work  is  currently  in 
progress. 

It  is  also  well  known  that  the  overall  engine  total  pressure  ratio  of  the 
turbojet  (turbine  exit  to  compressor  face)  decreases  rapidly  with  Mach  number,  for  a 
given  turbine  temperature.  Typically,  the  performance  capability  of  the  basic 
turbojet  is  increased  either  by  use  of  afterburning  or  by  use  of  an  integrated  ramjet 
system.  Such  turboram  jets  may  be  of  tandem  or  of  parallel  design,  or  the  basic 
turbojet  and  ramjet  may  be  installed  as  discrete  units.  Such  a  mechanical  Integration 
of  turbojet  core  and  ramjet  engine  may  result  in  a  relatively  heavy  and  complex 
Installation. 

An  alternative  approach  to  the  turbomachine-based  compression  process  is  the  use 
of  non-mechanical  pumps  and/or  crypto-steady  compressors.  However  such  devices 
frequently  produce  very  low  overall  pressure  ratios  and  are  therefore  very  sensitive 
to  losses  in  the  flow  process.  The  combination  of  a  ramjet  (or  scram  jet)  with  a 
rocket  (liquid  or  solid)  driven  ejector-pump  has  received  major  attention  to  the 
literature.  Examples  of  such  engines  are  the  Ejector  Ramjet  (ERJ),  the  Supercharged 
Ejector  Ramjet  (SERJ)  and  the  Ejector  Scramjet  (ESCRJ).  the  evolution  of  these  engine 
systems  is  described  in  Reference  6.  It  is  also  interesting  to  note  that  an  early 
mixed  mode  engine,  named  the  'Hyperjet*  was  flight  tested  by  the  Marquardt 
Corporation,  under  USAF  sponsorship,  in  1959/1960.  This  engine  was  basically  a  ramjet 
engine  with  a  valved  intake,  and  was  capable  of  operation  as  a  rocket  (inlet  valve 
closed),  yielding  thrust  at  either  static  or  high  altitude  conditions,  or  as  a  ramjet 
(valve  open).  In  many  ways  the  Hyper jet  was  the  precursor  of  the  integral-rocket 
ramjet  which  has  found  application  in  several  missile  systems. 
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We  have  previously  noted  that  whereas  the  acceleration  capability  of 
turbo-accelerator  engines  is  best  improved  by  seeking  increased  thrust-to-weight 
ratio,  the  capability  of  the  rocket  class  of  engine  is  best  improved  by  increasing 
specific  impulse.  It  is  interesting  to  note  that,  historically,  improvements  in 
rocket  efficiency  have  been  sought  by  extracting  work  from  the  thrust  chamber  to  drive 
propellers  or  fans.  As  early  as  1932,  Dr  R.H.  Goddard  was  reported  as  working  on  a 
‘turbine  rocket  plane*  in  which  a  rocket-driven  turbine  was  us^  to  drive  two 
propellers.  A  related  concept  is  the  engine  described  by  Sloop  for  the  REX-1 
Aircraft  System  (1954).  This  engine  used  a  series  of  three  gas-generator  powered 
turbine  units  to  drive  a  propeller  system.  This  concept  evolved  to  the  REX  II  engine 
-  a  form  of  turborocket,  and  subsequently  to  the  REX  III  engine  -  a  form  of  hydrogen 
expander.  The  hydrogen-expander  class  of  engine  was  extensively  studied  in  the  USA  in 
the  mid-1950s  time  frame,  as  discussed  also  by  Sloop.  These  Initial  designs  involved 
complex,  and  therefore  heavy,  heat  exchangers.  The  overall  performance  was  also 
constrained  by  the  inability  to  reach  a  high  hydrogen  temperature  due  to  materials 
limitations.  The  fan-turbine  work  balance  also  imposes  limitations  on  the  cycle 
performance  which  is  achievable  without  added  mechanical  complexity. 

A  more  familiar  engine,  which  also  largely  decouples  the  turbine  mass  flow  from 
that  of  the  compressor,  is  the  so-called  Air-Turbo-Rocket  (more  recently,  and  perhaps 
more  appropriately,  called  the  Air-Turbo-Ramjet).  In  this  case,  the  gas  generator  can 
be  fed  by  mono  or  bi-propellant  combinations  with  a  significant  increase  in  gas 
generator  temperature  compared  to  the  expander  cycle:  the  ATR  cycle  is,  however,  also 
dominated  by  fan-turbine  matching  constraints.  Obviously,  cycle  elements  from  both 
the  basic  expander  engine  and  Air  Turboramjet  can  be  combined  to  )ueld  new  engine 
cycles.  Another  variation  on  the  turborocket  theme  is  the  rocket  fan°  in  which  a  fan 
is  driven  directly  by  small  rocket  nozzles  at  the  blade  tips.  The  hydrogen  that  is 
exhausted  through  these  nozzles  is  then  burned  with  the  fan  discharge  air  in  an 
afterburner. 

An  interesting  approach  to  the  problem  of  improving  the  specific  impulse  of 
rocket  type  engines  during  atmospheric  flight  is  to  replace,  either  completely  or 
partially,  the  conventional  liquid  oxidizer  by  atmospheric  air:  the  immediate  problem 
is  the  compression  of  such  air  from  free  stream  to  combustion  chamber  pressure  levels 
(see  Figure  3).  One  approach  to  this,  which  avoids  heavy  turbomachinery,  is  to  pump 
the  air  in  the  liquid  phase;  obviously  a  direct  approach  to  condensing  the  engine 
airflow  is  to  use  the  on-board  cooling  capacity  of  cryogenic  fuels  and  oxidizers,  or 
cryogenic  diluents,  such  as  liquid  nitrogen.  An  Intermediate  approach  is  strong 
pre-cooling  of  the  inlet  flow  without  actual  liquif ication:  this  effect  permits 
substantial  reduction  in  turbomachinery  mass  but  of  course  introduces  the  mass  of  a 
heat  exchanger. 

Precooling  has  also  received  attention  in  regard  to  conventional  turboaccelerator 
designs,  initially  from  the  point  of  view  of  extending  the  flight  Mach  number 
capability  of  such  engines.  In  cases  where  the  maximum  Mach  number  of  the  engine  is 
limited  by  the  compressor  exit  temperature  then  precooling  of  the  air  can  permit 
significant  Increases  in  flight  speed.  However,  it  was  soon  realized  that  additional 
potential  performance  advantages  exist  and  that  the  pre-cooled  turboaccelerator  can  be 
a  significant  contender  for  high  speed  flight.  The  precooling  concept  has  also  been 
extended  to  Include  both  air-hydrogen  and  air-air  heat  exchangers  in  the  air  cooling 
system^.  In  an  overall  sense  the  introduction  of  precooling  can  potentially  improve 
engine  thrust  performance,  and  reduce  engine  size:  nevertheless,  inlet  flow  matching 
with  minimal  variable  geometry  is  a  challenge.  Also,  because  of  the  increased  flight 
Mach  number  capability  it  may  be  possible  to  defer  transition  to  other  engine  modes  to 
higher  speeds.  Furthermore  the  ground  test  problem  is  simplified  in  that  the  core 
engine,  which  experiences  temperatures  less  severe  than  those  corresponding  to  the 
flight  Mach  number,  can  be  developed  in  available  test  facilities.  The  potential 
performance  advantages  are  however  tempered  by  the  practical  difficulties  of 
fabricating  lightweight,  reliable  heat  exchangers  and  avoiding  the  fouling  problems  of 
flight  operations.  The  thermodynamic  spectrum  of  some  candidate  pre-cooled  engines  is 
Illustrated  in  Figure  4.  The  potential  performance  advantages  of  air  precooling  have 
led  to  a  re-emphasis  on  the  role  of  heat  exchanger  processes  and  components  in  jet 
engine  technology.  Of  course,  heat  exchangers  have  been  previously  considered  for 
conventionally  fueled  engines  but  are  now  receiving  renewed  emphasis  with 
cryogenically  fueled  systems. 

The  above  discussion  does  not  exhaust  the  innovative  uses  of  cryogenic  fuels  in 
new  engine  cycles.  One  such  novel  cycle  is  the  inverted  turbojet  cycle  intended  for 
operation  in  the  range  Mach  zero  to  six;  this  cycle  received  its  first  wide  attention 
in  1961^  .  In  this  engine  the  sequence  of  the  core-engine  components  was  arranged  in 
the  order  turbine  -  heat  exchanger  -  compressor  -  combustor.  Although  this  engine  did 
not  give  acceptable  cycle  performance  at  low  speeds  it  did  lead  directly  to  a  variant 
cycle  which  became  known  as  the  pre-cooled  turbojet  discussed  earlier. 

An  .improved  version  of  the  Inverted  cycle  engine  (ICE)  has  recently  been 
proposed^  in  France  which  incorporates  an  additional  burner  installed  between  the 
inlet  and  the  turbine.  At  low  speeds  the  additional  burner  allows  a  heat  input 
upstream  of  the  Initial  turbine  to  augment  thrust:  the  fuel-rich  mode  of  operation  is 
particularly  beneficial;  as  speed  Increases  the  burner  equivalence  ratio  can  be 
reduced  and  eventually  reduced  to  zero.  A  bypass  duct  can  also  be  incorporated  in 
this  engine.  In  regard  to  Internal  engine  flows  the  potential  (and  necessity)  to 


K-5 


radically  improve  hot-section  and  exhaust  nozzle  cooling  may  permit  significant 
increases  in  maximum  combustion  temperature.  Similarly  the  use  of  hydrogen  as  an 
engine/airframe  coolant  produces  a  source  of  hot  hydrogen  which  can  be  used  to  do  work 
in  the  overall  propulsion  system.  The  fuel  turbopump  subsystem,  for  the  hydrogen 
cooled  systems,  introduce  a  further  set  of  choices  for  the  turbine-drive  cycle  which 
parallel  the  traditional  cycle  choices  for  liquid  fueled  rockets,  for  example'*'  :  gas 
generator  cycle,  combustion  or  coolant  bleed  cycles;  staged  combustion  or  expander 
cycle,  or  other  variants. 

Although  it  is  not  always  possible  to  separate  rigorously  the  airflow  associated 
with  a  hypersonic  vehicle  Into  external  and  internal  airflows,  it  is  still 
conventional  to  treat  such  flows  as  separate  aerothermodynamic  systems.  Such  an 
approach  cannot  continue  since  the  efficient  production  of  the  overall  aero-propulsion 
forces  on  an  actively  cooled  vehicle  is  Inextricably  linked  through  the  cryogenic  fuel 
circuits  and  many  other  coupling  mechanisms,  see  for  example  Figure  5.  The  overall 
energy  bookkeeping  of  the  total  aerothermodynamic  system  which  constitutes  the  vehicle 
can  be  rationally  addressed  by  the  explicit  use  of  Available  En^gy  methods  which  have 
been  successfully  applied  to  many  complex  thermodynamic  systems'*^  in  recent  years. 

HIGH  SPEED  PROPULSION 

For  speeds  in  excess  of  Mach  4  it  is  generally  necessary  to  transition  from  the 
turboaccelerator  to  the  conventional  ramjet  mode.  However,  as  outlined  in  the 
previous  section,  it  may  be  possible  in  the  future  to  extend  the  capability  of  the 
turboaccelerator  class  to  speeds  in  excess  of  Mach  4.0.  In  this  case  direct 
transition  to  a  scramjet  mode  may  become  possible.  The  characteristics  of  the 
conventional  subsonic-combustion  hydrogen-burning  ramjet  are  well  understood  and  have 
been  verified  in  ground  tests  to  speeds  in  excess  of  Mach  6.  As  is  well  known  the 
performance  of  the  subsonic-combustion  ramjet  deteriorates  at  hypersonic  speeds  due  to 
real  gas  effects  and  internal  losses;  and  the  structural  design  of  the  engine  becomes 
very  difficult  due  to  the  high  internal  temperatures  and  pressures. 

Thus  for  really  high  speeds  it  is  necessary  to  utilize  the  supersonic  combustion 
engine  (scramjet).  The  scramjet  engine  potentially  offers  outstanding  specific 
impulse  performance  to  high  hypersonic  Mach  numbers  as  pointed  out  by  several  authors. 
Such  performance  estimates  are,  of  course,  theoretical  and  the  practical  upper  speed 
limits  of  such  engines  have  not  generally  been  established  on  an  engineering  basis. 

The  speed  range  between  the  conventional  ramjet  and  the  scramjet  can  be  bridged 
by  the  dual  mode  ramjet  engine.  The  dual  mode  engine  is  one  in  which,  initially, 
subsonic  combustion  is  employed  at  lower  speeds  (typically  Mach  3-6)  with  transition 
to  the  supersonic  combustion  mode  at  speeds  in  excess  of  about  Mach  6.  This  class  of 
engine  has  undergone  extensive  analysis  and  ground  test  in  the  USA,  in  France,  and  the 
USSR.  It  is  probable  that  the  dual  mode  engine  will  be  the  next  workhorse  engine  for 
future  hypersonic  vehicles. 

As  shown  in  Figure  1  the  supersonic  combustion  ramjet  engine  offers  higher 
performance  than  the  conventional  ramjet  engine  at  speeds  in  excess  of  about  Mach  6. 
It  is  difficult  to  be  precise  about  the  point  of  transition  to  supersonic  combustion 
because  mixed  flow  conditions  can  exist  in  the  combustor  until  substantially  higher 
flight  Mach  numbers  are  attained;  and  in  any  event,  one-dimensional  flow  concepts  and 
criteria  are  difficult  to  apply.  The  phenomenon  of  supersonic  flow  through  the  engine 
Introduces  totally  new  technology  challenges  compared  to  the  conventional  ramjet: 
these  challenges  are  principally  associated  with  the  wave  Interaction  phenomena 
generated  by  the  basic  mixing,  combustion,  and  expansion  processes. 

Up  to  this  point,  heat  addition  to  only  the  Internal  flow  has  been  considered. 
Heat  addition  to  the  external  flow  is  of  considerable  relevance  primarily  to  relieve 
base  drag  in  the  transonic  speed  range.  It  is  also  possible  to  modify  the  basic 
lifting  and  propulsive  forces  associated  with  a  high  speed  vehicle  by  selective 
external  heat  addition.  Thus  the  approach  used  in  internal  flows,  namely  to 
synthesize  a  multi-dimensional  flow  where  the  basic  wave  structures  constructively 
Interact  with  regions  of  heat  addition  may  also  be  applied  to  external  flow  fields. 

INTEGRATION 

For  optimum  flight  performance  the  aerodynamic,  structural,  and  propulsion 
elements  of  the  vehicle  have  to  be  integrated  into  a  cohesive  whole  taking  every 
opportunity  to  synerglstically  enhance  performance.  For  a  single  stage  vehicle  where 
vehicle  integration  is  critical,  some  technological  relief  could  be  obtained  by 
refueling  or  by  air  collection.  In  the  acceleration  case  it  should  be  noted  that  the 
overall  propulsive  parameter  is  the  "effective*  specific  impulse,  which  couples  the 
basic  Impulse  of  the  flight  engine  to  the  overall  vehicle  thrust/drag  characteristics. 
For  an  airbreathing  engine  such  characteristics  are  of  course  dependent  of  the  flight 
trajectory.  There  are  conflicting  flight  path  requirements:  to  maintain  high  engine 
thrust,  a  high  dynamic  pressure  trajectory  is  desirable;  however,  the  converse  is  true 
in  regard  to  heating  and  pressure  loads.  Thus  trajectory  optimization  is  also  an 
integration  issue.  In  regimes  of  minimum  thrust  margin  a  sharp  loss  in  effective 
Impulse  can  occur.  This  can  be  relieved  by  thrust  augmentation  typically  by  simple 
mass  addition.  Thus  the  use  of  water  injection  to  augment  turbojet  and  ramjet  thrust 
is  well  documented.  Similarly,  augmentation  by  simple  fuel  and/or  oxidant  injection 
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can  also  be  an  effective  way  to  increase  thrust  and  enhance  overall  performance.  The 
overall  spectrum  of  such  airbreathing  elements  utilizing  thrust  augmentation  or 
rocket-augmentation  is  well  covered  in  an  early  foundational  paper  by  Lindley  .  Such 
techniques  may  be  an  attractive  alternative  to  over-sizing  an  acceleration  engine 
simply  to  overcome  regimes  of  minimum  thrust  margin. 

As  flight  speed  increases  the  engine  size  also  grows  and  soon  dominates  the 
vehicle  configuration.  The  only  efficient  way  to  accommodate  this  reality  is  by  total 
integration  of  the  vehicle  and  propulsion  systems.  Essentially,  the  entire 
undersurfaces  of  the  forebody  and  aftbody  provide  propulsion  functions,  and  their 
contributions  to  the  thrust,  drag,  and  control  of  the  vehicle  are  of  paramount 
importance.  Considerable  ingenuity  is  required  to  tailor  the  vehicle  configuration 
and  its  associated  flow  fields,  to  the  engine  installation  and  its  mass  flow 
characteristics.  Typically,  matching  of  the  engine  flow  characteristics  and  the 
available  airflow  over  a  wide  speed  range  requires  variable  geometry.  Some 
complexities  may  be  alleviated  by  the  judicious  use  of  precooling  in  cryogenic  engine 
systems. 

In  addition  to  the  basic  engine  installation,  the  thermodynamics  of  both  the 
overall  active  cooling  circuits  and  the  engine  fuel  system  must  be  such  as  to  avoid 
unnecessary  losses  of  available  energy.  The  energy  of  the  basic  hydrogen-air  system 
is  marginal  for  the  single-stage-to-orbit  (SSTO)  mission.  Thus  energy  must  be 
conserved,  and  utilized  in  the  most  effective  manner.  Once  again,  an  Exergy  based 
approach  can  be  used  to  address  total  vehicle  thermodynamics. 

Regarding  minimization  of  the  structural  weight  fraction,  the  design  problems  are 
severe.  The  vehicle  will  be  subject  externally  to  both  high  dynamic  pressures  and 
high  temperature  levels  during  ascent,  while  internally,  low  temperature  cryogenic 
storage  must  be  maintained.  The  engine  structure  is  also  subject  to  even  higher 
internal  pressures  and  temperatures,  possibly  in  box-like  actively  cooled  structures. 
Integration  of  the  basic  engine  and  airframe  structures  is  desirable  to  avoid 
duplicative  weight  elements.  Fortunately  new  high-temperature  materials  are  emerging 
to  alleviate  the  design  problems;  nevertheless  the  achievement  of  a  reusable  high 
temperature  structure  of  minimum  structural  fraction  is  a  major  challenge.  As  in  the 
case  of  the  engine,  ground  test  validation  of  candidate  structural  approaches  and 
assemblies  is  a  demanding  requirement. 

A  similar  challenge  is  the  development  of  a  comprehensive  vehicle  control  system. 
This  is  a  significant  architectural  and  engineering  problem. 

TEST  FACILITIES 

In  previous  years  the  testing  of  high  speed  flight  engines  has  evolved  to  a 
disciplined  sequential  ground  test  process  leading  to  flight  qualification  and  flight 
demonstration.  Pull  simulation  of  supersonic  flight  conditions  has  involved  large 
scale  plant,  handling  substantial  mass  flows  at  high  enthalpy  and  high  pressure 
conditions.  The  process  of  producing  a  large  high  quality  supersonic  stream  tube  at 
the  correct  simulated  flight  Mach  number  is  not  trivial.  Correctly  designed 
axisymmetrlc  nozzles  can  be  used  for  discrete  Mach  number  simulation.  Such 
conventional  facilities  can  currently  simulate  conditions  which  approximately 
correspond  to  typical  Mach  7/8  flight  speeds.  Traditional  criteria  for  both  tunnel 
starting,  with  various  blockages,  and  the  avoidance  of  excessive  transient  loads  can 
be  applied.  One  new  requirement  for  multi-mode  engines  will  be  the  convincing 
demonstration  of  stable  mode  transitions.  Such  transitions  will  generally  occur  at 
Mach  numbers  below  about  eight  and  thus  such  tests  can  be  undertaken  in  suitably 
modified  conventional  facilities. 

For  significantly  higher  speeds,  ultra-high  enthalpies  (and  of  course 
correspondingly  high  pressures)  are  required,  and  although  many  schemes  have  been 
postulated  to  achieve  such  enthalpies,  the  currently  available  test  facilities  are 
limited  to  relatively  short  duration  systems:  the  use  of  such  short-duration 
facilities  to  test  scramjet  engine  components  has  been  well  established  over  the  last 
twenty  five  years  in  the  USA,  the  USSR  and  other  locations. 

Such  facilities,  supported  by  Increasingly  sophisticated  instrumentation  and 
diagnostics  have  been  invaluable  in  estimating  the  potential  aerothermodynamic 
performance  of  inlets,  combustors,  and  nozzles  through  tests  lasting  only  a  few 
milliseconds.  The  application  of  the  supercomputer  to  the  analysis  of  both 
aerothermodynamic  flows  and  structural  design,  can  make  maximum  use  of  such 
short-duration  test  data.  However  the  process  of  validating  the  performance  and 
durability  of  a  full  scale  flight  engine  is  somewhat  removed  from  the  elemental  tests 
performed  in  short-duration  facilities,  although  these  latter  tests  are  essential. 
Currently  an  incremental  flight  test  procedure  appears  to  be  the  only  logical  course 
to  proceed  safely  with  engine  certification. 

In  the  future,  extended  duration  ground  tests  for  high  speed  will  require  novel 
facilities.  Such  facilities  must  avoid  generating  the  simulated  stagnation  (or 
reservoir)  conditions  in  the  facility  both  because  of  engineering  limitations  and 
because  the  test  gas  may  often  be  in  a  dissociated  state.  Consequently  one  must  look 
to  generating  the  required  test  enthalpy  by  progressive  acceleration  of  the  test  gas 
by  MHD  or  other  energy  transfer  processes. 
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In  any  event  a  fundamental  need  exists  for  the  Incremental  flight  testing  of 
hypersonic  engine  systems. 

CONCLUSIONS 

Currently  we  stand  at  a  crucial  point  in  aeronautical  progress.  Aeronautics  has 
advanced  along  the  traditional  flight  corridor  to  achieve  relatively  conventional 
flight  to  speeds  approaching  Mach  4.0.  Such  cruising  flight  may  be  regarded  as  an 
established  stable  boundary  condition  at  the  lower  speed  end  of  the  flight  corridor. 
At  higher  speeds  anothej  established  steady  condition  exists  namely  orbital  "flight." 
Between  these  establishe;!  stable  states  a  wide  range  of  transatmospheric  flight  paths 
exist.  Currently,  passage  through  the  transatmospheric  region  is  of  a  transient 
nature  involving  insertion  to,  and  re-entry  from,  orbital  conditions,  or  transient, 
"zoom"  operations.  However,  in  the  longer  term,  ability  to  operate  in  the 

transatmospheric  region  may  be  of  considerable  interest  as  the  fields  of  aeronautics 
and  space  continue  to  merge:  once  again  combined-cycle  propulsion  will  be  key. 

It  is  clear  that  entry  into  the  hypersonic  flight  regime  means  that  long  term 
commitments  must  be  made  to  embark  on  new  areas  of  technology  in  engines,  fuels, 
aerothermodynamics,  materials  and  structures.  Similarly  the  whole  infrastructure 

supporting  operation  of  hypersonic  cryogenically-fueled  vehicles  must  be  addressed. 
Such  changes  will  tend  to  be  more  revolutionary  than  evolutionary  and  should  be 
recognized  as  a  major  shift  in  traditional  aeronautical  development.  As  previously 
noted  we  stand  at  an  exciting  point  in  aeronautical,  or  rather  aerospace,  history: 
new  vehicle  configurations  and  engine  concepts  are  emerging,  and  these  opportunities 
need  to  be  addressed  in  a  cohesive,  imaginative  fashion.  Fortunately,  the 
supercomputer  is  now  available  to  address  both  engineering  and  management  problems. 

However,  the  overall  strategy  for  evolving  such  efficient  high-speed  vehicles  is  a 

complex  and  major  challenge  -  a  point  first  stressed  by  Kuchemann"*^  .  Although  such 
major  changes  in  aeronautical  development  have  been  latent  for  some  decades,  the 
current  emphasis  in  hypcrsonics  now  requires  dedicated  attention  so  that  the  required 
engineering  disciplines  and  methodologies  can  be  brought  together  in  appropriate 
management  structures. 
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SUMMARY 


The  change  of  the  concept  of  hypersonic  speed  with  time 
is  in  the  first  place  briefly  discussed. 

The  evolution  of  the  hypersonic  propulsion  is 
restricted  to  the  history  of  the  ramjets.  Considering 
the  abundance  of  excellent  literature  on  the  subject 
only  the  most  remarkable  achievements  are  commented. 
Less  divulged  historical  events,  such  as  the  propulsion 
of  helicopters  by  ramjets  are  discussed  with  more 
detail,  and  special  attention  is  given  to  the 
contributions  of  Spain  to  supersf'nic  combustion. 

The  present  state  of  the  hypersonic  propulsion  is 
commented,  reviewing  from  the  literature  on  the  subject 
some  of  the  most  demanding  problems  facing  the 
propulsion  systems  of  the  Aerospace  Plane  and  of  the 
Hypersonic  Cruise  Aircraft. 


1.  INTRODUCTION.  HYPERSONIC  SPEEDS 

The  history  of  the  hypersonic  propulsion  systems  should  begin  with  the 
definition  of  hypersonic  speed,  because  it  has  changed  with  time. 

Up  to  the  middle  1950' s  the  hypersonic  regimen  was  considered  as  the  flow  region 

at  which  the  linearized  theories  to  study  supersonic  flows  developed  by  Ackeret^ 

and  other  aerodynamic! sts,  such  as  Von  K^rmin  and  Busemann  in  the  1920 's  and 

2 

1930' s  did  not  longer  apply  . 

The  approximated  theories  developed  for  the  study  of  the  hypersonic  regime  by 
Hayes,  Goldsworthy  and  others  ,  depended  not  only  on  the  Mach  number,  but  on  a 
geometrical  parameter  which  in  turn  was  a  function  of  the  thickness  and  camber 
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of  the  profile  and  of  the  angle  of-attack.  Therefore,  the  hypersonic  flow  region 
might  begin  at  different  Mach  numbers. 

The  same  thing  happens  nowadays,  but  for  very  different  physical  concepts.  In 
the  supersonic  region  when  the  Mach  number  increases,  several  well  known 
phenomena  become  gradually  important;  such  as  curved  strong  shocks  and  thin 
shock  layers,  entropy  layers  in  blunt  bodies,  thick  and  hot  boundary  layers  and 
the  existence  of  high  temperature  regions  in  which  the  flow  is  no  longer  at 
constant  chemical  composition,  but  a  reacting  flow.  When  all  or  some  of  these 
phenomena  have  to  be  taken  into  account  the  flow  is  considered  hypersonic^. 

Therefore,  there  is  not  a  Mach  number  defining  the  change  from  supersonic  to 
hypersonic,  but  a  transition  region.  However,  for  simplicity,  it  is  generally 
agreed  that  at  Mach  number  5  the  flow  may  be  considered  hypersonic. 

The  first  man-made  craft  to  achieve  a  hypersonic  speed  according  to  the  above 
mentioned  definition  was  a  WAC  Corporal  rocket  as  a  second  stage  of  a  German 
V-2,  in  White  Sands,  USA,  on  24th  February  1949.  From  that  date  hypersonic 
speeds  have  been  reached  by  the  ballistic  missiles  developed  in  the  1950's; 
followed  by  unmanned  and  manned  spacecrafts  reaching  orbital  speeds  and  reentry 
Mach  number  in  the  region  of  25-27;  deep  space  sondes  and  even  hypersonic 
piloted  aircraft.  All  these  hypersonic  vehicles  have  been  powered  by  rocket 
motors,  due  to  its  relative  simplicity,  and  above  all  because  their  performances 
are  practically  independent  of  the  outside  conditions  and  they  can  be  fully 
tested  on  the  ground. 

2.  AIRBREATHING  HYPERSONIC  PROPULSION  DEVELOPMENT 

2.1.  INTRODUCTION 

The  huge  potential  advantages  of  the  airbreathing  engines  in  terms  of  fuel 
consumption  in  comparison  with  rocket  engines  for  hypersonic  high  altitude 
flights  was  very  early  recognized,  when  jet  propulsion  was  still  in  its  infancy. 
It  is  also  well  known  that  its  development  is  much  more  complex,  among  other 
things  because  the  performances  of  the  airbreathing  engines  are  fully  dependant 
on  the  external  air  flow  conditions  and  because  testing  at  high  Mach  numbers  is 
extremely  difficult.  These  complicated  development  problems  coupled  with  the 
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lack  of  adequated  funds  for  many  years  have  resulted  in  that  up  to  date  no 
operational  hypersonic  airbreathing  engines  have  been  developed. 

The  history  of  the  development  of  the  airbreathing  hypersonic  propulsion 
systems,  is  essentially,  the  history  of  the  ramjet.  In  all  hypersonic  propulsion 
systems,  ramjets  are  coupled  with  jet  engines  and/or  rocket  motors  in  a  large 
variety  of  combinations.  However,  the  ramjet  is  the  essential  component  of  the 
propulsion  systems  and  it  is  the  only  airbreathing  engine  with  the  capability  of 
reaching  hypersonic  speeds.  Accordingly,  and  in  order  to  keep  this  work  within 
reasonable  limits,  it  will  be  fundamentally  restricted  to  the  evolution  of  those 
engines.  Special  emphasis  will  be  placed  on  supersonic  combustion,  the  applied 
technology  that  gives  the  ramjet  its  hypersonic  capability. 

Many  publications  have  been  written  on  the  history  of  the  ramjets.  From  the 
early  development  up  to  1955  and  excellent  history  of  the  ramjet  development  was 

c 

published  by  Avery  . 

In  a  recent  AGARD  Conference,  Waltrup®  has  published  an  extensive  study  on  the 
evolution  of  ramjets,  with  special  dedication  to  scramjets,  as  part  of  a  more 
extense  work  on  the  evolution  of  hypersonic  airbreathing  propulsion  systems. 

Taking  into  account  the  excellent  and  abundant  literature  on  the  subject,  the 
part  of  this  work  dedicated  to  the  history  of  the  ramjets  will  be  restricted  to 
comment  the  most  important  achievements  or  landmarks,  and  to  detail  some  less 
well  known  contributions,  with  special  emphasis  on  those  of  Spain  to  the 
supersonic  combustion  problems. 

2.2.  EARLY  DEVELOPMENTS 

Among  the  many  names  of  early  inventors,  patents  and  studies,  which  are  cited  in 
many  publications,  due  credit  has  to  be  given  to  the  french  R.  Lorin^,  who  was 
the  first  to  carry  out  a  study  on  the  potential  utilization  of  ramjets  for 
subsonic  applications,  recognizing  its  low  efficiency.  What  makes  this  work  so 
remarkable  it  is  its  pioneering  nature  and  that  it  was  written  in  1913,  when 
flight  was  in  a  very  primitive  stage.  As  a  consequence,  no  practical 
investigations  were  carried  out. 


* 

Air  breathing  engines  were  left  with  little  money  available  for  research, 
when  most  of  the  resources  for  propulsion  in  the  United  States  were  devoted  for 
many  years  to  the  development  of  the  IC8M  and  other  missiles  as  well  as  on  space 
vehicles  powered  by  rocket  motors. 
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Another  remarkable  achievement  for  Its  anticipation  was  the  Fono  ’ 
patent  of  a  supersonic  ramjet.  This  patent  was  granted  in  Germany  in  1928,  and 
in  these  1920's  it  was  then  when  thanks  to  the  works  of  distinguished 
aerodynami cists,  such  as  Ackeret,  Mach  and  Prandtl  the  possibility  of  supersonic 
flight  was  given  a  real  consideration. 

Extensive  description  of  these  early  developments  are  given  in  ref.  5  and  9. 

2.3.  WAR  DEVELOPMENTS 

The  development  of  the  ramjets  during  the  Second  World  War  was  carried  out 
mainly  in  Germany  ’  .  Sanger,  of  the  Air  Research  Institute  at  Brunswick,  was  a 

leader  in  the  field,  and  in  1943  he  had  developed  a  full  scale  ramjet  which  was 
tested  in  flight  in  a  D017Z.  His  works  and  the  contributions  of  distinguished 
scientists  and  engineers,  such  as  Oswatitsch  and  Busemann  (aerodynamics); 
Damkolher,  Lippisch,  Schwalb  and  Pabst  (combustion)  and  the  involvement  of  some 
important  engine  and  aircraft  companies  of  Germany  (Walter,  Focke-Wulf,  Heinkel 
and  Messerschmitt) ,  produced  the  design  and  test  of  large  units  including 
designs  of  fighter  with  full  ramjet  propul sion^^. 

Design  and  tests  were  also  carried  out  on  artillery  projectiles  accelerated  by 
ramjets,  propulsion  of  missiles  and  propulsion  of  helicopters  with  tip  placed 
ramjets.  It  may  be  pointed  out  that  the  design  and  studies  conducted  on  ramjets 
in  Germany  during  the  War  established  the  foundation  of  the  modern  technologies 
of  this  propulsion  system. 

However,  due  credit  must  be  given  to  the  research  and  development  efforts 

carried  out  in  the  United  States.  The  special  relevance  were  the  works  of 

12 

Kantrowitz  and  Donaldson  on  supersonic  diffusers  ,  and  the  combustion 
research  programme  carried  out  at  the  Massachusetts  Institute  of  Technology 

5 

(MIT)  .  Special  mention  should  be  made  of  R.  Marquardt,  who  founded  the 
Marquardt  Company  in  1945,  which  has  been  since  that  time  one  of  the  leaders  in 
the  field. 

5 

It  is  interesting  to  mention  the  Bumblebee  programme  ,  initiated  near  the  end  of 
the  war  to  develop  missiles  against  the  Kamikaze  attacks  of  the  Japanese 
fighters.  A  large  number  of  institutions  and  companies  were  involved  and  the 
ramjet  development  programme  received  a  very  large  impulse. 
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2.4.  POST-WAR  DEVELOPMENTS.  AIRCRAFTS  AND  MISSILES 

Ramjets  development  after  the  war  followed  several  courses.  The  main  ones  were 
the  propulsion  of  aircrafts  and  missiles;  and  there  existed  a  limited  and  not 
much  divulged  programme  on  ramjet  propulsion  of  helicopters  and  an  isolated 

military  laboratory  programme  on  nuclear  powered  ramjets. 

Propulsion  of  aircrafts  by  ramjets  was  a  short  lived  effort,  although  some 

remarkable  achievements  may  be  mentioned,  mainly  the  Leduc  developments  and 
flights  in  France  and  the  development  of  flight  models  of  subsonic  ramjets  by 
the  Marquardt  Company  in  the  United  States,  where  a  Lockheed  F-80  Shooting  Star 
was  the  first  piloted  aircraft  to  fly  powered  only  by  ramjets^®. 

The  development  of  missiles  powered  by  ramjets  were  mainly  carried  out  in  the 
United  States  and  in  the  United  Kingdom  (not  counting  the  Soviet  Union),  where 
surface  to  air  missiles  reached  operational  state. 

In  the  United  States  the  research  and  development  efforts  carried  out  by  the 
John  Hopkins  University  Applied  Physics  Laboratory,  NASA  Langley  Research 

Center,  NASA  Lewis,  MIT,  the  Marquardt  Company  and  others,  lead  to  the 

development  and  manufacture  of  operational  ramjets  for  the  missiles  Boeing 
Bomarc  (US  Army)  and  Bendix  Talos  (US  Navy)  in  1955.  This  last  missile 
resulted  from  the  Bumblebee  programme  and  was  followed  some  years  later  by  the 
advance  version  Typhone. 

There  are  several  facts  about  the  research  and  development  efforts  carried  out 
in  the  United  Kingdon,  mainly  by  the  Rolls  Royce  company  (on  that  time  Bristol 
Aeroengines)  which  should  be  specially  pointed  out. 

This  company  developed  the  Thor  ramjet  for  the  Bloodhound  missile  for  the  RAF, 

and  the  Odin  ramjet  for  the  Sea  Dart  missile  for  the  Navy;  and  the  remarkable 

fact  is  that  the  lasts  versions  of  these  missiles  are  still  in  service.  This  has 

provided  Rolls  Royce  with  an  unique  experience  on  operational  reliability  of 
14 

ramjets  . 

Another  remarkable  fact  is  the  wide  range  of  applications  studied  by  the  company 
in  early  days,  including  aircraft  propulsion  and  hypersonic  vehicles. 

Aside  of  the  abovementioned  ramjets  developments  in  the  United  States  and  in  the 
United  Kingdon,  no  other  operational  missiles  with  ramjet  propulsion  followed 
these  early  efforts;  until  recent  years  when  the  development  of  integrated 
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rocket-ramjet  propulsion  systems  took  place,  which  gave  a  very  important  impulse 
to  the  ramjet  powered  missiles,  as  it  will  be  later  described. 

2.5.  RAMJETS  FOR  HELICOPTER  PROPULSION 

The  idea  of  using  air  conducted  through  the  blades  of  the  rotor  of  a  helicopter, 
with  or  without  combustion  at  the  tips,  as  a  propulsion  system,  is  an  old  one 
and  it  is  still  alive.  With  these  jet  powered  helicopters  the  mechanical 
transmission  is  eliminated  as  well  as  the  reaction  torque. 

Pulse- jets  and  rockets  have  been  utilized  placed  on  the  tips  of  the  rotor 
blades,  with  the  same  purpose,  but  they  were  very  short  lived  experiments. 

On  the  other  hand,  a  considerable  effort  has  been  carried  out  to  utilize  ramjet 
powered  helicopter  rotors.  Actually,  this  is  the  only  subsonic  applications  of 
ramjets. 

The  thermal  efficiency  of  a  subsonic  ramjet  is  very  low,  and  therefore,  the 
specific  fuel  consumption  of  the  helicopter  is  very  high.  However,  a  subsonic 
ramjet  is  a  low  cost  and  low  weight  machine,  which  added  to  the  aforementioned 
advantages  made  the  idea  attractive  for  some  special  applications. 

The  original  idea  is  of  the  german  origin.  There  were  some  studies  and  test 
programmes  conducted  in  Germany  during  the  War,  specially  in  the  Focke  Wulf 
Company,  although  no  flying  models  were  developed. 

* 

After  the  War  some  developments  took  place  in  th?  United  States  . 

** 

The  austrian  engineer  Ooblhoff  ,  developed  the  first  ramjet  powered  helicopter: 
the  "Little  Henry"  for  the  Douglas  Aircraft  in  1949.  The  ramjets  had  a  thrust  of 
50  N  at  full  tip  speed  (26  HP  total).  After  a  long  test  programme  the  Air  Force 
cancelled  the  project. 

The  Hiller  Company,  after  rejecting  pulse-jets,  developed  in  1955  the  Hornet 
helicopter,  utilizing  ramjets.  The  prototype  was  initially  a  great  success,  and 


* 

The  data  on  the  developments  of  ramjet  powered  helicopters  in  the  United 
States  and  in  the  Netherlands  have  been  taken  from  refs.  15  and  16. 

** 

He  was  heavily  involved  during  the  War  developing  jet  powered 
helicopters  for  the  Wiener  Neustaedter  Flugzeugwerke. 
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a  contract  was  placed  on  the  company  to  manufacture  15  helicopters  for  the  armed 
services.  The  200  N  ramjets  were  certified  by  the  FAA,  but  not  the  helicopter, 
and  therefore,  no  further  orders  were  received. 

The  most  important  achievement  on  this  technology  of  ramjet  powered  helicopters 
was  the  "Hummingbird"  or  "Kolibrie",  developed  by  J.  Drees  for  the  Netherlandse 
Helicopter  Industrie. 

After  a  research  program  some  prototype  helicopters  were  developed  in  1955 
powered  by  two  light  weight  ramjets  (9  Kg  each).  Certification  was  granted  in 
the  Netherlands  in  1958  (not  in  the  United  States)  and  a  small  series  of  25 
helicopters  was  manufactured.  They  were  utilized  in  several  countries,  mainly 
for  agricultural  tasks.  Until  recient  years,  some  of  them  were  still  flying. 

In  Spain  a  contribution  to  the  development  of  ramjet  powered  helicopters  was 
carried  out  in  the  early  1950' s. 

The  german  engineer  0.  Roeder  conducted  for  the  Aeronautica  Industrial  S.A. 
(AISA)  a  ground  test  programme  of  a  rotor  powered  by  ramjets  (Fig.  1).  The 
theoretical  calculations  were  carried  out  at  the  Institute  Nacional  de  Tecnica 
Aeroespacial  (INTA)  by  the  aeronautical  engineer  J.  de  la  Cierva,  eldest  son  of 
the  Spanish  inventor  of  the  autogiro. 

A  second  model  (Fig.  2)  was  developed  with  foldable  ramjets,  which  constituted  a 
new  development  to  improve  autorotation.  The  programme  ended  because  no  funds 
were  allocated  to  develop  a  flying  model,  coinciding  with  the  untimely  death  of 
J.  de  la  Cierva. 

Ramjets  powered  helicopters  did  not  succeed  for  a  variety  of  reasons;  mainly  the 
very  high  fuel  consumptions,  noise  and  some  autorotation  problems. 

Modern  technologies  in  the  fields  of  high  strength  low  density  materials  and  on 
the  aerodynamics  of  supersonic  rotors  might  improve  the  problem  of  fuel 
consumption  by  increasing  rotor  tip  speeds.  However,  the  problem  of  noise  would 
have  to  be  alleviated  in  commercial  applications,  and  there  would  be  the  problem 
of  high  infrared  emission  for  military  applications. 
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2.6.  NUCLEAR  POWERED  RAMJETS 

At  the  height  of  the  Cold  War  some  research  programmes  were  carried  out  in  the 
United  States  directed  to  the  utilization  of  nuclear  energy  to  power  both  jet 
and  ramjet  engines. 

The  purpose  of  the  programmes  was  the  development  of  aircrafts  and  weapons  with 
the  capability  of  flying  for  practically  unlimited  time  thus  avoiding  in  this 
way  the  possibility  of  being  destroyed  by  pre-emptive  attack  on  the  ground  by 
hostile  missiles. 

* 

Three  experimental  programmes  were  carried  out;  two  on  jet  engines  and  one  on 
ramjets,  the  Pluto  programme. 

In  the  Pluto  programme  an  air  cooled  nuclear  reactor  was  utilized  instead  of  a 
combustion  chamber.  Inlet  diffuser  and  nozzles  were  of  the  conventional  type. 

The  idea  was  to  keep  ramjets  flying  at  low  altitudes  over  unpopulated  areas 
around  the  artic  regions. 

Of  the  three  programmes,  the  nuclear  powered  ramjet  was  the  one  with  less 
technical  problems.  After  many  studies  and  laboratory  tests,  the  three 
programmes  were  cancelled  due  to  their  huge  political  implications. 

2.7  SUPERSONIC  COMBUSTION.  SCRAMJETS  DEVELOPMENTS. 

From  the  early  development  of  the  ramjets  their  limitations  regarding  maximum 
speed  were  well  known,  mainly  originated  by  the  compressed  air  reaching 
temperatures  near  the  equilibrium  values  of  the  hydrogen-air  mixtures,  at  which 
the  only  available  thrust  would  be  obtained  via  recombination  reactions  in  the 
nozzle. 

It  is  generally  agreed  that  the  practical  limit  is  around  Mach  7.  The 
introduction  of  supersonic  combustion  in  the  ramjets,  from  there  on  denominated 
scramjets,  represented  a  tremendous  break  in  performances,  since  it  gave  them 


* 

One  of  the  programmes  (General  Electric)  was  of  the  open  cycle  type  with 
a  nuclear  reactor  replacing  the  combustion  chamber.  The  other  programme  (Pratt  & 
Whitney)  was  of  the  double  cycle  type,  with  a  sodium  loop. 


the  unique  theoretical  potential  of  beeing  able  to  function  up  to  orbital 
speeds. 
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As  It  has  already  been  pointed  out  In  paragraph  2.1,  there  Is  abundant 

literature  on  the  evolution  of  supersonic  combustion  and  on  other  all  aspects  of 

scramjets.  A  review  of  supersonic  combustion  has  been  recently  published  by 

Barrere  .  Early  developments  were  reviewed  by  Ferri  ,  and  a  modern  review  of 

the  scramjet  evolution  has  been  carried  out  by  Waltroup^,  who  also  published  a 

19 

review  on  liquid  fueled  scramjets  . 

Supersonic  combustion  was  Initially  studied  In  external  flows,  directed  either 

to  Increase  lift  or  to  reduce  drag.  The  first  practical  laboratory  demonstration 

20 

was  carried  out  by  Smith  and  Davies  In  1952. 

Supersonic  combustion  was  Initially  achieved  In  scramjets  by  means  of  a  shock 

21 

wave.  Diffusive  combustion  type  was  Introduced  by  Ferri  ,  and  It  proved  to 
be  superior,  specially  at  high  Mach  numbers. 

After  these  early  studies  and  model  tests.  In  the  late  1950's  and  early  1960's, 
very  Important  and  extensive  research  programmes  on  supersonic  combustion  and  on 
all  other  aspects  of  scramjets  were  conducted.  The  brunt  of  the  research  effort 
was  carried  out  In  the  United  States;  but  with  relevant  contribution  In  the 
United  Kingdom,  France,  Germany  and  Spain  (not  counting  the  Soviet  Union).  In 
Spain  the  contributions  were  of  the  theoretical  type. 

One  of  the  main  reasons  behind  that  great  impulse  on  the  research  efforts  was 
the  possibility  of  developing  aircrafts  with  the  capability  of  taking  off  from 
normal  airports  and  reaching  low  orbits,  powered  only  by  airbreathing  engines: 
the  aerospace  plane  concept. 

The  obvious  strategic  Interest  of  this  aerospace  plane  was  the  reason  why  many 
researchs  programmes  were  sponsored  by  the  armed  services. 

The  first  Important  programme  on  the  aerospace  plane  concept  was  conducted  by 
Ferri  at  the  Applied  Sciences  Laboratory  with  the  collaboration  of  the 
Republic  company.  Subsequently,  the  USAF  launched  a  major  programme:  the 
Aerospace  Plane  In  which  collaborated  the  companies  Douglas  and  Republic.  The 
USAF  also  sponsored  three  Important  programmes  on  scramjets  developments  , 
carried  out  by  the  Applied  Sciences  Laboratory,  the  Marquardt  company  and  the 
United  Aircraft  Research  Laboratory. 


MO 


Another  major  programme  was  carried  out  in  NASA  Langley  :  The  Hypersonic 
Research  Engine,  directed  to  the  propulsion  of  manned  vehicles  .  The  US  Navy 
sponsored  the  programme:  the  Supersonic  Combustion  Ramjet  Airbreathing  Missile, 
under  the  direction  of  the  John  Hopkins  University,  Applied  Physics  Laboratory. 

During  the  same  period  of  time  lesser  research  efforts, but  with  relevant 
contributions,  were  carried  out  in  Western  Europe.  They  are  described  in  detail 
in  refs.  6  and  13,  including  those  carried  out  in  the  Soviet  Union. 

All  these  important  research  programmes  carried  out  in  the  United  States  and  in 
Europe  did  not  conclude  with  the  development  of  any  operational  hypersonic 
aircraft  or  missil  powered  by  air  breathing  engines,  and  in  the  1970' s  the 
research  efforts  decreased  considerably  and  many  programmes  were  cancelled. 

It  is  generally  agreed  that  the  reason  is  that  the  technological  level  on  that 
time  was  not  sufficiently  advanced  to  accomplish  the  formidable  task  of 
developing  aerospace  planes  or  atmospheric  hypersonic  vehicles. 

2.8  CONTRIBUTIONS  IN  SPAIN  TO  SUPERSONIC  COMBUSTION 

In  1954  a  combustion  group  was  constituted  at  the  Institute  Nacional  de  T^cnica 
Aeroespacial  (INTA)  of  Spain.  This  group  was  promoted  by  the  World  known 
aerodynamicist,  the  late  Prof.  Von  KIrmin,  and  directed  for  several  years  by 
his  collaborator  on  combustion.  Prof,  and  Academician  G.  MilUn  . 

The  combustion  group  worked  continously  for  over  20  years  under  research 

** 

contracts  sponsored  by  the  Air  Force  Office  of  Scientific  Research  ,  of  the 
United  States. 

The  combustion  group  also  worked  for  other  US  organizations:  The  Forest  Fire 
Research  Service  (6  years),  the  European  Office  of  the  Army  and  the  Arnold 
Engineering  Development  Center. 

When  in  the  late  1950's  the  US  Air  Force  became  highly  interested  on  supersonic 
combustion,  the  Spanish  combustion  group  carried  out  a  number  of  research 


* 

Von  K4rmin  and  Mill4n  gave  a  course  on  combustion  at  La  Sorbonne  in  Paris 
in  1953.  The  lecture  notes  considerably  enlarged  were  published  by  MilUn  for 
the  Air  Research  and  Development  Command  of  the  USAF  in  1954  under  the  title: 
Aerothermochemi stry . 

** 

Formerly,  Office  of  Aerospace  Research  of  the  Air  Research  and 
Development  Command,  of  the  United  States  Air  Force. 
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programmes  for  the  aforementioned  organization,  on  several  aspects  of  supersonic 
combustion  and  on  hydrogen-air  flames. 

These  activities  were  conducted  mainly  in  the  period  1962-1970. 

An  early  work  was  a  study  carried  out  by  P6rez  del  Notario  and  this  author^^  in 
1962.  Premixed  and  diffusion  laminar  hydrogen-air  flames  were  studied  with  a 
spheri CO- symmetrical  model,  and  chemical  kinetics  was  approximated  by  parametric 
overall  reaction  rates,  since  no  overall  reactions  rates  for  the  hydrogen-air 
reactions  were  known.,  Solution  of  the  problem  was  obtained  by  means  of 
approximated  integral  methods. 

The  experimental  work  was  carried  out  by  injecting  hydrogen  in  air  through 
porous  spheres.  With  the  same  experimental  equipment  the  diffusion 
hydrogen -oxygen  flame  was  studied  by  injecting  oxygen  through  the  same  spheres 
in  hydrogen  (Fig.  3).  There  are  little  or  no  free  convection  effects  when 
burning  oxidizers  in  hydrogen  and  the  flame  is  nearly  spherical  (Fig.  4). 

On  the  other  hand,  when  hydrogen  is  injected  in  air,  free  convection  exists  but 
the  flame  is  located  \  .ry  close  to  the  sphere  surface  (Fig.  3)  and  the 
spheri CO- symmetrical  lo^’l  holds. 

It 

Several  conclusions  were  obtained  and  it  was  shown  the  advantages  of  this 
spherical  model  in  order  to  obtain  from  the  experimental  results  information  on 
the  main  parameters  that  characterize  the  flame. 

A  comprehensive  analysis  of  a  supersonic  combustion  process  of  the  diffusive 

25 

type  was  carried  out  by  Da.  Riva.  Liti4n  and  Fraga  in  1964.  The  model  included 
the  study  of  turbulent  mixing.  Chemical  kinetics  non-equilibrium  effects  were 
treated  with  special  emphasis  on  flame  extinction  for  the  laminar  case,  with  a 
tentative  extension  to  the  turbulent  case.  A  discussion  on  the  application  of 
the  model  to  the  hydrogen-air  flame  was  also  included. 

26 

Da.  Riva  ,  carried  out  in  1966  a  study  on  the  internal  structure  of 
hydrogen- air  diffusion  flames  by  means  of  singular  perturbation  methods, 
utilizing  the  fact  that  for  large  reaction  rates  the  flame  is  close  to  chemical 
equilibrium.  The  main  contribution  of  the  work  was  the  introduction  of  a  very 


* 


The  mathematical  possibility  of  obtaining  three  stationay  solutions  with 
spheri c'l  models  was  anal i zed. 
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completed  chemical  kinetics  scheme.  The  study  had  a  direct  application  to 
supersonic  combustion. 

27 

L1fi4n,  Urrutia  and  Fraga  ,  studied  chemical  kinetics  effects  In  hydrogen-air 
supersonic  combustion  of  the  diffusive  type,  showing  the  existence  of  three 
regions:  the  first  region  close  to  the  Injector  exit  where  the  flow  may  be 
considered  frozen  for  the  main  reacting  species,  which  Is  the  Ignition  delay 
region;  a  second  transition  region  and  a  third  region  far  from  the  Injector  In 
which  the  flow  Is  close  to  chemical  equilibrium. 

28 

An  Ignition  delay  model  was  Investigated  by  Da  Riva  and  Urrutia  In  1968  In 
diffusive  supersonic  combustion  under  conditions  of  two-dimensional  mixing.  It 
was  shown  that  the  temperature  of  the  Injector  outer  wall  and  to  a  lesser 
extent,  pressure.  Injector  length  and  the  conditions  outside  the  boundary  layer, 
control  the  Ignition  process. 

29 

L1fi4n  and  Urrutia  ,  studied  the  hydrogen-air  flame  utilizing  singular 
perturbation  methods  at  temperatures  typical  of  supersonic  combustion.  A  model 
of  eight  chemical  reactions  was  utilized. 

It  was  shown  the  existence  of  several  reaction  stages  clearly  differentiated, 
which  were  studied  for  particular  cases  obtaining  characteristics  times  and 
simplified  kinetics  schemes  for  each  region. 

The  formation  of  nitrogen  oxides  in  the  hydrogen-air  reaction  was  studied  by 

30* 

Sanmartfn,  Fraga  and  this  author  . 

A  complex  chemical  kinetics  model  of  34  reactions  was  utilized  and  overall 
reaction  rates  were  obtained  for  different  temperatures.  Including  those  of 
Interest  for  supersonic  combustion. 

Fraga,  Crespo  and  this  author  carried  out  a  review  of  the  principal  problems 

31 

Involved  In  hydrogen  combustion.  Including  supersonic  combustion  . 


it 

This  work  was  part  of  a  progransne  sponsored  by  the  Fundaclon  Juan  March 
of  Spain  on  emission  of  contaminants  In  hydrocarbons  and  hydrogen  combustion 
processes,  directed  by  this  author. 
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Another  contribution  of  the  Spanish  group  to  supersonic  hydrogen-air  combustion 

32 

problems  was  the  work  by  Lihin  and  Crespo  .  They  carried  out  an  asymptotic 

it 

analysis  of  unsteady  diffusion  flames  for  large  activation  energy  . 

The  works  uncovered  the  existence  of  three  regimes,  an  ignition  regime  a 
deflagration  regime  and  a  diffusion  flame  regime.  It  was  pointed  out  the 
existence  of  experimental  evidence  supporting  this  complex  picture. 

33 

This  work  was  continued  in  1987  by  Jackson  and  Hussaini  .  They  utilized  the 
same  model  but  including  the  effect  of  free  shear  and  Mach  number  on  the 
ignition  regime,  on  the  deflagration  regime  and  on  the  diffusion  flame  regimen. 

3.  PRESENT  SITUATION. 

3.1  RAMJET  POWERED  MISSILES. 

The  development  of  integrated  ramjet-rocket  propulsion  systems,  coupled  with 
advances  in  technologies,  such  as  on  board  microcomputers  to  facilitate  control, 
has  given  a  strong  impulse  to  the  design  and  manufacture  of  low  consumption 
ramrocket  powered  tactical  missiles  for  medium  and  long  range  missions. 

No  operational  ramjet  powered  missiles  had  been  developed  for  many  years.  Now, 
the  Soviet  Union  has  in  operation  the  well  known  SA-N  family  of  surface  to  air 
missiles,  and  France  has  developed  the  ASME,  air  to  ground  missile  with 
nuclear  warhead,  powered  by  a  liquid  fueled  ramjet,  and  the  Rustic,  with  a  solid 
fuel  ramjet.  In  addition,  France  and  Germany  are  developing  in  cooperation  an 
antiship  missile,  the  ANS. 

All  these  ramjet  powered  missiles  are  only  of  the  supersonic  type. 

A  study  to  apply  scramjets  hypersonic  propulsion  to  missiles  was  carried  out  by 
Billig 


*This  work  was  sponsored  by  the  ARO  company  of  the  Arnold  Engineering 
Development  Center.  USA. 
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3.2  HYPERSONIC  AIRBREATHING  PROPULSION.  CURRENT  NANNEO  PROGRAMNES. 

Research  and  development  on  hypersonic  airbreathing  propulsion  for  manned  system 
is  again  in  a  high  level  of  activity  and  it  is  the  object  of  political  and 
public  interest. 

In  the  United  States,  the  National  Aerospace  Plane  (HASP)  is  in  progress  with 
the  goal  of  developing  stage  to  orbit  capability  (SSTO)  vehicles,  based  on 
airbreathing  propulsion.  Two  X-30  manned  SSTO  hight  test  vehicles  are  planned  to 
be  developed  and  another  one  for  ground  tests. 

The  programme  is  now  in  the  phase  of  developing  technologies,  with  the  main 
effort  on  propulsion,  and  conducting  conceptual  and  preliminary  designs. 

The  programme  is  being  funded  by  NASA,  the  Air  Force  Defense  Advanced  Research 
Project  Agency  (DARPA),  the  Strategic  Defense  Initiative  and  the  Navy.  50 
organisations  and  companies  are  involved  and  about  6000  people. 

Decision  to  develop  the  X-30  has  been  postponed  until  1994.  A  total  of  $  3.3 
billions  will  be  spent  up  to  that  date. 

A  derivative  of  the  NASP  programme  would  be  a  hypersonic  cruise  atmospheric 
aircraft,  the  "Orient  Express",  of  which  many  studies  are  also  in  progress. 

In  Germany  there  is  the  Sanger  space  plane  programme  and  in  the  UK  the 
Horizontal  Take-off  and  Landing  (HOTOL)  programme,  both  vehicles  with  SSTO 
capabilities. 

In  Sanger,  airbreating  propulsion  will  be  utilized  up  to  Mach  numbers  of  the 
order  of  7;  and  from  there  on  rocket  propulsion  will  take  over.  This  programme 
is  significantly  funded  by  the  German  goverment  and  the  prime  contractor  is  the 
company  MBB. 

HOTOL  is,  for  the  present  moment,  with  little  or  no  funds  allocated.  It  is  been 
announced  that  it  will  utilize  airbreathing  propulsion  up  to  altitudes  of  25-26 
km  and  up  to  Mach  numbers  of  the  order  of  6  or  7. 

There  are  also  hypersonic  propulsion  activities  in  France  and  in  Japan,  and  it 
has  been  reported  that  the  Soviet  Union  is  heavily  engaged  in  evaluating 
aerospace  plane  concepts  and  developing  the  required  scramjet  technologies. 
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The  reasons  behind  this  renewal  of  the  high  level  of  interest  in  hypersonic 
airbreathing  powered  aircrafts,  in  addition  to  commercial  reasons,  it  is  that 
the  technology  has  reached  a  level  at  which  the  development  appear  as  feasible 
in  a  near  future. 

Three  technologies  are  specially  significant:  Computational  Fluid  Dynamics  (CFD) 
and  the  high  capability  supercomputers;  the  development  of  new  composite  low 
weight  heat  resistance  materials,  and  new  diagnosis  methods  to  carry  out  tests, 
specially  the  non-intrusive  optical  methods. 

CFD  and  the  new  generation  of  supercomputers  are  making  possible  approximated 
calculations  of  the  complex  flow  problems  in  intakes  and  nozzles,  and  above  all 
in  the  combustor.  An  evaluation  of  the  CFD  analysis  applied  to  scramjets  is 
reviewed  in  ref.  22. 

The  introduction  of  the  new  light  weight  heat  resistance  materials  in  the 
structure  of  the  aerospace  plane,  would  permit  higher  Mach  numbers  at  every 
altitude,  making  wider  and  more  efficient  the  so  called  flight  corridor  up  to 
orbit^®  (Fig.  5). 

These  light  weight  materials  would  reduce  the  empty  weight  of  the  vehicle  and  of 

★ 

the  power  plant,  which  would  decrease  the  sensitivity  factor  to  acceptable 
levels^®. 

Finally,  non  intrusive  measurement  methods  would  give  more  accurate  information 
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from  tests  and  better  validation  of  theoretical  models  . 

3.3  HYPERSONIC  PROPULSION  SYSTEMS.  PRESENT  SITUATION. 

The  propulsion  system  of  the  NASP  is  partially  classified.  It  is  known  that  the 
main  engines  will  be  hydrogen  fueled  scramjets.  No  data  have  been  released  on 
the  propulsion  system  from  take  off  up  to  Mach  numbers  of  the  order  of  3  or  4. 

In  addition  to  the  NASP  scramjets  the  US  Navy  is  sponsoring  the  development  of 
liquid  fueled  dual  combustor  scramjets,  designed  for  applications  in  the  range 
of  Maci  number  3-7. 


* 

An  error  in  the  empty  weight  is  considerably  amplified  in  the  total  weight 
and  the  same  thing  occurs  with  the  errors  in  the  estimation  of  the  hydrogen 
consumption  for  the  mission. 
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No  scramjets  developments  are  reported  to  being  carried  out  in  Western  Europe. 

Airbreathing  propulsion  in  the  Sanger  will  be  a  combination  of  jet  engines  and 
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ramjets.  Several  possible  combinations  are  being  studied  by  MTU  and  MBB 

On  the  other  hand,  the  propulsion  system  of  the  HOTOL  has  been  classified  by  the 
UK  government,  and  no  information  has  been  released. 

Some  comments  will  be  included  on  the  extremely  difficult  problems  facing  the 
development  of  scramjets  operating  up  to  or  near  to  orbital  speeds. 

A  review  of  these  and  other  hypersonic  propulsion  problems  has  been  carried  out 
by  Cheng  In  this  analysis  it  is  pointed  out  that  the  boundary  control  in  the 
diffuser,  and  the  nozzles  problems  although  difficult  will  be  solved  and  that 
the  main  difficulties  lie  in  the  combustor. 

In  a  flight  corridor  that  a  space  plane  will  have  to  follow  such  as  that  shown 
on  Fig.  5,  the  spacecraft  will  follow  a  trajectory  of  maximum  admissible  dynamic 
pressure  in  order  to  optimize  combustion.  This  maximum  pressure,  dictated  by 
the  airframe,  is  estimated  in  ref.  35  to  be  of  the  order  of  six  times  the  value 
admitted  in  actual  commercial  subsonic  transports. 

At  a  certain  Mach  number,  (12-13)  the  aircraft  will  have  to  climb  faster,  in 
order  to  avoid  excessive  heating  of  the  heat  shield  of  the  structure  (Fig.  5). 
Then,  the  very  rapid  exponential  decrease  of  the  atmospheric  density  could  not 
be  compensated  with  dynamic  pressure,  and  combustion  might  not  be  possible. 
Cheng^^,  believes  that  with  present  scramjets  combustion  systems,  they  will  not 
be  able  to  operate  at  altitudes  higher  than  60  km.  Hydrogen  reaction  rates  are 
of  second  order,  and  then  proportional  to  the  square  of  density,  which 
originates  that  thrust  falls  rapidly  with  height.  He  proposes  to  utilize  at  high 
altitude  a  catalytic  first  order  reaction  in  which  oxygen  will  react  on  a 
molecular  layer  of  hydrogen  absorbed  on  platinum  or  other  metals.  The  reaction 
rate  will  only  be  proportional  to  the  density  and  the  thrust  of  the  scramjet 
will  decrease  much  slower  with  height  and  it  would  be  much  easier  to  produce  a 
positive  thrust  margin  over  drag  at  very  high  altitudes. 

On  the  other  hand,  Waltrup  proposes  a  scramjet  utilizing  different  types  of 
injector  systems,  and  the  injection  of  hot  combustion  products  and  fuel,  which 
might  be  produced  by  the  exhaust  of  a  hydrogen  rich  rocket  exhaust  for  high 
altitude  operation. 
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A  simple  solution  would  be  to  utilize  rocket  propulsion  in  the  last  part  of  the 
flight  path,  which  would  be  needed  in  all  cases  in  orbit  for  manoeuvres  and 
during  re-entry.  We  would  like  to  remark  that  an  important  feature  of  the  space 
plane  would  be  its  capability  to  reach  high  Mach  numbers  at  relatively  low 
altitudes,  because  the  difference  in  potential  energy  between  orbit  level 
(-  150  km.)  and  a  height  of  60  km  is  less  than  two  orders  of  magnitude  in 
comparison  with  the  kinetic  energy  of  orbital  speeds. 

Finally,  we  would  like  to  comment  on  the  hypersonic  propulsion  systems  of  the 
"Orient  Express". 

They  are  very  different  proposals  for  that  propulsion  system,  which  depend,  to 
some  extent,  on  the  cruise  conditions  selected. 

It  has  been  mentioned  that  scramjets  would  be  an  ideal  power  plant  for  cruise 
Mach  numbers  of  the  order  of  5-6  with  cruise  altitudes  of  about  40  km  On  the 
other  hand,  Schwab  and  Hewit  ,  estimated  that  a  hypersonic  aircraft  would 
require  to  have  a  subsonic  speed  capability  over  long  distances  in  the  event  of 
engine  malfunction.  In  consequence,  they  propose  a  dual  mode  turbojet-ramjet 
power  plant,  carrying  out  several  optimization  studies  for  Mach  numbers  ranging 
between  4  and  6. 

There  are  doubts  about  if  this  type  of  aircraft  will  ever  be  constructed,  in 

addition  or  substituting  a  Mach  2-3  supersonic  transport.  There  is  the  old  known 

problem  of  the  maximum  admissible  acceleration  for  ordinary  passengers, 
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estimated  to  be  of  the  order  of  0.2g  ,  which  coupled  with  the  time  lost  on 

the  ground  makes  imperative  long  ranges  (Fig.  6).  Hydrogen  must  be  utilized,  and 
in  addition  to  all  technical  problems  of  this  type  of  aricraft,  it  would  have  to 
be  included  the  logistic  problem  of  having  storage  and  fueling  facilities  of 
liquid  hydrogen  in  most  major  airports  throught  the  World. 

On  the  other  hand,  utilization  of  hydrogen  would  not  be  a  major  problem  in 
selected  aerodromes  for  the  aerospace  plane  operation. 
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F16.  1  Ground  test  of  the  AISA  ramjet  powered  helycopter  rotor. 


FIG.  5  Oxygen  burning  in  hydrogen  (left)  and  hydrogen  burning  in  air  (right). 


FIG.  4  Nitric  acid  droplets  burning  in  hydrogen. 
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FIG.  5  Approximated  flight  path  of  an  airbreathing  single 
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(  APPLICATION  AUX  MOTEURS  COMBINES  AEROBIES  ) 

par 
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Resume 


La  France  dispose  aujourd'hui  d'un  potentiel  de  recherches  et  d 'etudes  theoriques  et  experimentales 
sur  le  statoreacteur  qui  lui  a  permis  de  realiser  des  programmes  operationnels  tels  que  1 ' ASMP  (Air-Sol 
Moyenne  Portee  a  charge  nucleaire),  d'orienter  les  investigations  et  de  degager  des  tendances  pour  le 
futur,  en  particulier  dans  le  domaine  des  tres  hautes  vitesses,  avec  1 ' utilisation  des  moteurs  combines. 

Cette  situation  est  due  pour  une  large  part  aux  importantes  activites  nationales  sur  le  stato¬ 
reacteur,  pendant  la  periode  1951-1972,  au  cours  de  laquelle  de  nombreux  essais  en  vol  ou  au  sol  ont  ete 
realises  sur  les  concepts  de  statoreacteurs  conventionnels,  de  combines  turbo-stato,  ainsi  que  sur  celui 
de  statoreacteur  hypersonique  a  double  mode,  ce  dernier  faisant  intervenir  une  combustion  subsonique 
puis  supersonique .  Des  essais  au  point  fixe,  a  echelle  significative,  ont  ete  realises  dans  les 
souffleries  de  I'ONERA  a  Modane. 

A  la  deraande  des  organisateurs  du  75eme  Symposium  du  Panel  Propulsion  de  1 ' AGARD,  cet  expose 
rappelle  les  etapes,  les  principaux  travaux  et  resultats  conduits  et  obtenus  en  France  pendant  cette 
periode.  Une  analyse  sera  tentee  pour  evaluer  1 'acquis  de  cette  experience  et  son  apport  au  niveau  des 
actions  menees  actuelleroent  pour  une  eventuelle  utilisation  du  statoreacteur  en  propulsion  hypersonique. 


1.  Introduction 


Pour  repondre  a  la  demande  des  organisateurs  de  ce  symposium  de  1' AGARD,  le  but  de  cette  presenta¬ 
tion  est  de  rappeler  la  contribution  franqaise  au  developpement  de  la  propulsion  par  statoreacteur 
(conventionnel  ou  combine  avec  d'autres  reacteurs),  au  cours  de  la  periode  de  1950  a  1974,  marquee  par 
une  intense  activite  dans  ce  domaine. 

Des  avions  et  des  missiles  experimentaux,  propulses  par  statoreacteur,  combine  ou  non,  furent 
etudies,  realises  et  essayes  en  vol  en  grand  nombre  ;  plusieurs  centaines  de  voJs  d 'avions  et  de  tirs 
d'engins  furent  effectues  dans  le  domaine  du  supersonique  a  Mach  inferieur  ou  egal  a  5)  souvent  avec  un 
remarquable  succes,  tandis  que  des  essais  probatoires  au  point  fixe  permettaient  les  premieres  incur¬ 
sions  dans  le  domaine  de  1 ' hypersonique  a  Mach  6. 

C'est  grace  a  ce  foisonnement  fecond  de  travaux,  menes  avec  tenacite  et  enthousiasme ,  que  la  France 
dispose  depuis  quelques  annees  du  prestigieux  missile  aeroporte  supersonique,  ASMP,  a  charge  thermo- 
nucleaire,  et  propulse  par  un  statoreacteur  a  kerosene,  combine  avec  un  accelerateur  integre  j  il  est 
capable  de  trajectoires  diversifiees,  en  volant  a  basse  et  haute  altitude  sur  plusieurs  centaines  de 
kilometres  et  possede  une  tres  haute  manoeuvrabilite  (Figure  1). 


Fig.  1  -  ASMP  missll*  with  MIRAGE  2000  N  launcher 

Ce  missile  operat ionne 1 ,  deploye  par  les  avions  MIRAGE  2000  N  de  I'Armee  de  I'Air  et  SUPER- ETENDARD 
de  la  Marine  Rationale,  ouvre  la  voie  a  une  famille  d'engins  a  domaine  de  vol  augmente  en  vitesse  et 
altitude,  etudiee  en  ce  moment,  et  permettant  une  portee  accrue. 

Une  autre  retombee  de  1 'active  periode  1950/1974  peut  etre  egalement  esperec  dans  le  domaine  de 
1 'hypersonique ,  oil  la  France  consacre  maintenant  une  petite  partie  de  son  potentiel  de  recherches  a 
etabl ir  la  possibilite  et  1 ' interet  du  vol  a  tres  grande  vitesse,  au  profit  de  missions  civiles  ou 
militaires,  telles  quo  celles  de  transporteur  ou  de  lanceur,  reut i 1 isabl e,  de  satellites,  a  decollage 
horizontal  (Figure  2),  ou  encore  de  missiles  a  tres  grande  vitesse. 

Enfin,  si  toutes  ces  activites  sont  a  I'honneur  du  franqais  LORIN,  a  qui  la  paternite  du  concept 
est  frequemment  attribuee,  grace  au  brevet  qu'il  deposa  en  191.1,  on  ne  peut  evoquer  le  statoreacteur 
sans  rendre  hommage  a  I'action  de  pionnier,  jouee  par  le  grand  ingenieur  franqais  Rene  LEDUC  qui,  a 


partir  de  1930,  redecouvrant  le  principe  de  la  "tuyere  thermopropulsive" ,  en  previt  d'emblee  1 'applica¬ 
tion  a  des  vehicules  supersoniques  allant  jusqu'a  Mach  5,  a  haute  altitude,  tandis  qu'il  se  lanqait  dans 
I'aventure  industrielle  de  "1 'avion  thermopropulse". 


S>ngl«-«tag»  STS  2000  (AAroapatlala) 


Two-ataga  STAR-H  (Daaaault) 


Fig.  2  -  Concaptual  orbital  aircraft 


En  rappelant  les  principaux  travaux  effectues  et  les  resultats  acquis,  nous  tenterons  de  montrer 
1 'evolution  du  statoreacteur,  en  France,  pendant  cette  periode  de  1950  a  1974,  que  I'on  peut  diviser  en 
deux  epoques  : 

-  jusqu'en  1966  :  priorite  aux  recherches  sur  le  statoreacteur  convent ionnel  jusqu'a  Mach  5  et  sur 
les  applications  avec  moteur  combine  supersonique, 

-  de  1966  a  1974  :  priorite  aux  tres  grandes  vitesses,  avec  des  etudes  sur  le  statoreacteur  conven- 
tionnel  Jusqu'a  Mach  6,  et  des  recherches  sur  le  statoreacteur  hypersonique,  a  combustion  supersonique, 
pour  applications  civiles  ou  militaires  (Figure  3). 
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Fig.  3  -  Ramjot  In  Franco  botwoon  1950  A  1974 


2 .  Travaux  sur  le  statoreacteur  et  le  moteur  combine,  a  vitesse  supersonique  (1950-1974) 

Les  annees  qui  suivirent  la  fin  de  la  Seconde  Guerre  Mondiale  virent  se  developper  en  France  une 
tres  grande  activite  dans  le  domaine  aeronautique,  afin  de  tenter  de  combler  les  retards  dus  a  la 
guerre . 


Pour  le  statoreacteur,  ses  caracteres  attractifs  d'apparente  simplicite  et  de  forte  potentialite  en 
supersonique  conduisirent  a  de  nombreuses  etudes  aboutissant  a  des  realisations  interessantes  de 
missiles  et  d'avions,  mais  qui,  paradoxalement ,  ne  donnerent  jamais  lieu  a  des  developpements  operation- 
nels,  ni  pour  les  programmes  militaires,  ni  pour  ceux  civils. 

C'est,  qu'en  France,  comme  dans  d'autres  pays,  les  programmes  militaires  furent  orientes  vers  les 
missiles  strategiques  a  trajectoire  balistique  en  dehors  de  1 'atmosphere,  pour  les  engins,  et  vers 
I 'avion  de  combat  a  turboreacteur  (pour  les  Mach  inferieurs  a  2,5)  en  raison  des  rapides  progres  de  ce 
moteur  (rechauffe,  puis  double-flux),  surclassant  alors  le  statoreacteur  a  bas  Mach,  tandis  que  les 
programmes  civils  allaient  vers  les  lanceurs  propulses  par  fusee.  (Juant  aux  missiles  tactiques,  il 
n'etait  pas  apparu  de  missions  exigeant  la  specificite  du  statoreacteur. 

2.1  Mi  ssiles  supersoniques  propulses  par  statoreacteur  conventionnel 


De  1950  a  1966,  NORD-AVIATION,  SUD-AVt ATION,  SNCASE  (regroupes  aujourd'hui  dans  1 ' AEROSPATIALE) , 
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MATRA  et  I'ONERA  vont  etudier  de  multiples  pro jets,  realiser  beaucoup  de  statoreacteurs  experimentaux  et 
proceder  a  des  essais  au  sol  et  en  vol. 

On  peut  citer  quelques-unes  des  plus  remarquables  etudes  de  cette  epoque,  successivement  : 

-  I'engin  VEGA,  de  NORD-AVIATION  (Figure  4);  prefigurant  un  missile  sol-air  de  calibre  645  !  c" 

vol  en  i960, 

-  1 ' engin-cible  CT4I,  de  NORD-AVIATION  (Figure  5)  propulse  par  2  statoreacteurs  SIRIUS  de  calibre 
650  mm  5  M  =  2,5  a  H  =  22  km  )  en  vol  en  1962, 


FI9.  4  -  NQrd-Avtatton 
ground-to-air  VEGA  mtaaila 


Fig.  S  -  Nord-Avlatlon  auparaonle  targat  CT  41 
miaaila 


-  I'engin  X422,  de  la  SNCASE,  de  calibre  8OO  mm,  a  entree  d’air  en  ecope,  prefigurant  une  arme 
strategique,  voisine  du  cruise  missile,  mais  non  retenue  au  benefice  des  missiles  balistiques  (Figure  6), 
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Fig.  8  -  SNCASE  axparlmantal  ramjat  X422  mlaalla 

-  le  missile  experimental  STATALTEX  de  I'ONERA  (Figure  7),  statoreacteur  a  hautes  performances,  de 
calibre  172  mm  i  M  =  5  a  .10  km  d'altitude,  tire  en  vol  de  I960  a  64- 

Ces  divers  engins,  utilisant  le  kerosene  comrae  carburant  du  stato,  etaient  mis  en  vitesse  initiale 
par  un  accelerateur  a  poudre,  separe  et  largable. 

Toutes  ces  realisations  avaient  ete  rendues  possible  grace  a  de  vastes  programmes  de  recherches, 
balayant  1 'ensemble  des  disciplines,  telles  que  : 

-  les  calculs  generaux  de  performance,  de  trajectoire  et  de  dynamique  du  vol,  ainsi  que  d'aero- 
dynamique,  de  thermodynamique  et  de  propulsion  (ceci  avec  les  moyens  informatiques  limites  de  1 'epoque), 


Fig.  7  -  ONERA  Mach  5  STATALTEX 
axparlmantal  mtslla 


-  les  etudes  de  configurations  des  missiles  et  les  essais  correspondants, 

-  les  etudes  theoriques  et  experimentales  des  constituants,  tels  que  : 

.  1 'entree  d'air,  a  pointe  emergente  conique,  ou  evolutive,  a  compression  interne  ou  externe,  et 
du  type  Pitot  pour  les  basses  vitesses, 

.  la  chambre  de  combustion,  a  vitesse  subsonique,  reglee  par  le  col  de  I'ejecteur,  et  presentant 
la  plus  faible  longueur  compatible  avec  le  domaine  de  vol ,  caracterisee  par  la  temperature 
d 'entree  de  I'air,  la  pression  et  la  richesse,  la  stabilite  de  la  combustion  etant  obtenue  par 
des  accroche-f lammes  mecaniques, 

.  les  systemes  de  mise  en  oeuvre  du  carburant  liquide  tels  que  :  reservoirs,  chasse  (gaz  comprime 
ou  turbopompe),  regulateurs,  injecteurs, 

-  les  nouveaux  materiaux,  tels  que  les  alliages  au  cobalt  pour  la  tenue  des  parties  chaudes,  ou  les 
stratifies  composites  et  resines  diverses  pour  les  protections  thermiques  internes  (combustion)  ou 
externes  ( echauffement  cinetique), 

-  les  essais  au  sol,  qui,  utilisant  non  seulement  les  souffleries  supersoniques  existantes  pour  la 
mise  au  point  de  1 'aerodynamique  interne  et  externe,  avaient  necessite  la  creation  de  puissants  moyens 
en  bancs  d'essai  pour  1 'etude  de  la  combustion  dans  la  totalite  du  domaine  envisage  (restitution  du 
debit  d'air  avec  pression  et  temperature  reelles)  et  ceci  a  I'echelle  grandeur.  Des  bancs  speciaux 
furent  crees  a  1 'ONERA  (Palaiseau  et  Modane),  a  NORD-AVIATION  (Centre  des  Gatines)  et  a  Saclay  (Centre 
d' Etudes  des  Propul seurs) , 

-  les  moyens  de  mesure,  avec  creation  d '  instruments  adaptes  pour  les  essais  au  sol,  tels  que 
balances  d'efforts,  capteurs  de  pression,  debitmetres  a  liquide,  etc.,  permettant  d'evaluer  le  bilan 
poussee-trainee  avec  une  precision  meilleure  que  5  et  enfin  les  telemesures  appropriees. 

En  resume,  toute  cette  activite  se  traduisit  par  1 'execution  de  plus  de  300  essais  en  vol,  represen- 
tant  une  somme  superieure  a  six  millions  d'heures  de  travail. 

Arretons-nous  maintenant  quelques  instants  sur  le  missile  experimental  STATALTEX,  qui  fut  longtemps 
1 'engin  a  statoreacteur  le  plus  rapide  au  monde,  att^gnant  M  =  5  et  propulse  jusqu'a  30  km  d 'altitude, 
en  delivrant  des  accelerations  allant  jusqu'a  30  m.s.  (Figure  8). 

Get  exceptionnel  succes  provenait  de  la  simplicite  et  de  I'efficacite  de  la  machine,  realisant 
entre  le  largage  de  1 'accelerateur  et  I'epuisement  du  combustible,  une  acceleration  de  Mach  3,2  a  5  sur 
une  importante  denivelee,  avec  un  moteur  a  geometric  fixe  (entree  d'air  frontale  a  pointe  de  compression 
isentropique ,  adaptee  a  Mach  3, S,  et  ejecteur  a  col  fixe)  avec  regulation  simplifiee  du  debit  de 

kerosene  assurant  une  richesse  compatible  avec  le  foyer  pendant  la  totalite  du  vol. 

La  Figure  d  montre  le  domaine  de  vol  explore  par  les  differents  missiles  experimentes  et  les  perfor¬ 
mances  d  impulsion  specifique  correspondantes . 

Si  cette  premiere  periode  d'activite  avait  bien  mis  en  evidence  I'interet  energetique  du  stato¬ 
reacteur  pour  le  vol  supersonique ,  elle  avait  aussi  revele  des  points  faibles  comme  la  compacite  insuffi- 
sante  du  propulseur,  due  a  la  configuration  bi-etage,  la  sensibilite  de  la  combustion  au  declenchement 
d ' i ns  tab i I i t es ,  incompatibles  avec  les  structures,  dans  certaines  conditions  de  fonct ionnement ,  et, 

surtout  la  necessite  d'integrer  profondement  le  moteur  a  I'ensemble  de  la  cellule  pour  obtenir  la 
trainee  minimalc  du  vehicule  ( I 'acceleration  fournie  par  un  statoreacteur  est  tres  inferieure  a  celle 
d '  un  moteur-fusee )  t  d'autre  part,  cette  derniere  sujetion  avait  conduit  a  concevoir  la  plupart  des 

engins  experimentaux  avec  un  corps  principal  a  passage  d'air  annulaire,  peu  propice  a  une  utilisation 

operationnelle. 


Le  moment  d'une  seconde  generation  de  statoreacteurs  supersoniques  etait  venu  :  I ' accelerateur  et 


le  statoreacteur  devaient  etre  combines  et  la  configuration  du  missile  profondement  remaniee. 


2.2  Avions  a  moteurs  combines  turbo-stato 


L'interet  d'un  tel  couplage  est  d'autant  plus  evident  qu'il  s'adresse  a  un  avion  hautement  super- 
sonique,  puisque  le  turboreacteur  assurera  tou jours  aiseroent  les  fonctions  de  decollage,  d 'acceleration 
initiale,  puis  d'atterrissage,  tandis  que  le  statoreacteur  verra  son  efficacite  d'autant  plus  confirmee 
que  la  vitosse  recherchee  sera  elevee. 

2.2.1  Avions  LEDUC  022 

Ce  fut  le  premier  avion  combine  turbo-stato,  prevu  pour  le  supe'-sonique  a  Mach  2  j  il  etait  equipe 
d'un  reacteur  ATAR  101  F,  installe  coaxialement  au  statoreacteur,  avec  entree  d'air  et  ejecteur 
communs  |  il  vola  en  19'56  en  faisant  la  preuve  de  sa  souplesse  au  cours  de  nombreux  essais,  mais 
I'objectif  final  du  vol  supersonique  ne  put  malheureusement  pas  etre  atteint. 

La  Figure  10  montre  la  configuration  de  1 'avion  et  rappelle  aussi  son  predecesseur ,  subsonique,  le 
LEMJC  010,  qui  de  1949  a  1956  vola  parfaitement,  en  atteignant  Mach  0,9  a  12  km  d'altitude. 


TUmOJET  NOZZU  COMMON  OUTLET 


Variable  geometry  Turtxilan  |  Mixer 
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Rxed-short 
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1965  combitwd  angina  with  turbofan  (Ground-taatad) 


Fig.  12  -  Evolution  of  tha  Nord-Aviatlon  comblnad  angina  for  aircraft 
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De  cette  disposition,  NORD-AVIATION  esperait  beneficier  d'une  trainee  minimale  et  des  qualites 
propres  aux  deux  moteurs  en  fonction  du  domaine  de  vol,  c'est-a-dire  : 

-  du  turboreacteur  pour  les  faibles  vitesses  Juqu'au  supersonique  tnodere, 

-  du  statoreacteur  pour  les  vitesses  en  supersonique  moyennement  eleve. 

Un  autre  avantage  etait  que  la  necessite  d'un  turboreacteur  efficace  a  fort  Mach  n'existait  plus  ; 

au  contraire,  il  etait  plus  indique  de  1 'adapter  au  vol  a  basse  vitesse,  et  de  le  reduire,  voir  de  le 

stopper,  a  Mach  eleve. 

C'est  bien  ce  qui  fut  realise  avec  le  GRIFFON  2  qui  atteignit  M  =  2,19  a  l8  500  metres  en  montee 
acceleree  (record  mondial  de  vitesse  ascensionnelle),  avec  une  poussee  excedentaire  qui  lui  aurait 
permis  d'atteindre  Mach  2,5,  si  la  cellule  n'avait  pas  ete  thermiquement  limitee  a  Mach  2,2,  tandis  que 
le  reacteur  ATAR  101  E3  etait,  lui,  prevu  pour  un  Mach  maximal  de  1,8. 

Remarquons  aussi  que  la  reduction  de  regime  du  turboreacteur  a  vitesse  elevee  permettait  de  dimi- 
nuer  la  fatigue  thermique  des  parties  chaudes. 

La  Figure  13  montre  des  caracteristiques  de  fonctionnement  du  combine  ;  d'une  part,  le  rapport  des 
debits  d'air  avale  par  le  turbo  et  le  stato  en  fonction  du  Mach  (13a)  et  d'autre  part  le  pourcentage  de 
poussee  du  stato  qui  atteignait  80  %  a  Mach  2  (13b). 
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■  Porformaneos  of  Nord-Avlatlon  1500  ’GRIFFON  2*  aircraft 


L'operation  fut  tres  reussie  et  le  oRIFFON  2  effectua  330  vols  entre  1957  ef  196l)  s'attribuant 
aussi  un  record  mondial  de  vitesse  en  circuit  ferme  sur  100  km,  prouvant  ainsi  sa  haute  manoeuvrabilite . 

Par  la  suite,  riche  de  cette  experience,  NORD  AVIATION  prepara  le  lancement  d'un  nouveau  prototype, 
en  utilisant  cette  fois  un  turboreacteur  a  double  flux,  1 'entree  d'air  et  I'ejecteur  devenant  a 
geometric  variable  (Figure  12b). 

Cette  etude  fut  proposee  aux  Services  Officie.s  Americains  qui  envisageaient  de  I'appliquer  a  un 
transporteur  commercial  supersonique,  ou  a  un  intercepteur  pour  I'USAF,  pour  Mach  3- 

Le  programme,  entre  I960  et  1965,  fit  I'objet  d'etudes  theoriques  et  experimentales ,  au  sol,  sur 
les  entrees  d'air  et  la  tuyere  variables,  la  chambre  de  combustion  et  les  interactions  entre  flux 
primaire  et  secondaire.  Un  domaine  de  fonctionnement  allant  jusqu'a  Macli  4  a  30  km  d'altitude,  fut 
valide  avec  de  tres  bonnes  performances  par  des  essais  au  sol,  mais  le  pro jet  ne  requt  pas  d 'appl ication 
et  les  travaux  s'arreterent  la. 

2 . 3  Combine  statoreacteur  et  fusee,  monoetage,  pour  missile  supersonique  (principe  du  statofusee ) 

En  1072,  I'ONERA  examinait  une  solution  simple  de  moteur  combine  pour  missile,  associant  une  fusee 
et  un  statoreacteur  dans  la  raeme  structure  ;  I'etude  visait  une  aiplication  en  supersonique  moyen 
(Mach  3).  repondant  ainsi  a  1 'evolution  des  souhaits  des  militaires  pour  disposer  d'un  propulseur  plus 
compact  et  plus  performant  que  la  fusee,  tout  en  presentant  une  simplicite  cquivalente. 

La  configuration  proposee  (Figure  14b)  comportait  une  fusee  acceleratrice  a  poudre  et  un  stato¬ 
reacteur,  en  tandem,  qui  debnuchaient  dans  une  tuyere  annulaire  bi-fonction  :  le  conduit  interne  corres- 
pondait  a  la  fusee  et  celui  annulaire  au  statoreacteur. 

Cette  solution  presentait  des  avantages  de  compacite  evidents  par  rapport  au  statoreacteur  bi~etage 
^  accelerateur  largable. 

Pe  plus,  la  nouvelle  disposition  avec  les  quatre  entrees  d'air  laterales  representait  un  avancement 
majeur  dans  1  '  ut  i  1 i sat  ion  oper at ionne 1 1 e  du  statoreacteur,  en  offrant  une  access i bi 1 i t e  et  une  possibi- 
lite  de  conception  modulaire  i ncomparabl ement  superieures  a  cel les  du  missile  a  entree  frontale. 

En  associant  a  ce  moteur,  un  generateur  de  gaz  combustible  pour  le  st.ito,  on  obtenait  aussi  une 
meilleure  compacite  que  celle  du  statoreacteur  a  kerosene,  et  on  f ranch i ssa  i  t  une  nouvelle  etape  vers 
1 'extreme  simplicite  (absence  de  systemes  de  pressurisat ion,  chasse,  regulation  et  injection  d'un 
1 iquide ) . 
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Gaigemrator  Booster  mia  la  tanlat  combustor 


Ducted  rocket  with  efectable  nozzle  and  port  covers 
(KBodem  solution) 


Gas  generator  Booster  Combustor 


Ducted  rocket  with  annular  nozzle 
(1970  solution) 


Fig.  14  -  integral  boost  ducted  rocket 
(rocket-ramiet  combined  engine) 


En  resume,  la  solution  proposee  constituait  un  statoreacteur  a  accelerateur  integre  que  I'on  peut 
comparer  a  la  formule  actuelle  (Figure  14a)  oil  la  chambre  stato  devient  bivalente  en  recevant  le  bloc  de 
1 ' accelerateur ,  disposition  plus  compacte  mais  necessitant  generalement  des  pieces  ejectables  ou  mobiles 
comme  :  des  volets  d'obturation  des  entrees  d'air  pendant  le  phase  acceleree,  des  opercules  ejectables 
obstruant  temporairement  les  orifices  d'entree  d'air  dans  la  chambre,  et  une  tuyere  d' accelerateur 
largabie. 

Les  avantages  suivants  etaient  revendiques  du  statofusee  en  tandem  : 

-  pas  de  pieces  ejectables 

-  pas  de  trainee  supplementaire  due  aux  entrees  d'air,  puisque  celles-ci  restaient  ouvertes  pendant 
1 'acceleration  )  pas  de  risque  de  pompage  non  plus 

-  possibilite  de  fonct ionnement  siraultane  des  deux  propulseurs 

-  grande  securite  a  I'allumage  du  generateur,  les  gaz  debouchant  dans  une  chambre  ouverte 

-  gain  de  longueur  avec  la  tuyere  annulaire  qui  ne  demandait  qu'une  longueur  d'un  tiers  de  calibre. 

Des  essais  de  principe  sur  une  maquette  complete  de  diametre  200  mm,  montee  en  jet  libre  dans  la 
soufflerie  Sj  de  Modane,  pour  des  conditions  siraulees  M  =  2,  Z  =  1  km,  furent  entrepris  (Figure  15). 


Nozzle  streamlines 
study  in  wind*tunnel 


Rocket  ramjet  model  in  S3  wind  tunnel 
atM  =  2  Z  =  1km 


Tima  (vac) 

Evanta 

0 

Wind  tunnel  start 

8 

Gas  generator  ignition 

8 

Supply  of  45-bar  air 

(booster  simulation) 

12 

Ramjet  ignition 

16.5 

End  of  compressed  air  supply 

(simulation  of  transition) 

75 

End  of  ramjet  operation 

100 

Wind  tunnel  stop 

RMuto  •  No  Intoraction  botwaon  rockot 
a  ramjot,  during  accoWration. 
-Acqulrad  apaclflc  linpulaa  =  1200a. 


Fig.  15  -  Annular  nozzio  ductod  rockot 
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Ils  avaient  pour  but  : 

-  de  verifier  le  principe  d 'integration  de  J 'accelerateur,  en  particulier  pendant  la  phase  de 
transition  ou  les  deux  propulseurs  fonctionnaient  ensemble 

-  de  determiner  les  performances  du  statoreacteur  avec  la  tuyere  annulaire. 

Les  essais,  reussis,  revelerent  une  Impulsion  volumique  superieure  a  celle  du  kerosene,  tandis  que 
la  tuyere  annulaire  montrait  une  efficacite  comparable  a  celle  du  convergent-divergent  classique. 

Ces  resultats  validaient  le  principe  du  combine  statofusee  a  tuyere  annulaire. 

En  resume  de  cette  premiere  periode,  les  bases  du  vol  supersonique  avec  le  state  avaient  ete 
etablies,  grace  aux  nombreuses  etudes  theoriques  et  experimentales  ;  les  concepts  proposes  etaient 
valides,  avec  des  resultats  tres  etendus,  comme  le  montre  la  figure  16,  domaine  explore  en 
Mach! altitude  ;  d'un  autre  cote,  certaines  difficaltes  etaient  rehaussees,  ou  revelees,  comme,  par 
exemple,  le  reglage  pointu  du  statoreacteur  entrafne  par  sa  faible  acceleration,  son  manque  de 
compacite,  et,  pour  les  missiles  surtout,  1  'inaptitude  d'une  cellule  a  passage  d'air  annulaire  a 
satisfaire  les  exigences  operationnelles  ;  egalement,  le  reglage  de  la  combustion  se  revelait 
difficile  en  1  'absence  de  modeles  de  reference,  et  exigeait  des  moyens  d 'essais  importants  et  tres 
specialises  ;  mais  des  progres  notables  etaient  en  cours,  avec  1 'apparition  de  la  configuration  a 
entrees  d'air  et  manches  laterales  et  celle  de  I'accelerometre  integre.  Quant  aux  avions  a  combine 
turbo-stato  de  la  classe  Mach  212,5,  leur  interet,  malgre  les  brillants  resultats  obtenus,  etait 
insuffisant  face  au  developpement  rapide  du  turboreacteur. 

Cependant,  la  maftrise  demontree  dans  tous  ces  domaines,  ouvrait  la  voie  vers  I'hyper- 
sonique,  qui  paraTssait  a  I'epoque  etre  I'evidente  et  naturelle  continuite. 


Z(kin) 


Fig.  16  -  Ramjet  In-flight  tasted  area  from  1950  to  1974 


.3.  Travaux  sur  le  statoreacteur  hypersonique  (1966-1974) 

Des  le  debut  des  annees  1960,  en  France,  et  a  I'ONERA  en  particulier,  avait  ete  mis  en  evidence 
1 'interet  energetique  du  statoreacteur  pour  les  grandes  vitesses. 

Sur  la  Figure  17,  on  volt  que  1 'hypersonique  modere  (Mach  6)  peut  etre  atteint  avec  le  stato¬ 
reacteur  a  combustion  subsonique  ou  supersonique  )  c'est  le  domaine  de  transition  entre  les  deux  types 
de  combustion  que  I'ONERA  a  evalue  a  cette  epoque,  en  proposant  le  statoreacteur  a  combustion  subsonique 
pour  un  missile  de  Mach  j/6  (operation  SCORPION),  puis  le  statoreacteur  a  combustion  evolutive  du 
subsonique  au  supersonique,  pour  un  domaine  voisin  de  Mach  3,5/7  (operation  ESOPE) . 


Fig.  17  -  Specific  Impelse  with  combined  engines 
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3- 1  Statoreacteur  Mach  3/6  a  combustion  subsotiique  (SCORPION) 

Vers  1970,  I'ONERA,  a  la  demande  des  Services  Officiels,  a  evalue  la  faisabilite  d'un  missile 
sol-air  longue  portee,  propulse  par  un  statoreacteur  a  combustion  subsonique,  accelerant  de  Mach  3  a  6, 
puis  volant  a  altitude  de  30  km  avant  1 ' interception  finale,  reclamant  une  manoeuvrabilite  tous  azimuts. 

L'etude  theorique  et  experimentale  qui  s'ensuivit  a  porte  sur  un  modele  propulse  par  un  stato¬ 
reacteur  a  kerosene,  comportant  un  accelerateur  a  poudre  en  tandem,  largue  a  Mach  3. 

Si  I'engin  bietage  etait  encore  conserve  (Figure  l8a),  par  centre  apparaissait  la  pour  la  premiere 
fois  la  configuration  a  entrees  d'air  et  manches  laterales,  deja  citee  sur  le  statofusee  monoetage,  de 
realisation  posterieure,  et  assurant  captation  d'air  et  portance  du  missile,  en  degageant  1 'avant, 
constitue  par  le  radome,  la  charge  militaire  et  le  reservoir  de  combustible  (Figure  l8b). 


AIR  BREATHING  MISSILE  ROCKET  BOOSTER 


0  -  0.5  m 


I'T' 


S.Sm 


■  latssiassfiss  m 


3.3  m 


2  -  stage  missile 


1 


Operational  lay-out  | 


INVERTED  KEROSENE  FLAME 
AIR  INTAKES  TANK  HOLDER 


RAMP  TRAP 


Fig.  18  -  Mach  6  SCORPION  ramjat 


Le  statoreacteur  moderne  etait  ne,  comme  allaient  le  demontrer  les  realisations  futures, 

Les  travaux  porterent  sur  : 

-  la  determination  des  entrees  d'air  pour  fonctionner  dans  le  domaine  Mach  3/6  avec  une  geometric 
fixe ,  compatible  avec  les  distorsions  rencontrees  en  phase  finale  manoeuvrante, 

-  l'etude  de  la  chambre  de  combustion,  a  tuyere  fixe,  dans  un  large  domaine  de  richesse,  et  en 
presence  des  distorsions  de  vitesse. 

De  la  maquette  experimentale,  realisee  en  calibre  200  mm,  on  tirait  deux  etudes  separees  : 

-  I'une  pour  la  mise  au  point  des  entrees  d'air,  en  soufflerie  classique  a  Mach  3,  puis  dans  la 
soufflerie  S4  de  Modane,  a  haute  enthalpie,  qui  aboutissait  a  la  definition  d 'entrees  d'air  bidimen- 
sionnelles  inversees,  tres  performantes  (Figure  19a), 

-  1 'autre  pour  la  mise  au  point  de  la  combustion,  en  conduite  forcee  sur  une  installation  de 
Palaiseau,  egalement  a  haute  enthalpie,  mais  en  air  vicie,  qui  se  traduisait  par  le  choix  d'un  systeme 
d 'accroche-f lamme  mecanique,  compatible  avec  le  domaine  de  vol  simule  et  les  distorsions  importantes  de 
I'ecoulemcnt  (Figure  19b). 

Les  travaux  se  terminaient  ensuite  par  une  synthese,  ou,  reunissant  aerodynamique  et  combustion  sur 
une  maquette  pour  jet  libre,  essayee  a  S4  (Figure  l8c),  les  resultats  montraient  que  les  specifications 
etaient  bien  tenues  et  que  le  projet  constituait  une  avancee  importante  dans  le  domaine  du  statoreacteur 
hypersonique . 

3 •  2  Combine  stato  a  double  mode ,  Mach  3.  S/7-^  ( ESOPE) 

En  1962,  les  Services  Officiels  avaient  demande  a  NORD-AVIATION  d'etudier  la  faisabilite  d'un 
planeur  hypersonique,  capable  de  vols  sustentes  sur  de  longue  duree  a  haute  altitude,  pour  un  Mach 
superieur  a  7,  pro jet  baptise  VERAS  pour  lequel  une  structure  experimentale  avait  ete  qualifier  par  des 
essais  au  sol . 
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(S) 


Combustor 

psrformsncss 


Flfl.  19  -  SCORPION  ramjst  Intsrnal  psrformsncss 


Quelques  annees  plus  tard,  I'ONERA  proposa,  a  titre  de  recherche  prospective,  d'associer  a  ce 
projet  un  statoreacteur  a  double  mode,  combustion  subsonique,  puis  supersonique  dans  la  meme  chambre, 
pour  constituer  un  vehicule  capable  d'effectuer  des  missions  de  Mach  3,5  a  7  et  plus  (Figure  20a),  soit 
qu'il  s'agisse  d'un  eventuel  avion  hypersonique  ou  d'un  lanceur  aerobie  reutilisable  :  ce  fut  le  projet 
F,S0PE. 

L'interet  de  la  configuration  residait  dans  la  possibilite  de  disposer  le  propulseur  en  nacelle, 
comme  le  montre  la  Figure  20b,  sous  I'intrados  de  I'aile,  afin  de  profiter  de  la  recompression  engendree 
par  le  choc  de  bord  d'attaque,  la  prise  d'air  beneficiant,  en  plus,  d'une  alimentation  peu  sensible  au 
champ  aerodynamique . 

line  premiere  etude  avait  montre  que  de  bonnes  performances  pouvaient  etre  atteintes  avec  un  stato¬ 
reacteur  a  geometric  fixe  (la  geometric  variable  aurait  entraine  des  difficultes  technologiques  redhibi- 
toires),  fonctionnant  successivement  en  combustion  subsonique,  puis  supersonique,  pourvu  que  le  Mach 
d’adaptation  de  la  prise  d'air  soit  choisi  pour  assurer  un  compromis  optimal  sur  I’ensemble  de  la 
mission  (Figure  21a)  )  les  deux  modes  de  fonctionnement  etaient  obtenus  par  deplacement  des  points 
d'injection  (Figure  20a). 


DUAL  MODE  RAMJET  OPERATION } 


Angle  of  attack 


UNDERWING  POD 
SUPERSONIC  RAMJET 


Fig.  20  -  ESOPE  concept 

Mais,  cette  etude  revelait  aussi  des  incertitudes  de  fonctionnement  de  ce  statoreacteur  telles  que 
I 'auto-al lumage  du  melange  air/hydrogene  non  assure  pour  Mach  5,5  et  aussi  des  pertes  de  performances 
vers  Mach  6  oil  la  superiorite  de  la  combustion  supersonique  n'est  pas  encore  etablie,  de  sorte  que  le 
concept  evolua  vers  celui  dit  de  la  combustion  a  transition,  oil  pour  cette  vitesse  de  Mach  6,  la  zone 
amonf  est  le  siege  d'un  ecoulement,  tres  strat i f ie  (melange  subsonique  eleve  et  supersonique),  tandis 
que  la  vitesse  sonique  est  atteinte  plus  loin,  par  un  col  thermique  et  que  la  combustion  se  poursuit 
au-dela  en  supersonique  i  aux  vitesses  superieures  a  Mach  7,  la  combustion  est  entierement  supersonique . 

Le  pro  jet  fut  done  reoriente  suivant  ce  processus  de  combustion,  comportant  trois  phases  : 

-  combustion  subsonique  de  Mach  3, 5  a  5  environ. 
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-  combustion  de  transition  entre  Mach  5  et  7, 

-  combustion  supersoniqiie  pour  les  Mach  superieurs  a  7- 


Fig.  21  -  ESOFE  princIplM 


Des  techniques  d 'opt imisat ion  sous  contraintes,  utilisant  des  principes  variationnels  appliques  a 
la  dynalpie  de  sortie  et  a  la  loi  de  combustion  ont  ete  mises  en  oeuvre  par  F.  HIRSINGER  [8]  >  elles  ont 
montre  I'interet  de  realiser  la  partie  subsonique  de  la  combustion  dans  une  zone  cylindrique  a  1 'amont 
du  foyer,  le  col  thermique  s'accrochant  a  la  cassure  entre  cette  zone  et  le  debut  du  divergent, 
configuration  egalement  favorable  pour  la  combustion  supersonique  j  de  plus,  la  presence  d'une  marche  a 
1 'entree  de  la  partie  cylindrique,  augmentant  brutalement  la  section  de  passage  a  la  sortie  du  diffu- 
seur,  permettait  d'accroitre  notablement  I'apport  de  chaleur  dans  la  zone  subsonique  (Figure  21b). 

De  ce  vaste  pro jet,  seule  une  partie  fut  realisee  :  d'une  part,  1 'etude  et  les  essais  en  soufflerie 
de  la  prise  d'air,  et,  d' autre  part,  des  essais  de  combustion,  en  conduite  forcee,  du  moteur  en  regime 
de  transition. 

-  Pour  1 'entree  d'air,  les  essais  furent  effectues  en  soufflerie,  entre  Mach  3,5  et  7,  avec  un  Mach 
d'adaptation  de  3,5  et  de  4,  cette  derniere  valeur  etant  finalement  retenue. 

A  Mach  6,  le  Mach  interne  de  fin  de  recompression  etait  alors  d'environ  2,4. 

-  Pour  le  moteur,  des  essais  partiels  avaient  d'abord  ete  menes  sur  les  bancs  d'essai  de  Palaiseau, 
afin  de  mettre  en  evidence  la  combustion  de  transition  )  ensuite,  1 'experimentation  s'est  portee  vers  la 
soufflerie  a  haute  enthalpie  S4  de  Modane,  capable  de  simuler,  en  pression  et  en  temperature,  un 
ecoulement  de  Mach  6  avec  de  I'air  non  vicie. 

Cependant,  I'essai  en  conduite  forcee  etant  limite  a  la  chambre  de  combustion,  le  montage  fut 
effectue  avec  une  tuyere  supersonique  annulaire  directement  reliee  a  la  chambre  et  assurant  les  condi¬ 
tions  de  fin  de  recompression,  soit,  un  Mach  de  2,4,  une  temperature  generatrice  voisine  de  1  600  k, 
une  pression  totale  d'environ  15  bar,  avec  un  debit  d'air  de  5  kg/s  (Figure  22). 


Dynamometer  Ftowmeter 


Fig.  22  -  S4  wind-tunnel  hypersonic  combustion  testing 


Au  raccordement  entre  tuyere  et  chambre,  un  decouplage  mecanique  de  la  structure  autorisait  la 
mesure  de  la  force  axiale  s'exerqant  sur  le  foyer,  a  I'aide  d'un  dynamometre,  permettant  ainsi,  apres 
les  corrections  convenables,  le  calcul  de  la  poussee  du  moteur. 
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Avec  I'hydrogene  gazeux,  retenu  pour-  ses  bonnes  proprietes  energetiques,  la  stabilisation  de  la 
flamne  etait  recherchee  par  decollement  de  la  couche  limite  avec  les  jets  parietaux  de  combustible  ainsi 
que  par  I'effet  de  sillage  de  ces  jets  \  1 'injection  etait  composee  de  deux  rampes,  I'une  avec  des 

orifices  resserres  et  de  faible  diametre  et  1 'autre  avec  des  orifices  plus  ecartes  et  de  diametre  plus 
important,  solution  de  compromis  melangeant  jets  a  forte  et  a  faible  penetration  repartis  sur  les  faces 
interne  et  externe  du  canal  annulaire  (Figure  23a). 

La  raaquette  avait  un  diametre  Je  420  mm  (Figure  23b)  et  les  conditions  simulees  furent  les 
suivantes  :  . 

-  altitude  :  25  a  2Q  km 

-  nombre  de  Mach  de  vol  :  5, 5  a  6 

-  temperature  generatrice  :  de  I  550  a  1  670  k 

des  mesures  portaient  principalement  sur  les  pressions  statiques  de  paroi  et  les  resultats  obtenus  sont 
representes  sur  la  Figure  24. 


A  A  injection  (high  penetration)  O  E  injection  (low  penetration) 


injection  pattern 


Rear  part  of  the  modei  for 
thrust  measurement 


FI9.  23  -  Trantitlon  combustion  tost  modol 


FI9.  24  -  Prossuro  profits  along  combustor 


Le  profil  de  pression  montre  un  desamor<;age  partiel  de  I'ecoulement  amont ,  par  ailleurs  fortemenl 
stratifie.  fji  aval  de  la  marche,  une  zone  de  combustion  subsonique  a  Mach  eleve  est  mise  en  evidence  et 
le  col  thermique  est  franchi  tres  exactement  en  debut  de  divergent. 

Le  code  de  depoui 1 1 eroent  a  permis  d'acceder  aux  differents  parametres  de  I'ecoulement,  et  de  calcu- 
ler  le  debit  de  combustible  brOle  dans  les  sections  successives  (Figure  25a)  !  cependant,  a  cause  de 
I 'heterogeneite  de  I'ecoulement,  le  calcul  ne  devient  realiste  que  vers  la  fin  de  la  zone  de  transition. 

La  Figure  25b,  qui  montre  I 'evolution  de  ce  debit  de  combustible  brule  en  function  du  nombre  de 
Mach  dans  le  foyer,  fait  apparaltre  le  partage  entre  les  deux  types  de  combustion. 
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Fig.  25  -  Transition  combustion  procass 


Quant  a  la  poussee  issue  de  la  mesure  dynamometrique,  elle  put  etre  calculee  avec  une  precision  de 
1  'ordre  de  2  %. 

En  resume,  cette  etude  a  montre  la  faisabilite  du  statoreacteur  a  combustion  de  transition,  avec 
une  injection  gazeuse  d 'hydrogene  s  a  Mach  6,  1' impulsion  specifique  etait  de  1' ordre  de  2  500  secondes 
et  le  rendement  de  combustion  de  0,80  en  regime  stoechiometrique  (Figure  26). 


Fig.  26  -  Combustion  psrformanca  results 


Ces  performances,  acc^uises  avec  une  geometrie  fixe,  approchaient  celles  du  statoreacteur  a  combus¬ 
tion  subsonique  avec  geometrie  variable  i des  etudes  et  essals  complementaires  auraient  ete  necessaires 
pour  ameliorer  le  rendement  de  combustion,  par  exemple  en  programmant  la  repartition  de  1' injection  en 
fonction  de  la  vitesse  de  vol. 

La  poursuite  vers  des  Mach  superieurs,  au-dela  de  la  combustion  de  transition  (M^  7),  aurait 
necessite  des  temperatures  generatrices  plus  elevees,  tou jours  avec  de  I'air  pur,  qui  ne  pouvaient  pas 
etre  envisagees  a  I'epoque,  ni  a  S4>  ni  ailleurs. 

II  en  resulta  que  les  travaux  s'arreterent  la,  avec  I'acquis  essentiel  d’une  maitrise  certaine  de 
la  combustion  evolutive  entre  le  subsonique  et  le  supersonique . 


4-  Conclusion 


Si  la  multiplicite  des  etudes  de  statoreacteur  et  de  moteurs  combines,  en  France,  de  1950  a  1974, 
n'engendra  au  cours  de  la  decennie  suivante  que  le  seul  programme  operationnel  ASMP,  malgre  le  consensus 
general  sur  I'interet  energetique,  nul  doute  que  le  succes  de  cette  operation  n'ait  ete  largement 
prepare  par  les  travaux  anterieurs. 

Pour  1 ' hypersonique ,  les  moteurs  aerobies  seront  certainement  utilises  dans  I'avenir  5  cette 
perspective  rend  utile  le  rappel  des  resultats  acquis  il  y  a  20  ans,  sans  omettre  les  difficultes, 
intrinseques  aux  principes,  dont  la  plupart  subsistent  toujours. 

En  quelques  lignes,  evoquons  done  le  bilan  des  activites  passees.  En  premier  lieu,  le  domaine 
d'emploi  des  systemes  (stato  a  combustion  subsonique,  turboreacteur ,  turbostato,  statoreacteur  a  combus¬ 
tion  supersonique)  fut  etudie  et  defini  avec  precision. 

-  Pour  le  statoreacteur  a  combustion  subsonique,  la  methodologie  fut  etablie  :  calculs  theoriques, 
choix  d'es  conf  igurat  ions ,  interet  des  combustibles  solide  et  liquide,  choix  des  entrees  d'air,  organi¬ 
sation  de  la  rhambre  de  rnmhiistion^  ’"oyer.s  d'essais  en  conduite  torcee,  eventuel  1  ement  en  jet  libre, 
essais  en  vol  :  tous  ces  travaux  aboutirent  a  rendre  parfaitement  coherente  la  confrontation  theorie- 
experience . 

De  tout  cela,  on  put  degager  une  reflexion  pour  I'avenir  et  etablir  les  regies  de  conception  du 
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statoreacteur  moderne  pour  missile,  compact  et  adapte  aux  exigences  operationnelles . 

-  Dans  le  domaine  des  moteurs  combines  pour  avions,  ou  lanceurs,  ie  concept  du  turbostato  fut 
etudie  et  sa  faisabilite  obtenue,  en  vol,  jusqu'a  Mach  2.2  (  pour  les  Mach  plus  eleves,  les  etudes 
montrerent  qu'une  geometrie  profondement  variable  de  1 'entree  d'air  et  de  I'ejecteur  etait  necessaire, 
engendrant  ainsi  une  complexite  technologique  du  vehicule  considerable,  tandis  que  la  mission  restait  a 
elaborer  et  I'interet  a  demontrer. 

-  Pour  le  statoreacteur  hypersonique ,  une  premiere  approche  fut  faite  avec  1 'etude  d'un  raoteur  a 
geometrie  fixe,  capable  d'evoluer  de  Mach  J,  5  a  7,  en  combustion  successivement  subsonique  puis  super- 
sonique . 

Des  calculs  generaux  furent  effectues  sur  les  systemes  aerobies  utilisant  1 'hydrogene  dont 
I'interet  energetique  etait  a  mettre  en  balance  avec  la  faible  compacite,  les  temperatures  de  combustion 
elevees,  les  materiaux  pour  les  hautes  temperatures,  etc  ... 

En  plus,  1 'importance  rapideroent  prohibitive  des  moyens  d'essais  necessaires,  lorsque  le  calibre 
et  le  domaine  de  Mach  augmentent,  etait  raise  en  lumiere. 

Cependant,  le  pro jet  ESOPE  demontra  bien  la  faisabilite  de  la  combustion  supersonique  avec 
1 'hydrogene  et  I'interet  du  passage  par  la  combustion  de  transition,  avec  des  performances  interessantes . 

Ces  resultats  et  les  methodes  developpees  pour  les  obtenir  devraient  constituer  un  apport 
appreciable  dans  1 'etude  des  propulseurs  hypersoniques  de  I'avenir. 

La  Figure  27a  montre  une  synthese  du  domaine  de  Mach  experimentalement  balaye  a  I'epoque,  en 
function  de  1 'altitude  de  vol  et  du  concept  propulsif  utilise. 

Ijrifin,  la  Figure  27b  exprime,  a  titre  d'exemple,  I'une  des  difficultes  de  1  '  hypersonique ,  avec  la 
rapide  croissance  de  la  sensibilite  des  performances  des  aerobies  lorsque  le  Mach  augmente,  rappelant 
aux  concepteurs  d 'aujourd 'hui  les  considerables  difficultes  auxquelles  ils  se  heurteront,  en  hyper¬ 
sonique,  pour  I'evaluation  precise  du  bilan  poussee-traxnee .  De  nombreuses  recherches  au  sol,  a  I'aide 
de  moyens  d'essais  realistes,  actuellement  quasi-inexistants,  devront  etre  associees  a  des  experiences 
fondamentales  en  vol  pour  verifier  la  validite  des  modeles,  avant  de  pouvoir  etablir  la  credibilite  des 
eventuels  futurs  concepts  operationnels  hypersoniques. 
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1.0  Summary 

A  computationally  efficient,  real-time  trajectory  optimization  and  guidance  approach  for  hypersonic 
aircraft  is  described.  The  optimization  algorithms  compute,  in  flight,  minimum  fuel  trajectories  within 
constraints  from  the  current  aircraft  position  to  its  final  destination.  In  flight  trajectory  computation  can 
provide  a  high  degree  of  vehicle  autonomy  which  could  greatly  reduce  aircraft  ground  support  costs. 

The  optimization  approach  is  based  on  Euler-Lagrange  theory  and  energy-state  approximations.  A 
three-dimensional,  spherical  earth,  aircraft  motion  model,  with  constraints  on  temperature,  dynamic 
pressure  and  stall,  is  employed.  An  exact  optimal  iterative  solution  method  and  an  approximate  closed- 
form  feedback  solution  method  are  developed.  In  the  exact  approach,  solutions  are  computed  by 
iteration  on  adjoint  constants.  Each  iteration  requires  a  complete  forward  trajectory  integration.  In  the 
approximate  closed-form  feedback  approach,  the  adjoint  constants  are  expressed  in  terms  of  the  states. 
No  forward  trajectory  calculations  are  required,  thus,  the  computations  are  minimal.  Minimum-fuel 
climb  to  orbit,  powered  abort,  and  unpowered  abort  trajectories  are  computed  with  both  methods.  The 
approximate  closed-form  feedback  solution  closely  matches  the  optimal  iterative  solution. 

A  computationally  efficient  method  for  generating  unpowered  descent  footprints  is  also  described. 
Footprints  are  used  to  identify  candidate  landing  sites  under  an  engine  failure  or  other  emergency 
conditions,  and  to  initiate  final  descent.  A  hypersonic  vehicle  guidance,  navigation  and  control 
configuration  employing  the  optimal  closed-form  feedback  guidance  and  the  footprint  generator  is 
described. 

This  research  was  sponsored  by  the  Air  Force  Wright  Research  and  Development  Center  (WRDC). 

2.0  Nomenclature 


a 

= 

Speed  of  sound 

Wf 

= 

Weight  of  fuel 

Ac 

= 

Cowl  area 

X 

= 

State  vector 

= 

Normal  acceleration 

z 

= 

Roll  control  variable  (z  =  tano) 

Ca 

= 

Capture  area 

e 

= 

Longitude 

CdO 

= 

Parasite  drag  coefficient 

«  ♦ 

= 

Crossrange  position 

Iq 

= 

Lift  curve  slope 

a 

= 

Angle  of  attack 

8e 

= 

Elevator  deflection 

D 

E 

Fz 

= 

Drag 

Specific  energy 

Normal  forces 

o 

Y 

Roll  angle 

Flight  path  angle 

Fz 

Horizontal  forces 

= 

Energy  adjoint 

g 

= 

Gravity 

= 

Longitude  adjoint 

h 

= 

Altitude 

Xy 

= 

Heading  adjoint 

Isp 

= 

Specific  impulse 

h 

= 

Latitude  adjoint 

k 

= 

Induced  drag  coefficient 

= 

Fuel  adjoint 

L 

m 

— 

Lift 

Mass 

p 

= 

Density 

M 

Mach  number 

X 

Engine  throttle 

Q 

= 

Dynamic  pressure 

Ve 

Heading  angle  error 

Rtg 

= 

Range  to  go 

Re 

= 

Equilibrium  glide  descent  range 

Rc 

= 

Range  to  center  of  footprint 

S 

Wing  area 

Stg 

= 

Arc  length  to  go 

T 

= 

Engine  thrust 

Tmax 

Maximum  temperature 

t 

= 

Time 

u 

= 

Control  vector 

V 

= 

Velocity 

92-16979 
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3.0  Introduction 

A  key  requirement  of  optimizing  performance  and  operability  of  hypersonic  aircraft  is  the  ability  to 
generate  onboard  flight  trajectories  that  optimize  energy  management  in  response  to  mission  phase 
demands  and  contingencies.  The  goal  is  to  compute  these  trajectories  on  board  is  a  step  toward 
providing  the  autonomous  capability  required  for  hypersonic  vehicle  operations.  Past  space  vehicle 
programs  lacked  this  autonomy  and  consequently  required  complex  ground  support  services.  A  truly 
autonomous  aerospace  vehicle  would  greatly  reduce  this  associated  cost  by  providing  the  capability  to 
accommodate  takeoff  delays,  changing  mission  conditions,  low  fuel  conditions,  engine  failures,  and  other 
emergencies. 

The  flight  profile  for  a  flight  to  orbit  and  the  return  mission  are  shown  in  Figure  1.  The  goal  is  to  fly  to 
orbit  employing  a  single  stage.  Minimization  of  fuel  usage  and  avoidance  of  high  temperature,  high 
dynamic  pressure,  engine  flame-out,  and  stall  regions  are  required.  The  guidance  system  must 
accommodate  deviations  from  the  design  model,  such  as  aerodynamic  model  errors,  thrust  model  errors, 
and  atmospheric  model  errors,  and  external  disturbances  such  as  winds. 

Also,  the  guidance  system  must  accommodate  emergency  conditions  such  as  aborts  before  reaching 
orbit.  The  abort  could  be  due  to  a  power  loss  or  other  failure.  The  vehicle  must  be  returned  to  Edwards 
Air  Force  Base  or  to  an  alternate  landing  site  if  a  return  to  Edwards  is  not  possible. 

Automatic  guidance  may  be  required  because,  as  is  known,  unpowered  hypersonic  vehicles,  for 
example,  the  Space  Shuttle,  are  difficult  for  the  pilot  to  fly  in  the  high-spe^  regime.  Also,  it  is  expected 
that  it  will  be  difficult  for  the  pilot  to  fly  a  powered  aircraft  in  regions  where  there  are  a  number  of 
active  constraints. 

Based  on  these  requirements,  a  potential  configuration  for  the  guidance  system  is  shown  in  Figure  2. 


Single  Stage  to  Orbit  and  Return 


Velocity 


Requirements 

•  Minimize  fuel  usage 

•  Constrain  flight  to  within  flight 
corridor 

•  Compute  commands  on  board 

•  Accommodate  modeling  uncertainty 


Emergency  Situation:  Abort  during  Climb  to  Orbit 


Requirements 


Velocity 


•  Identify  all  possible  landing  sites 
(footprint) 

•  (Choose  best  landing  site 

•  Guide  to  chosen  landing  site 


1 


Figure  1.  Single  Stage  to  Orbit  and  Return  Mission  Requirements 


Onboard 

Guidance 


Figure  2.  Guidance  System  Configuration 
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4.0  Optimization  Problem  and  Solution  Approach 

The  objectives  of  this  problem  are  to  fly  from  a  given  latitude,  longitude,  altitude,  and  velocity  to  a 
specified  longitude,  latitude,  altitude,  and  velocity  using  the  minimum  amount  of  fuel,  and  to 
continuously  compute  in  flight  the  optimal  trajectories  between  the  changing  current  vehicle  state 
conditions  and  the  specified  final  state.  The  flight  regime  includes  Mach  numbers  from  0.5  to  25.  The 
optimization  problem,  then,  is  one  of  managing  kinetic,  potential,  thermal,  and  chemical  energy. 

The  solution  approach,  which  is  based  on  the  Euler-Lagrange  theory,  is  summarized  in  this  section.  The 
topics  covered  are; 

•  Mathematical  statement  of  the  optimization  criterion 

•  Mathematical  models  for  engines  and  aerodynamics 

•  Euler-Lagrange  optimization  theory 

•  Energy-state  approximations 

•  Equation  simplification 

•  Iterative  and  closed-form  solutions 

•  Final  descent  reformulation 

4.1  Optimization  Criterion — The  minimum-fuel  performance  objective  is  expressed  as 


J  =  Jwjdt 
0 

where  wf  is  the  weight  of  fuel.  Within  the  general  problem,  some  specific  problems  having  different 
end  conditions  are  addressed: 

•  Minimum  fuel  to  orbit 

•  Minimum-fuel  climb/descent  to  final  downrange  position 

•  Minimum  fuel  to  a  specified  downrange  and  crossrange  position 

4.2  Vehicle  Models — The  vehicle  configuration  and  coordinate  systems  are  defined  in  Figure  3. 


The  equations  of  motion  for  a  spherical,  nonrotating  earth  are 

V=— — -gsiny 

(-T, +  L)coso  ,  .cosy 
'  mV  R  ’  V 

(-T,  +  L)sino  V 

h  =  Vsiny 
Vcosycosy 
®  ~  Rcos0 
Vcosysin  w 

1.  = - ^  ;  R  =  Ro>h 
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The  states  are 

V  =  Velocity 

Y  =  Flight  path  angle 
y  =  Heading 

8  =  Longitude 

^  =  Latitude 

wf  =  Weight  of  fuel 

The  control  variables  are 

a  =  Angle  of  attack 
o  =  Roll  angle 
X  =  Engine  throttle 

The  aerodynamic  model  and  airbreathing  engine  model  are  based  on  the  generic  hypersonic 
aerodynamic  model  example  (GHAME)  (Reference  1).  The  GHAME  engine  model  is  of  this  form; 

T  =  IspKtXgpMaCaAc 

For  this  study,  the  GHAME  engine  was  modified.  The  Isp  curve  was  inverted  with  respect  to  throttle  and 
increased  in  magnitude. 

The  GHAME  aerodynamic  drag  (D)  and  lift  (L)  are  expressed  as 

D=QS[Cj3  +  K(^] 

L  =  QSC,(Ha) 


The  constraints  on  the  trajectory  variables  may  be  of  the  equality  or  inequality  type.  The  system  must 
operate  in  such  a  way  that  the  resulting  trajectory  does  not  violate  the  constraints.  Some  typical 
hypersonic  vehicle  constraints  are  shown  in  Figure  4.  The  plot  on  the  left  shows  some  of  the  constraints 
on  an  altitude-velocity  grid.  The  plot  on  the  right  shows  the  throttle  constraints.  The  flame-holding 
constraint  prevents  the  fuel-to-air  ratio  from  becoming  so  small  that  the  engine  ceases  operating.  It  is 
currently  assumed  that  the  engine  cannot  be  restarted  in  flight.  The  other  throttle  constraint  is  an 
active-cooling  constraint.  Fuel  flow  must  be  retained  if  active  cooling  is  employed. 

The  constraints  can  be  put  in  this  form; 

C(x,u,t)  <  0 


< 


3 

u. 


Minimum  Throttle  Constraints 


f 

Flame  / 

Holding  /  ^ 

I  /  \  Active 

I  ^ Cooling 


/ 


Mach  Number 


Additional  Constraints 

*  Maximum  fuel-to-air  ratio 

*  Maximum  angle  of  attack 

*  Maximum  acceleration 

*  Maximum  bank  angle 


Figure  4.  Typical  Fwm  of  Constraints 


4.3  Euler-Lagrange  Solution  Equations — The  solution  approach  used  is  the  Euier-Lagrange 
method.  The  general  statement  of  the  optimization  problem  and  its  solution  via  calculus  of  variations 
are  stated  below. 
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Minimize  the  performance  criterion  J, 

V 

J  =  jG(x,u,t)dt 
0 

subject  to  these  constraints: 

x=f(x,u,t)  ;  x(ig)  =  XQ 
C(x,u,t)  S  0 

The  solution  to  this  optimization  problem  is  the  following  set  of  Euler-Lagrange  equations. 

The  controls  are  found  by  minimizing  the  Hamiltonian: 

min  <H)j 
u 

The  Hamiltonian  is  given  by 
H  =  G  +  X^f 

The  adjoint  variables  X  are  given  by 


The  boundary  conditions  on  X  and  x  are  given  by  the  transversality  conditions 

[ndt-x^dx]  =0 

When  H  is  independent  of  time,  it  must  also  satisfy  H  =  0. 


Although  these  equations  specify  a  solution  in  principle,  the  actual  solution  is  still  quite  difficult  to 
obtain  because  a  two-point  boundary  value  problem  results.  In  a  two-point  boundary  value  problem, 
the  initial  conditions  on  the  state  variables  x(to)  are  specified  but  the  initial  conditions  on  the  adjoint 
variables  X(to)  are  not  specified  while  some  final  condition  may  be  specified.  The  set  of  equations  cannot 
be  directly  integrated  on  a  computer  because  an  initial  value  for  all  variables  is  required  to  start  the 
integration.  Additional  iterative  data  processing  techniques,  which  correct  errors  in  initial  guesses,  are 
required  to  solve  the  problem.  Even  with  elaborate  iteration  methods,  the  solution  may  not  converge 
because  of  the  extreme  sensitivity  to  the  adjoint  variables. 


4.4  Energy-State  Approximations — To  avoid  the  difficulties  mentioned  above,  an  approach  based 
on  simplifying  approximations  is  considered.  In  this  approach,  assumptions  and  simplifications  are 
made  to  reduce  the  number  and  complexity  of  the  adjoint  variables.  The  goal  is  to  eliminate  or 
significantly  reduce  the  difficulty  of  the  two-point  boundary  value  problem. 

In  the  energy-state  approximations  illustrated  in  Figure  5,  it  is  assumed  that  vertical  motion  has  higher 
frequency  dynamics  than  horizontal  motion.  This  assumption  is  similar  to  the  assumption  that  the 
attitude  dynamics  are  at  a  higher  frequency  than  the  positional  dynamics.  Ultimately,  both  assumptions 
imply  that  an  attitude  controller  and  a  vertical  motion  controller  are  supplied  where  the  control 
frequencies  of  the  successively  higher  dynamics  are  separated  by  a  factor  of  10.  They  and  h  differential 
equations  are  eliminated  and  replaced  by  their  equilibrium  conditions.  The  energy-state  equations  are 
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The  energy-state  assumptions  result  in  a  vertical  force  equality  constraint: 

Fi  =  L-Tj-mg  =  0 

This  equation  is  solved  for  h  for  given  values  of  a  and  it. 

Using  vertical  equilibrium,  the  maximum  acceleration  and  stall  inequality  constraints  become 


.5pV^S 


SC, 

^  Tm«  COSO 


S  a- 

COSO  ^  “nmax 


Energy-State  Approximations 

•  Neglect  higher  frequency  dynamics, 
both  vertical  and  moment 

•  Replace  with  equilibrium  condition 

Fz  =  0 


Figure  5.  Energy-State  Approximations 

4.5  Equation  Simplification — The  Euler-Lagrange  equations  can  be  simplified  as  follows. 

Analytical  Solution  to  Adjoint  Equation — Following  Vinh  (Reference  2),  an  analytical  solution  to  the 
adjoint  equation  is  determined  by 


=  CjSinG  -  CjCosG 

X^  =  CjSin4  +  ( CjCosG  +C3sin0)cos4 

Reformulation  of  Adjoint  Constants  of  Integration — The  adjoint  constants  are  expressed  in  terms  of  three 
other  constants  that  have  physical  meaning.  One  constant  is  eliminated  using  the  transversality 
condition  on  final  heading.  The  reformulation  approach  is  illustrated  in  Figure  6.  From  Vinh,  the  adjoint 
constants  form  a  vector  that  is  perpendicular  to  the  final  position  and  velocity  vector.  The  final 
condition  on  X^  (Xy  =  0)  has  been  used  to  eliminate  one  parameter.  The  constants  in  terms  of  the  new 
parameters  are 
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C,=cos^p)sv^o 

Cj  =  ( sinO^inYj  -  cos6^(^^osVf)CQ 
Cj  =  ( -  cosBjSiny^  -  sin6jSin4),cosYf)Cg 

Vf  is  the  final  heading  angle  and  Co  is  related  to  the  cruise  minimum-fuel  flow  rate. 


Elimination  of  the  Adjoint  Constant  Xe — The  adjoint  constant  A.e  is  eliminated  using  the  minimum 
principle  and  the  first  integral,  i.e., 

H(u*)  5  H(u*  +  Au)  ;  H  =  0 

where  u*  is  the  optimal  control  and  u*  Au  is  the  nonoptimal  control.  The  derivation,  which  is  presented 
in  Reference  3,  results  in  two  possible  operations  on  a  new  Hamiltonian  Ha.* 

T'fH.iu)]  ;  ifE>0 

”7[H.(u)];ifE<0 

The  new  Hamiltonian  is 


Vcosy  .  Vsiniy 
■0  RgCos<ti  ♦  Rg 


+ \,  I V  1+ X,  f- 


Selection  of  Extremum  Operation — The  elimination  of  the  adjoint  variable  A,e  results  in  two  possible 
extremum  operations.  The  condition  for  switching  between  extremum  operations  can  be  determined  by 
using  the  continuity  of  Xe  and  Xe  =  -min(Ha)  or  Xe  =  -max(Ha).  The  switching  condition,  which  is  derived 
in  Reference  3,  is 

max  (HJ.  =  min  (HJ. 

*^E<  0  *^E>0 

Typical  switching  conditions  are  shown  in  Figure  7.  The  starting  operation  is  still  unknown  at  this  point. 


z 


Figure  6.  Reformulation  of  Adjoint  Constants 


1.  Stan;  Pick 
Staning  Operation 


Velocity 


Figure  7.  Switching  Conditions  between  Maximum 
and  Minimum  Operations 
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General  Methods  to  Find  Extrema  of  the  Hamiltonian — The  optimal  controls  are  found  by  determining 
the  extrema  of  the  Hamiltonian  with  respect  to  the  controls: 

j  n]ax;E<0 

Extremum ;  Extremum  =  ]  ^ 
na  '■ 

Some  general  methods  to  find  the  extrema  are  shown  in  Figure  8. 


*  Gtidsearch 


•  Gradient  seardi 

u=u*+k-^ 

oU 

•  Analytical  maxima 


•  Approximadoiis 


-  Throttle  as  a  function  of 
Mach  number 

-  Constant  q 


•  Combinations  of  methods 


Figure  8.  Methods  to  Determine  the  Extrema  of  the  Hamiltonian 


4.6  Optimal  Solution  Methods — The  determination  of  the  adjoint  constants  Cq  and  Xy  and  the 
starting  extremum  operation  are  still  required.  Table  1  compares  two  solution  methods. 


Table  1.  Solution  Method  Comparison 


Optimal  Iterative  Solution 

Optimal  Closed-Form  Solution 

•  Adjoint  constants  selected  at  start 

•  Adjoint  constants  expressed  in  terms 
of  states 

•  Extremum  operation  selected  at  start 

•  Extremum  type  selected  using 
endpoint  location 

*  Controls  found  by  full  search  for 
extremum  of  Hamiltonian 

•  Controls  found  by  analytical  and 
simple  search  for  extrema  of 
Hamiltonian 

•  Requires  trajectory  integrations 

•  No  trajectory  integrations  required 

•  Adjoint  constants  updated  with 
terminal  misses 

*  Most  exact  solution 

•  Approximate  solution 

Iterative  Solution — The  optimal  iterative  solution  procedure  is  illustrated  in  Figure  9.  In  the  iterative 
solution,  yrand  Co  are  selected  at  the  start.  The  trajectory  is  then  integrated  to  the  end.  The  solution, 
however,  is  sensitive  to  Vf.  Ifvfis  not  correctly  chosen,  the  trajectory  diverges  near  the  end.  A  method 
employed  to  reduce  this  sensitivity  is 

ifiy t)l2lX^(t-x)l  ;  0  =  0 

Closed-Form  Solution — Closed-form  feedback  solutions  can  be  obtained  by  expressing  the  adjoint 
constants  in  terms  of  the  state  variables.  The  method  to  generate  closed-form  feedback  solutions  is 
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illustrated  in  Figure  10.  The  closed-form  solution  eliminates  the  need  to  iteratively  update  the  adjoint 
constants  and  to  forward  integrate  the  equations  of  motion.  Computations  are  performed  only  at  the 
current  energy  level.  The  optimal  controls  are  used  to  directly  control  the  real  vehicle. 

Exact  closed-form  solutions  can  be  determined  for  linear  equations  with  quadratic  performance 
measures.  However,  for  nonlinear  problems,  closed-form  solutions,  in  general,  are  difficult  to  find.  The 
hypersonic  aircraft  performance  problem  is  a  nonlinear  problem. 

Adjoint  Constant  Solution — ^The  solution  approach  for  adjoint  constants  is  to  express  Co  and  Vfin 
terms  of  the  states.  In  Reference  4,  the  adjoint  constant  Co  is  shown  to  be  related  to  the  negative  of  the 
cruise  minimum-fuel  flow  rate: 


-I-  K)1 

Cj*  -min  I  ;  F,=T,-D;  Fj  =  L-Tj-mg 

na  V  >F,=o 

F.  =  0 


Figure  9.  Optimal  Iterative  Solution  Procedure 


Commanded  Adjoint  Optimal 

Vehicle  Final  Constants  Connols 


Figure  10.  Optimal  Closed-Form  Feedback  Approach 


A  typical  plot  showing  the  line  of  best  cruise  points  and  the  values  of  Co  at  different  energy  levels  is 
shown  in  Figure  1 1 .  For  a  vehicle  that  has  the  fuel  flow  rate  decreasing  with  increasing  energy,  the 
range  is  increased  for  smaller  values  of  Co:  thus  the  value  of  Co  is  dependent  on  the  remaining  range. 
The  method  for  approximating  Co  from  the  current  states  is 
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where 

Cq  =  CunemCg 
Cq^  =  Final  Co 

=  Computed  range  traveled  during  unpowered  descent  (R^^Rc  +  ARc) 

R^  =  Range  to  go 

The  closed-form  solution  approach  for  determining  yr  is  to  express  it  in  terms  of  the  current  heading 
errors  (Ay)  and  the  angle  to  the  relative  position  vector  at  the  final  point  (ytf).  y f  is  made  equal  to  the 
sum  of  the  angle  to  the  relative  position  vector  at  the  final  point  (ytf)  and  a  gain  multiplied  by  the 
heading  angle  error; 

Vf  =  Vtf  +  lc.Ay 

The  current  heading  error  is  the  angle  between  the  current  velocity  vector  and  the  relative  position 
vector  (AR),  both  defined  in  Figure  12. 


Velocity 


Figure  11.  Closed-Form  Feedback  Solution  for  Figure  12.  Closed-Form  Solution  for  Adjoint 
Adjoint  Constant  Co  Constant  yf 


Logic  for  Selecting  the  Hamiltonian  Extremum  Operation — For  a  closed-form  feedback  solution, 
logic  to  select  the  type  of  starting  extremum  operation,  i.e.,  the  maximum  of  Ha  (energy  descent)  or  the 
minimum  of  Ha  (energy  climb),  is  required.  The  form  of  the  selection  logic  depends  on  the  location  of 
the  endpoint  with  respect  to  the  current  point  and  the  current  energy.  Logic  for  selecting  the  energy 
climb  or  energy  descent  is  shown  in  Figure  13. 

Three  flight  regimes  are  possible.  First,  if  the  endpoint  is  inside  the  no-power  descent  footprint  (a 
method  to  calculate  the  zero-power  footprint  is  described  later),  then  the  maximization  operation 
(energy  descent)  is  chosen.  Second,  if  the  endpoint  is  outside  the  zero-power  descent  footprint  but 
inside  a  heading  angle  limit,  then  the  minimizing  solution  (energy  climb)  is  chosen  first.  A  switch  to  the 
no-power  decent  is  made  when  the  endpoint  moves  into  the  zero-power  descent  footprint.  Third,  if  the 
endpoint  is  outside  the  heading  angle  boundary,  the  initial  segment  is  a  maximizing  operation  (descent 
solution).  After  the  heading  angle  error  is  insi^  the  heading  angle  limit,  the  climbing  solution  (min  Ha) 
is  used.  Again,  if  the  endpoint  moves  inside  the  zero-power  footprint,  the  final  descent  solution  (max 
Ha)  is  used. 
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Figure  13.  Climb  Descent  Switch  Logic 


The  heading  angle  boundary  was  determined  from  simulation  analysis  comparing  the  fuel  used  for  a 
three-segment  flight  and  a  two-segment  flight.  An  approximate  analytical  expression  for  the  heading 
angle  boundary  is 


f 

Ay.  =  40deg^l-2^050^J 

Simplified  Extrema  of  Hamiltonian — To  simplify  the  solution,  approximate  analytical  expressions 
for  the  extrema  of  the  Hamiltonian  are  obtained.  Analytical  solutions  for  the  minimum  and  maximum  of 
the  Hamiltonian  are  examined  separately. 


Analytical  Solutions  for  the  Minimum  of  Ha  (energy  climb) — The  analytical  minimum  of  H  with  respect  to 
roll  angle  can  be  found  by  taking  the  partial  derivative  with  respect  to  z  (z  =  tano)  and  setting  it  equal 
to  zero.  This  shows  that  z  is  proportional  to  X.y.  can  be  expressed  as  the  projection  of  the  adjoint 
constant  vector  on  the  current  position  vector;  thus  and  z  are  proportional  to  the  heading  error.  The 
specific  form  of  the  proportionality  constant  is  unknown,  but  it  can  be  adjusted  to  match  the  profile 
from  the  optimal  iterative  solution.  That  the  gain  should  be  inversely  proportional  to  range  is  intuitive. 
Based  on  this  assumption,  a  z  controller  of  this  form  is  chosen: 


z=24r 


IRtg 


sin  dy 


The  minimum  of  Hj  with  respect  to  it  can  be  found  by  taking  the  partial  derivative  of  Hg.  Simulation 
studies  using  a  full  search  on  the  throttle  show  that  another  good  approximation  to  x  is 

2 

X  =  +  ajM  +  a^M 


The  minimum  of  Ha  with  respect  to  a  for  the  energy  gain  case  is  difficult  to  obuin  analytically;  thus  a 
search  method  is  used.  The  optimum  a  (a*)  is  given  by 
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a*= 

Fj  =  0  ;  C(x,u)  S  0 

The  analytical  solutions  for  n  and  z  are  used  in  computing  the  minimum  with  respect  to  a. 

Analytical  Solution  for  the  Maximization  of  Ha  (energy  loss) — The  roll  angle  solution  for  maximizing  the 
Hamiltonian  is  assumed  to  be  the  same  as  that  for  minimizing  the  Hamiltonian.  The  optimal  throttle 
determined  from  the  iterative  solution  shows  that  the  throttle  for  the  energy  loss  case  is  small  or 
approximately  zero.  Thus,  the  descent  throttle  is 

K  .  for  flame-holding  initial  descent 
mm 

0  for  final  descent 

This  throttle  is  for  engine  control.  Additional  fuel  flow  may  be  required  for  cooling. 

The  optimum  density  for  energy  descent  can  be  determined  by  examining  the  the  Hamiltonian  Ha  with 
zero  throttle.  The  numerator  does  not  contain  the  angle  of  attack  for  jt  =  0;  thus  the  optimal  angle  of 
attack  maximizes  or  minimizes  the  drag  depending  on  the  sign  of  the  numerator.  For  the  initial  descent, 
the  drag  will  be  a  minimum.  For  the  final  descent,  the  drag  will  be  a  maximum  or  minimum  depending 
on  the  location  of  the  endpoint  on  the  footprint  boundary.  For  the  initial  descent,  the  optimum  angle  of 
attack  (a*)  is  computed  from 

a*=arg{T^"‘^^}:«=0 
Fj  =  0  ;  C(x,u)  5  0 

The  angle  of  attack  for  the  final  descent  is  described  in  the  next  subsection. 


4.7  Final  Descent  Reformulation — The  optimal  minimum-fuel  trajectories  have  powered  climbs  at 
high  dynamic  pressures  followed  by  low-throttle  or  zero-throttle  turning  descents  at  maximum  or 
minimum  drag.  For  a  perfect  system,  after  the  descent  is  started,  the  decent  trajectory  characteristics 
stay  the  same:  the  throttle  stays  at  zero  and  the  path  stays  at  minimum  drag  or  maximum  drag  until 
the  terminal  point  is  hit.  However,  for  an  imperfect  system  (e.g.,  modeling  errors),  a  predicted  terminal 
miss  error  could  occur  and  the  new  optimal  path  then  would  contain  a  short  powered  climb  segment 
followed  by  a  minimum  or  maximum  drag  descent.  The  entire  descent  trajectory  could  consist  of  short 
pulses  of  thrust.  For  a  practical  system,  this  is  undesirable.  Thus  the  descent  guidance  approach  is 
reformulated. 

The  approach  for  descent  trajectory  determination  is  to:  1)  start  the  descent  when  the  the  terminal 
point  is  well  inside  the  footprint  and  2)  change  the  performance  criterion  after  the  descent  is  started. 
The  area  to  begin  descent  can  be  either  an  area  smaller  than  the  footprint  or  a  circular  area  around  the 
center  point  on  the  footprint,  as  shown  in  Figure  14.  The  performance  criterion  after  the  descent  is 
started  is  chosen  to  be 


E>E. 

E<E, 


The  first  term  is  the  distance  traveled,  the  second  is  the  average  drag  over  energy,  and  the  third  is  the 
integral  of  the  roll  angle  squared.  For  short  distances  traveled,  a  large  drag  is  required;  thus  the 
criterion  trades  drag  for  distance  traveled.  The  weight  w^,  which  is  a  function  of  energy,  can  be  chosen 
to  shape  drag  to  a  temperature  profile. 


A  closed.-form  solution  for  the  controls  can  be  determined  for  the  zero-power  descent  with  this 
performance  criterion.  The  full  nonlinear  equations  of  motion  are  difficult  to  integrate  in  closed  form, 
but  if  flat  Earth  and  small  crossrange  assumptions  are  made,  the  equations  can  be  integrated  in  closed 
form.  The  approximate  solution  can  be  extended  to  the  nonlinear  problem.  The  solution  reduces  to  the 
form  of  the  Space  Shuttle  analytic  drag  controller  (Reference  5).  The  closed-form  feedback  solution  for 
the  criterion  is 
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Throttle: 

11  =  0 
Roll  Angle: 

SV^sinAv 
z  = - — 

l^tg 

Angle  of  Attack: 

=  0+0.3  lsinA\)it) 


If  the  density  exceeds  the  constraints,  it  is  replaced  by  its  constraint  value. 

If  the  circular  region  is  chosen  to  begin  descent  after  a  powered  segment,  the  center  of  this  region  is 
computed  from 


Figure  14.  Area  to  Begin  Descent  with  Power 


The  drag  parameter  (D/m)c  is  chosen  to  be  between  the  minimum  drag  and  the  drag  at  maximum  q. 
The  radius  of  the  circle  is  chosen  to  be  some  factor  multiplied  by  the  difference  between  the 
equilibrium  glide  range  and  the  footprint  center  range: 


ARc  =  0.8(R«-Rc) 
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where  the  equilibrium  glide  range  Re  is  approximately 

2E. 


Re  = 


4S, 


In 


C.  k 


1- 


gRo 


1- 


2E 


L  gRoJ 


The  center  of  the  footprint  and  the  equilibrium  glide  range  can  also  be  taken  from  the  footprint 
calculation.  The  footprint  calculation  is  described  in  the  next  section. 


5.0  No-Power  Footprint  Generator 

The  footprint  generator  finds  the  area  of  attainable  final  points  for  unpowered  flight.  The  footprint  is 
calculated  using  closed-form  control  equations.  The  closed-form  iterative  footprint  calculator  is  accurate 
for  spherical  earth  and  includes  earth's  rotation  effect  and  complex  constraints.  The  method  for 
calculating  and  continuously  updating  a  footprint  is  shown  in  Figure  IS. 

The  footprint  is  calculated  starting  with  the  vehicle's  initial  altitude,  velocity,  heading,  fuel  mass,  and 
position.  The  energy  state  equations  of  motion  are  integrated  along  a  commanded  heading  angle  until  a 
minimum  energy  is  reached.  A  variable  time  step  depending  on  the  magnitude  of  the  bank  angle  turn 
rate  is  used.  At  the  minimum  energy  point,  the  Hnal  latitude  and  longitude  deflne  the  footprint 
boundary.  A  S40-deg  sweep  of  heading  angles  is  conducted  employing  minimum  and  maximum  drag 
flight  conditions.  The  trajectory  termination  points  create  a  closed  boundary.  A  total  of  69  position 
coordinates  define  the  footprint  boundary.  The  central  processing  unit  (CPU)  time  to  create  a  footprint  is 
approximately  3  sec. 

An  interpolation  routine  is  used  to  create  a  smooth  transition  between  successive  footprints  computed  n 
fixed  amount  of  time  apart.  Using  the  current  rive  states,  a  footprint  is  generated  and  stored  in  memory. 
Then,  using  the  current  state  rates,  the  states  are  projected  along  the  current  flight  path  for  a  fixed 
elapsed  time.  A  future  footprint  is  then  generated  using  the  new  projected  states.  A  linear  interpolation 
between  the  current  footprint  and  the  future  footprint  is  used  to  create  footprints  along  the  flight 
between  the  current  state  and  the  future  state. 

The  footprint  for  unpowered  flight  is  shown  superimposed  over  a  United  States  map  in  Figure  16.  If 
Edwards  Air  Force  Base  is  in  the  footprint,  it  is  chosen  as  the  landing  site;  otherwise  another  site  near 
the  center  of  the  footprint  is  chosen.  After  the  landing  site  is  selected,  a  trajectory  to  the  landing  site  is 
computed.  The  vehicle  is  guided  to  this  point. 


Footprint  Calculation  Method 

Input  velocity,  altitude,  mass  of  fuel, 
heading,  and  position 

Iterate  heading  command  ^com  = 

tan(d))  =  K(v/g)(M'com-^ 

Set  drag  to  minimum  or  maximum 

Use  variable  time  step  for 
integration  of  equations  of  motion 

Stop  integration  when  minimum 
energy  is  reached 

Generate  footprint  boundary 
with  69  points 


Figure  15.  Footprint  Generation  Approach 
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Figure  16.  Hypersonic  Vehicle  Footprint 


6.0  Trajectory  Coupler 

The  vertical  dynamics  that  were  neglected  in  the  energy-state  solutions  are  now  reintroduced.  A 
controller  that  stabilizes  these  dynamics  is  incorporated.  The  commands  to  the  controller  are  the 
optimal  controls  and  the  equilibrium  values  of  the  vertical  dynamics  determined  from  the  energy-state 
solution.  The  trajectory  coupler  controls  the  vehicle  to  the  computed  optimal  altitude.  The  trajectory 
coupler  is 


L  _  1 
m  COSO 


7.0  Guidance,  Control,  and  Navigation  Control  System  Configuration 

A  guidance,  navigation,  and  control  structure  is  shown  in  Figure  17.  The  aircraft  guidance  configuration 

consists  of  a  trajectory  generator,  a  trajectory  coupler,  and  a  footprint  calculator. 

The  guidance  system  is  the  set  of  optimal  closed-form  feedback  solution  equations.  No  forward 
prediction  is  required;  thus  updates  of  the  guidance  commands  can  be  made  very  rapidly.  Forward 

trajectory  computation,  however,  still  may  be  required  for  pilot  information.  One  forward  trajectory 

computation  takes  approximately  2  sec  of  CPU  time  for  a  2000-sec  trajectory. 

The  trajectory  coupler  is  an  altitude  feedback  controller  that  controls  the  vehicle  altitude  to  an  optimal 
altitude  computed  from  the  energy-state  optimization.  The  optimal  roll  angles  and  throttle  are  direct 
commands  to  the  engine  controller  and  the  attitude  controller. 

The  footprint  generator  finds  the  area  of  attainable  final  points  for  unpowered  flight.  If  Edwards  Air 
Force  Base  is  in  the  footprint,  it  is  chosen  as  the  landing  site;  otherwise  another  site  near  the  center  of 
the  footprint  is  chosen.  After  the  landing  site  is  selected,  a  trajectory  to  the  landing  site  is  computed  and 
the  vehicle  is  guided  to  this  point. 

8.0  Optimal  Solutions  for  Different  Cases 

Optimal  trajectory  solutions  for  different  cases  are  discussed  below. 

Minimum-Fuel  Climb  to  Orbit — The  aircraft  takes  off  from  Edwards  Air  Force  Base  on  an  ascent  to  orbit. 
For  this  case,  Co  and  yf  are  zero.  The  time  histories  of  several  variables  are  shown  in  Figure  18.  The 
plot  in  the  upper  left  is  an  altitude  vs.  velocity  profile.  The  two  lower  curves  are  the  temperature 
constraint  and  the  dynamic  pressure  constraint.  The  upper  curve  is  the  stall  constraint.  The  other  plots 
show  the  throttle,  thrust,  fuel  used,  and  angle  of  attack  vs.  time. 


Fotcs  (lb  X  lO^)  Fuel-to-Air  Ratio  Altitude 
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Figure  17.  Guidance,  Navigation,  and  Control  Configuration 
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Thnist  and  Drag  vs.  Time 
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Mass  of  Fuel  vs.  Time 


Angle  of  Attack  vs.  Time 


Figure  18.  Time  Histories  for  a  Minimum-Fuel  Climb  to  Orbit 
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Abort  with  No  Power  and  Land  at  Langley  Air  Force  Base — The  aircraft  takes  off  from  Edwards  Air  Force 
Base  with  the  intent  of  ascending  to  orbit.  The  vehicle  encounters  an  emergency  situation  at  Mach  15. 

In  this  scenario,  the  vehicle  has  lost  use  of  its  engines  and  is  unable  to  return  to  Edwards.  The  trajectory 
of  the  vehicle  is  shown  in  Figure  19.  In  the  no-power  abort  procedure,  a  footprint  is  first  calculated 
from  the  point  of  abon.  Then  a  landing  site  in  the  footprint  is  chosen.  From  the  plot,  we  see  that  the 
vehicle  is  just  able  to  make  it  back  to  the  United  States.  Langley  Air  Force  Base  in  Virginia  is  inside  the 
footprint  and  is  chosen  as  the  landing  site.  If  the  abort  had  occurred  later  in  the  ascent,  the  aircraft 
wouid  have  had  to  land  outside  the  United  States  at  a  landing  site  inside  the  footprint.  The  time 
histories  of  several  variables  are  shown  in  Figure  20.  The  plots  show  the  throttle,  thrust,  angle  of  attack, 
and  roll  angle  vs.  time.  After  the  abort,  the  scenario  shows  first  a  hard  turn.  This  turn  occurs  under  high 
drag,  high  roll,  and  high  angle  of  attack. 


Longitude  (deg) 

Figure  19.  Trajectory  Plot  for  an  Abort  with  No  Power 


Abort  with  Power  and  Return  to  Edwards  Air  Force  Base — The  aircraft  takes  off  from  Edwards  Air  Force 
Base  with  the  intent  of  ascending  to  orbit.  The  vehicle  encounters  an  emergency  situation  at  Mach  15. 
The  engine  remains  operating  and  the  vehicle  is  able  to  return  to  Edwards  Air  Force  Base.  The 
trajectory  of  the  vehicle  is  shown  in  Figure  21.  The  time  histories  of  several  variables  are  shown  in 
Figure  22.  After  the  abort,  first  a  hard  turn  occurs  with  the  throttle  set  to  zero.  The  aircraft  descends  to 
make  a  smaller  radius  turn.  This  turn  occurs  under  high  drag,  high  roll,  and  high  angle  of  attack.  After 
the  vehicle  is  headed  toward  Edwards,  the  power  is  turned  on  again  and  the  aircraft  gains  energy. 

When  the  vehicle  is  within  gliding  range  of  Edwards,  the  power  is  shut  off  and  the  vehicle  glides  back  to 
Edwards. 

Comparison  of  Feedback  Solutions  for  the  Energy-State  Model  and  the  Full-State  Model — A  comparison 
of  the  energy-state  iterative  solution,  the  energy-state  closed-form  feedback  solution,  and  the  full-state 
closed-form  feedback  solution  is  shown  in  Figure  23.  In  the  full-state  model,  the  vertical  equations  of 
motion  are  included.  The  vehicle  is  controlled  with  closed-form  guidance  and  the  trajectory  coupler 
(altitude  controller).  For  the  ene  gy-state  model,  the  feedback  solution  gives  similar  results  to  the  more 
exact  optimal  iterative  solution.  The  full-state  model  results  are  similar  to  the  energy-state  model 
results. 


9.0  Conclusions 

The  closed-form  approach  gives  trajectories  very  close  to  full  optimal  solution  trajectories  for  minimum 
fuel.  The  computing  time  for  the  closed-form  feedback  solution  is  much  less  than  that  for  the  full 
optimal  iterative  solution  because  no  forward  trajectory  computation  is  required;  computations  are 
performed  only  at  the  current  time.  Thus,  the  closed-form  feedback  method  is  chosen  for  the 
hypersonic  vehicle  guidance,  navigation,  and  control  system.  The  solution  equations  developed  above 
are  general  in  nature  and  can  be  applied  in  different  problems. 
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The  significant  contributions  made  by  this  study  are  listed  below. 

•  The  Euler-Lagrange  energy-state  optimization  solutions  are  extended  to  powered-vehicle,  three- 
dimensional,  spherical  earth  motion  models. 

•  Exact  solutions  are  obtained  by  iteration  on  the  adjoint  constants. 

•  An  approximate  closed-form  optimal  feedback  solution  that  closely  approximates  the  iterative 
optimal  solution  is  determined. 

•  A  computationally  efficient  method  for  generating  footprints  for  use  in  identifying  alternate 
landing  sites  under  an  engine  abort  or  other  emergency  condition  is  developed. 


Altitude  vs.  Velocity 


Velocity  vs.  Time 


Throttle  vs.  Time 


Thrust  and  Drag  vs.  Tinie 


Roll  Angle  vs.  Time  Angle  of  Attack  vs.  Time 


Figure  20.  Time  Histories  for  an  Abort  with  No  Power 
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Figure  23.  Comparison  of  Feedback  Solutions  for  the  Energy-Sute  Model  and  the  Full-State 
Model  (Vo  =  15000  ft/sec.  Of  =  60  deg,  Of  =  M  tieg) 


Angle  of  Attack  vs.  Hine 


Hamiltonian  vs.  Time 


Heading  and  Final  Heading 
Angle  vs.  Time 


Adjoint  Constants  Cg  and  Cg^  vs.  lime 


Energy-State  Iterative 
Solution 


Angle  of  Attack  vs.  Time 


Hamiltonian  vs.  Time 


Angle  of  Attack  vs.  Time 


Heading  and  Final  Heading 
Angle  vs.  Time 


Heading  and  Final  Heading 
Angle  vs.  Time 


Adjoint  Constants  Cg  and  Cg^,  vs.  Time  Adjoint  Constants  Cg  and  Cg^  vs.  Time 


Energy-State  Feedback 
Solution 


Full-State  Feedback 
Solution 


Fuel  used  =  980  slugs 


Fuel  used  =  1010  slugs 


3-22 


References 

1 .  Bowers,  A.H.,  and  Iliff,  K.W.,  A  Generic  Hypersonic  Aerodynamic  Model  Example  (GHAME)  for 
Computer  Simulation,  NASA  Ames-Dryden  Flight  Research  Facility,  August  3,  1987. 

2.  Vinh,  N.X.,  Optimal  Trajectories  in  Atmospheric  Flight,  (Amsterdam;  Elsvier,  1981). 

3.  Schultz,  R.L.,  "Three-Dimensional  Trajectory  Optimization  for  Aircraft,"  Journal  of  Guidance,  Control 
and  Dynamics,  to  be  published. 

4.  Schultz,  R.L.,  and  Zagalsky,  N.R.,  "Aircraft  Performance  Optimization  for  Aircraft,"  Journal  of  Aircraft 
Vol.  9,  No.  2,  February  1972,  pp.  108-114. 

5.  Graves,  C.A.  Jr.,  and  Harpold,  J.C.,  Shuttle  Entry  Guidance  American  Astronautical  Society  25th 
Anniversary  Conference  Proceedings,  Paper  AAS78-147,  Houston,  October  30  to  November  2,  1978. 


Discussion 


TARIFA. 

How  is  the  final  orbit  insertion  accomplished? 

AUTHOR’S  REPLY. 

The  final  orbital  insertion  may  be  accomplished  by:  1)  use  of  a  rocket 
engine  or  2)  flying  faster  than  the  orbital  velocity  then  converting  this 
kinetic  energy  to  potential  energy. 

WEYER. 

You  discussed  emergencies  at  Ma  15  with  powerless  descend  flight.  What 
about  cooling  of  engine  and  airframe  structures?  Is  your  model  taking  into 
account  cooling  requirements  and  cooling  capacity  which  depends  on  fuel  flow? 

AUTHOR'S  REPLY 

Yes,  at  the  present  time  simple  generic  models  for  cooling  are 
incorporated  in  the  computer  simulation.  For  minimum  power  (flame  holding) 
descents  dumping  of  fuel  used  for  cooling  may  be  required. 
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1  Abstract 

For  supersonic  and  hypersonic  flight  conditions  with  ramjets,  trajectory  calculations  have  necessarily 
to  be  coupled  with  the  engine  performances.  In  space  transportation  systems  ramjets  will  be  employed 
in  a  relatively  wide  range  of  Machnumbers,  and  therefore  not  always  near  the  optimum  design  point. 

Optimization  of  several  physical  parameters  along  the  trajectory  will  be  inevitable.  This  paper 
discusses  some  of  these  parameters  and  their  importance  for  an  ascent  trajectory,  ha\ing  a  minimum 
fuel  requirement. 


2  Nomenclature 

Symbols 

A 

Area 

P 

Pressure 

Bs 

Specific  fuel  consumption 

9 

Dj  namic  pressure 

Cl 

Lift  coefficient 

T 

Thrust 

Cl. 

Lift  coefl[icient  for  zero 

t 

Flight  time 

angle  of  attack 

V 

Velocity 

Cl. 

dCi/do 

V 

Acceleration 

9 

Gravity 

X 

Flight  distance 

G 

Weight 

Q 

Angle  of  attack 

Gv 

Fuel  consumption  term 

s 

Nozzle  exit  area  angle 

G/A,. 

Wing  loading 

against  roll  axis 

h 

Altitude 

e 

Flow  vector  direction 

Hi 

Constant  in  atmospheric  model 

against  roll  tods 

L/D 

Lift  over  drag 

X 

Oxidation  ratio 

m 

Vehicle  total  mass 

or 

Thrust  angle  against  velocity  vector 

M 

rhf 

Machnumber 

Fuel  rate 

(Tt 

Thrust  vector  angle  against  roll  axis 

Subscripts 

oc;  -1 

Undisturbed  flow 

2 

Combustion  chamber  inlet 

0 

After  front  shock 

3 

Combustion  chamber  outlet 

0' 

DifFussor  inlet 

4,» 

Nozzle  critical  point 

1 

DifFussor  outlet 

5 

Nozzle  exit 

92-1698 
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3  Introduction 

In  worldwide  hypersonic  technology’  programmes  various  concepts  of  airborne  space  transportation 
vehicles  are  under  consideration.  In  Europe  a.o.  TSTO-systems  are  analysed  with  the  first  stage 
to  carry  the  orbitor  close  to  the  equator,  where  seperation  is  scheduled  at  a  medium  hypersonic 
Machnumber.  Whereas  the  first  stage  returns  to  its  base,  the  upper  stage  ascents  into  orbit,  using 
conventional  rocket  engines.  The  first  stage  will  most  likely’  be  propelled  by  hydrogen  fueled  turbo¬ 
ramjet  engines.  The  turbo  engines  are  used  for  taking  off  and  accelerating  the  vehicle  to  about  Mach 
3.  Beyond  this  speed  ramjets  will  supply  the  required  thrust. 

Unhke  conventional  designing  of  turbo  engines,  for  supersonic  flight  vehicles  with  fully  integrated 
engines,  it  is  necessary  to  consider  the  whole  system  of  flight  vehicle  and  engine.  Flight  mechanic  and 
engine  specific  parameters  are  closely  connected  and  interacting.  Therefore  trajectory  optimization  is 
not  possible  without  considering  both  systems  simultaneously. 

4  Force  balance  for  winged  vehicle 

In  order  to  find  the  relevant  physical  parameters  relating  to  the  fuel  requirement  it  is  necessary  to 
look  at  the  distribution  of  forces  on  the  vehicle,  with  mass  m.  Fig.  1  shows  the  forces  acting  on 
the  considered  configuration.  Not  regarded  are  mass  forces  (for  instance  Coriolis  force)  because  these 
are  required  for  discription  of  the  flightpath  relatively  to  the  observer  standing  on  the  rotating  earth. 
For  our  purposes  the  effects,  due  to  the  rotation  of  the  earth,  will  be  neglected.  Curvilinear  flight 
is  not  considered.  The  vehicle  is  climbing,  which  is  indicated  by’  the  angle  of  incidence  7  between 
the  horizon  and  the  velocity  vector.  The  angle  of  attack  q  is  also  indicated,  being  the  angle  between 
the  velocity  vector  and  the  roll  axis  of  the  vehicle.  Since  the  engine  will  not  be  symmetrical  also 
thrust  vector  components  perpendicular  to  the  roll  axis  can  be  expected.  This  is  indicated  with  thrust 
vector  angle  (Tt-  The  sum  of  the  angle  of  attack  a  and  thrust  vector  angle  ar  are  defined  as  thrust 
angle  a.  Also  the  aerodynamic  forces  are  drawn  in  Fig.  1:  drag  opposite  to  the  velocity  vector  and 
lift  perpendicular  upward.  Finally  the  vehicle  is  speeding  up  in  velocity  direction,  indicated  wth 
acceleration  v.  Accelerations  perpendicular  to  the  velocity  vector  are  neglected.  Applying  the  law 
of  equilibrium  of  forces  in  speed  direction  and  perpendicular,  the  following  set  of  equations  can  be 
obtained: 


mv  —  T  cos  a  —  G  sin  7  —  1? 

,  0  =  r  sin  <T  —  G  cos  7  -I-  T. 

For  an  accelerated  flight  point,  angle  of  incidence  7  and  acceleration  v  are  related  [1]: 

dv 

V  =  vsmrf  •  — . 

dh 


(1) 


(2) 


Introducing  a  usual  atmospheric  model  and  furthermore  assuming  flight  w’ith  a  constant  dynamic 
pressure  the  following  expression  between  the  angle  of  incidence  7  and  acceleration  t;  can  be  derived 

[1]: 


sin  7  = 


2Hi,v 


(3) 


with  the  parameter  Hi,  =  6.338  km,  coming  from  the  atmospheric  model.  Only  small  angles  of 
incidence  will  be  considered,  allowing  the  approximation  cos  7  %  1.  Eq.  (1)  now  becomes: 


f  mv  =  T  cos  er  -  -  D 

\  0  =  T sina  -  G  +  L. 

This  set  of  equations  can  be  combined  introducing  L/ D  as  one  parameter: 


cos  (7  -f- 


(4) 


(5) 


LID 


This  equation  already  shows  some  of  the  important  parameters  to  be  discussed  furtherdown. 
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Instead  of  the  thrust  requirement  above  deduced,  we  are  interested  in  the  fuel  requirement.  First  a 
pure  accelerated  flight  mission  is  considered,  so  accumulating  speed  is  of  only  interest.  A  small  time 
interval  At  =  ^  is  being  considered,  in  which  acceleration  v  and  fuel  mass  flow  m/  =  ^  are  of 
constant  value.  Furthermore  the  change  of  mass  Am  is  being  neglected  compared  to  the  total  vehicle 
mass  m.  With  these  assumptions  and  using  the  definition  for  the  specific  fuel  consumption,  Bs  = 

Eq.  (5)  can  be  rewritten: 


j.  jam  j _ i _ 

^  ^  i-LID 

COS(7-bgg 


Bs  •  Au. 


Eq.  (6)  shows,  that  the  fuel  requirement  Am/  for  speeding  up  At;  depends  on  five  parameters; 
velocity  v,  acceleration  v,  lift  over  drag  value  L/D,  thrust  angle  a  and  the  specific  fuel  consumption 
Bs-  It  is  recognized,  that  typical  flight  mechanic  and  typical  engine  parameters  have  impact  on  the 
fuel  requirement.  Also  the  vehicle  mass  m  is  important.  Here  it  always  will  be  assumed  that  this 
mass  is  the  same  at  the  highest  Machnumber.  Minimizing  the  fuel  consumption  then  leads  to  defining 
the  minimum  starting  mass  at  the  lowest  considered  Machnumber.  To  minimize  fuel  requirement  it  is 
necessary  to  optimize  all  above  parameters.  Therefore  all  parameters  first  are  considered  seperately. 


5  Flight  parameters 

At  first  the  term  Gv  =  1  4-  is  considered,  being  a  function  of  velocity  v  (Fig.  2).  It  is 

evident,  that  higher  speeds  are  beneficial  for  fuel  consumption.  Acceleration  v  has  been  varied  too  in 
this  figure,  showijvg'^  even  stronger  impact  of  this  parameter  on  fuel  requirement.  It  is  advantageous 
to  realize  hjglf^celeration,  although  the  positive  effect  diminishes  with  increasing  acceleration. 

data  (Fig.  2)  the  lift  over  drag  value  LjD  has  been  kept  constant  at  LjD  =  4.  However  it 
^.-''^ould  be  recognized,  that  this  parameter  is  as  important  as  the  above  considered  acceleration,  since 
both  quantities  appear  in  the  denominator  of  term  Gy-  Maximum  values  of  LJD  are  the  matter  of 
fact  of  the  aerodynamics  of  the  hypersonic  vehicle.  The  behavior  of  a  specific  configuration  usually  is 
described  by  aerodynamic  parameters,  as  for  instance  lift  coefficient  Cl  =  ,  which  dependends  on 

Machnumber,  angle  of  attack  and  Reynoldsnumber.  An  appropiate  aerodynamic  model  for  hypersonic 
vehicles  as  developed  in  [2]  is  used.  Fig.  3  shows  the  lift  over  drag  value  LJD  as  a  function  of  angle  of 
attack  Q  for  several  Machnumbers.  It  is  mentioned,  that  this  aerodynamic  model  does  not  include  an 
explicit  function  between  the  considered  parameters  and  the  Reynoldsnumber.  For  each  Machnmnber 
just  one  angle  of  attack  can  be  found  with  lift  over  drag  LjD  being  a  maximum.  These  optimum 
angles  of  attack  are  plotted  versus  Machnumber  in  Fig.  4  also  indicating  the  angle  of  attack  variation, 
if  lift  over  drag  LJD  differs  five  and  ten  per  cent  respectively.  For  each  Machnumber,  the  angle  of 
attack  should  be  set  near  the  plotted  optimum  value,  to  provide  a  high  value  of  lift  over  drag  LJD. 
The  parameters  determining  the  angle  of  attack  are  considered  in  the  next  subsection. 

Eq.  (6)  points  also  to  the  thrust  angle  a  having  an  influence  on  the  fuel  requirement  Am/.  The 
term  cos  a  +  which  htis  to  be  maximized  in  this  context,  is  shown  in  Fig.  5  as  a  function  of  thrust 
angle  cr  and  several  values  of  LJD.  Depending  on  lift  over  drag  LjD,  thrust  angles  a  up  to  20®  are  of 
posivitive  effect  on  fuel  consumption.  It  should  not  be  concluded  firom  this  figure,  that  small  values  of 
lift  over  drag  LJD  are  beneficial,  since  this  parameter  also  is  of  great  but  opposite  importance  in  the 
term  Gy- 

It  is  reminded,  that  thrust  angle  a  is  the  sum  of  angle  of  attack  q  and  thrust  vector  angle  ar-  The 
last  parameter  is  determined  by  the  engine  and  will  be  considered  in  more  detail  in  the  next  section. 
Since  the  angle  of  attack  has  revealed  to  be  important  for  fuel  requirement  it  will  be  examined  more 
closclv  in  the  next  subsection. 


5.1  Angle  of  attack 

In  order  to  define  the  parameters  influencing  the  angle  of  attack  q,  Eq.  (4)  is  used  again,  now 
differentiating  between  angle  of  attack  q  and  thrust  vector  angle  aj.  Fig.  6  illustrates  that,  for  any 
Machnumber,  the  lift  coefficient  Cl  is  linearily  increasing  with  the  angle  of  attack  q: 


Cl  =  Clo  +  Cl,  ■  o. 


(7) 
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Eliminating  thrust  T  in  Eq.  (4)  and  using  Eq.  (7)  leads  to  a  quadratic  equation: 

[Cl.  ■  -  sin(TT)]  • 

+  ffr  •  (1  -I-  -f  sin  (Tr)  +  Clo  •  (f/^  -  sin  ar)  +  Cl.  ■  (cos  ar  +  ^)]  •  a  (8) 

+  [£?(j  -  costrx)  +  Ci^  ■  (cosffj-  +  ^)]  =  0. 

An  analysis  of  this  equation  for  a  fixed  value  of  wing  loading  G/Ay,  is  plotted  in  Fig.  7,  demonstrating 
that  the  dynamic  pressure  has  particular  influence  on  the  angle  of  attack.  For  a  certain  Machnumber 
the  dynamic  pressure  decreases  by  increasing  altitude.  Furthermore  it  is  obvious,  that  an  increasing 
thrust  vector  angle  aj  decreases  the  angle  of  attack,  verifying  the  influence  of  an  engine  parameter 
on  the  flight  mechanics.  An  increasing  thrust  vector  angle  aj  signifies  that  the  thrust  component 
perpendicular  to  the  roll  axis  of  the  vehicle  increases  and  therefore  lift  can  decrease,  which  is  again 
achieved  by  decreasing  of  the  angle  of  attack  (See  Eq.  (7)). 

Higher  acceleration  v  leads  to  a  smaller  angle  of  attack  as  evident  from  Fig.  7.  Increasing  acceleration 
i)  requires  more  thrust  parallel  to  the  velocity  vector.  Given  a  certain  thrust  vector  angle  <77-,  this 
signifies  an  increase  of  the  thrust  perpendicular  to  the  velocity  vector,  reducing  the  angle  of  attack. 
This  effect  diminishes  with  decreasing  thrust  vector  angle  ot,  as  shown  in  Fig.  7.  If  the  thrust  vector 
angle  aj  gets  negative  and  equals  the  angle  of  attack  a,  the  thrust  angle  a  will  be  zero  and  acceleration 
will  have  no  effect  on  the  angle  of  attack.  For  even  smaller  thrust  vector  angles  ot  the  above  effect 
becomes  opposite,  i.e.  the  angle  of  attack  increases  with  increasing  acceleration  (not  evident  in  Fig. 

7). 

It  is  shown,  which  influence  on  the  flight  mechanics  can  be  expected  from  the  engine  specific  value 
crj-  This  parameter  and  the  specific  fuel  consumption  H5,  having  also  an  impact  on  the  fuel  requirement 
(Eq.  (6)),  are  dealt  with  in  the  next  section. 


6  Engine  specific  parameters 

As  mentioned  in  the  introduction  the  ramjet  part  of  the  mission  is  considered  in  this  paper.  In  order  to 
determine  thrust,  thrust  vector  angle  and  fuel  consumption,  a  calculation  model  of  a  ramjet  has  been 
established  (Fig.  8),  which  allows  to  calculate  all  ihermodynamic  data  in  characteristic  cross  sections. 

The  undisturbed  flow  is  deflected  and  compressed  by  the  front  shock  of  the  vehicle  (00  — >  0).  Ahead 
of  the  engine  a  boundary  layer  builds  up,  causing  a  displacement  and  a  momentum  loss.  Total  pressure 
loss  within  the  diffussor  (0  — *  1)  is  accounted  for  by  using  a  kinitic  efficiency.  Further  pressure  loss  is 
caused  by  the  drag  of  the  flow  around  the  turbo  engine  tube,  which  holds  the  turbo  engine,  and  by 
fuel-airflow  mixing  (1  — ►  2).  In  the  combustion  chamber  (2  — ►  3)  the  fuel  is  burnt;  because  of  the  high 
temperatures  (up  to  3000  K)  dissiocation  occurs,  which  results  in  a  loss  of  total  enthalpy.  Part  of  the 
dissiocation  enthalpy  is  regained  within  the  convergent  part  of  the  nozzle  (3  -+  4).  The  critical  area  of 
the  nozzle  is  variable  and  adjusted  to  pass  the  incoming  massflow.  Finally  the  flow  is  expanded  in  the 
divergent  part  of  the  nozzle  (4  — »  5).  An  asymmetrical  nozzle  is  chosen,  since  it  is  fair  to  assume  that 
the  tail  base  of  the  vehicle  will  be  used  for  additional  expamsion.  In  order  to  obtain  the  flow  angle  8%, 
it’s  assumed,  that  a  Mach  line  is  located  at  the  oblique  nozzle  exit  area,  which  is  not  variable. 

6.1  Thrust  vector  angle  aj 

Fig.  9  shows  the  thrust  vector  angle  ar  for  various  flight  conditions,  revealing  that  the  angle  first 
increases  towards  a  maximum  around  Mach  4.5.  Higher  dynamic  pressures  only  causes  the  level  to  be 
slightly  lower  and  the  maximum  to  be  shifted  to  somewhat  lower  Machnumbers.  For  this  effect  it  is 
necessary  to  look  at  the  thrust  components,  which  form  the  thrust  vector  angle: 

T 

(Tt  =  arctan  (9) 

*  X 

with  the  x-axis  being  parallel  and  the  p-axis  being  perpendicular  to  the  roll  axis.  The  thrust 
components  again  are  built  up  by  the  diffussor  inlet  and  nozzle  outlet  forces,  which  are  plotted  in 
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Fig.  10;  in  i-direction  the  nozzle  force  Ti  increases  with  Machnumber,  but  the  diffussor  drag  Tz 
increases  even  more.  The  difference  is  the  net  thrust  T*  parallel  to  the  roll  axis  of  the  vehicle.  The 
diffussor  also  causes  a  lift  Tj  because  of  the  outer  compression  shocks.  In  Fig.  10,  11  and  13  Ti  is 
arbitrarily  set  negative  to  illustrate  the  difference  of  the  y-forces  at  engine  in-  and  outlet.  This  lift 
gradually  decreases  with  increasing  Machnumber  but  constant  dynamic  pressure.  The  shown  behavior 
of  thrust  vector  angle  ar  is  mainly  determined  by  the  nozzle  outlet  force  perpendicular  to  the  roll  axis 
Tz-  The  particular  behavior  of  the  curve  is  due  to  the  two  parts  of  this  force:  first  the  momentum 
m  •  Us  •  sin^s,  in  which  nozzle  exit  flow  angle  6^  increases  with  increasing  Machnumber;  secondly  the 
pressure  force  (ps  -  Poo)  •  As  ■  cos  6.  The  pressure  force  is  about  zero  at  Mach  3,  but  produces  a  lift  at 
higher  speeds,  which  is  increasingly  counteracted  by  the  impuls  force.  This  explains  the  decrease  for 
higher  Machnumbers  of  thrust  vector  angle  ar  in  Fig.  9.  For  Machnumbers  below  3  the  nozzle  is  over 
expanded.  This  results  in  a  negative  lift  with  the  thrust  vector  angle  aj  getting  negative.  It  is  added, 
that  above  effect  would  diminish,  if  the  effective  nozzle  exit  area  is  reduced  for  Machnumbers  below’  3. 

Thrust  vector  angle  aj  is  furthermore  affected  by  the  angle  of  attack  (Figs.  11  and  12).  The  angle  of 
attack  is  varied  for  a  fixed  flight  condition;  an  increasing  angle  of  attack  causes  a  stronger  compression 
at  the  front  shock  of  the  vehicle,  resulting  in  an  increasing  mass  flow  into  the  engine  and  therefore 
increasing  thrust.  Also  hft  T\  is  increased  at  the  diffussor,  because  of  the  increased  massflow’.  Because 
of  the  increased  massflow  the  critical  area  of  the  nozzle  has  to  be  enlarged  reducing  the  expansion 
ratio.  Nozzle  exit  speed  ug  and  flow'  angle  ^5  decrease,  but  nozzle  pressure  ps  increases;  the  overall 
effects  are  plotted  in  Figs.  11  and  12:  an  increase  of  the  angle  of  attack  results  in  an  increase  of  the 
thrust  vector  angle. 

Another  parameter  influencing  the  thrust  vector  angle  is  the  fuel  equivelence  ratio  or  the  reciprocal 
oxidation  ratio  A.  The  relevant  results  are  plotted  in  Figs.  13  and  14,  again  for  a  fixed  flight  condition. 
The  oxidation  ratio  hcis  no  impact  on  the  incoming  forces,  identified  cis  horizontal  lines  (1,3)  in  Fig.  13. 
Decreasing  the  fuel  flow  results  of  course  in  a  decreasing  thrust  and  the  lift  at  the  nozzle  also  decreases, 
but  thrust  vector  angle  ar  is  not  much  affected,  although  velocity  ug  decreases.  The  reason  is  that, 
the  critical  area  of  the  nozzle  has  to  be  reduced  leading  to  an  increased  expansion  and  resulting  in  a 
lower  nozzle  pressure  pg,  which  predominantly  causes  the  drop  in  nozzle  lift  T2. 

6.2  Specific  fuel  consumption 

The  specific  fuel  consumption  is  always  particulary  emphasized,  because  it  directly  affects  fuel  require¬ 
ment  (Eq.  (6)).  The  effect  of  leading  parameters  on  specific  fuel  consumption  is  examined  in  the 
following. 

Fig.  15  shows  the  specific  fuel  consumption  as  a  function  of  Machnumber  for  various  dynamic  pres¬ 
sures  and  oxidation  ratios.  The  specific  fuel  consumption  rapidly  increases  with  speed  and  oxidation 
ratio,  but  is  about  independent  of  the  dynamic  pressure  and  altitude,  especially  for  smaller  Mach¬ 
numbers.  Fig.  16  illustrates,  that  the  specific  fuel  consumption  decreases  little  with  increasing  angle 
of  attack  and  confirms  its  independence  of  altitude.  A  useful  approach  for  trajectory  optimization  is 
drawn  sofar  from  the  figure,  that  the  specific  fuel  consumption  of  the  ramjet  considered  changes  little 
with  changing  altitude  or  angle  of  attack,  both  parameters  being  important  for  maximizing  the  lift 
over  drag  value  LjD. 

Fig.  15  already  revealed  the  strong  influence  of  the  oxidation  ratio  A  on  the  specific  fuel  consumption. 
For  several  fixed  flight  conditions  this  has  been  plotted  in  Fig.  17,  showing,  that  for  Machnumbers 
above  3  an  optimum  oxidation  ratio  A  exists,  for  which  the  specific  fuel  consumption  has  a  minimum 
value.  This  optimum  oxidation  ratio,  which  is  independent  of  the  dynamic  pressure,  increases  with 
Machnumber  and  is  indicated  in  Fig.  18.  It  also  identifies  the  allowable  range  for  the  oxidation  ratio, 
if  a  ten  per  cent  deviation  from  the  minimum  specific  fuel  consumption  is  acceptable  (Fig.  17).  Thi> 
range  decreases  for  speeds  below  Mach  4,  as  does  the  optimum  oxidation  ratio,  which  is  in  contradiction 
with  Fig.  17.  It  is  reminded,  that  for  these  Machnumbers  negative  thrust  vector  angles  ar  occur  if  the 
fuel  flow  decreases.  The  reasons  for  the  combined  effect  on  thrust  vector  angle  ar  of  low  Machnumber 
(Fig.  9)  and  high  oxidation  ratio  (Fig.  14)  have  both  seperately  been  explained  above.  Since  a  negative 
thrust  vector  angle  is  undesired  from  the  point  of  view  of  fuel  requirement  optimization  (Eq.  (6))  only 
the  thrust  component  parallel  to  the  roll  axis  was  considered,  when  drawing  Fig.  18. 
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7  Optimal  acceleration  trajectories 

Eq.  (6)  is  used  for  finding  optimum  acceleration  trajectories.  To  optimize  the  engine  specific  parameters 
it’s  sufficient  to  choose  the  oxidation  ratio  A  according  to  Fig.  18.  Prescribing  the  oxidation  ratio 
determines  the  engine  size  required  for  a  fixed  flight  Machnumber.  The  combustion  chamber  inlet  area 
(index  ’2’  in  Fig.  8)  is  chosen  as  the  reference  area  of  the  engine.  Varjing  the  flight  Machnumbers 
reveals  a  curve  of  required  engine  sizes,  which  can  be  used  to  design  the  final  engine  size.  Selecting,  for 
instance,  the  largest  required  engine  size  for  design,  means  that  the  oxidation  ratio  must  be  increased 
for  aU  ofF-design  flight  points  (less  fuel  is  needed  to  obtain  the  required  thrust).  In  order  to  be  sure 
to  improve  specific  fuel  consumption  for  the  flight  conditions  under  consideration  the  lower  curve  of 
prescribed  oxidation  ratios  in  Fig.  18  has  been  chosen  for  the  calculation. 

The  specific  fuel  consumption  can  roughly  be  treated  as  being  independent  of  the  altitude  and  the 
angle  of  attack.  The  angle  of  attack  however  is  quite  important  for  a  maximum  lift  over  drag  ratio  L/D 
and  should  be  set  near  its  optimum  value,  which  might  be  done  by  choosing  the  adequate  altitude, 
taking  in  account  all  governing  parameters,  as  acceleration,  thrust  vector  angle  and  wing  loading. 

Fig.  19  shows  the  resulting  acceleration  fuel  consumption  Amj  /Av  for  two  different  accelerations, 
which  have  been  kept  constant  for  all  flight  points.  As  could  be  expected  an  increased  acceleration 
is  advantageous  for  the  fuel  requirement.  (Compare  Tab.  1,  listing  the  total  fuel  consumption  for 
the  whole  trajectory).  The  wing  loading  GfAu,  was  varied,  having  little  effect  on  the  accelerating  fuel 
consumption,  but  having  strong  effect  on  the  flight  altitude  as  shown  in  Fig.  20.  Obtaining  optimum 
angle  of  attack  with  lower  wing  loadings  necessarily  leads  to  lower  dynamic  pressures  (term  ^1,  in  Eq. 
(8)),  which  means  high  flight  altitude.  This  also  affects  the  required  engine  size,  as  evident  in  Fig.  21. 
Doupling  the  wing  loading  causes  smaller  engine  sizes,  even  with  acceleration  v  doupled,  demonstrating 
the  tremendous  impact  of  a  typical  structure  parameter  of  the  flight  vehicle  on  the  ramjet  design  size. 


8  Accelerated  flight  with  included  cruise  flight 

The  vehicle  under  consideration  in  this  section  is  to  start  from  Europe,  because  seperation  of  the  upper 
stage  will  occur  near  the  equator  a  cruise  flight  has  to  be  included  into  the  mission.  If  a  certain  distance 
is  to  be  flown,  the  acceleration  determines  the  cruise  flight  distance  (see  Fig.  22),  which  already  implies 
another  point  of  view  of  the  fuel  requirement  being  the  distance  fuel  requirement  Am /Ax,  instead  of 
the  acceleration  fuel  requirement  Am/Av.  The  latter  becomes  infinite  in  cruise  flight  (l/u  in  Eq.  (6)). 
The  relevant  modification  of  Eq.  (6)  resiilts  in: 

Am/  _  •  (1  +  ^  +  1^0  Bs 

m  cos  (7  -t-  V 

This  equation  shows,  that  a  low  value  for  acceleration  v  is  beneficial  for  fuel  requirement,  if  cruise  is 
included,  since  acceleration  v  now  appears  in  the  numerator.  All  other  parameters  must  be  optimized 
as  discussed  before. 

Except  during  cruise  flight  the  acceleration  is  kept  constant  for  all  flight  points.  The  flight  distance 
needed  for  vehicle  acceleration  increases  with  decreasing  acceleration  v  (Fig.  22).  The  overall  flight 
distance  determines  the  minimum  value  for  acceleration  v.  Any  higher  \'alue  requires  cruise  operation. 
The  cruise  distance  increases  with  increasing  acceleration  (Fig.  22). 

Eq.  (10)  can  be  used  for  finding  the  optimum  cruise  flight  point  (minimum  distance  fuel  requirement 
Am/ Ax)  by  setting  acceleration  v  equal  zero  and  varying  flight  speed  and  altitude.  For  each  altitude, 
an  optimum  cruise  flight  point  can  be  found  at  Mach  4.25  [1],  which  is  chosen  for  the  here  considered 
acceleration  mission  with  included  cruise  flight.  Fig.  23  illustrates  the  reduced  total  fuel  consumption 
for  decreased  acceleration  v.  Also  the  total  flight  time  will  be  shortened,  if  a  smaller  acceleration 
is  chosen.  It  can  be  concluded,  that  for  missions  starting  at  Europe  a  small  acceleration  will  be 
preferable,  if  minimized  fuel  consumption  is  required.  Furthermore  it  is  reminded,  that  speeding  up 
with  a  smaller  acceleration  leads  to  smaller  required  engine  sizes  (Fig.  21).  Reducing  the  engine  size 
reduces  the  structural  weight  and  therefore  increases  the  payload. 
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9  Summary 

The  parameters,  having  impact  on  fuel  requirement  of  vehicles  using  a  ramjet,  have  been  deduced  and 
discussed.  It  has  been  shown,  that  lift  over  drag  LjD  always  should  be  maximized.  To  achieve  this,  a 
discret  angle  of  attack  has  to  be  flown  at  particular  flight  Machnumber.  This  can  be  done  by  choosing 
the  appropiate  altitude,  which  depends  mainly  on  the  wing  loading.  Also  the  acceleration  and  the 
thrust  vector  angle  have  an  influence  on  the  angle  of  attack,  which  have  to  be  taken  in  account.  For 
each  flight  Machnumber  an  optimum  oxidation  ratio  can  be  pointed  out,  for  which  the  specific  fuel 
consumption  is  minimal.  When  designing  a  rcimjet,  the  engine  size  should  be  chosen  such,  that  the 
needed  oxidation  ratio  is  near  the  optimum  oxidation  ratio  during  the  most  time  of  the  mission. 

The  angle  of  attack  and  the  thrust  vector  angle  have  an  impact  on  fuel  requirement.  Positive  thrust 
angles  up  to  20“  are  beneficial.  For  speeds  above  Mach  3  such  angles  can  be  realised. 

The  best  choice  for  the  acceleration  for  speeding  up  depends  on  the  kind  of  mission.  A  purely 
accelerated  flight  mission  requires  large  values  for  acceleration.  In  case  of  an  included  cruise  flight,  it’s 
better  to  speed  up  with  low  acceleration,  which  also  leads  to  smaller  required  engine  sizes.  Also  the 
size  of  the  ramjet  engine  is  closely  related  to  the  wing  loading. 
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Figure  1:  Force  distribution  for  accelerated 
flight  point. 


FLIGHT  SPEED  <HyS> 


Figure  2:  Influence  of  velocity  v  and  accel¬ 
eration  i)  on  term  Gy,  for  L/D  =  4.0. 


Figure  3;  Lift  over  drag  L/D  as  a  function 
of  angle  of  attack  a  and  variation  of  Mach- 
nurnber. 


Figure  5:  ros  rr  -j-  as  a  function  of  thrust 
angle  (t  and  various  values  of  lift  over  drag. 


FLIGHT  HACHNUriBER  <-> 


Figure  4:  Optimum  angle  of  attack  and  an¬ 
gle  of  attack  for  5  %  and  10%  deviation  of 
maximum  Lj D  as  a  function  the  Machnum- 
ber. 


Figure  6:  Lift  coefficient  as  a  function  of 
angle  of  attack  and  variation  of  Machnumber. 
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THRUST  VECTOR  ANGLE  SI6HA_T  <DE6R> 

Figure  7:  Angle  of  attack  as  a  function  of  Figure  8:  Model  used  for  ramjet, 

thrust  vector  angle  aj-  and  variation  of  dy¬ 
namic  pressure  and  acceleration. 


FLIGHT  tIACHNUriBER  <-> 
Figure  9:  Thrust  vector  angle  cr  for  various 
dynamic  pres.sures  (\  =  IJ. 


Figure  10:  Forces  at  diffussor  inlet  (1,3) 
and  nozzle  outlet  (2,4)  of  the  ramjet  for 
<7  =  50  kPa  and  A  =  1. 


Figure  11:  Forces  at  diffussor  inlet  (1,3)  and 
nozzle  outlet  (2,4)  of  the  ramjet  as  a  function 
of  angle  of  attack  for  A/  =  5,  q  -  50  kPa 
and  A  =  1 . 


Figure  12:  Thrust  T  and  thru.st  vector  angle 
(Tf  of  the  ramjet  as  a  function  of  angle  of  at¬ 
tack  a  for  M  =  5,  q  =  50  kPa  and  A  =  1 . 


THRUST  VECTOR  ANGLE  SIGHA.T  DEGR> 
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Figure  13:  Forces  at  diffussor  inlet  (1,3)  and 
nozzle  outlet  (2,4)  of  the  ramjet  as  a  function 
of  oxidation  ratio  for  M  —  h,  g  =  50  kPa 
and  a  —  h° . 


FLIGHT  tIACHNUtIBER  <-> 


Figure  15:  Specific  fuel  consumption  Bs  for 
various  dynamic  pressures  and  oxidation  ra¬ 
tios. 


OXIDATION  RATIO  <-> 
Figure  17:  Specific  fuel  consumption  Bs  as 
a  function  of  oxidation  ratio  X  for  a  =  5"  and 
various  Machnumbers  and  various  dynamic 
pressures. 


OXIDATION  RATIO  <-> 
Figure  14:  Thrust  T  and  thrust  vector  angle 
(Ty  of  the  ramjet  as  a  function  of  oxidation  ra¬ 
tio  X  for  M  =  5,  q  =  50  kPa  and  a  =  5°. 


Figure  16:  Specific  fuel  consumption  Bs 
as  a  function  of  angle  of  attack  a  for 
M  =  5,  q  =  50  kPa  and  A  =  1. 


Figure  18:  Optimum  oxidation  ratio  Ag^ 
as  a  function  of  Machnumber  and  the  range 
for  10  %  deviation  of  minimum  specific  fuel 
consumption  Bs- 


THRUST  VECTOR  ANGLE  Simj  <DEGR> 
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FLIGHT  tIACHNUHBER  <-> 


Figure  19:  Fael  requirement  Am y  for  speed¬ 
ing  up  At>  for  optimum  acceleration  trajec¬ 
tories  for  wing  loading  ~  =  2  (1)  and 
4  kN/m^  (2)  and  various  accelerations. 


FLIGHT  tIACHNUHBER  <-> 
Figure  20:  Flight  altitude  profiles  for  opti¬ 
mum  acceleration  trajectories  for  wing  loading 
^  =  2  (1)  and  4  kN/m^  (2)  and  various 
accelerations. 


FLIGHT  HACHNUtlBER  <-> 


Figure  21:  Required  engine  size  as  function 
of  Machnumber  for  optimum  acceleration  tra¬ 
jectories  for  wing  loading  =  2  (1)  and 
4  kNjni^  (2)  and  various  accelerations. 


Figure  23:  Fuel  consumption  as  a  function 
of  overall  flight  time  for  different  accelerations 
and  for  wing  loading  GfA^  =  2  kNjm} . 


Figure  22:  Flight  paths  with  same  starting 
and  ending  point,  but  different  accelerations 
during  climbing  phase. 


- U - 

A, 

kNIm^ 

V 

m/s^ 

distance 

km 

fuel 

consumption 

ton 

2 

1 

2025 

34.5 

2 

2 

1015 

23.2 

4 

1 

1950 

32.2 

4 

2 

976 

21.6 

Table  1:  Flight  distance  and  fuel  consump¬ 
tion  for  purely  accelerated  flight  from  Mach¬ 
number  2.5  till  7. 
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Discussion 


TOWNEND  L.  H. 

Your  paper  is  largely  concerned  with  Mach  numbers  above  2.5  .  Have  you 
applied  optimisation  to  lower  flightspeeds,  in  particular  to  the  problem  of 
transonic  acceleration?  (Which  strongly  influences  the  size  of  the  propulsion 
installation,  and  is  strongly  influenced  by  transonic  base  drag). 

AUTHOR'S  REPLY 

This  paper  only  deals  with  that  part  of  the  trajectory,  where  the  ramjet 
is  in  use.  However  the  deducted  equation  (Eq.6)  also  can  be  used  for  lower 
flight  speeds.  Here  a  turbo  engine  will  be  in  use. 

To  be  able  to  say  something  about  the  optimal  flight  trajectory  in  this  speed 
range  a  closer  examination  of  the  turbo  engine  is  required,  simular  as  has 
been  done  for  the  ramjet. 

Furthermore  an  aerodynamic  model  of  the  vehicle  has  to  be  defined  for  the  low 
and  transonic  speeds. 

The  aerodynamic  model  used  in  this  paper  is  only  valid  for  high  speeds. 
WINTERFELD 

COMMENT  ;  We  made  a  thesis  last  year  in  which  we  adressed  the  optimisation  of 
the  size  of  the  low  Mach  number  turbojet.  One  of  the  results  is  that  there  is 
a  coupling  between  the  size  of  the  turbojet  engine  and  its  afterburner  and  the 
ramjet's  size.  The  two  optimisation  processes  should  be  coupled. 
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RESUME 

Depuls  1986-  le  CNES  aoutient  dei  etudea  eoaparatlvea  de  diffirenta  concepta  de  aoteura  coabinda 
effectuiea  eonjointeaent  par  la  SNECMA,  la  SEP  et  I'ONERA.  La  SNECMA  et  la  SEP  viennent  de  raaaeabler  leura 
efforta  en  propulalon  coablnAe  en  crAant  un  Groupeaent  d'lntdrAt  Eeonoalque  coaaun  appelA  HYPERSPACE. 
L’avanceaent  dea  Atudea  de  eoaparaiaon  dea  dlffArenta  cyclea  de  aoteura  coablnAa  eat  prAaentA  en  ae 
concentrant  aur  lea  concepta  auivanta  : 

-  la  faaille  dea  turbofuaAea  coaprenant  le  turbofuaAe-atato  et  le  turboexpander-atato  ; 

-  la  faaille  dea  turborAacteura  avec  la  turboaoufflante-atato  et  le  turbo-atato  ; 

-  le  fuaAe-atato  ; 

-  la  fuaAe  A  air  llquAflA  ; 

•  la  fuaAe  A  air  refroldl  (Atude  en  coura)  ; 

-  et  le  atatorAacteur  A  coabuatlon  auperaonlque  qul  eat  Agaleaent  en  coura  d'exaaen. 

La  eoaparaiaon  de  eea  concepta  Inclut  leura  perforaaneea  thAorlquea.  dea  conaldArationa  de 
dlaenalonneaent  et  une  Avaluatlon  approxlaatlve  dea  problAaea  tecluiologlquea  aaaoclAa  A  cheque  concept. 


COMPARATIVE  STUDY 
OF  DIFFERENT  SYSTEMS 
OF  COMBINED  CYCLE  PROPULSION 


ABSTRACT 

since  1986  the  French  Space  Agency  CNES  la  aponaorlng  aoae  coaparatlve  atudlea  of  dlfferenta  concepta 
of  coablne  cycle  englnea  aade  Jointly  by  SNECMA.  SEP  and  ONERA.  SNECMA  and  SEP  recently  Joined  their  efforta 
in  coabined  cycle  propulalon  by  creating  a  coaaon  Joint  Venture  (’’Groupeaent  d'lntArAt  Eeonoalque")  naaed 
HYPERSPACE.  The  recent  prbgreaa  of  coaparatlve  atudlea  of  different  coabined  cycle  engine  ayatena  la  preaented 
focualng  on  the  following  concepta  : 

-  the  turborocket  faally  Including  the  turbo  rocket-raajet  and  the  turbo  expander- raajet  ; 

-  the  turbojet  faally  with  the  turbofan-raajet  and  the  turbo-raajet  ; 

-  the  rocket-raajet  ; 

-  the  liquefied  air  rocket  ; 

-  the  cooled  air  rocket  (atudy  in  progreaa)  : 

-  and  the  acraajet  (auperaonic  coabuatlon  raajet)  which  ia  alao  preaently  In  progreaa. 

The  coaparlaon  of  theae  concepta  includea  their  theoretical  perforaaneea,  aoae  dealgn  conalderatlona 
and  an  approxlaate  evaluation  of  the  technological  difflcultlea  aaaociated  with  each  concept. 
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Z.  INTRODUCTION 

Au  dAbut  du  2tAm  (lAcl*,  vtn«  nouvell*  fuillle  d«  lutecur*  A  dAcollag*  et  attArlacagc  horlxontal  avcc 
une  propulsion  coablnAa  eowsencera  A  dsvenlr  opAratlonnelle. 

De  tela  lanccurs  devralent  condulre  A  une  reduction  des  eodts  de  lanceaent  et  A  dee  aaAlloratlons 
Inportantes  en  souplesse  et  en  flexlbllltA  d'enplol  par  rapport  aux  laneeurs  classlques  a  decollage  vertical 
et  A  propulsion  fusAe. 

L'optialsation  de  ces  laneeurs  du  futur  dApend  en  grande  partle  du  concept  de  propulsion  coabinAe 
sAleetlonnA  ausal  bien  pour  un  laneeur  aonoAtage  que  pour  un  lanceur  blAtage.  La  sAlection  des  concepts  de 
propulsion  coabinAe  est  done  fondaaentale  pour  le  auecAs  de  ces  nouveaux  laneeurs  futurs. 

L'objectlf  de  I'Atude  prAaentAe  eat  de  coaparer  certalna  des  concepts  de  propulsion  coabinAe  qul 
peuvent  Atre  envlsagAs  pour  de  tela  laneeurs. 

2.  ANALYSE  DE  DIFFERENTS  CONCEPTS  DE  PROPULSION  COMBINES 
2.1.  TurbofusAe-Stato 

Le  prlnclpe  schAaatlque  de  fonetlonneaent  de  ce  concept  est  reprAsentA  sur  la  Flg.l  ;  la  coabustlon 
d'un  aAlange  hydrogAne-oxygAne  dans  une  chaabre  de  type  fusAe  prodult  des  gas  d'Achappeaent  qul  entralnent  la 
turbine  entralnant  le  coapresseur  :  I'Acouleaent  qul  traverse  la  turbine  est  riche  en  hydrogAne.  ce  qul  peraet 
une  coabustlon  coaplAaentalre  dans  la  chaabre  prlncipale  du  aoteur  aulvant  un  aode  de  type  statorAacteur. 


A  partir  d'un  noabre  de  Mach  de  vol  de  I'ordre  de  3>  Is  coapresseur  ne  prAsente  qu'un  faible  taux  de 
coapresslon  et  est  pratlqueaent  en  autorotation.  Le  fonetlonneaent  du  TurbofusAe-Stato  est  liaitA,  comae  tous 
les  concepts  de  type  TurbofusAe,  A  une  noabre  de  Mach  de  vol  de  I'ordre  de  6  A  cause  des  teapAratures  Alevees 
au  niveau  des  aubes  du  coapresseur  tout  en  aupposant  1 'utilisation  de  aatArlaux  coaposites  thermostructuraux 
coaae  le  earbone-carbure  de  slllelua  pour  let  aubes. 

Let  paraaAtres  sulvants  ont  AtA  choitls,  dans  let  conditions  sol  ; 

rapport  de  pression  :  3 >75 
rapport  de  aAlange  :  0.75 
( oxygAne/hydrogAne ) 

La  dAteraination  des  perforaances  thAorlques  du  TurbofusAe-Stato  conduit  A  des  Impulsions  spAclfiques 
qul  sont  reprAsentAes  sur  la  Figure  2.  Les  perforaances  du  Turbo-FusAe-Stato  prAsentent  I'avantage  d'une 
iapulslon  spAclflque  asses  AlevAe  (entre  2000s  et  2500s)  sur  une  plage  iaportante  en  noabre  de  Mach  de  vol 
(Jusqu'A  M  •  6)  ;  cette  Iapulslon  spAclflque  est  nAanaolns  plus  faible  que  pour  d'autres  concepts  de  aoteurs 
coabinAe  qul  sont  prAsentAs  plus  loin. 

Un  diaenslonneaent  de  ce  type  de  concept  a  AtA  effectuA  et  conduit  A  I'archltecture  qul  est  prAsentAe 
en  Figure  3.  Les  hypothAses  prises  au  niveau  des  aatArlaux  supposent  que  let  aatArlaux  composites 
theraostructuraux  et  en  partlculler  les  coaposites  A  aatrice  cAraaique  solent  largeaent  utlllsAs. 

La  figure  A  aontre  A  tltre  indlcatif  I'enseable  des  plAces  d'un  TurbofusAe-Stato  qul  pourralent  Atre 
rAallsAes  en  aatArlau  coaposite  A  aatrice  cAraaique. 

De  tels  aatArlaux  peraettront  une  augaentatlon  sensible  des  teapAratures  de  fonetlonneaent  A 
I'lntArieur  du  aoteur  et  une  rAductlon  de  aasse  iaportante  par  rapport  A  des  aatArlaux  aAtalliques. 
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2.2.  Turboexpander- S ta to 

Lt  scMm  4c  fonetlonneaent  du  Turbocxpcndcr-Stcto  cat  pricentd  cur  Ic  Figure  5.  L'hydrogdne  ect 
d'^bord  utlllcd  pour  rcfroldir  lec  parole  dc  la  ehaabre  autvant  un  aode  regdniratif.  ee  qut  le  richauffc 
aufflaaaaent  pour  gue  aa  ddtente  ultdrleure  peraette  d'entralner  la  turbine  entralnant  Ic  eoapreaaeur  aana 
Introduction  d'ozygdne. 

De  adae  que  dana  le  caa  du  Turbofuade-Stato,  Ic  fonetlonneaent  adroble  du  Turboexpandcr-Stato  eat 
poaalble  Juaqu'd  un  noabre  de  Mach  de  vol  de  I'ordre  de  6  d  condition  que  dee  aatdrlaux  eoapoaitea 
theraoatrueturaux  aolent  utlllada  pour  lea  aubea  de  eoapreaaeur. 

Un  rapport  de  preaalon  du  eoapreaaeur  dc  3  a  dtd  cholal  (dana  lea  eondltlona  aol).  Lea  lapulalona 
apdclflquca  ealeuldea  aont  prdaentdea  aur  la  Figure  6.  Cca  lapulalona  apdelflquea  aont  trda  dlevdea  (entre 
3500a  et  b500a)  aur  une  large  plage  en  noabre  de  Mach  de  vol  (Juaqu’d  Mach  6).  Par  rapport  au  Turbofuade- 
Stato,  lea  lapulalona  apdelflquea  du  Turboexpander-Stato  aont  largeaent  aupdrleurea  de  1500a  d  2000a. 
L'lneonvdnlent  du  Turboexpandcr-Stato  porte  aur  la  aaaae  et  la  eoaplexltd  technologique  du  ayatdae  de 
refroidlaaeaent  rdgdndratlf  par  I'hydrogdne  .  Un  dlacnalonneacnt  du  Turboexpandcr-Stato  a  dtd  effectud  et 
conduit  d  une  architecture  qul  eat  reprdaentde  aur  la  Figure  7  en  auppoaant  un  eaplol  trda  frdquent  dea 
aatdrlaux  eoapoaitea  theraoatrueturaux. 

Sea  perforaaneea  trda  dlevdea  en  lapulalon  apdelflquc  font  du  Turboexpander-Stato  un  bon  candidat 
parai  lea  diffdrenta  eoncepta  de  propulalon  eoablnde  envlaageablea  pour  dea  laneeura  apatlaux,  en  partlculler 
pour  un  prealer  dtage  d'un  laneeur  bldtage. 

Lea  diffleultda  tcchnologlquea  aaaoeldea  au  Turboexpandcr-Stato  portent  en  partlculler  aur  I'dchangeur 
qul  peract  d  I'hydrogdne  de  rcfroldir  la  velne  atato  (aaaae,  flabllltd,  etc)  et  aur  1' Introduction  large  dea 
aatdrlaux  eoapoaitea  d  aatriee  edraaique  pour  lea  dlffdrcntea  pldeea  du  aoteur  en  contact  avee  le  flux  d’alr 
ehaud  (aubea  de  eoapreaaeur,  ehaabre,  tuydre,  etc). 

2.3.  Turbosoufflante-Stato 

La  Turboaoufflantc-Stato  eat  un  turbordacteur  double  flux  avec  rdchauffe  pour  lequel  le  turbordaeteur 
ect  en  autorotation  aux  granda  noabrea  de  Mach  de  vol,  ce  qul  correapond  alora  d  un  aode  de  propulalon  du  type 
atatordaeteur. 

En  aode  turbo,  le  noabre  de  Mach  de  vol  aaxiaua  ect  d’envlron  4,5  et  ect  liaitd  par  la  teapdrature  au 
niveau  de  la  turbine  qul  eat  alora  volaine  de  2000K. 

En  aode  atato,  le  noabre  de  Mach  de  vol  aaxiaua  eat  d'envlron  6  et  cettc  llaltatlon  provient  dc  la 
teapdrature  perque  par  lea  aubea  du  eoapreaaeur,  de  aanldre  clallalre  aux  eoncepta  du  type  turbofuade-atato 
prdaentda  ei-deaaua. 

Lea  nlveaux  de  perforaanec  en  lapulalon  apdclflque  calculda  pour  la  turbocoufflante-atato  aont 
prdaentda  aur  la  Figure  8.  L'lapulalon  apdclflque  eat  trda  dlevdc  (entre  4000a  et  4500a)  en  node  turbo  Juaqu'd 
Mach  4,5  environ  ;  elle  cat  aolna  forte  en  aode  atato  pour  un  Mach  coaprla  entre  4,5  et  6  (dc  I'ordre  de 
3000a). 


Une  architecture  achdaatique  de  turboaoufflante-atato  eat  prdaentda  aur  la  Figure  9-  Un  Inconvdnlent 
de  la  turboaoufflante-atato  eat  aon  poida  qul  eat  aaaca  laportant.  Le  polda  d'un  tel  aoteur  pourralt  dtre  de 
I'ordre  de  3,4  tonnea  pour  une  pouaade  au  aol  dc  400  kN,  en  auppoaant  qu'unc  partle  dea  coapoaanta  du  aoteur 
aoit  rdalladc  en  aatdrlaux  eoapoaitea  d  aatriee  edraaique  (lea  aubea  de  eoapreaaeur  en  partlculler). 

La  turboaoufflante-atato  eat  un  candidat  intdrcaaant  pour  la  propulalon  d'un  prealer  dtage  dc  laneeur 
bldtage  d  eauae  de  aon  lapulalon  apdelflquc  dlevdc,  aala  nc  eonviendrait  paa  a  priori  d  la  propulalon  d'un 
laneeur  aonodtage  d  eauae  dea  probldaea  de  aaaae  qul  aont  dOa  en  grande  partle  au  turbordaeteur. 
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2.4.  Turbo-stato 


Contralreaent  i  !•  turbosoufflante-«tato  pour  lequel  le  turbo  eat  double  flux,  le  concept  turbo-etato 
auppoae  que  le  turboriaeteur  eat  aonoflux.  Suivant  que  le  atatoriacteur  eat  diapoai  derridre  le  turboreacteur, 
autour  ou  en  velne  paralldle,  le  turbo-atato  eat  alora  Intigrd.  coaxial  ou  parallile. 

L'dtude  dea  dlffdrentea  varlantea  du  turbo-atato  eat  actuelleaent  en  coura  :  elle  devrait  conduire  & 
dea  perforaancea  coaparablea  4  cellea  de  la  turboaoufflante  atato  et  faire  I'objet  d'une  preaentation 
ultdrieure. 


2.5.  Fusfee-Stato 


Dana  un  fuaie-atato.  la  fuade  eat  diapoade  d  I'entrde  du  foyer  du  atatordacteur  et  fonctionne  en 
adlange  riche,  peraettant  alnai  une  coabuation  avec  I'air  aana  injection  auppldaentaire  de  coabuatible  dana  la 
velne  atato.  Afln  de  rddulre  lea  longueura  de  adlange  et  de  coabuation.  I'enaeable  fuade  eat  aouvent  conatitud 
de  plualeura  aini-aoteura  fuadea  appelda  djecteura  (d'oO  I'appellatlon  de  atato  d  djecteura).  En  sortie  du 
foyer  atato,  le  adlange  eat  aubaonlque  et  eat  enauite  accdldrd  dana  une  tuydre  convergente-divergente.  La 
Figure  10  prdaente  un  achdaa  de  fonctionneaent  du  fuade-atato.  L'entree  d’air  eat  d  geoaetrie  variable  pour 
lea  raapea  de  eoapreaaion  et  le  dlffuaeu. ,  ce  qul  peraet  une  aellleure  adaptation  aux  noabres  de  Mach  de  vol. 
La  tuydre  eat  bidlaenaionnelle  (dana  la  Idre  veraion  dtudlde).  d  ddtente/ddflexion  (autoadaptable)  et  elle 
coaporte  un  col  variable. 

Au  ddcollage,  I'eaaentiel  de  la  poueade  eat  aaaurd  par  lea  djecteur.  Un  faible  coaplement  de  poussee 
eat  apportd  par  I'effet  d'aaplration  provoqud  par  le  adlange  de  1‘air  et  dea  Jets  dea  djecteura  (effet 
troape).  A  partir  de  Mach  O.d  environ,  I'effet  troape  eat  reaplacd  par  un  claaaique  effet  atato  qui  aaaure  un 
eoapldaent  de  pouaade  et  done  un  gain  d'lapulaion  apdclflque  par  rapport  aux  djecteura  aeula.  Quand  la  poussee 
du  atatordacteur  aeul  devient  auffiaante  pour  aaaurer  la  propulaion  du  vdhieule  (vera  Mach  2,5  environ),  lea 
djecteura  aont  dteinta  et  le  aoteur  paaae  en  node  atato,  I’lnjeetion  de  coabuatible  (I'hydrogdne  pour  un 
lanceur  apatial)  dtant  alora  effeetude  aoit  par  I'intemddiaire  dea  djecteura,  aoit  par  dea  injeeteurs 
inddpendanta . 

Une  configuration  bidlaenaionnelle  du  fuade-atato  a  dtd  dtudide  avec  une  poussde  au  sol  de  600  kN  et 
une  poussde  niniaua  du  atato  de  400  kN.  La  chanbre  atato  eat  dinenaionnee  avec  une  section  de  3  a^ 
(rectangulaire)  avec  15  djecteura  d  I'lntdrieur  (3  couches  de  5  djecteura). 

L'architecture  de  ce  aoteur  conduit  d  une  aasse  (hors  prise  d'air)  de  3>65  tonnes. 

La  Figure  11  prdaente  lea  perforaancea  en  inpulsion  apdeifique  qui  ont  dtd  calculdes  pour  la 
configuration  de  fuade-atato  dtudlde.  Lea  perforaancea  aont  donndea  Jusqu'd  Mach  4  en  ''node  djecteur" 
(djecteura  allunds)  et  d  partir  de  Mach  2  en  node  atato  (djecteura  dteinta).  Le  Mach  d'extinction  dea 
djecteura  eat  d  optiniser  en  fonction  du  vdhieule.  typiqueaent  autour  de  2,5. 

Lea  calculs  de  trajeetoire  actuelleaent  en  coura  aontrent  qu'il  y  a  intdrdt  d  dininuer  les  sections 
d'entrde  d'air  et  de  chaabre  atato  afln  de  rdduire  la  aasse  du  aoteur  et  la  trainde  induite  sur  le  vdhieule 
(au  ddtrlaent  de  la  poussde).  Par  allleurs  une  architecture  axysindtrlque  pernettrait  dgalenent  de  rdduire  la 
aasse.  Un  nouveau  dlnensionneaent  dans  une  configuration  axyaiadtrlque  eat  actuelleaent  d  I'dtude. 

Si  la  coabuation  du  atatordacteur  d'une  fuade-atato  reate  aubaonlque,  I'inpulslon  apdeifique  du  aoteur 
baisae  trda  rapideaent  entre  Mach  6  et  Mach  8  ;  Mach  8  senble  dtre  une  Unite  au  nonbre  de  Mach  de  vol 
adnlsslble  dans  le  caa  d'un  atatordacteur  d  coabuation  aubaonlque.  Au  deld.  les  djecteura  peuvent  dtre  d 
nouveau  alluads  pour  pemettre  d  un  lanceur  aonodtage  de  quitter  I'ataosphdre  pour  se  nettre  en  orblte 
(configuration  du  type  fusde-stato-fusde) . 

Si  le  atatordacteur  eat  eonqu  pour  fonctlonner  d  la  fois  en  coabuation  aubaonlque  et  supersonlque 
grdee  d  dea  gdoadtrlea  variables  approprides,  le  fonctionneaent  adrobie  du  fuade-atato  peut  alora  dtre 
considdrableaent  dtendu  Jusqu'd  dea  noabres  de  Mach  de  vol  de  I'ordre  de  15  d  18. 
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Un  avantas*  laportant  du  concapt  fuaee-atato  eoneemc  son  aptitude  A  transiter  vers  une  eoabustion 
supersonldue  pour  le  stato  qul  aadliore  alors  eonslddrableacnt  les  perforaances  potentielleu  au  delA  de  Mach  6 
et  Alarglt  done  la  nature  des  alsslons  envlsaceables  avee  dcs  concepts  de  propulsion  coabinee  du  type  fusAe- 
stato. 


2.6.  Fusfee  air  Iiqu6fi6 

Le  scheaa  de  fonctionneaent  de  la  fUsAe  A  air  llquAfiA  eat  reprAsentA  sur  la  Figure  12.  L'air  traverse 
un  refroidisseur  puls  un  llquAfacteur  pour  lequel  le  flulde  rAfrigArant  est  de  I'hydrogAne  qul  est  alnsi 
rAchauffA  avant  d'Atre  Introdult  dans  la  ehaabre  qul  est  du  type  fusAe. 

Un  aAlange  d'hydrogAne,  d'oxygAne  et  d'air  llquAflA  brOle  dans  la  ehaabre  de  coabustion.  Par  rapport  A 
un  aoteur  fusAe,  une  partle  de  I'oxygAne  est  alnsi  reaplacAe  par  de  l'air  liquAflA,  ce  qul  aaAliore 
senslbleaent  I'lapulslon  spAclflque. 

L'lapulslon  spAclflque  calculAe  pour  une  fusee  A  air  llquAflA  correspond  A  la  Figure  13  dans  le  cas  du 
cycle  de  base  dAerlt  el-deasus.  Lea  dlffArentea  eourbes  correspondent  A  la  taille  des  Aehangeurs  de  chaleur 
par  rapport  A  un  cas  de  rAfArenee  avec  des  Aehangeurs  dlaenalonnAs  pour  un  noabre  de  Mach  de  vol  de  4, 5.  Les 
eourbes  d'lapulsion  spAclflque  aontrent  qu'entre  Mach  1  et  Mach  4.5  l'lapulslon  spAclflque  est  supArieure 
d'environ  50  t  par  rapport  A  celle  d'un  aoteur  fusAe  (600s  au  lieu  de  450s)  et  qu'A  un  noabre  de  Mach  plus 
AlevA  le  gain  en  iapulslon  spAclflque  dlalnue  Juaqu'A  s'annuler  pour  un  noabre  de  Mach  de  vol  d'environ  10. 

Des  aaAlloratlona  du  cycle  de  base  pour  la  fusAe  A  air  llquAflA  sont  possibles  par  exeaple  en 
Injectant  de  I'oxygAne  liqulde  dans  I'Acouleaent  d'air  pour  le  refroldlr  ou  en  utlllsant  de  I'hydrogAne  sous 
forae  de  boues  (aAlange  liqulde-sollde  ou  "slush")  dans  des  rAservoirs  (A  une  teapArature  de  14K). 

Ces  deux  exeaples  devralent  aaAliorer  I'lapulslon  spAclflque  d'environ  80s  et  50s  respect Iveaent. 
O'sutres  vsriantes  du  cycle  du  type  fusAe  A  air  llquAflA  sont  possibles,  en  partlculier  avec  une  recirculation 
de  I'hydrogAne  ou  de  I'oxygAne  vers  les  rAservoirs  (avee  la  posslbllitA  d'utillser  des  carburants  "slush”)  ou 
en  Introdulsant  un  coapresseur  d'air  InteraAdlalre  entre  le  refroidisseur  et  le  llquAfacteur. 

La  prinelpale  difficultA  technologlque  de  la  fusAe  A  air  llquAflA  rAside  dans  les  Aehangeurs 
(refroidisseur  et  llquAfacteur)  pour  lesquels  les  spAclficatlons  sont  trAs  sAvAres  :  falble  poids.  falble 
perte  de  charge,  trAs  grande  rAslstance  et  flabllitA,  teapArature  d'entrAe  du  refroidisseur  AlevAe,  conditions 
d'utlllsatlon  extrAaeaent  variables  et  absence  de  glvrage  A  basse  altitude. 

Le  poids  des  Aehangeurs  de  chaleur  risque  de  constltuer  un  IneonvAnlent  aajeur  pour  des  cycles  de 
aoteurs  coablnAs  du  type  fusAe  A  air  llquAflA.  Ce  problAae  de  poids  assoclA  au  fait  que  l'lapulslon  spAclflque 
de  la  fusee  A  air  llquAflA  est  asses  netteaent  plus  falble  que  pour  les  autres  cycles  de  aoteurs  coablnAs 
conduit  A  Allalner  a  priori  les  concepts  de  fusAc  A  air  llquAflA.  sauf  si  une  technologle  nouvelle  conduisant 
A  dcs  Aehangeurs  de  chaleur  Alr-HydrogAnc  lAgers  et  fiables  est  alse  au  point. 

2.7.  Fu«6e  4  air  refroldi 


Le  prlnclpe  de  la  fusAe  A  air  refroldi  (voir  Figure  l4)  est  trAs  seablable  A  celul  de  la  fusAe  A  air 
llquAflA  prAsentA  cl-dessus,  le  refroldisscaent  de  l'air  n'allant  par  eontre  pas  Jusqu'A  Is  llquAfactlon.  En 
aval  du  refroidisseur,  l'air  est  coaprlaA  dans  un  coapresseur  avant  d'Atre  InJectA  dans  la  ehaabre.  La 
puissance  du  coapresseur  est  foumle  solt  par  une  turbine  allaentAe  par  un  gAnArateur  de  gas,  soit  par  un 
cycle  expander. 

L'lapulslon  spAclflque  d'une  fusAe  A  air  refroldi  est  de  I'ordre  de  2500s  A  3000s  au  sol  et  1900s  A 
Mach  7.  Ellc  eat  netteaent  supArieure  A  celle  d'une  fusAe.  aais  elle  reste  lAgAreaent  InfArleure  A  celle  des 
autres  aoteurs  coablnAs  (A  I'cxceptlon  de  la  fusAe  A  air  llquAflA)  du  fait  du  dAblt  laportant  d'hydrogAne 
nAcessalrc  au  refroldisscaent  de  l'air  et  A  sa  eoapression.  L'obtcntlon  des  nlveaux  d'lapulsion  spAclfiques 
IndlquAs  suppose  par  alllcurs  dcs  Aehangeurs  trAs  laportants  et  une  optialsatlon  de  la  perforaance  pour  une 
aisslon  donnAe  conduira  peut-Atre  A  choislr  des  Aehangeurs  plus  petits  et  plus  lAgcrs  au  dAtriaent  de 
l'lapulslon  spAclflque.  Le  noabre  de  Mach  de  vol  aaxlaua  sc  situe  autour  de  7,  A  cause  des  problAaes  de  tenue 
en  teapArature  au  niveau  de  I'entrAc  d'air  et  du  refroidisseur. 
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2.8.  Statorfeacteur  8  coabustlon  supersonique 

D>ns  un  statoriacteur  4  eoabuatlon  auperaonlque  (ou  '‘aeraajet”) .  1‘icouleaent  reste  superaonique  i 
I'tnttrieur  de  la  chaabre  de  eoabuatlon.  La  Figure  1$  prbaente  lea  niveaux  d'iapulaion  apeclflque  qui 
pourralent  dtre  atteinta  pour  le  "aeraajet”  par  rapport  au  atatorbaeteur  et  au  turbordaeteur.  Cea  eourbea 
aontrent  que  le  "aoraajet”  eat  potentlelleaent  intdreaaant  au  deld  de  Maeh  6  environ.  L'iapulsion  apielfique 
reate  thdorlqueaent  aupdrleure  d  eelle  d'une  fuade  Jusqu'i  dea  noabrea  de  Maeh  de  vol  de  I'ordre  de  15  d  18,  d 
eondltlon  de  aavoir  rdallaer  le  adlange  et  la  eoabuatlon  de  I'alr  et  du  eoabuatible  (hydrogdne  a  priori)  dans 
le  ddlai  trds  eourt  laposd  par  le  teapa  de  adjour  dea  aMldeules  dana  le  foyer.  Le  noabre  de  Maeh  de  vol 
aaxiaua  pour  un  vdhleule  hyperaonlque  propulad  avee  un  "aeraajet"  eat  aetuelleaent  ineertain  du  fait  de 
I'laprdelaion  aur  la  pouaade  du  auteur  et  aur  le  bllan  propulaif  du  vdhleule  et  du  beaoln  en  refroldlsaeaent 
de  la  cellule  et  du  auteur  qul  rlaque  de  Halter  le  noabre  de  Mach  de  vol  aaxiaua. 

Le  "aeraajet"  eat  le  aeul  concept  de  propulalon  eoablnde  qul  peraette  dea  lapulalons  speclfiques 
relativeaent  dlevdea  (entre  1000a  et  3000a)  sur  une  plage  de  noabrea  de  Mach  coaprlae  entre  6  et  15  environ. 
II  eat  done  potentlelleaent  trda  intdreasant  pour  lea  alaalona  utillsant  largeaent  cette  plage  en  noabrea  de 
Mach,  d  aavoir  lea  lanceura  apatlaux  aonodtage  ou  deuxldae  dtage  de  bldtage  (avee  separation  vers  Mach  6). 

La  Boddllsatlon  dea  dcouleaenta  dana  un  "aeraajet",  en  partlculler  la  eoabuatlon  supersonique  dans  la 
chaabre,  eat  ndeeaaaire  pour  ddteralner  les  perforaances  qui  peuvent  dtre  eapdrdea  dana  un  "scraajet".  Les 
phdnoadnea  phyalquea  ala  en  Jeu,  partlculldreaent  coaplexea,  coaportent  le  adlange  turbulent  du  combustible 
dana  un  dcouleaent  auperaonlque,  la  coabuation  turbulente  asaoclde,  lea  effeta  catalytlques  de  parol,  les 
interactions  entre  ondea  de  choc  de  1 'dcouleaent  et  entre  ondes  de  choc  et  la  parol  qui  Induisent  des 
surchauffes  en  parol  qui  peuvent  dtre  trds  laportantea.  D'autre  part,  dans  le  cas  du  "scraajet",  1 ' Intdgratlon 
entre  la  cellule  et  le  aystdae  propulaif  (au  niveau  de  I'entrde  d'alr  et  de  la  tuydre)  est  entidreaent 
critique  pour  la  ddteralnation  du  bllan  propulaif  global  du  vdhleule  hyperaonlque  et  devra  done  dtre  aoddlisde 
avee  prdelaion  (posltlonneaent  des  ondes  de  choc.  Interactions  entre  ondes  de  choc  d’une  part,  entre  ondes  de 
choc  et  parol  d'autre  part,  etc). 

dux  dlffleultds  de  aoddllsatlon  de  phdnoadnea  physiques  asaoclds  au  "scraajet"  s'ajoutent  de  noabreux 
probldaes  teehnologlques  spdelflques  refroldlsaeaent  des  parols,  aystdae  d'lnjectlon,  entrde  d'alr  a 
gdoadtrle  forteaent  variable. 

Le  "scraajet"  a  beaoln  d'un  accdldrateur  pour  le  porter  d  Mach  6  environ.  Un  accdldrateur  de 
"scraajet"  peut  dtre  soit  Intdgrd  dans  la  veine  du  "scraajet"  (concept  fusde-stato  pour  lequel  le  stato  est 
capable  de  translter  en  combustion  supersonique),  solt  positionnd  dans  une  veine  paralldle  sulvant  un  concept 
du  type  turbo-stato  ou  turbofuade-stato.  Une  coaparaison  entre  les  dlffdrents  concepts  d'accdldrateur  dolt 
prendre  en  coapte  les  perforaances  des  aoteurs  correapondants  (impulsion  spdciflque  en  partlculler)  et  leur 
bllan  de  Basse.  Du  point  de  vue  aasse,  le  concept  fusde-stato  transltant  en  coabustion  supersonique  prdsente 
un  avantage  sensible,  aals  l'iapulsion  spdciflque  de  la  fusde  sur  le  premier  tronqon  de  la  trajectolre 
(Jusqu'd  Mach  2  environ)  est  partlculldreaent  falble.  Seul  le  calcul  coaplet  dea  performances  assocldes  d  une 
trajectolre  peraettra  de  sdlectionner  I'accdldrsteur  le  aieux  adaptd  au  "scraajet”. 

Le  ''scraajet"  est  un  concept  de  propulsion  eoablnde  qul  devralt  peraettre  un  "step"  technologique 
Important  pour  des  applications  lanceura  spatlaux  ;  e’est  aussl  un  concept  trds  coaplexe  de  part  la  nature  des 
phdnoadnea  physiques  corcespondants  (coabustion  supersonique  en  partlculler)  et  dont  I'dtude  approfondie 
ndcesslte  d'iaportanta  travaux  de  recherche. 
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3.  gWiPAIUMSON  BUTRB  LBS  DIFyERENTS  CONCEPTS 
OE  PROPULSION  COMBINES 


Pour  una  application  laneeur  spatial,  deux  types  de  vihleules  doivent  itre  coneldiris  ;  le  aonoetage 
et  le  bldtage. 

Pour  un  laneeur  aonodtage,  dea  calcula  sur  trajectoirea  aeablent  aontrer  qu'a  priori  aeule  une 
propulalon  eoablnde  Intdgrant  un  '‘aersajet**  conduit  A  une  charge  utile  senslbleaent  positive,  la  fusde  A  air 
refroldl  pouvant  dans  certains  caa  prAaenter  de  I'lntArAt.  Dans  ce  cas,  un  aecAlArateur  du  type  fusAc-atato  ou 
plutAt  fusAe  A  air  refroldl-stato  condulralt  A  une  IntAgratlon  coaplAte  de  I'accAlArateur  et  du  "scranjet”.  Un 
aecAlArateur  A  base  de  turborAacteur  en  velne  parallAle  (turbo-stato  ou  turbofusee-stato)  aaelloreralt 
I’iapulslon  spAeiflque  pendant  la  phase  Inltlale  de  la  trajectolre  (Juaqu'A  Mach  2  environ)  aais  prAsenteralt 
une  Basse  senslbleaent  plus  iaportante  que  pour  la  fusAe-stato. 

Pour  le  preaier  Atage  d'un  laneeur  blAtage,  le  crltAre  d'lBpulsion  spAelfique  devient  prloritaire 
Dans  ce  cas,  seuls  des  concepts  de  propulsion  coeiblnAe  correspondent  A  une  trAs  forte  Inpulsion  spAclflque  (de 
I'ordre  de  AOOOs)  peuvent  Atre  retenus  :  le  turbo-stato,  le  turboexpander-stato,  la  turbosoufflante-stato  et 
le  turbofusAe-stato. 

On  reeherchera  une  transition  du  turbo  au  stato  pour  un  noabre  de  Mach  de  vol  Aleve,  vers  Mach  A 
environ.  Le  fonctlonneaent  en  node  stato  correspond  A  une  coabustlon  subsonlque  et  sera  etendu  A  un  noabre  de 
Mach  aaxlaua  (entre  6  et  7). 

Pour  un  deuxlAae  Atage  d'un  laneeur  blAtage,  une  fusAe  peut  Atre  envlsagAe  aala  d'autres  concepts  sont 
Agaleaent  possibles,  en  partlculler  le  statorAaeteur  A  coabustlon  supersonique-fusAe, 


4.  CONCLUSION 


Une  analyse  de  diffArents  concepts  de  propulsion  coablnAe  a  AtA  prAsentAe  pour  une  application  A  des 
laneeurs  spatlaux  (vAhleule  aonoAtage  ou  blAtage).  La  eoaparalson  de  ees  concepts  aontre  que  seul  un  petit 
noabre  d'entre  eux  sont  suseeptibles  d’Atre  retenus  pour  un  vAhlcuie  hypersonlque  futur  A  propulsion  coablnAe. 

Pour  pouvolr  affiner  une  analyse  coaparative  de  concepts  de  propulsion  coablnAe  de  ce  type, 
d'iaportants  progrAs  doivent  Atre  rAallsAs  dans  le  dosMlne  de  la  aodAlisatlon  des  Acouleaents  ("CFD"  ou 
"Coaputational  Fluid  Oynaalcs")  afln  de  prendre  en  coapte  les  phAnoaAnes  physiques  de  turbulence,  de  mAlange. 
de  coabustlon  (Aventuelleaent  supersonlque) ,  d'lnteractlon  d'ondes  de  choc,  etc.  Ce  besoin  en  aodAlisatlon  des 
Acouleaents  est  particullAreaent  critique  dans  le  cas  du  statorAaeteur  A  coabustlon  supersonlque  ("scraajet") 
qul  nAcesslte  le  dAveloppeaent  de  aodAles  spAclflques.  en  partlculler  pour  prendre  correcteaent  en  coapte  la 
coabustlon  supersonlque. 

Un  certain  noabre  d'hypothAsea  ont  AtA  faltes  concemant  les  solutions  technologlques  les  plus 
approprlAes.  La  valldltA  de  ces  hypothAses  rests  A  dAaontrer,  par  exeaple  pour  1' introduction  de  aatArlaux 
coaposltes  therMstructuraux  qul  devralent  peraettre  une  augaentatlon  des  teapAratures  de  fonctlonneaent  et 
une  rAductlon  de  la  Basse  ;  ces  dAaonst rat  Ions  condulront  A  effectuer  plusieurs  expArlaentations  de 
validation. 

L'actlvltA  de  propulsion  coablnAe  qul  a  AtA  prAsentAe  conjolnteaent  par  la  SNCCMA,  la  SEP  et  I'ONERA. 
De  tels  travaux  sur  la  propulsion  coablnAe  dea  vAhicules  hypersonlques  futurs  devront  sans  doute  a  terae  Atre 
IntAgrAs  dans  un  large  prograaae  en  coopAration  Internationale. 
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Figure  5  -  Scheaa  de  fonctionneaent  du  Turboexpander-Stato 


Figure  6  -  IiBpulslon  epiciflque  du  Turbo  expander-Stato 
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Architecture  du  Turboexpander-Stato 


Figure  12  -  Sche««  de  fonctionnenent  de  la  Fusee  a  air  liquefii 
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Scientists  In  the  United  States  are  again  focusing  on  the  challenge  of  hypersonic 
flight  with  the  proposed  National  Aero-Space  Plane  (NASP) .  This  renewed  Interest  has  led 
to  an  expansion  of  research  related  to  high-speed  airbreathing  propulsion,  In  particular, 
the  supersonic  combustion  ramjet,  or  scramjet.  This  paper  briefly  traces  the  history  of 
scramjet  research  In  the  United  States,  with  emphasis  on  NASA- sponsored  efforts,  from  the 
Hypersonic  Research  Engine  (HRE)  to  the  current  status  of  today's  airframe-integrated 
scramjets.  The  challenges  of  scramjet  technology  development  from  takeover  to  orbital 
speeds  are  outlined.  Existing  scramjet  test  facilities  such  as  NASA  Langley's  Scramjet 
Test  Complex  as  well  as  new  high  Mach  number  pulse  facilities  are  discussed.  The 
Important  partnership  role  of  experimental  methods  and  computational  fluid  dynamics  Is 
emphasized  for  the  successful  design  of  slngle-stage-to  orbit  vehicles. 

INTROIWCTKNi  * - 

A  concerted  effort  Is  underway  In  the  United  States  to  develop  the  technology  for 
the  proposed  horizontal-takeoff,  slngle-stage-to-orblt  (SSTO)  National  Aero-Space  Plane 
(NASP)  shown  In  artist's  concept  In  figure  1.  To  break  the  "thermal  barrier"  and  achieve 
Its  mission,  the  best  of  propnilslon,  aerodynamics,  structures,  materials,  subsystems,  and 
controls  will  be  required  In  this  vehicle  which  must  be  the  most  carefully  Integrated 
functionally  of  any  airplane  ever  designed  (ref.  1).  Several  requirements  for  an  SSTO 
vehicle  are  Indicated  In  figure  2  where  fuel  fraction  Is  plotted  as  a  &nctlon  of  velocity 
achieved  (ref.  2).  This  figure  shows  that  an  SSTO  vehicle  must  have  airbreathing 
engines,  use  hydrogen  fuel,  and  have  very  high  vehicle  volume-to-welght  ratios  (compared 
to  previous  research  aircraft  such  as  the  X-15).  In  addition,  for  the  portion  of  the 
flight  above  Mach  6,  supersonic  combustion  ramjets  (scramjets)  are  essential  to  achieve 
the  necessary  fuel  specific  Impulse  (ref.  3).  Furthermore,  thrust  requirements  at  high 
speeds  (ref.  2)  demand  that  engines  be  Integrated  with  the  aircraft  to  capture  a  large 
percentage  of  the  airflow  compressed  by  the  forebody  shock  and  to  use  the  aircraft  aft 
end  as  a  nozzle  for  engine  flow  expansion.  Therefore,  it  becomes  clear  that  a  hydrogen- 
fueled,  airframe-integrated  scramjet  must  be  the  propulsion  workhorse  for  an  SSTO  mission. 

AlthcMgh  scramjet  research  in  the  United  States  has  been  cyclic  In  nature  since  the 
early  1960's,  a  rich  history  Is  available  for  present-day  researchers  to  use.  The 
collective  work  by  several  government  agencies  and  private  Industry  from  the  early  1960's 
to  the  mld-1970's.  Including  NASA's  Hypersonic  Research  Engine  (HRE),  resulted  In 
extensive  proof  of  the  scramjet  cycle,  a  significant  start  on  hydrogen- fiie led , 
regeneratlvely-cooled  hardware,  and  a  keen  realization  of  the  need  for  englne-alrframe 
Integration  (ref.  4).  Although  the  decade  from  1975  to  1985  was  a  period  of  relative 
Inactivity  In  the  hypersonic,  airbreathing  propulsion  arena,  small  scramjet  research 
efforts  were  maintained  at  The  Johns  Hopkins  Universlty/Applled  Physics  Laboratory 
(JHU/APL)  and  at  the  NASA's  Langley  Research  Center.  Scientists  at  Langley  pursued 
research  related  to  the  hydrogen- fueled,  modular,  airframe- Integrated  scramjet  (ref.  5) 
and  tested  three  complete  subscale  engines  up  to  Mach  8  during  the  time  period. 

Projections  of  these  data  to  engine  performance  Installed  on  a  vehicle  suggested  that  the 
airframe- Integrated  scramjet  was  capable  of  propelling  an  aircraft  up  to  the  Mach  8  limit 
of  the  data.  The  success  of  these  subscale  scramjet  tests  together  with  significant 
advances  In  computational  fluid  dynamics  (CFD) ,  structures,  and  materials  helped  to 
promote  renewed  Interest  In  SSTO  vehicles. 

Because  of  the  emergence  of  the  NASP,  scramjet  research  In  the  United  States  Is  once 
again  a  national  effort  and  the  commitment  has  been  made  to  explore  scramjet  performance 
over  the  speed  range  to  orbital  conditions.  This  commitment  Involves  both  experiment  and 
computational  fluid  dynamics.  New  and  modified  ground  test  facilities,  both  blowdown  and 
pulse,  will  be  used  to  explore  scale  and  speed.  CFD  and  computer  growth  provide  a  tool 
which  was  not  available  during  the  1960*8  In  the  first  dedicated  venture  into  hypersonic 
airbreathing  propulsion.  CFD  Is  being  applied  In  a  partnership  role  with  experiment  to 
provide  detailed  understanding  of  the  experimental  scramjet  data  and  to  assist  In 
projecting  the  ground  facility  data  to  flight. 

This  paper  will  trace  In  more  detail  the  history  of  scramjet  technology  development 
In  the  United  States  leading  to  a  statement  of  the  present  status  of  that  technology. 

The  challenges  of  scramjet  propulsion  from  takeover  Mach  number  to  near-orbital  speeds 
will  be  noted  and  the  solution  approaches  will  be  discussed. 

THE  STATUS 

An  understanding  of  the  current  status  of  scramjet  technology  In  the  United  States 
demands  a  brief  review  of  Its  history.  Serious  considerations  of  scramjet  applications 
began  around  1960.  Since  then,  three  distinct  periods  can  be  noted.  The  first  was  a 
period  of  relatively  Intense  activity  dating  from  the  early  1960 's  to  about  1975.  The 
second  was  a  period  of  an  apparent,  but  perhaps  deceptive,  lull  In  scramjet  research 
which  occurred  from  about  1975  to  1985.  The  third,  and  current  period,  began  around  1985 
and  Is  highlighted  by  renewed  national  Interest  In  scramjets. 
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Initial  Interest:  1960-1975  -  A  good  description  o£  sccamjet  research  activity 
during  this  period  is  contained  in  reference  4.  This  reference  and  discussions  of 
scramjet  chronology  with  Ernest  A.  Mackley  of  the  Hypersonic  Propulsion  Branch  at  the 
NASA's  Langley  Research  Center  were  most  helpful  in  obtaining  much  of  the  information 
detailed  here. 

In  the  late  1950 's  and  early  1960's,  the  United  States  Air  Force  was  considering  an 
"Aero-Space  Plane."  Various  contractors  and  the  NASA  were  also  involved  in  this  study 
and  Dr.  Antonio  Ferri  was  suggesting  the  use  of  scramjets  to  Mach  20.  The  Aero-Space 
Plane  was,  in  concept,  a  single-stage-to-orbit  vehicle  utilizing  airbreathing  proptulsion 
and  a  small  rocket.  The  study  indicated  that  the  optimum  staging  was  greater  than  one 
stage  (about  1.5)  and  that  the  state  of  the  technology  could  not  compete  with  rocket 
technology  in  terms  of  risk  for  an  orbiting  mission  because  of  scramjet  vehicle 
development  costs.  Other  organizations  Involved  in  scramjet  research  during  this  period 
included  The  Johns  Hopkins  University/Applied  Physics  Laboratory  under  contract  to  the 
Navy,  Marquardt,  General  Applied  Science  Laboratory  (CASL) ,  General  Electric,  and  United 
Aircraft  Research  Laboratories  (UARL) . 

In  May  1965,  the  NASA  awarded  Phase  1  contracts  to  Marquardt,  General  Electric,  and 
Garrett /AiResearch  for  competition  to  build  a  hydrogen- fueled,  dual-mode  scramjet  called 
the  Hypersonic  Research  Engine  (HRE) •  The  ultimate  goal  of  the  HRE  program  was  to  test  a 
complete,  hydrogen- fueled ,  regeneratlvely-cooled  engine  on  the  X-15  research  airplane. 

In  July  1966,  Garrett /AiResearch  was  selected  as  the  HRE  Phase  II  contractor  to  work 
towards  that  goal . 

As  the  NASA  HRE  effort  was  gaining  momentum  in  the  late  1960*6,  scramjet  research 
was  also  being  aggressively  pursued  by  others  (ref.  4) .  The  Air  Force  funded  tests  of 
hydrogen- fueled  scramjets  developed  by  UARL,  General  Electric,  GASL,  and  Marquardt. 
JHU/APL  continued  scramjet  research  for  the  Navy  and  began  testing  complete  scramjet 
engines  in  free-Jet  tests  in  1968.  Also,  in  1968,  the  Hypersonic  Propulsion  Branch  at 
NASA  Langley  was  beginning  to  work  the  problem  of  an  airframe-integrated  scramjet  which 
would  produce  high  installed  thrust. 

The  X-15  research  aircraft  program  was  cancelled  in  January  1968,  thwarting  flight 
tests  of  the  HRE.  Only  a  mock-up  of  the  external  shape  of  the  HRE  (no  through  flow)  had 
been  flown  at  that  time:  one  flight  at  Mach  4  and  another  at  Mach  6.7  (figure  3).  The 
HRE  program  was  converted  to  a  ground  test  program  to  test  a  Structural  Assembly  Model 
(SAM)  and  an  Aerothermodynamlc  Integration  Model  (AIM) .  The  SAM  (figure  4)  was  a 
cryogenic  hydrogen-cooled  model  which  was  used  to  verify  heat  transfer  and  cooling 
design.  Tests  of  SAM  were  successfully  conducted,  but  without  engine  combustion,  in  NASA 
Langley's  2.44-m  High  Temperature  Structures  Tunnel  (HTST)  at  Mach  7  from  September  1970 
through  May  1971  (ref.  6).  The  AIM  was  a  water-cooled,  hydrogen-fueled,  boilerplate 
model  which  was  used  to  verify  propulsion  performance.  It  was  tested  at  Mach  5,  6,  and  7 
in  the  Hypersonic  Tunnel  Facility  at  the  NASA  Lewis  Plum  Brook  Station  from  October  1972 
through  March  1974  (see  refs.  7  and  8). 

The  airframe-integrated  scramjet  (figure  5)  had  evolved  to  a  firm  design  at  Langley 
in  the  early  1970 's  and  was  proceeding  towards  a  research-scale  engine  for  inhouse  tests 
(ref.  5) •  A  Langley  inhouse  thermal /structural  design  study  of  this  flightweight 
airframe-integrated  scramjet  was  started  in  1972  (ref.  9).  This  study  was  followed  by  a 
competition  resulting  in  a  contract  to  Garrett/AiResearch  to  further  this  design  study 
(ref.  10).  Both  studies  initiated  with  and  built  upon  HRE  technology.  Significant 
improvements  in  engine  flight  time  and  cycle  life  were  projected. 

The  status  of  scramjet  technology  in  the  United  States  in  1975  at  the  end  of  this 
initial  period  of  high  interest  can  be  summarized  as  follows.  Efficient  scramjet 
internal  thrust  performance  (including  dual-mode  combustion)  had  been  demonstrated  in  a 
variety  of  configurations  with  a  variety  of  fuels  (ref.  4).  However,  the  issue  of  high 
installed  thrust  called  for  continued  and  increased  study  of  the  airframe- integrated 
scramjet  designs.  In  addition  to  its  contribution  relative  to  thrust  performance,  the 
HRE  program  had  initiated  hydrogen-cooled  structures  technology.  An  excellent  start  had 
been  made  in  the  areas  of  design  and  fabrication  of  flightweight  structures,  cooling 
systems,  and  support  hardware  and  software  (fuel  control  values,  fuel  pumps,  a  digital 
engine  control  system,  etc.).  The  analytical  thermal/structural  studies  of  the  airframe- 
integrated  scramjet  promised  significant  improvements  over  HRE  technology. 

The  Apparent  Lull:  1975-1985  -  This  decade  was  a  period  of  relative  inactivity  in 
the  hypersonic  airbreathing  propulsion  arena.  This  could  partially  be  charged  to  the 
tremendous  success  of  rockets  in  placing  man  on  the  moon  and  in  propelling  the  U.S.  Space 
Shuttle  into  orbit.  Amidst  this  national  lull,  however,  small  scramjet  research  efforts 
were  maintained  at  JHU/APL  and  at  NASA  Langley.  JHU/APL  continued  to  pursue  its  scramjet 
work  for  the  Navy  and  Langley's  Hypersonic  Propulsion  Branch  continued  to  pursue  the 
challenges  associated  with  hydrogen -fueled  scramjets.  Langley's  attention  had  shifted 
from  the  pod-mounted,  axisymmetric  HRE  type  of  engine  to  the  work  which  had  begun  in  1968 
involving  an  engine  with  greater  suitability  for  hypersonic  flight  in  terms  of  installed 
thrust  performance.  This  engine,  called  the  airframe-integrated  scramjet  (figure  5),  had 
rectangular  cross  sections  perpendicular  to  the  flow  direction  and,  hence,  grouped 
modules  were  very  efficient  in  capturing  airflow  which  had  been  precompressed  by  the 
aircraft  forebody.  In  addition  to  the  forebody  acting  as  an  external  compression  inlet, 
the  aircraft  aftbody  was  used  to  continue  the  engine  nozzle  expansion.  This  made  the 
aircraft,  in  essence,  a  flying  engine.  The  airframe- integrated  aspect  of  this  scramjet 
not  only  reduced  the  compression  required  by  the  module  inlet  but  also  reduced  the 
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physical  size  of  the  engine  module  needed  to  produce  the  rec^ulred  thrust  (compared  to  an 
engine  located  outside  the  shock  layer) .  Smaller  engine  modules  translated  Into  lower 
drag,  weight,  and  cooling  requirements.  The  airframe  Integration  also  required,  for 
performance  at  higher  Mach  numbers,  the  Ingestion  of  the  aircraft  forebody  boundary  layer 
by  the  engine  module. 

At  Langley,  researchers  were  concentrating  their  efforts  on  a  fixed-geometry  version 
of  the  airframe-integrated  scramjet  for  application  up  to  the  Mach  10  to  12  range 
(ref.  5).  The  design  (figure  5b)  featured  Inlet  sidewall  sweep  and  a  cutback  cowl  which 
allowed  the  Inlet  bottom  to  be  open  for  flow  spillage  and,  hence,  easier  starting  at  the 
low  flight  Mach  numbers.  Three  swept  Instream  struts  served  to  complete  the  Inlet 
compression  process  and  to  provide  multi-plane  fuel  Injection  points  both  perpendicular 
and  parallel  to  the  airflow.  Airflow  capture  percentage  automatically  Increased  as  Mach 
number  Increased  because  of  the  decrease  In  flow  downturning  caused  by  the  sidewall  and 
strut  sweep. 

To  test  engine  components  of  air frame -Integrated  scramjets  as  well  as  complete 
scramjet  modules,  a  Scramjet  Test  Complex  had  evolved  at  NASA  Langley  by  the  mid-  to 
late-1970'8.  This  complex  consisted  of  existing  aerodynamic  facilities  for  Inlet  tests, 
a  hydrogen-combustlon-fieated  direct-connect  combustor  test  facility  capable  of  flight 
total  enthalpy  duplication  to  Mach  S,  and  two  free-Jet  engine  test  facilities  capable  of 
testing  complete,  hydrogen-burning,  subscale  scramjet  engine  modules  (approximately  18  cm 
by  15  cm  frontal  area)  at  duplicated  flight  total  enthalpies  from  Mach  3.5  to  Mach  8. 

(refs.  11-12).  The  Combustion-Heated  Scramjet  Test  Facility  (CHSTF) ,  employing 
hydrogen/air  combustion  to  heat  the  test  gas,  provided  Mach  3.5  to  5.5  test  capability. 

The  Arc-Heated  Scramjet  Test  Facility  (AHSTF),  employing  an  electric  arc  to  heat  the  test 

fas,  provided  Mach  4.7  to  8  test  capability.  A  summary  of  many  of  the  research  efforts 
n  the  Scramjet  Test  Complex  from  1970  to  1986  as  well  as  an  extensive  bibliography  are 
presented  In  reference  13. 

In  December  1976,  the  first  test  of  three  Langley  subscale  airframe-integrated 
scramjet  designs  (figure  6)  was  conducted  at  Mach  7  In  Langley's  AHSTF.  Two  models  of 
the  Initial  scramjet  design  (figure  6a),  which  Incorporated  three  swept  Instream  fuel 
Injection  struts,  were  tested  at  Mach  4  and  Mach  7  at  both  Langley  and  GASL  from  1976  to 
1979  (ref.  14).  This  particular  engine  had  also  been  the  focus  of  the  earlier 
propulsion,  aerodynamic,  and  thermal/structural  studies  (refs.  9  and  10). 

Tests  of  a  second  Langley  airframe-integrated  scramjet  design,  the  strutless 
parametric  scramjet,  were  conducted  In  various  entries  Into  Langley's  CHSTF  and  AHSTF 
from  June  1982  to  April  1988.  This  engine  (figures  6b  and  6d)  was  a  versatile  research 
model  which  could  easily  be  changed  Into  numerous  configurations  without  removal  from  the 
test  facility.  Parametrlcs  studied  Included  Inlet  sweep.  Inlet  compression  angle, 
contraction  ratio,  cowl  position,  fuel  Injection  location,  flameholder  design,  combustor- 
inlet  Isolator  length,  and  degree  of  boundary  layer  Ingestion.  Extensive  research  with 
this  engine  covered  a  simulated  flight  Mach  number  range  from  Mach  3.5  to  8. 

The  third  Langley  air frame- Integrated  scramjet  design,  the  step-strut  model 
(figure  6c),  was  actually  a  variation  of  the  parametric  scramjet  engine.  The  variations 
consisted  of  different  (unswept)  Inlet  sidewalls,  a  single  Instream  fuel  Injection  strut 
featuring  a  stepped  leading  edge,  and  the  addition  of  Inlet  top  surface  compression  and 
combustor/nozzle  top  surface  expansion.  This  engine  was  tested  In  Langley's  CHSTF  at 
simulated  flight  Mach  numbers  ranging  from  3.5  to  5.5  from  July  1983  to  December  1984  and 
It  awaits  tests  In  the  AHSTF  from  Mach  4.7  to  8. 

Results  from  the  Langley  subscale  scramjet  tests  were  projected  to  a  flight 
situation  using  cycle  theory.  This  projection  Included  consideration  of  multiple 
modules,  forebody  boundary  layer  Ingestion,  heat  losses,  and  Increased  scramjet  nozzle 
expansion.  Comparison  of  engine  thrust  with  calculated  aircraft  drag  Indicated 
sufficient  acceleration  thrust  margin. 

The  conclusion  from  the  above  discussion  Is  that  the  apparent  national  lull  In 
scramjet  research  In  the  U.S.  from  1975  to  1985  was  somewhat  deceptive.  Although  the 
number  of  researchers  Involved  during  this  period  was  small,  significant  progress  had 
been  made  In  airframe-integrated  scramjet  research.  More  than  1500  tests  associated  with 
airframe-integrated  scramjet  modules  had  been  conducted  from  Mach  3.5  to  8  and  numerous 
factors  affecting  engine  performance  had  been  Investigated  Including  degree  of  forebody 
boundary  layer  Ingestion,  flow  profiles,  combustor-lnlet  Isolation  requirements,  fijel/alr 
mixing,  piloting  and  flameholding,  and  scramjet  geometry.  The  status  of  the  technology 
demonstrated  a  positive  outlook  for  scramjet  propulsion  with  flight  projections 
indicating  thrust  margin. 

Renewed  National  Interest:  1985-1990  -  The  success  of  the  subscale  scramjet  tests 
together  with  significant  advances  In  computational  fluid  dynamics,  structures,  and 
materials  helped  to  create  interest  In  the  National  Aero-Space  Plane.  Because  of  the 
NASP,  scramjet  research  In  the  United  States  has  become  a  national  effort.  The  NASP 
program  Is  a  three-pronged  effort  involving  three  alrframers,  two  propulsion  contractors, 
and  a  Technology  Maturation  Program  Involving  government  laboratories,  universities,  and 
private  Industry.  Both  NASP  prime  propulsion  contractors,  Rocketdyne  and  Pratt  and 
Whitney,  have  tested  their  scramjet  concepts  In  Langley's  subscale  engine  test 
facilities.  In  addition,  an  airframe-integrated  scramjet  designed  by  JHU/APL  has  been 
tested  In  Langley's  CHSTF  as  a  part  of  the  NASP  program  (figure  7).  Parameters  studied  with 
the  JHU/APL  engine  Included  Inlet  bleed,  boundary  layer  energization,  combustor-lnlet 
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Isolator  length,  fiiel  injection  location,  heated  hydrogen,  and  film  cooling.  Tests  of 
the  Rocketdyne,  Pratt  and  Whitney,  and  JHU/APL  engines  have  added  to  and  extended 
significantly  the  existing  Langley  data  base  on  air frame -integrated  scramjets. 

The  number  and  capabilities  of  the  available  and  planned  engine  test  facilities  have 
also  continued  to  grow.  Engine  Test  Facilities  (ETF's)  have  been  constructed  at  Aerojet 
and  Marquardt  for  use  in  the  NASP  program.  These  facilities,  with  free-jet  nozzles  about 
1  meter  square,  permit  larger  scramjet  modules  (relative  to  the  Langley  subscale  modules) 
to  be  tested  up  to  Mach  8.  The  planned  reactivation  of  the  Hypersonic  Tunnel  Facility  at 
NASA  Lewis'  Plum  Brook  Station  will  offer  scale  similar  to  the  ETF's  with  duplicated 
flight  Mach  numbers  of  5,  6,  and  7.  In  addition,  the  capabilities  of  the  Langley 
Scramjet  Test  Complex  will  increase  as  the  2.44-m  High- Temperature  Tunnel  (2.44-m  HTT) 
comes  back  into  service  in  1991.  This  facility  (ref.  15),  with  its  new  oxygen 
replenishment  system  and  two  new  facility  nozzles,  will  allow  tests  at  Mach  4,  5,  and  7 
of  multiple  subscale  scramjets  complete  with  fore  and  aft  body  simulation.  Also,  much 
larger  single  module  tests  will  be  possible  including  hydrogen- fueled  and  regeneratively- 
cooled,  f lightweight  structures.  Preflight  testing  of  actual  flight  engine  modules  would 
be  possible  (with  limits  on  scale)  to  provide  for  reliability  and  flight  safety  at  least 
up  to  Mach  7.  Flight  envelope  expansion  techniques  would  be  required  beyond  Mach  7. 

The  proposed  use  of  scramjets  to  near-orbital  speeds  on  the  NASP  has  focused 
attention  on  techniques  to  determine  scramjet  performance  at  these  more  extreme 
conditions.  Certainly,  CFD  must  play  a  key  role  in  this  high  Mach  number  regime  Just  as 
it  must  over  the  whole  speed  range.  However,  experimental  methods  are  required  for 
testing  scramjets  and/or  scramjet  components  at  conditions  simulating  flight  to  orbit. 
This  requirement  exists  not  only  to  determine  scramjet  performance  experimentally,  but 
also  to  provide  CFD  code  validation  to  instill  confidence  for  more  extended  use  of  CFD 
where  experimentation  may  not  be  feasible. 

The  huge  power  requirements,  high  pressures,  and  high  heating  rates  associated  with 
near-orbital,  true-temperature  flight  simulation  has  forced  reliance  upon  pulse 
facilities  as  key  facilities  for  scramjet  research.  Scramjet  combustor  tests  have  been 
underway  for  some  time  in  the  Calspan  reflected  shock  tunnels  and  in  the  reflected  shock 
tunnels  with  free  piston  drivers  at  the  University  of  Queensland  in  Australia.  The 
existing  NASA  Ames  reflected  shock  tunnel  as  well  as  new  reflected  shock  tunnels  with 
free  piston  drivers  currently  under  construction  at  Rocketdyne  (RHYFL)  and  at  the 
California  Institute  of  Technology  (ref.  16)  will  provide  the  U.S.  with  Mach  number 
capability  for  propulsion  testing  up  to  orbital  speeds.  The  RHYFL  facility  will  be  the 
largest  facility  of  its  type  and  will  permit  tests  of  full-scale  engine  components 
(ref.  17). 

Shock  tunnels,  in  heating  an  essentially  stagnated  gas,  are  plagued  by  large  amounts 
of  nonequilibrium  dissociated  oxygen  and,  hence,  do  not  offer  real  air  as  a  test  gas.  To 
diminish  this  problem,  a  unique  pulse  facility  called  the  shock  expansion  tube  (refs.  16, 
18,  and  19),  has  been  reactivated  at  the  General  Applied  Science  Laboratory  and  scramjet 
combustion  tests  are  in  progress.  This  facility,  now  called  HYPULSE,  was  originally 
constructed  in  the  1960's  at  NASA  Langley  and  was  operated  there  until  1983.  Its 
distinguishing  feature  is  enthalpy  levels  above  Mach  20  flight  siniulation  without 
signiilcant  oxygen  dissociation. 

The  current  status  of  scramjet  technology  in  the  U.S.  can  be  summarized  as 
follows.  Research  is  more  intense  and  more  national  in  scope  than  it  has  been  at  any 
previous  time.  Progress  in  subscale  scramjet  tests,  CFD,  materials,  and  structures  has 
encouraged  this  renewed  interest.  Projection  of  the  subscale  engine  data  to  flight  has 
resulted  in  sufficient  confidence  in  the  scramjet  cycle  up  to  Mach  8  that  a  commitment 
has  been  made  to  pursue  this  technology  to  larger  scale  and  much  higher  speeds. 

THE  CHALLENGES 

The  primary  challenge  to  the  use  of  scramjet  propulsion  for  single-stage-to-orbit 
vehicles  is  to  prove  the  cycle  over  the  speed  range  (from  takeover  Mach  number  to 
orbital)  in  ground  facilities  and  to  reliably  project  the  results  to  flight  with 
demonstration  of  adequate  thrust  margin.  To  meet  this  challenge,  more  extensive  ground 
tests  are  required  to  explore  scramjet  performance  which  emphasize  larger  scale  and 
increased  speed  and  a  close  partnership  between  experiment  and  CFD  will  be  essential. 

The  Chmilenge  of  Scale  -  Subscale  tests  of  airframe-integrated  scramjets  at  Mach  8 
and  below  have  been  in  progress  since  1976.  These  tests  have  generally  consisted  of  a 
single  subscale  module  (18  cm  high  by  15  cm  wide  by  1.8  m  long)  either  centered  in  the 
facility  nozzle  free  Jet  or  mounted  to  ingest  a  portion  of  the  facility  nozzle  boundary 
layer.  Larger  test  facilities  are  required  to  experimentally  investigate  both  multiple 
module  installations  of  the  subscale  engines  (three  or  more  modules)  and  larger  single 
engine  modules.  These  challenges  of  scale  can  be  faced  at  Mach  4,  5,  and  7  in  NASA 
Langley's  2.44-m  HTT.  This  facility  (ref.  15),  which  uses  methane/air  combustion  to  heat 
the  test  g.'^s,  represents  the  commitment  to  study  scramjet  scale  effects  with  the  addition 
of  the  oxygen  replenishment  system  and  new  Mach  4  and  5  nozzles.  Shakedown  tests  of  the 
facility  are  currently  in  progress.  The  7 .9-m-dlameUer  test  pod  of  this  propulsion 
facility  is  shown  in  figure  8. 

Three  of  the  initial  scramjet  tests  planned  in  the  2.44-m  HTT  are  shown 
schematically  in  figure  9.  The  first  is  a  subscale  engine,  the  strutless  parametric 
scramjet  which  was  tested  previously  in  the  CHSTF  and  the  AHSTF,  mounted  on  a  sled  which 
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slaulates  an  aircraft  forebody  (figure  9a) .  The  18-cm  high  engine  also  has  an  (optional) 
larger  noazle  exit  area  to  more  nearly  simulate  the  expansion  achievable  on  the  aircraft 
aft  end.  Both  the  engine  module  and  the  module/sled  combination  can  be  mounted  on  three- 
component  force  balances  to  measure  axial  and  normal  forces  and  pitching  moments.  The 
purpose  of  the  test  Is  twofold.  The  first  Is  to  assess  the  2.44-m  HTT  as  a  scramjet  test 
facility  by  comparing  engine  results  directly  with  those  from  the  smaller  facilities 
(CHSTF  AND  AHSTF) .  The  second  Is  to  assess  the  effects  of  various  nozzle  exit  areas  on 
engine  performance.  Testing  of  this  configuration  will  commence  In  late  1991. 

The  second  scramjet  test  In  the  2.44-m  HTT  will  consist  of  three  subscale  modules 
mounted  side  by  side  on  the  same  aircraft  sled  used  for  the  first  test  (figure  9b).  The 
purpose  of  this  test  series  Is  to  Investigate  the  realities  of  a  more  flight- like 
scramjet  Installation.  The  effects  associated  with  outboard  modules  encountering 
different  flow  fields  than  Inboard  modules  will  be  noted.  Interactions  between  modules 
caused  by  combustor- Inlet  Interaction  or  unstart  of  one  module  will  also  be 
Investigated.  Again,  the  module  group  and  the  module-group/sled  combination  will  be 
mounted  on  three-component  balances  while  side  forces  will  be  measured  with  extensive 
pressure  Instrumentation. 

The  third  scramjet  test  In  the  2.44-m  HTT  will  be  a  single  larger  scale  engine 
module  (figure  9c).  This  model  will  be  at  least  two  times  the  scale  of  the  previously 
tested  single  subscale  modules  (36-cm  high  with  four  times  the  captured  air  flow) .  Much 
larger  scale  modules  are  also  under  consideration,  perhaps  as  large  as  0.75-m  hl^  by 
0.6-m  wide  by  7.50-m  long.  Modules  of  other  shapes  could  also  be  tested  with  widths  or 
heights  up  to  1.2  meters.  Model  length  Is  more  restricted  unless  further  tunnel  modifi¬ 
cations  are  made.  These  larger  modules  will  deliver  Information  on  the  effects  of  engine 
scale  when  compared  with  results  from  the  smaller  engine  modules.  In  addition,  at  least 
some  parts  of  these  larger  engines  will  be  fllghtwelght  hardware  complete  with  hydrogen 
regenerative  cooling  and  these  configurations  would  hopefully  evolve  to  a  full 
fllghtwelght  engine  module. 

The  Challenge  of  Speed  -  We  have  experienced  a  Mach  8  barrier  to  date  In  testing 
scramjets .  Not  only  do  taclllty  flow  vitiates  and  nonec^ulllbrllum  effects  grow  In 
Importance  above  Mach  8,  but  total  enthalpy  re<^ulrements  Increase  dramatically.  Total 
power  rec^ulrements  also  Increase  significantly  If  modules  are  sizable  and  test  times  are 
similar  to  those  of  lower  Mach  number  (less  than  Mach  8)  facilities.  For  Instance,  as 
shown  In  figure  10,  with  a  fixed  dynamic  pressure  simulation,  the  total  enthalpy 
re<iulrements  at  Mach  16  are  roughly  four  times  the  recvulrements  at  Mach  8  and  power 
requirements  are  doubled  for  a  given  flow  area.  Both  total  enthalpy  and  power 
requirements  dictate  shorter  test  times  for  reasons  of  thermal  survivability  and  economy. 

A  partial  answer  to  this  challenge  of  speed  appears  to  be  pulse  facilities,  l.e., 
devices  such  as  shock  tunnels  and  expansion  tunnels  which  operate  at  total  enthalpies 
representative  of  high  flight  Mach  numbers  (up  to  orbital),  but  with  very  short  test 
times  (1  ms  typical  for  shock  tunnels,  0.5  ms  typical  for  expansion  tunnels).  The 
altitude/Mach  number  location  of  pulse  facilities  relative  to  an  airbreathing  SSTO  flight 
corridor  Is  shown  In  flwre  11  (private  communication  with  Dr.  John  1.  Erdos,  CASL) .  The 
requirements  for  pulse  facilities  cover  the  upper  two-thirds  of  the  Mach  number  range. 

The  operating  principles  of  these  facilities  are  Illustrated  In  the  wave  diagrams  shown 
In  figure  12.  By  providing  an  acceleration  tube  In  place  of  the  reflected  shock,  the 
expansion  tube  produces  high  total  temperature  gas  with  far  less  dissociation  than  Is  the 
case  In  the  reflected  shock  tube.  The  addition  of  the  free  piston  driver  to  both  types 
of  facilities  produces  higher  total  enthalpy,  higher  total  pressure  test  flows. 

As  mentioned  In  THE  STATUS  section  of  this  paper,  scramjet  efforts  are  underway  In 
some  pulse  facilities.  Including  reflected  shock  tunnels  In  Australia  (ref.  20)  and  In 
case's  expansion  tube.  Reflected  shock  tunnels  at  Cal  Tech,  NASA  Ames,  and  Rocketdyne 
will  be  available  In  the  future  for  scramjet  testing.  The  Rocketdyne  facility, 
figure  13,  will  offer  full-scale  testing  of  engine  components. 

While  providing  valuable  scramjet  test  data,  these  facilities  are  not  the  sole 
answer  to  the  challenge  of  speed  and  each  has  serious  drawbacks.  For  Instance,  In  most 
cases,  only  some  components  of  a  scramjet  will  be  tested,  usually  a  combustor  section  In 
direct  connect.  Oxygen  dissociation  In  the  test  gas  Is  a  severe  problem  In  the  reflected 
shock  tubes  as  shown  In  figure  14  (private  communication  with  Dr.  John  I.  Erdos,  CASE). 
This  problem  Is  certainly  alleviated  considerably  In  the  expansion  tube.  However,  very 
short  test  times  are  a  concern  In  all  of  the  pulse  facilities.  This  is  Illustrated  in 
figure  15  where  representative  test  times  are  shown  for  the  RHYFE  facility  as  a  function 
of  simulated  flight  velocity  (private  communication  with  Dr.  Patrick  Hurdle,  Rockwell 
International /Rocketdyne  Division) .  Test  times  In  this  facility  will  be  greater  than 
other  pulse  facilities  discussed  In  this  paper.  Test  time  translates  into  test  flow 
length  and  ultimately  to  the  size  model  which  may  be  tested.  The  rule  generally  used  for 
the  aerod^amlcs  of  external  flows  Is  that  the  loodel  size  can  be  only  about  one-third  of 
the  length  of  the  test  gas  slug.  The  required  test  times  for  propulsion  experiments  are 
less  certain  and  the  question  is  raised  of  the  suitability  of  some  pulse  facilities  for 
exploring  certain  flow  phenomena,  l.e.,  some  techniques  for  Increasing  fuel/alr  mixing 
might  not  be  appropriate  for  Investigation,  time  for  boundary  layer  separations  to  form 
may  be  questionable,  etc.  Hence,  data  from  these  facilities  must  be  scrutinized 
carefully  to  avoid  misinterpretation  and  CFD  can  help  In  this  assessment.  CFD  Is  already 
beginning  to  play  a  role  In  the  pulse  facility  arena  by  attempting  to  duplicate  the  small 
amount  of  scramjet  data  available  to  learn  flow  field  details  as  Illustrated  In  figure 
16.  Here,  Rogers  and  Weldner  (ref.  21)  compared  CFD  estimates  of  pressure  distributions 
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In  a  supersonic  combustor  with  experimental  results  obtained  by  Stalker  (ref.  20)  at 
simulated  Mach  9  and  Mach  16  flight  conditions. 

The  Challenge  of  Design  for  Performance  -  The  key  challenge  for  engine  design  Is  to 
Invent  an  integrated  engine  flow  path  with  practical  features  to  obtain  near-optimum 
hypervelocity  performance  with  ade(;uate  thrust  across  the  speed  range.  Several  aspects 
of  this  challenge  have  been  addressed  up  to  Mach  8  In  the  Langley  subscale  scramjet  tests 
as  Illustrated  In  figure  17  by  the  representations  of  scramjet  data  obtained 
experimentally  (not  actual  data).  Precompression  effects,  or  angle-of  attack  effects, 
are  Important  for  the  airframe- Integrated  scramjet  as  demonstrated  by  the  scramjet 
Internal  pressure  distributions  and  thrust  performance  curves  shown  In  figure  17a.  Data 
of  this  type  were  obtained  by  varying  the  total  enthalpy  of  the  test  flow  (to  simulate 
variation  of  flight  Mach  number)  with  the  facility  nozzle  Mach  number  constant.  For  a 
fixed  value  and  location  of  fiiel  Injection,  the  expected  Increased  pressure  level  and 
upstream  Influence  Is  noted  as  Incoming  total  enthalpy  Is  reduced.  The  resulting 
Increase  In  thrust  performance  (at  constant  stagnation  pressure)  Is  also  shown.  In 
figure  17b,  the  use  of  an  Ignitor  gas  (20  percent  SIH^,  80  percent  H2,  by  volume)  and 
physical  flameholders  are  Illustrated.  Note  that  flameholding  and  thrust  performance  are 
achieved  when  hydrogen  Is  Injected  both  from  the  Ignitor  gas  orifices  and  the  primary 
fuel  Injection  orifices.  The  flame  Is  extinguished  and  thrust  Is  lost  when  the  upstream 
hydrogen  Is  eliminated.  Means  for  appropriate  Inlet-combustor  Isolation  must  also  be 
Included  In  the  engine  design  for  use  at  the  lower  flight  Mach  numbers  as  demonstrated  In 
figure  17c.  Large  combustion-induced  pressure  rises  occurred  on  Inlet  forward -facing 
surfaces  as  fuel  flow  rates  were  Increased.  The  Isolator  eliminated  this  combustion- 
induced  Inlet  drag  with  resulting  Increases  In  thrust  performance.  The  relative  effect 
of  facility  nozzle  boundary  layer  Ingestion  on  thrust  performance  (In  partial  simulation 
of  forebody  boundary  layer  Ingestion  In  flight)  Is  Illustrated  In  figure  17d. 

Contributors  to  the  performance  differences  may  be  captured  air  mass  flow  rate,  total 
pressure,  and  effectiveness  of  fueling  the  Incoming  air  profile.  Inlet  compression  must 
also  provide  the  proper  throat  height  and  flow  conditions  for  adequate  fuel/alr  mixing. 
Ignition,  and  flameholding.  The  effects  of  Inlet  contraction  ratio  on  thrust  performance 
are  shown  In  figure  17e  to  Illustrate  this  point.  As  contraction  ratio  Is  Increased, 
engine  width  Is  decreased  allowing  Increased  fuel/alr  mixing,  and  the  higher  static 
pressures  and  temperatures  with  lower  flow  velocities  promote  Ignition  and  combustion. 
Note  that  combustion  does  not  occur  at  the  lower  contraction  ratios  except  at  higher  fuel 
equivalence  ratios. 

At  higher  flight  speeds  (greater  than  Mach  8),  Inlet,  combustor,  and  nozzle  problems 
take  on  new  proportions.  Viscous  effects  become  considerably  more  Important  at  the 
higher  Mach  numbers  because  the  thicker  boundary  layer  can  change  the  effective  Inlet 
shape  near  the  Inlet  entrance  and  Increase  local  pressures  significantly.  Fuel/alr 
mixing  and  efficient  combustion  are  extremely  Important  at  the  higher  Mach  numbers,  and 
the  fuel  must  be  Injected  In  the  airflow  direction  to  preserve  the  momentum  of  the 
Injected  fuel.  Here,  shear  layer  mixing  may  not  be  sufficient  and  other  Induced-mixing 
methods  may  be  required.  In  all  cases,  care  must  be  taken  that  total  pressure  losses 
caused  by  these  mixing  enhancement  techniques  do  not  diminish  performance.  Finally,  It 
Is  extremely  Important  that  the  nozzle  expansion  process  be  accomplished  very  efficiently 
In  a  reasonable  length,  but  not  so  rapidly  that  thrust  Is  lost  due  to  lack  of 
recombination  of  dissociated  combustion  products. 

All  of  the  problems  discussed  above  are  being  attacked  experimentally  and  progress 
Is  apparent.  However,  a  complete  understanding  of  the  various  problems  Is  difficult 
experimentally  because  of  the  sparclty  of  appropriate  Instrumentation,  especially  in  the 
Internal  scramjet  flows.  To  complicate  the  issue.  Incoming  flow  to  the  scramjet  from  the 
facility  nozzle  may  contain  flow  pecularltles  which  affect  the  scramjet  Internal  flow 
and,  hence,  thrust  performance  (l.e.,  flow  nonuniformity,  boundary  layer  characteristics, 
turbulence  levels,  different  gas  species  due  to  the  test  gas  heating  process  or  to  nozzle 
flow  nonequlllbrlum,  etc.).  To  help  sort  out  the  effects  of  incoming  flow  Irregularities 
and  to  understand  scramjet  Internal  phenomena,  CFD  must  be  used  In  concert  with  the 
experimental  data.  Once  agreement  Is  obtained  between  CFD  and  experiment  on  key  measured 
parameters,  details  of  the  flow  field  can  be  ascertained  from  the  CFD  results. 

The  CFO/experlmental  partnership  Is  being  pursued  ever  more  vigorously  In  scramjet 
research  programs.  Figure  18  Illustrates  the  application  of  CFD  to  a  scramjet  test 
conducted  In  NASA  Langley's  AHSTF  (ref.  22).  The  CFD  simulation  was  applied  to  the 
entire  experimental  configuration  Including  the  facility  nozzle  and  the  scramjet  Inlet, 
combustor,  and  nozzle  (figure  6d) .  For  simplicity,  a  zonal  method  of  solution  was  used 
where  the  problem  was  computed  In  distinct  axial  sections.  Therefore,  flow  conditions 
where  scramjet  component  Interactions  were  likely  were  avoided  to  insure  validity  of  the 
numerical  predictions.  The  types  of  CFD  programs  used  for  each  flow  zone  are  noted  in 
figure  18a.  Full  elliptic  techniques  were  applied  where  flow  separation  was  likely. 

Pressure  distributions  calculated  along  the  scramjet  sidewall  with  and  without  fiiel 
injection  are  sho%m  in  fiwre  18b.  Comparison  of  this  type  of  CFD  data  with  experiment 
would  be  used  as  a  qualifier  of  the  CFO  adequacy.  An  example  of  the  insight  to  flowfield 
details  provided  by  CFD  is  shown  in  figure  18c  at  several  combustor  axial  stations. 
Hydrogen  mass  fractions  are  shorn  for  one-half  of  the  combustor  width  beginning  with  the 
fuel  injection  station.  The  seven  discrete  orifice  fuel  injection  locations  can  be 
clearly  seen.  Integrations  at  each  station  quantify  Ixilk  mixing  efficiencies.  In  the 
hi^  pressure  region  near  the  cowl,  initial  penetration  of  the  fuel  is  reduced.  In 
addition,  because  of  this  high  pressure  region,  the  hydrogen  is  deflected  upwards 
resulting  in  a  fuel  deficit  near  the  cowl  which  persists  throughout  the  engine.  This 
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effect  is  noticed  even  more  in  the  hydrogen  mass  fraction  profiles  on  the  sidewall  shown 
in  figure  18d.  Very  little  combustion  occurred  in  the  hydrogen-deficit  region  near  the 
cowl;  combustion  was  also  decreased  in  the  lower  pressure  regions  near  the  top  of  the 
combustor  (figure  18e) .  These  types  of  flowfield  details,  especially  the  lack  of  fuel 
near  the  cowl  and  the  reasons  for  this  deficit,  illustrate  the  importance  of  the  CFD/ 
experimental  partnership.  As  CFD  capability  grows  in  accuracy  and  confidence,  techniques 
to  improve  scramjet  design  to  overcome  problems  such  as  fiiel/air  mixing  and  combustion  at 
all  speeds  can  be  screened  by  CFD  prior  to  pursuing  experimental  verification. 

The  Challenge  of  Projection  to  Flight  -  The  ultimate  goal  of  ground-based  tests  of 
scramjets  Is  to  prove  that  the  engines  will  provide  adequate  performance  in  flight. 

Hence,  reliable  techniques  for  projecting  the  ground  data  to  flight  must  be  developed. 
Recall  that  projection  of  the  Langley  subscale  scramjet  data  to  flight  using  cycle 
analysis  techniques  was  partially  responsible  for  the  current  interest  in  NASP.  However, 
these  analytical  and  empirical  techniques  may  not  be  completely  sufficient  for 
development  of  the  scramjet  as  a  flightworthy  propulsion  system. 

To  understand  the  problems  associated  with  projecting  ground  data  to  flight,  one 
must  understand  the  deficiencies  of  some  of  the  ground  data.  As  noted  in  the  previous 
section,  the  flow  approaching  the  scramjet  from  the  facility  nozzle  is  usually  not 
totally  representative  of  that  approaching  a  flight  engine.  Techniques  to  heat  the  test 
gas  (combustion,  electric  arcs,  etc.)  to  the  appropriate  total  enthalpy  for  flight  Mach 
number  simulation  normally  leave  undesirable  species  such  as  water  vapor  and  carbon 
dioxide  in  the  flow.  In  addition,  the  very  high  stagnation  temperatures  required  result 
in  dissociation  of  molecular  species,  especially  oxygen,  in  the  plenum  chamber.  If  flow 
conditions  are  such  that  recombination  does  not  occur  during  the  facility  nozzle 
expansion,  atomic  oxygen  and  nitric  oxide  (in  addition  to  polyatomic  molecules  in 
vibrational  nonequilibrium)  will  enter  the  scramjet  model.  Therefore,  the  test  gas 
approaching  the  engine  is  not  real  air. 

Test  gas  composition  irregularities  in  the  test  flow  of  typical  hydrogen-combustion- 
heated  and  electric  arc-heated  scramjet  test  facilities  such  as  Langley's  CHSTF  and  AHSTF 
are  illustrated  in  figure  19a  and  19b.  Water  mass  fractions  of  more  than  30  percent 
result  if  hydrogen  combustion  facilities  are  used  to  produce  Mach  8  total  temperature 
levels.  In  figure  19b,  calculated  nitric  oxide  (NO)  mass  fractions  up  to  9  percent  are 
in  the  flow  exiting  the  AHSTF  arc  heater.  After  dilution  with  ambient  temperature  air  to 
achieve  the  desired  total  temperature  for  flight  Mach  number  duplication,  calculated  NO 
levels  are  lower  and  vary  with  Mach  number.  Nitric  oxide  concentrations  measured 
spectroscopically  are  slightly  lower  than  the  calculated  values  on  the  average.  The 
effects  of  the  water  vapor  and  the  nitric  oxide  on  scramjet  performance  must  be 
duplicated  analytically  or  numerically  and  understood  before  the  scramjet  test  data  can 
be  reliably  projected  to  flight. 

Forebody  boundary  layers  which  are  ingested  into  the  engines  during  ground  tests  are 
almost  certainly  not  proper  simulations.  Turbulence  levels  vary  widely  between 
facilities,  usually  are  not  quantified,  and  are  probably  not  representative  of  flight. 
Also,  flow  irregularities  due  to  facility  nozzle  design  may  be  present,  as  shown  in 
figure  20  in  both  two-dimensional  (2-D)  contoured  nozzles  (ref.  23)  and  in  square-cross- 
section  nozzles  contoured  on  all  four  surfaces  (ref.  24) .  These  particular 
irregularities  involve  counter  rotating  vortices  near  the  center  lines  of  all  walls  of 
the  square-cross-section  nozzles  (note  Mach  number  contours  in  figure  20b)  and  the  flat 
sidewalls  of  the  2-D  contoured  nozzle  (figure  20a).  In  reference  23,  CFD  analyses  were 
performed  (using  a  zonal  approach  similar  to  that  of  reference  22)  of  the  2-D  Mach  6 
nozzle  flow  and  of  the  flow  through  a  scramjet  inlet  (figure  6d)  situated  in  various 
positions  at  the  nozzle  exit  (figure  20c).  Vertical  centerline  unit  mass  flow  rate  (pu) 
profiles  at  the  inlet  throat  are  shown  in  figure  20d  for  three  different  inlet 
orientations.  In  the  first  case,  the  inlet  Ingests  the  vortical  flow  from  the  flat 
sidewall;  in  the  second  case  ,  the  inlet  ingests  a  more  normal  boundary  layer  from  the 
top  contoured  nozzle  surface;  and,  in  the  third  case,  uniform  flow  enters  the  inlet  (a 
similar  case  to  the  inlet  centered  in  the  nozzle  exit).  Note  the  significant  differences 
in  the  PU  profiles  from  the  top  surface  to  the  cowl  at  the  inlet  throat.  This 
emphasizes  the  necessity  of  complete  CFD  simulation  of  experimental  cases  if  the  most 
accurate  use  is  to  be  made  of  the  experimental  data  in  understanding  the  flow  field  and 
in  projecting  the  data  to  flight. 

The  issue  of  model  scale  oust  also  be  considered.  Fuel/air  mixing  is  viewed  as  a 
scalable  quantity  in  the  absence  of  combustion.  However,  scaling  of  fuel/alr  mixing  to 
different  size  engines  is  not  so  straight-forward  in  the  real  case  with  combustion  and 
the  situation  is  worse  if  kinetics  are  a  factor.  Testing  at  increased  pressures  in  an 
attempt  to  apply  pres sure /dimens ion  product  scaling  may  not  be  possible  due  to  facility 
limitations  and  may  be  suspect  anyway  in  the  complex  scramjet  flowfield. 

At  present,  CFD  codes  have  limitations  in  modeling  Internal  flows  and  these 
limitations  increase  as  Mach  number  increases.  However,  as  CFD  grows  in  validated 
capability  and  as  computers  provide  more  storage  and  faster  computations,  the  CFD  codes 
will  provide  us  with  tools  which  were  not  available  in  the  1960*8  during  our  first 
venture  into  airbreathing  hypersonic  propulsion.  Using  CFD,  one  can  envision  the 
following  path  to  flight  which  can  be  accomplished  with  increased  confidence  relative  to 
empirical  and  analytical  techniques. 

The  first  step  in  projecting  ground  facility  data  to  flight  is  to  predict,  using 
CFD,  the  results  from  the  ground  facility  scramjet  tests.  This  means  that  all  known  flow 
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conditions  must  be  calculated  beginning  with  the  flow  through  the  facility  nozzle  and 
proceeding  completely  through  the  engine.  This  process  must  Include  flow  contaminants 
and  nonequi librium  effects  in  the  nozzle,  actual  nozzle  and  model  wall  temperatures  for 
proper  boundary  layer  simulation,  proper  fuel  injection  and  mixing  modeling,  and,  of 
course,  the  inclusion  of  actual  chemical  and  vibrational  kinetics  (as  opposed  to  the 
assumption  of  either  equilibrium  or  frozen  flow) .  Early  attempts  are  already  underway  to 
apply  this  predictive  approach  as  discussed  in  the  previous  section  of  this  paper. 

However,  this  approach  is  in  its  infancy  and  will  require  computations  in  the  scramjet 
where  component  interactions  can  be  observed  as  opposed  to  the  zonal  method  used  to 
date.  Success  in  this  predictive  capability  for  the  ground-based  results  should  be  more 
challenging  than  the  actual  flight  situation  and,  hence,  should  lend  confidence  for  the 
second,  and  final,  step  to  flight  projection. 

The  second  step  is  simply  to  calculate  the  scramjet  performance  in  flight  using 
CFD.  Certainly,  quantities  such  as  turbulence  levels  will  be  different  from  the  ground 
tests  (where  this  parameter  may  even  have  been  a  variable  used  to  achieve  agreement 
between  CFD  and  experiment)  and  will  not  be  well-known  over  the  entire  flight  regime  of 
the  NASP.  However,  this  partnership  between  CFD  and  experiment  for  projection  of  ground- 
based  data  to  flight  should  be  the  most  accurate  technique  to  instill  confidence  in 
flight  success  in  terms  of  scramjet  performance. 

SUMHARY 

Scientists  in  the  United  States  are  focusing  once  again  on  the  challenge  of 
hypersonic  flight  with  the  proposed  National  Aero-Space  Plane.  The  extensive  research  of 
the  1960's  has  been  revisited  in  the  light  of  new  airframe- integrated  scramjet  engines. 
Small,  but  persistent,  scramjet  research  efforts  during  the  national  lull  in  hypersonic 
airbreathing  propulsion  research  demonstrated  the  high  probability  of  satisfactory  thrust 
margin  in  flight  up  to  Mach  8.  With  this  knowledge,  as  well  as  advances  in  CFD, 
structures,  and  materials,  a  commitment  has  been  made  to  pursue  challenges  associated 
with  scale  and  speed  to  assess  scramjet  performance  to  orbital  conditions.  This  national 
commitment  involves  airframers,  engine  companies,  government  laboratories,  universities, 
and  other  parts  of  private  industry.  New  facilities  to  explore  both  scale  and  speed  are 
evolving  and  research  is  proceeding  at  a  more  rapid  pace  than  ever  before.  The  current 
effort  in  hypersonic  airbreathing  propulsion  has  a  tool  which  was  not  available  to  the 
similar  effort  of  the  1960's,  l.e.,  computational  fluid  dynamics.  The  success  of  the 
NASP  slngle-stage-to-orbit  mission  is  highly  dependent  on  a  close  partnership  roll 
between  experimental  methods  and  computational  fluid  dynamics. 
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(a)  Aircraft  with  integrated  scramjet. 


(b)  Scramjet  modules. 


Figure  1.-  The  National  Aero-Space  Plane 


Figure  2.-  Fuel  fraction  required 

to  accelerate  to  velocity 


Figure  3.-  The  HRE  on  the  X-15. 


Figure  5.-  The  airframe-integrated  scramjet. 


Figure  8.-  The  test  section  of  the  2.44-meter  High  Temperature  Tunnel. 


(a)  Subscale  scramjet  mounted  on  forebody.  (b)  Multiple  subscale  modules 

mounted  on  forebody. 


(c)  Larger-scale  scramjet. 


Figure  9.-  Scramjet  tests  planned  for  the  2.44-meter  HTT. 
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Figure  10.-  Total  enthalpy  and  power 

requirements  as  a  function 
of  flight  Mach  number. 
Dynamic  pressure  = 
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Figure'll.-  Propulsion  test  facilities. 
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(b)  Shock  expansion  tunnel. 


Figure  12.-  Schematics  and  wave  diagrams  for  the  reflected 
shock  tunnel  and  the  shock  expansion  tunnel 

(both  with  free  piston  drivers). 


Figure  13.-  Rocketdyne  Hypersonic  Flow  Laboratory  (RHYFL) . 
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Figure  14.-  Oxygen  dissociation 
In  HYPULSE  and  T4. 
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Figure  15.-  Representative  test 
flow  time  In  RHYFL. 
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Figure  16.-  University  of  (Queensland  shock  tunnel  data  on  supersonic  combustion. 
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Constant  total  pressure 
Constant  inlet  Mach  number 


Distance  Fuei  equivalence  ratio, 9 


(a)  Precompression  effects. 


Timo  Pressure 


(b)  Flameholding  techniques.  (c)  Combustor-inlet  interaction. 


(d)  Boundary  layer  ingestion  effects.  (e)  Mixing/klnetlcs  effects 


Figure  17.-  Representations  of  typical  subscale  scramjet  experimental  data. 
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(c)  Hydrogen  mass  fraction  throughout  the  scramjet  combustor. 


Combustor  injector  Combustor  diverging  Combustor  injector  Combustor  diverging 

section  section  section  section 


(d)  Hydrogen  mass  fraction  on  the  sidewall.  (e)  Water  mass  fraction  on  the  sidewall. 
Figure  18.-  Simulation  on  an  AHSTF  scramjet  test  using  computational  fluid  dynamics. 
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H2  combustion-heated  test  (b)  Nitric  oxide  concentrations 

flow  composition.  in  the  AHSTF  test  flow. 

19.-  Flow  vitiates  in  H2  combustion-heated  and  electric  arc-heated  scramjet 
facilities . 


test 


(a)  Mach  number  contours  at  the  exit 
of  the  2-D  contoured  nozzle. 


(b)  Mach  number  contours  at  the  exit  of  the 
square-cross-section  contoured  nozzle. 


i. 


(c)  Scramjet  inlet  orientations  at  the 
exit  of  the  2-D  contoured  nozzle. 


(d)  Unit  mass  flow  rate  profiles  on  the 
centerline  of  the  inlet  throat. 


Figure  20.-  Flow  irregularities  caused  by  nozzle  design. 
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Discussion 


RAMETTE 

About  subscale  scramjet,  it  seems  that  there  is  a  minimum  length 
limitation  due  to  the  kinetics  of  the  supersonic  combustion  at  high  Mach 
number.  Could  you  comment  about  this  minimum  length  order? 

AUTHOR'S  REPLY 

First  considerations  of  minimum  length  will  depend  on  the  scale  of  the 
scramjet  and  the  corresponding  length  required  for  the  fuel/air  mixing  to 
occur  with  the  particular  mixing  techniques  employed.  As  you  suggest,  however, 
the  actual  "minimum  length"  for  the  mixed  fuel  to  burn  may  be  greater  than 
that  required  for  fuel/air  mixing  due  to  the  flow  kinetics.  A  positive  factor 
in  reducing  the  kinetics  problem  could  be  higher  combustion  entrance  pressure 
at  the  higher  Mach  numbers  created  either  by  higher  inlet  contraction  ratios 
or  by  higher  test  facility  total  pressure  (pressure-scale  relationship).  In 
the  final  analysis,  however  the  available  subscale  data  will  have  to  be 
predicted  using  CFD  and  CFD  will  be  used  to  aid  in  the  assessment  of  the 
performance  of  larger  scramjets,  particularly  at  higher  Mach  number. 

MARGUET 

In  view  of  the  existing  state  of  research  on  supersonic  combustion,  how 
accurately  can  you  predict  the  performances  at  Mach  8,  12  and  20?  Is  it  of  the 
order  of  a  few  percent  points  at  Mach  8  and  100%  at  Mach  20? 

AUTHOR'S  REPLY 

I  understand  that  your  question  is  in  reference  to  the  figure  which  you 
presented  this  morning  which  showed  much  less  tolerance  for  uncertainty  in 
scramjet  performance  at  high  Mach  numbers  than  at  the  lower  Mach  numbers.  As  I 
noted  in  my  presentation,  a  significant  quantity  of  scramjet  performance  is  in 
existence  at  Mach  numbers  below  8,  but  there  is  much  less  data  at  higher  Mach 
numbers.  I  believe  we  feel  comfortable  with  performance  prediction 
capabilities  below  Mach  8.  As  sc ramjet-related  pulse  facility  data  become  more 
abundant.  We  can  assess  our  quantitative  prediction  capability  in  the  high 
Mach  number  range  more  accurately  than  is  possible  at  the  present  time. 

NINA 

How  to  enhance  fuel/air  mixing  in  supersonic  combustion?  Should  we  look 
for  a  combination  of  mechanisms  (shock  waves,  jet  penetration,  ...)? 

AUTHOR'S  REPLY 

At  Langley,  we  use  criteria  developed  by  Anderson  several  years  ago  which 
relates  fuel/air  mixing  for  a  given  fuel  equivalence  ratio  to  orifice  size  and 
spacing  and  to  the  air  gap  which  is  to  be  fueled.  These  criteria  exist  for 
both  normal  (to  the  airflow)  and  parallel  fuel  injection.  Enhancements  to 
exceed  this  degree  of  fuel/air  mixing  would  no  doubt  employ  combinations  of 
the  mechanisms  you  mention,  as  has  been  discussed  in  the  literature. 

GAZIN 

Pour  un  "Program  Manager"  responsable  d'essai  en  vol  avec  un  nouveau 
moteur,  pensez-vous  qu'il  soit  possible  de  faire  des  essais  en  vol,  sans  avoir 
auparavant  des  essais  au  sol  dans  des  conditions  realistes?  II  ne  suffit  pas 
de  verifier  les  performances  pendant  quelques  millisecondes,  il  faut  aussi 
verifier  le  comportement  du  moteur  en  ambiance  thermique,  1' injection,  la 
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regulation  .... 

AUTHOR'S  REPLY 

I  believe  the  2.44-m  HTT  at  Langley  can  be  used  to  conduct  such 
flight-qualifying  tests  of  very  large  scale  scram jets  (f lightweight  handware) 
up  to  Mach  7.  I  don't  see  the  use  of  pulse  facilities  for  such  large  scale 
testing  of  screunjets  at  the  higher  Mach  number  except  possibly  the  testing  of 
scram  jet  combustors  in  a  facility  such  as  RHYFL.  And,  as  you  mention,  this 
would  only  be  for  a  few  milliseconds.  Hence,  flight-qualifying  of  a  scram jet 
to  very  high  Mach  numbers  will  probably  consist  of  am  extremely  close 
partnership  role  between  all  forms  of  experimental  data  and  computational 
methods  coupled  with  a  very  gradual  flight  expansion  program  which  will  be 
re-coupled  with  computational  methods. 

WINTERFELD 

Is  there  any  information  on  the  problem  of  reaching  the  steady-state 
situation  in  the  pulse  facilities  for  supersonic  combustion?  The  temperature 
of  the  wall  plays  a  key  role  for  the  ignition.  The  testing  times  are  low. 

AUTHOR'S  REPLY; 

This  is  a  big  issue.  There  is  a  computational  paper  to  be  presented  at 
ORLANDO  to  determine  the  flow  time  necessary  to  reach  a  steady  state 
situation. 
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SUMMARY 

The  deeign  requirements  of  airbreathing  propulsion  for  space  transport  application  strongly  depend 
on  the  particular  mission  demands  and  differ  markedly  from  those  of  conventional  airbreathing 
propulsion  systems.  Especially  the  low  thrust  densities  and  high  thermal  loads  at  high  Mach 
numbers  demand  a  systematic  approach  to  design  and  selection  of  possible  propulsion  concepts. 

This  paper  intenda  to  discuss  main  problema  of  propulsion  system  concepts  and  of  their 
deveiopment/realtzation  as  well  as  to  present  attempts  for  possible  solutions. 


1.  INTRODUCTION 

A  hypersonic  technology  programme  following  an  aerodynamic  space  transportation  concept  using 
airbreathing  propulsion  and/or  constituting  a  hypersonic  aircraft  could  become  a  technology  vehicle 
for  Europe  In  the  next  decades.  Since  this  technology  vehicle  requires  innovative  solutions 
throughout  it  would  Justify  longterm  engagement,  creating  a  series  of  subsequent  high  technology 
developments  in  important  existing  fields  of  endeavour. 

/^Mrt  from  development  of  technologies  for  a  hypersonic  vehicle  the  development  of  appropriate 
propulsion  systems  is  of  prime  importance. 


2.  ADVANCED  HYPERSONIC  PROPULSION 


Two  main  areas  of  hypersonic  flight  are 
"Hypersonic  TransporT  and  "Space 
Transportation  Systemsr. 

Besides  next  generation  of  supersonic  civil 
aircraft  (SST)  the  global  air  traffic  demand  for 
much  taster  going  aircraft  could  possibly  lead 
to  the  development  of  a  HST  in  the 
medium/tar  future.  The  more  relevant  use  of  a 
hypersonic  aircraft/propuision  technology  will 
be  in  space  transportation  systems. 


SST 
M  -  2.5 


RG.  1:  Areas  of  Hypersonic  Flight 


92-16953 
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Airbreathing  propulsion  should  be  applicable  up  to  flight  Mach  numbers  shown  in  FIG.  1  for  the  HST 
resp.  the  twin  stage  to  orbit  (TSTO)  or  the  single  stage  to  orbit  system  (SSTO). 

Technologies  needed  for  realization  of  a  HST-vehicle  for  global  distances  and  of  the  TSTO  booster 
stage  are  similar  within  a  lot  of  aspects.  Therefore  this  paper  will  discuss  the  process  of  design 
optimization  for  the  propulsion  system  of  a  TSTO-system  with  a  long-range-cruise  option. 

The  aerodynamic  first  stage  of  a  TSTO  with  its  airbreathing  propulsion  system  and  the  rocket 
propelled  second  stage  combine  the  advantages  of  both,  aircraft  and  rocket  without  forcing  to  much 
of  a  compromise. 

Airbreathing  propulsion  of  a  SSTO  should  performs  up  to  very  high  flight  Mach  numbers.  The 
supersonic  combustion  ramjet  (SCRamJet)  theoretically  could  manage  this  but  even  last  40  years  of 
development  are  not  promising  that  it  will  do  it  with  a  positive  overall  system  pay-off  in  the  near 
future. 


3.  MISSION  TASK 


The  twofold  mission  task  of  the  first  stage  of  a 
TSTO-system  like  Singer  is  shown  in  FIG.  2. 

Besides  performing  the  ambitious  accelerated 
climb  to  stage  separation  at  hight 
Machnumber  also  an  ambitious  cruise  phase 
could  be  required  to  avoid  dependence  on  an 
extra-European  take-off  site  or  to  enlarge  the 
launch  window. 

Based  on  well  known  experience, 
development  phase  should  be  planned  taking 
into  account  that  component  shortfalls  will 
occurs  (drag,  weight,  thrust  ,  SFC).  Minor  or 
larger  parts  of  the  cruise  phase  are  to  be 
abandoned  if  the  small  payload  ratio  which  is 
very  sensitive  to  component  shortfalls,  is  not 
allowed  to  diminish. 

Therefore  the  following  priority  of  design  compromise  must  be  given  for  both  the  vehicle  and  the 
propulsion  system: 

1.  Absolute  design  priority  given  to  accelerated  climb  phase. 

2.  Cruise  capability  added  by  dimensioning  fuel  capacity. 

Taking  into  account  the  influence  of  staging  Mach  number  on  engine  and  vehicle  design  (heat 
protection,  aerodynamic  compromise,  engine  size,  etc.)  the  optimum  Mach  number  of  stage 
separation  respectively  switch-over  to  rocket  mode  v^ll  be  limited  to: 

TSTO:  airbreathing  up  to  M^  =  6-7 

SSTO:  airbreathing  up  to  M^  fe:8. 


FIG.  2:  Twofold  Mission  Task  of  a  TSTO 
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4.  SPECIFIC  REQUIREMENTS  TO  PROPULSION  SYSTEM 


The  mission  induced  requirements  differ 
markedly  from  those  of  conventional 
airbreathing  propulsion  systems.  The  three 
most  demanding  requirements  are  defined  in 
FiG.  3. 

Especially  low  thrust  density  and  high  thermal 
load  of  airbreathing  propulsion  at  high 
Machnumbers  demand  a  systematic  approach 
to  design  and  selection  of  possible  propulsion 
concepts  with  lower  priorities  given  to  other 
design  aims  of  the  system. 

During  accelerated  high-Mach  flight  in  the  dense  atmosphere  an  aerodynamic  space  transport  will 
obviously  be  driven  by  a  ramjet.  For  take-off,  subsonic  climb  and  acceleration  to  a  suited  switch-over 
point  the  ramjet  is  to  be  combined  with  any  kind  of  a  turbojet  or  with  a  rocketmotor. 

FiG  4  shows  the  airflow  specific  thrust  of  a  ramjet  vs.  flight  Mach  number.  The  slopes  have  been 
calculated  for  poor  as  well  as  for  fuel-rich  combustion  with  the  given  maximum  heating 
temperatures.  To  get  high  thrust  density  even  at  the  upper  Mach  numbers  combustion  should 
operate  at  nearly  stoichiometric  fuel/air  ratio.  To  avoid  extreme  thermal  loads  at  combustor  and 
nozzle  (>  3000  K  at  M^  =  7)  gas  temperature  could  be  limited  to  a  reasonable  T^^pg^^  =  2600  K  by 
fuel-rich  combustion  offering  a  further  increase  in  thrust  density. 


MOST  DEMANDING  REQUIREMENTS 

o  Sufficient  Thrust  at  Take-Off 
and  for  Transonic  Acceleration 

o  Applicability  up  to  M^>  6 

o  High  Thrust  Density 
at  High  Mach  Operation 

FIG.  3:  Requirements  to  Propulsion  System 


FIG  4:  Airflow-Specific  Thrust  of  Ramjet 


FIG.  5:  Fuel-Specific  Thrust  of  Ramjet 


Fuel-specific  thrust,  "specific  impulse',  gets  markedly  worse  If  combustion  is  fuel-rich  (FIG.  51. 
Therefore  this  mode  will  not  be  allowed  during  cruise.  During  accelerated  climb  however  the 
increased  fuel  flow  will  more  or  less  be  compensated  by  higher  thrust  density,  especially  at  those 
peak  Mach  numbers  where  thrust  demand  Is  dimensioning  the  engine  size.  Drag  losses  and  gravity 
losses  will  decrease. 

Larger  hydrogen  fuel  flow  furthermore  offers  a  larger  heat  sink  to  match  increasing  cooling  problems 
at  high  Mach  numbers. 


5.  PROPULSION  SYSTEM  CONCEPTS,  PROBLEMS  AND  IDEAS 
5.1  Parallel  vs.  Integral  Arrangement 


In  FIG.  6  schematics  are  shown  as  examples 
only  of  two  different  arrangements  combining 
a  ramjet  with  a  turbojet. 


The  upper  figure  shows  a  parallel 
arrangement.  Both  engines  the  turbojet  and 
the  ramjet  use  the  same  air  inlet  but  different 
nozzles.  At  high  Mach  operation  the  turbo 
engine  bay  is  hermetically  sealed  against  hot 
through  flow  (ram  air  temperature  >  2000  K  at 
Mach  7)  and  ventilated  with  air  which  is 
precooled  by  heat  exchange  with  the  ramjet 
fuelflow. 

The  bottom  figure  shows  an  integrals  combination  offering  a  nearly  continuous  transition  of  a  mixed 
turbo/ramJet  mode  to  a  pure  ramjet  mode  at  high  Mach  operation.  Throughflow  of  the  ramjet  burner 
will  be  realized  even  at  take-off  and  low  flight  Mach  numbers  by  the  turbo  engine  working  as  ejector. 
Nozzle  pressure  ratio  is  slightly  supercritical  at  take-off  and  will  increase  rapidly  with  flight  Mach 
number. 

When  using  it  as  an  ejector  the  turbo  engine  of  the  integral  arrangement  (bottom)  for  same  thrust  at 
take-off  and  at  transonic  speed  can  be  dimensioned  about  25  %  to  30  %  smaller/lighter  as  almost 
double  the  airflow  is  reheated  compared  to  the  parallel  arrangement  (upper  figure).  A  slightly 
increased  SFC  at  low-Mach  operation  will  easily  be  compensated. 

On  the  other  hand  ramjet  burner  and  surfaces  of  ramjet  air  duct,  that  are  to  be  actively  cooled  at  high 
Mach  operation,  could  be  dimensioned  smaller  of  the  parallel  arrangement  compared  to  the  integral 
one. 

In  an  only  coaxial  arrangement,  with  the  turbojet  and  the  ramjet  not  operating  in  an  integral  mode 
during  take  off  and  at  transonic  speed,  the  turbojet  of  course  has  to  be  sized  to  about  the  same 
dimensions  of  the  parallel  arrangement. 

To  make  provisions  for  sealing  the  turbo  engine  and  to  ventilate  it  with  precooled  air  always  is 
necessary  at  high  Mach  operation.  This  is  independent  of  arrangement  and  of  the  type  of  turbo 
engine  used. 


5.2  Fully  Integral  Turbo-Ramjet 

In  the  fully  integral  turbofan-ramJet  combination  the  rammed  hot  airflow  passes  the  windmilling  fan  of 
the  turbo  engine  even  during  pure  ramjet  mode  operation.  To  be  run  up  to  flight  Mach  numbers  near 
to  M^  =  7  the  high  temperature  fan  now  has  to  resist  air  temperatures  of  more  than  2000  K.  Cooling 
technology  well  known  of  turbine  blades  is  not  easily  to  be  transferred  to  blades  of  a  fan. 

The  fan  will  be  powered  by  an  air-breathing  turbo  engine  or  by  a  turbine  driven  with  rocket  exhaust 
gases  (turbo  rocket,  TR)  or  with  heated  hydrogen  (turbo  expander  cycle  engine,  ATE). 
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Fig.  7  shows  the  MTU’s  Hyper  Crisp  with  its 
air-breathing  core  engine  driving  the 
counterrotating  variable-pitch  tan. 

At  high  Mach  operation  the  core  engine  is  to 
be  sealed  and  ventilated  with  cold  air. 

If  an  air/fuel  heat  exchanger  is  integrated  in  front  of  the  core  engine,  the  tan  could  be  run  with  a  fan 
pressure  ratio  FPR  >  1  at  flight  Mach  numbers  up  to  M^  =  4.5  instead  of  producing  pressure  losses 
only  after  the  core  has  been  run  down  and  sealed  at  about  M^«3.  This  could  offer  good  advantage 
for  fuel  consumption  of  the  Hyper  Crisp  if  used  in  a  hypersonic  transport. 

Limiting  the  peak  flight  Mach  number  to  a  value  well  below  Mc»=  6  a  turbo  rocket  or  a  turbo 
expander  cycle  engine  could  be  run  without  air/fuei  heat  exchange  if  the  high  temperature  fan  and  all 
cases  are  made  out  of  carbon  materials.  Same  as  the  Hyper  Crisp  with  air  intercooling  they  could  be 
used  with  advantage  as  propulsion  systems  of  a  HST. 


5.3  Heat-Exchanger  Key  Technology 

Need  of  an  air/fuel-cooler  is  evident  with  every  type  of  turbo  engine  of  a  hypersonic  propulsion 
system  for  flight  Mach  numbers  beyond  M^  =  5  to  6.  Size  and  arrangement  depends  on  the  airflow 
to  be  cooled,  the  effectiveness  asked  for  and  on  integration  conditions. 

A  heat  exchanger  should  absolutely  have  an  axisymmetric  arrangement  (FIG.  8>  if  installed  upstream 
of  a  turbo  engine  or  integrated  into  its  flow  path.  This  arrangement  is  of  advantage  even  of  an 
intercooler  cooling  dovm  air  for  the  turbine  or  for  ventilation,  as  a  lot  of  problems  during 
development  of  a  heat  exchanger  for  high  temp^ture  gradients  are  based  on  the  absence  of 
rotational  symmetry  otherwise. 


Elliptical  tubes  under  development  at  MTU  could  predominantely  be  sutted  as  matrix  of  such  a  heat 
exchanger.  Its  development  is  to  be  accounted  for  key  technologies  independent  of  a  special  engine 
concept  as  air  inlet  and  material  work  are. 


Matrix 


0  0.2  04  0.6  08 


EllaclWanaaa 


FIG.  8:  Axisymmetric  Heat  Exchanger  FIG.  9:  Influence  of  Heat  Exchanger  Effectiveness 

on  Weight,  Volume  and  Frontal  Area 


The  influence  of  heat  exchanger  effectiveness  on  weight,  volume  and  frontal  area  is  shown  in  FIG.  9 
for  constant  conditions  of  both  flows  at  heat  exchanger  entrance  and  for  constant  pressure  losses. 
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Concerning  weight  and  size  of  the  heat  exchanger  as  well  as  pressure  losses  and  wall  temperatues 
of  the  tubes,  high  heat  exchange  effectiveness  intentionally  is  to  be  abandoned.  This  especially  is 
Important  for  the  first  rows  of  tubes  where  the  wall  temperature  could  eventually  be  hormonized  by  a 
ceramic  coating  in  the  stagnation  point  area. 


5.4  Effects  Of  Air  Precooling  on  Turbojet  Size 


Thermal  problems  of  turbo  engines  at  high 
flight  Mach  numbers  can  markedly  be  reduced 
by  integrating  a  H^dAr  heat  exchanger 
upstream  the  low  pressure  compressor. 
Engines  then  always  feel  a  lower  "apparent* 
flight  Mach  number. 

The  main  effects  of  air  precooling  are  listed  in 
FIG.  10. 

FIG.  11  shows  in  the  first  and  in  the  second 
configuration  integral  combinations  of  a  turbo¬ 
ramjet.  While  the  upper  one  is  the  same  as 
shown  in  FIG.  5  the  turbojet  of  the  second 
configuration  is  installed  downstream  of  a 
H2/air  heat  exchanger. 


EFFECT  OF  AIR  PRECOOLING 

o  Increased  flow  density  at  compressor  inlet 
— ^  Increased  engine  air  flow 

o  Lower  power  demand  for  compression 

o  Lower  temperature  at  compressor  exit 
— >■  Increased  Mach  capability 

FIG.  10:  Main  Effects  of  Air  Precooling 


As  the  large  fuel  flow  for  heating  the  total  air  flow  within  the  ramjet  combustor  is  available  as  heat 
sink  for  precooling,  the  heat  exchanger  can  be  designed  for  an  unusual  low  effectiveness  of  less 
than  40  %  in  the  design  point.  This  will  save  weight,  volume  and  pressure  drop  (see  FIG.  8). 


FIG.  11:  Turbo-Ramjet  and  Precooled  Turbojet 
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The  following  advantages  of  this  configuration  can  be  summarized: 

1.  For  same  total  airflow  and  same  thrust  at  transonic  flight  the  turbo  engine  now  can  be 
dimensioned  smaller  by  some  30  %  depending  on  the  effectiveness  of  the  heat  exchanger  and 
when  compared  to  the  turbojet  of  the  upper  figure.  That  means  about  half  the  size  of  the  turbojet 
when  not  being  used  as  an  ejector  for  the  bypass/ramjet  air  (parallel  arrangement  shown  in  FIG.  5 
or  coaxial  arrangement  not  operating  in  an  integral  TJ/RJ  mode). 

2.  The  turbojet  can  now  be  operated  at  full  power  up  to  a  flight  Mach  number  of  about  M^=  4.5 
and  improve  thrust  and  SFC  of  the  ramjet. 

3.  Beyond  this  flight  Mach  number  the  turbojet  should  continuously  be  throttled  back  limiting  the 
temperature  at  compressor  exit  to  a  constant  value  of  conventional  engine  technology  and 
offering  power  suppiy  to  the  secondary  power  system  of  the  vehicle. 

4.  No  hermetical  sealing  provisions  at  entrance  and  exit  of  the  turbojet.  The  heat  exchanger 
needed  for  intercooling  the  air  ventilating  the  sealed  turbo  engine  of  upper  configuration  during 
ramjet  operation  now  is  replaced  by  the  same  larger  axisymmetric  precooler. 

5.  If  boundary  layer  of  the  fuselage  forebody 
is  sucked  in  by  air  intake  and  will  not  be 
spiiied  through  the  bypass  channel  then 
the  heat  exchanger  will  smoothen  down  the 
flow  distortion  in  front  of  the  turbojet.  A 
boundary  layer  bleed  channel  therefore  will 
not  necessarily  be  used. 


The  influence  of  jet  mixing  and  precooling  on 
the  propulsion  system  weight  is  shown  in  FIG. 
12.  It  can  be  seen  that  the  turbojet  related 
weight  by  this  measures  could  remarkedly  be 
reduced.  In  the  case  of  the  precooled  turbo¬ 
ramjet  the  additional  heat  exchanger  weight 
will  mainly  be  overcompensated  by  the 
smaller  turbo  engine  and  by  the  omission  of 
sealing  provisions  and  of  the  boundary  layer 
bleed  channel.  Weight  saving  by  a  simplified 
secondary  power  system  is  not  included. 


without  ejector  ejector 

jet  mixing  type  type 

■f 

precooling 

FIG.  12:  Influence  of  Jet  Mixing  and  Preecooiing 
on  Turbo-Ramjet  Weight  (w/o  fuel) 


5.5  Precooled  Turbojet  with  Unheated  Bypass 

The  bottom  FIG.  1 1  shows  a  precooled  turbojet  with  reheat  and  with  an  unheated  bypass  passing 
surplus  air  to  the  c  Jter  nozzle  throat  at  transonic  flight  conditions  and  up  to  about  M^  =  4. 

The  use  of  this  engine  type  in  an  aerodynamic  space  vehicle  launcher  up  to  a  staging  Mach  number 
of  about  M  =6.5  has  been  discussed  in  detail  in  /I/,  also  showing  the  savings  in  mission  fuel 
compared  to  other  turbo-ramjet  configurations. 
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5.6  Air-Breathing  Rocket 

In  a  single  stage  to  orbit  vehicle  (SSTO)  the  air-breathing  rocket  (FIG.  13>  could  accelerate  the 
vehicle  up  to  >  8  operating  in  air-breathing  mode,  if  air  inlet  and  heat  exchanger  are  designed  to 
be  submitted  corresponding  high  air  temperatures. 


FIG.  13:  Air-Breathing  Rocket  /Lit.  5/ 


In  this  engine  type  rammed  air  at  first  is  cooled  down  by  heat  exchange  with  the  cold  air  after  leaving 
the  compressor.  Compression  close  to  the  boundary  phase  curve  results  in  a  considerable  reduction 
in  compression  effort.  Early  calculations  for  cycle  optimization  have  shown  (Lit.  /1/)  that  liquefaction 
of  the  air  and  compression  in  liquid  phase  will  not  pay  off.  Combustion  in  the  high-pressure  chamber 
preferably  is  somewhat  fuel-rich. 

While  being  very  effective  at  medium  and  high  flight  Mach  numbers  this  engine  type  will  offer  an 
unsufficient  thrust  at  take-off  and  initial  climb.  The  following  procedure  could  be  of  advantage: 

1.  Sled  assisted  acceleration  to  about  250  m/s. 

2.  During  take  off  and  subsonic  climb  through  the  humid  lower  atmosphere,  due  to  the  icing  danger, 
both  precoolers  are  not  to  be  throughjiown  by  liquid  hydrogen  and  compressed  air  acting  as  heat 
sinks. 

Dimensioned  to  less  than  half  the  flow  capacity  of  the  precooled  turbojet  shown  in  FIG.  11,  the 
turbomachinery  during  this  phase  will  operate  as  a  conventional  turbojet  engine  at  partload 
conditions  (  as.  70  %  reduced  rotor  speed).  To  fulfil  the  initial-climb  thrust  demand  a  small  LOX- 
flow  is  to  enrich  the  somewhat  fuel-rich  combustion  in  the  high-pressure  afterburner. 
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3.  After  climb  out  to  an  attitude  of  about  8  km  at  first  the  H^air  precooler  and  then  the  air/air  heat 
exchanger  will  be  switched  on.  Air  flow  and  nosle  pressure  ratio  now  will  increase  to  more  than 
three  times  the  initial  value. 

4.  With  increasing  flight  Mach  number  prebumer  heating  has  continuously  to  be  throttled  back. 

The  nozzle  throat  downstream  the  high-pressure  afterburner  even  at  full-power  operation  needs  to 
be  controlled  within  the  same  extension  as  we  are  used  of  conventional  ramjets.  The  reason  is  the 
overall  pressure  ratio  of  the  total  turbopart  (Pt4/PtiE)  nearly  independant  of  the  flight  Mach 
number  and  supercharging  the  pressure  ratio  of  the  conventional  ramjet  cycle  by  a  factor  of 
about  10. 

While  this  engine  type  could  offer  high  thrust  density  and  a  good  fuel  consumption  especially  at  high 
Mach  operation,  the  major  problem  will  be  that  it  needs  a  more  efficient  air/air  heat  exchanger  of 
much  larger  size/weight  than  the  engine  types  shown  above. 


6.  INTERACTION  OF  VEHICLE,  PROPULSION  AND  MISSION  TAYLORING 

When  tayloring  the  design  of  vehicle,  of  propulsion  system  and  of  optimum  flight  trajectory  to  the 
mission  requiremerrts  of  a  HST  or  of  a  TSTO  booster  stage  we  have  to  recognize  that  these  three  are 
stronger  interconnected  with  each  other  than  the  design  of  subsystems  of  conventional  aircraft  we 
are  used  to  be.  Therefore  any  isolated  optimization  will  lead  to  a  nonharmonized  overall  solution. 


6.1  Flight  Trajectory 

FIG.  14  shows  a  simplified  but  typical  flight  trajectory  of  a  TSTO  booster  stage.  It  has  been  '.alculated 
for  a  constant  ratio  of  total  pressureAotal  temperature  at  exit  of  air  intake.  To  limit  induced  drag 
during  transonic  flight  where  aircraft  drag  and  engine  installation  losses  are  large,  subsonic  climb 
should’nt  lead  to  dynamic  pressure  below  20  kPa. 


For  a  TSTO  system  which  will  performe  only  a 
few  launches/year,  noise  requirements  to 
conventional  airliners  should  not  necessarily 
be  design  driving.  Even  with  respect  to 
European  autonomy  TSTO  launches  could 
performe  in  the  south  of  Spain  and  go  out 
over  the  Mediterranean  Sea. 

Flight  trajectory/aircraft  should  climb  quickly 
through  the  dense  ozone  layer.  If  a  cruise 
phase  requirement  is  superposed  on  a  TSTO- 
launch  (see  design  priorities  given  in  chapter 
3)  then  cruise  out  and  cruise  back  could  be 
flown  in  a  flight  altitude  of  about  25  km,  the 
minimum  altitude  for  a  long  range  HST-cruise. 


FIG.  14:  Flight  Trajectory 
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With  increasing  flight  Mach  number  the  trajectory  shouid  climb  to  lower  dynamic  pressure.  This  will 
cause  the  angle  of  attack  growing  up  to  values  beyond  the  L/D-maximum  important  for  a  long  range 
cruise  phase  (HST). 

But  for  an  accelerated  climb  of  the  TSTO  booster  stage  maximum  L7D  is  not  permitted  to  be  a  main 
goal  for  overall  vehicle  design.  In  this  case  the  influence  of  wing  loading  and  of  flight  trajectory  on 
the  design  of  air  intake  and  nozzle  (dimensions  and  operational  conditions)  and  on  transonic  drag 
will  be  of  more  importance. 

6.2  inlet  Capture  Area  Augmentation 

FIG.  15  shows  increasing  angle  of  attack  vs.  flight  Mach  number  for  the  a.m.  flight  trajectory  and  for 
a  design  wing  loading  of  about  ft;650  kg/m^.  This  has  two  main  effects: 

1.  Growing  up  precompression  by  fuselage/wing  will  limit  flow  Mach  number  M^  at  air  inlet  to  lower 
values.  The  intake  system  is  to  be  designed  for  little  above  M^  ft;  4  only  even  if  the  maximum 
flight  Mach  number  will  exceed  Me^  =  6.5.  This  will  lead  to  a  better  pressure  covery,  ease 
construction  and  save  weight  of  intake  and  nozzle  system. 

2.  Augmentation  of  free  stream  capture  area  rapidly  increases  with  angle  of  attack  and  flight  Mach 
number  (FIG.  161.  This  will  lead  to  smaller  dimensions/lower  weight  of  intake  and  nozzle  system 
as  thrust  demand  at  high  Mach  operation  is  dimensioning  for  these  ramjet  components. 
Furthermore  a  lot  of  installation  drag  of  the  propulsion  system  will  be  saved  during  transonic 
flight. 


RG.  15:  Angle  of  Attack  «£  RG.  16:  Augmentation  of  Free  Stream 

and  Inlet  Mach  Number  M^  Capture  Area 


The  dash-dotted  slopes  show  minor  positive  effects  if  angle  of  attack  would  be  decreased  to  half  the 
value  by  selection  of  wing  loading  and  flight  trajectory. 


6.3  Installation  Drag 

Installation  drag  of  the  propulsion  system  mainly  consists  of  three  parts: 
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•  drag  of  splitting  the  forebody  boundary  layer, 

-  inlet  drag  (spillage  drag,  bypass  drag,  cowl  drag,  bleed  drag), 

-  propulsion  related  afterbody  drag. 


1.  Significant  drag  of  splitting  the  forebody 
boundary  layer  upstream  the  air  intake 
could  be  avoided,  if  configuration  of  intake 
system  and  arrangement  of  the  turbo 
engine  in  the  propuision  system  permit  the 
boundary  iayer  to  be  sucked  in  (e.g.  ail 
configurations  of  FIG.  11). 

2.  The  three  a.m.  parts  of  inlet  drag  are 

plotted  in  FIG.  17  vs.  flight  Mach  number  of 
the  engine  configuartion  at  bottom  of 
FIG.  11.  The  corresponding 

geometrical/aerodynamicai  areas  are  also 
shown. 


The  extremely  sensitive  spillage  drag  can 
not  be  avoided  at  transonic  flight  due  to 
geometrical  reasons  of  construction. 

The  less  sensitive  bypass  drag  disappears 
at  A^*4,  when  the  turbojet  takes  the 
whole  inlet  airflow,  if  bypass  air  flow  would 
be  kept  out  of  the  intake,  then  spillage  drag 
would  be  increased  especially  at  transonic 
flight  by  values  of  about  three  times  the 
bypass  drag.  Therefore  the  integration  of  a 
bypass  channel  along  the  turbo  engine  is 
not  to  be  abandoned  in  most  of  hypersonic 
propulsion  systems. 

Ramp  bleed  drag  has  been  neglected  in 
FIG.  17  since  it  was  supposed  that  shock 
system  could  be  stabilized  by  the  bleed  of 
only  a  small  part  of  the  boundary  layer  at 
ramp  edges. 


FIG.  17:  Inlet  Drag  of  TJ/PC  and 

Corresponding  Areas 


Cowl  drag  is  not  criticai  especially  as  it  offers  additionai  lift. 

3.  Propulsion  related  afterbody  drag  mainly  depends  on  nozzle  design.  It  will  be  reduced  markedly 
by  the  expansion  of  bypass  air  flow  at  transonic  flight. 

If  no  bypass  would  be  integrated  about  one  third  of  uninstalled  thrust  could  be  eaten  up  by  inlet 
spillage  drag  and  afterbody  drag  at  this  flight  condition. 
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6.4  Thrust  Dimensioning  Procedure 

In  FIG.  18  the  vehicle  drag  divided  by  the  number  of  engines  is  piotted  vs.  fiight  Mach  number  aiong 
flight  trajectory  PfE/T^E  =  const.  Thrust  slopes  of  the  turbo  ramjet  and  of  the  precooied  turbojet 
(FIG.  11  upper  reap,  bottom  configuration)  show  that  transition  to  fuei-rich  combustion  couid  be 
necessary  at  high  Mach  operation  if  oversizing  of  the  ramjet  (weight,  transonic  drag)  shaii  be  avoided 
and  though  the  effects  of  high  angie  of  attack  were  taken  into  account. 


FiG.  18:  Vehicle  Drag  and  Fully  Installed 
Thrust  of  RJ  +  TJ  and  TJ/PC 


FIG.  19:  Fuel-Specific  Thrust  (fully  installed) 


Due  to  icing  danger  the  precooled  turbojet  has  to  perform  take-off  and  subsonic  climb  without 
switching  on  the  precooler. 

Corresponding  slopes  of  fuel-specific  thrust  are  shown  in  FiG.  19.  Concerning  a  comparable  low 
maximum  reheat  temperature  limit  ~  ^  optimum  switch-over  point  to  fuel-rich 

combustion  was  calculated  for  M^=Z.2  reap.  M40=  5.4  in  an  overall  optimization  attempt 
including  thrust  dimensioning  (engine  size)  and  vehicle  design  (wing  loading). 


Pushing  forward  the  temperature  limit  will  shift 

An  arbitrary  oversizing  of  the  installed  thrust 
not  oriented  to  the  specific  character  of  an 
aerodynamic  booster  stage  with  air-breathing 
propulsion  could  launch  the  vehicle  out  of  the 
dense  atmosphere  in  an  unfavourable  way. 
This  would  lead  to  wrong  assessing  the 
thrust/weight  ratio  and  specific  impuis  of  the 
propulsion  system  and  the  aerodynamic 
vehicle  design. 

To  show  the  correlation  between  optimum 
installed  thrust  and  ascent  trajectory  as  an 
example  the  SANGER-mission  was  calculated 
with  a  predesigned  system  approach  along 
two  different  ascent  trajectories. 


swrtch-over  Mach  number  to  some  higher  values. 


FIG.  20:  Correlation  of  Installed  Thrust, 

Fiight  Trajectory,  Range,  Launch  Mass 
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A  small  disadvantage  has  been  found  with  the  a.m.  flight  trajectory  compared  to  the  original  one.  In 
no.  20  the  range  Is  plotted  for  both  trajectories  and  the  original  overall  vehicle  design.  With  the  flight 
trajectory  of  FIG.  14  leading  to  higher  altitudes  than  the  preliminary  sANGER  trajectory  at  high  Mach 
operation  (->  «c  and  increased)  thrust  will  be  oversized. 

Left  columnes  have  been  calculated  with  20  %  lower  installed  thrust.  With  the  a.m.  flight  trajectory 
the  vehicle  design  could  be  scaled  down  by  IS  %  fuifiiiing  ail  range  requirement  while  the  scaled 
down  design  could  not  get  the  required  range  on  the  original  ascent  trajectory  as  acceleration  at  high 
Mach  operation  was  to  slow  now  with  the  20  %  lower  thrust. 


7.  RESUMEE 


To  give  an  first  idea  of  the  complexity  resp. 
development  risk  of  the  different  propulsion 
system  concepts  discussed  in  this  paper 
when  compared  to  their  performance,  FIG.  21 
shows  an  authors  attempt  to  assess  this 
problem.  The  assessment  was  based  on  the 
application  in  a  TSTO  system. 


Main  Problems  and  ideas  are  to  be  summarized: 

1  TSTO  SYSTEM: 

Combines  advantages  of  air- 
breather/rocket  and  aircraft/reentry 
vehicle  without  forcing  to  much  of 
comprimise. 

2  TWOFOLD  MISSION  TASK  OF  TSTO 
BOOSTER  STAGE: 

Design  priority  to  be  given  to  accelerated 
climb  phase. 

3  EXTREME  INTERACTION  OF  VEHICLE, 
PROPULSION,  FLIGHT  TRAJECTORY; 

Optimization  of  isolated  subsystem 
misleadir^. 


FIG.  21:  Propulsion  System  Concepts 

(TakeOfftoM  >6.5) 


4  MOST  DEMANDING  UNCONVENTIONAL 
REQUIREMENTS: 

Applicability  up  to  >6. 

High  thrust  density  at  high  Mach 
operation. 

5  HIGH  TEMPERATURE  LOAD  AT  HIGH 
MACH  OPERATION: 

Active  cooiing  of  combustor,  nozzle  and 
partially  of  inlet  duct  with  H2-fuel. 
Vemilating  of  turbo  eng.  with  intercooled 
air. 

6  THRUST  DENSITY  AT  HIGH  MACH 
OPERATION: 

Increased  by  fuel*rich  combustion. 
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7  AIR  UQUEFACTION 

Not  relevant  for  optimized  cycle 

8  SCRAMJET 

Poeitive  overall  system  pay-off  not  to  be 
seen  in  the  near  future  even  if  irrtegrated 
into  a  dual-mode  combustor. 

9  RAMJET  SIZE/WEIGHT  SAVING: 

Augmentation  of  inlet  capture  area  by 
enlarged  precompression  (high  oL  by 
appropriate  wing  loading  and  flight 
trajectory). 

Fuei-dch  combustion. 

10  TURBO  ENGINE  SIZE/WEIGHT  SAVING: 

About  25  %  at  same  transonic  thrust  by 
integral  arrangement. 

About  one  third  additionai  by  air 
precooling. 

11  INLET  DESIGN: 

Design  Mach  number  depending  on  aC 
(wing  loading,  flight  trajectory). 
Abandoning  boundary  layer  splitter  and 
bypassing  the  turbo  engine  wiil  reduce 
inlet  drag. 
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TURBOJET  POTENTIAL  FOR  HYPERSONIC  FLIGHT 
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INTRODUCTION 

Over  the  past  few  years.  Interest  in  manned  hypersonic  flight  has  Increased  significantly. 
System  studies  historically  have  utilized  ramjet  power  for  high  supersonic/ low  hypersonic  speeds 
and  supersonic  combustion  ramjets  (scramjets)  at  higher  speeds.  The  drawback  of  these  types  of 
propulsion  devices  Is  their  inability  to  perform  at  takeoff  and  relatively  low  speeds.  Therefore, 
for  relatively  low  speed  operation  (Mach  0-3),  a  third  form  of  propulsion  Is  required.  The  turbine 
engine  has  typically  been  chosen  for  this  role. 

The  disadvantages  of  a  three  mode  propulsion  system  (turbojet-ramjet-scramjet)  are  the 
complexity,  weight  and  costs  which  accompany  It.  Inlet  and  exhaust  geometry  variations  required 
for  proper  Integration  play  a  major  role.  Propulsion  weight  1s  a  key  factor  to  maximize  vehicle 
capability.  When  a  propulsion  device  Is  not  being  utilized.  It  Is  dead  weight  to  the  aircraft 
system.  Therefore,  for  reasons  of  simplicity,  reduced  system  weight,  and  cost.  It  seems  prudent 
to  minimize  the  number  of  propulsion  mode  transitions  required. 

This  paper  will  explore  the  utilization  of  the  turbine  engine  for  aircraft  propulsion  up  to 
the  scramjet  transition.  Examination  of  the  uninstalled  cycle  performance  is  presented  as  well  as 
an  assessment  of  installed  engine  operation  In  a  hydrogen  fueled  aircraft.  Both  non-afterburning 
and  afterburning  (A/B)  turbine  engines  are  coim>ared  to  turboramjet  and  alr-turboramJet  (ATR) 
engines  for  a  Mach  5  lung  duration  cruise  mission  along  with  a  pure  acceleration  mission,  I.e., 
the  turbomachinery  Is  used  to  accelerate  the  vehicle  to  a  Mach  number  where  the  scramjet  can  take 
over.  From  this  assessment,  a  baseline  engine  conflguratlon/cyde  Is  defined  for  feasibility 
studies  and  critical  technology  Identification.  A  discussion  of  the  feasibility  of  the  preferred 
concept  from  an  engine  component  by  component  standpoint  Is  provided  as  well  as  a  discussion  of 
technology  risk  compared  to  the  state-of-the-art. 


UNINSTALLED  PERFORMANCE 


To  determine  the  desirability  of 
turbomachinery  at  hypersonic  velocities.  It  Is 
useful  to  ascertain  whether  the  turbine  engine 
provides  competitive  uninstalled  performance 
compared  to  devices  more  comnonly  considered 
for  hypersonic  flight.  Four  types  of 
turbopropulsion  devices  were  studied;  a  cooled 
non-afterbuming  (dry)  turbojet,  an  uncooled 
afterburning  (A/B)  turbojet,  a  turboramjet,  and 
an  uncooled  recuperated  alr-turboramjet  (ATR) 
(Figure  1).  In  all  cases,  hydrogen  was  used 
for  fuel.  For  turbomachinery  operating  above 
Mach  4,  a  fuel -air  heat  exchanger  was  used  for 
cooling  compressor  bleed  air.  Fuel  inlet 
temperature  to  the  heat  exchanger  was  assumed 
to  be  800‘’F,  simulating  fuel  usage  for  vehicle 
cooling.  The  turbine  Inlet  temperature  of  the 
ATR  was  limited  to  2050”F  due  to  heat 
exchanger,  fuel  delivery  and  uncooled  expander 
turbine  material  limitations.  Maximum  burner 
temperature  was  limited  to  stoichiometric 
combustion.  Table  1  shows  a  comparison  of  the 
various  cycles. 


Afterburning  Turbojet  Turboramjet 


Figure  1  -  Cycles  Examined 


Figure  2  Illustrates  the  performance  of  the  cooled  non-A/B  turbojet,  uncooled  A/B  turbojet, 
turboramjet,  and  ATR  operating  between  Mach  5  and  6.  Even  with  extremely  high  turbine  temperature 
capability,  the  dry  turbojet  exhibits  poor  specific  thrust  performance  relative  to  the  other  forms 
of  propulsion.  The  afterburning  turbine  engine  utilizing  a  more  conservative  turbine  rotor  Inlet 
temperature  (TRIT  «  2800'F)  Is  very  competitive  with  the  turboramjet  and  ATR  In  thrust  performance 
and  advantageous  from  a  fuel  consumption  standpoint.  The  competitive  performance  of  the  ATR  Is 
primarily  due  to  the  higher  nozzle  pressure  ratio  which  may  not  be  useful  In  an  actual  application 
due  to  nozzle  size  limitations  (Figure  2  assumes  full  expansion  of  exhaust  gasses).  In  all  cases, 
performance  degrades  rapidly  as  Mach  number  Is  increased. 


It  Is  envisioned  that  the  weapon  system  transitions  to  the  scramjet  propulsion  mode  at  a  Mach 
number  between  5  and  5.5.  This  Is  primarily  because  of  performance  degradation  and  material 
constraints  for  the  turbomachinery  as  well  as  minimum  Mach  number  capability  for  the  scramjet. 
Component  design  sensitivities  to  performance  for  the  dry  turbojet  were  evaluated  to  determine  the 
criticality  of  the  design  parameters  (Figure  3).  The  most  vital  parameters  to  performance  were 
burner  efficiency  and  exhaust  nozzle  performance  (CFG).  The  latter  was  found  to  be  the  most 
critical  with  a  3.8  percent  reduction  In  net  specific  thrust  for  each  percent  loss  In  thrust 
coefficient.  Rotating  component  efficiencies  were  found  to  be  less  critical.  The  baseline 
leakage  was  .5X.  This  small  level  of  leakage  tends  to  make  percentage  changes  In  leakage  appear 


A/B  TJ 

DRY  TJ 

TUFBORAMJET 

ATR 

Pressure  Ratio 

10 

10 

10 

5 

Throttle  Ratio  (T4max/T4) 

1.114 

1.114 

1.114 

— 

Main  Burner  Temp . 

2800“F 

4000"F 

4000®F 

— 

Afterburner/Ramburner  Tesip. 

Stoich 

— 

Stoich 

Stoich 

Efficiencies : 

Compressor 

85% 

856 

85% 

85% 

Main  Burner 

99% 

99% 

99% 

99% 

Turbine 

85% 

85% 

85% 

70% 

Afterburner  /  R2unburner 

95% 

— 

90% 

— 

Cooling: 

Turbine  Stator 

0.0% 

5.5%’ 

5.5%; 

0.0% 

Turbine  Rotor 

0.0% 

6.0%* 

6.0%* 

0.0% 

Exhaust  Nozzle 

15%* 

10%* 

10%’ 

5% 

Transition  Mach  Number 

— 

4-5 

— 

Pressure  Losses: 

Main  Burner 

9% 

9% 

9% 

9% 

Rear  Duct 

l%(cold)* 

4% 

4%(cold)^ 

4%  (cold) 

Gross  Thrust  Coefficient 

.985 

.985 

.985 

.985 

Engine  Thrust /Weight 

10 

10 

10 

10 

1  -  Varied  to  give  2800“f  Tmetal 

2  -  Varied  to  give  2700*F  Tmetal 

3  -  Compressor  interstage  bleed 

4  -  Hot  loss  is  a  function  of  exhaust  temperature 

TaUsle  1  -  Baseline  Cycle  Comparison  (Sea  Level  Static) 


SPECIFIC  THRUST  (Ibf /Ibm/sec) 

Figure  2  -  Performance  Comparison  (Uninstalled) 
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to  have  a  small  Impact  on  performance.  In  reality,  leakage  could  Increase  dramatically  which  will 
have  a  profound  Impact  on  performance.  Hence,  leakage  Is  also  an  Important  parameter  to  achieve 
good  performance. 


With  the  aid  of  an  engine  simulation  model, 
part  power  performance  of  the  various  cycles 
was  determined.  Advanced  compressor  maps  were 
generated  and  utilized  for  each  engine.  Both 
turbine  engines  were  operated  with  a  throttle 
ratio  just  over  1.1.  Throttle  ratio  Is  defined 
as  maxlmun  combustor  exit  temperature  over  sea 
level  static  combustor  exit  temperature. 

Throttle  ratio  Is  a  method  to  hold  corrected 
airflow  constant  up  to  a  given  Inlet 
temperature  resulting  In  Increased  thrust  at 
elevated  inlet  temperatures.  As  flight  speed 
increases,  turbine  inlet  temperature  Increases 
to  maintain  constant  corrected  flow.  This  can 
continue  until  maximum  turbine  Inlet 
temperature  Is  reached.  An  Installed  analysis 
to  determine  optimum  throttle  ratio  was 
performed  and  will  be  discussed  In  a  later 
section.  Figure  4  Illustrates  that,  at  a  given 
thrust  level,  the  turbojet  cycles  have  more 
favorable  specific  fuel  consumption  which 
potentially  translates  to  Increased  range.  The 
dry  turbojet  nearly  eguals  the  afterburning 
turbojet  cruise  fuel  consumption,  but  pays  a 
penalty  1n  terms  of  reduced  maximum  specific 
thrust. 

Another  key  flight  point  occurs  during 
acceleration  through  the  transonic  drag  rise. 

A  comparison  of  the  various  turbopropulsion 
system's  performance  1s  shown  In  Figure  5.  For 
the  turbojet  cycles.  Increasing  pressure  ratio 
Increases  specific  thrust  and  reduces  specific 
fuel  consumption.  Diminishing  Improvements  In 
performance  for  pressure  ratios  above  10  Imply 
limited  benefits  for  pressure  ratios  above  this 
level.  For  the  dry  turbojet,  increasing 
turbine  Inlet  temperature  increases  specific 
thrust  along  with  specific  fuel  consumption. 

For  the  afterburning  engine.  Increasing  turbine 
Inlet  temperature  decreases  specific  fuel 
consumption  accompanied  by  a  smaller  Increase 
In  specific  thrust.  The  ATR  nearly  parallels 
the  5  pressure  ratio  afterburning  engine  In 
specific  fuel  consumption  yet  presents  a  much 
higher  specific  thrust.  This  is  due  to  a  much 
higher  nozzle  pressure  ratio  (NPR).  Concluded 
are  that  both  dry  and  afterburning  turbojets 
should  be  designed  for  moderate  SLS  pressure 
ratios  and  that  maximum  turbine  Inlet 
temperature  1s  critical  to  the  dry  turbojet. 

An  Installed  analysis  was  performed  to  further 
examine  desirable  cycle  characteristics. 

From  the  uninstalled  performance 
assessment,  the  afterburning  and  dry  turbojet 
cycles  are  competitive  with  other  forms  of  high 
speed  propulsion  devices.  The  afterburning 
turbojet  offers  desirable  specific  fuel 
consumption  with  competitive  specific  thrust 
compared  to  the  ATR  and  turboramjet.  The  dry 
turbojet  offers  favorable  specific  fuel 
consumption  characteristics,  but  delivers  low 
specific  thrust  relative  to  the  other  cycles. 


INSTALLED  PERFORMANCE  - 

l0N6  duration  CiafT5£~VEHICLE  (LDCV) 

The  aircraft  described  in  Table  2  was  used 
for  turbomachinery  propulsion  system  evaluation 
for  a  Mach  5  cruise  flight  mission.  Figure  6 
Illustrates  the  drag  polars  for  the  vehicle. 

The  reference  area  used  Is  1764.3  square  feet. 

The  Inlet  design  was  derived  from  the  NASA 
HYCAT-IA  (Ref.  2).  This  vehicle  was  designed 
for  Mach  6  operation.  Modifications  were 


Figure  4  -  Engine  Cycle  Power  Hooks 


SPECIFIC  THRUST  (Ibf /Ibm/sec) 


Figure  5  -  Transonic  Performance  Comparison 


Fuel 

Take  Off  Gross  Weight 
Payload 

Engine  Plus  Fuel  Fraction 

Wing  Span 

Wing  Loading 

Wing  Aspect  Ratio 

Wing  Planform 

Propulsion 


Inlet 

Nozzle 


Hydrogen 
140,000  Lbs 
5000  Lbs 
45. 8Z 
54.8  Ft 

79.3  Ibs/Sq  Ft 
1.7 

Cranked  Arrow 
4  Close  Coupled,  Pod 
Mounted  Engines,  (2  per 
Nacelle) 

Mixed  Compression 
Fully  Expanded  C-D 
Axlsymmctric  (Referee) 


TABLE  2  -  AIRCRAFT  CHARACTERISTICS 
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necessary  to  utilize  this  Inlet  In  a  Mach  5 
vehicle.  A  delta  drag  coefficient,  as  a 
function  of  flight  Mach  number,  was  applied  to 
the  HYCAT  Inlet  to  account  for  the  variation  of 
critical  spillage  drag.  The  delta  spillage 
drag  coefficient  was  subtracted  from  the  total 
Inlet  drag  coefficient  across  the  flight 
envelope  In  order  to  redesign  the  Inlet  for 
Mach  5  operation. 

The  mission  assumes  that  the  aircraft  takes 
off  and  climbs  at  a  constant  flight  dynamic 
pressure  (q)  of  1000  pounds  per  square  foot 
(PSF)  until  It  reaches  Mach  5.  It  then  begins 
a  Brequet  cruise  radius  mission  with  a  180 
degree,  1  l/2g  turn  to  return  to  base. 

Aircraft  takeoff  gross  weight  was  held  constant 
with  radius  being  the  figure  of  merit  (FOM). 

For  the  Installed  performance  assessment,  all 
data  Is  referenced  to  the  baseline  dry 
turbojet. 

Evaluation  of  turbojet  thrust  sizing 
requirements  revealed  variations  as  a  function 
of  engine  cycle.  The  dry  turbojet  Is  sized  at 
the  cruise  condition  due  to  Its  lack  of 
hypersonic  thrust  performance  while  the 
afterburning  engine,  because  of  Its 
stoichiometric  augmentor,  has  Its  thrust  sizing 
point  In  the  transonic  drag  rise  region. 

Figure  7  shows  how  the  turbine  engines  at 
various  pressure  ratios  compare  to  the 
turboramjet  and  ATR.  Inlet  sizing  was  not 
optimited  for  the  turboramjet,  thereby  allowing 
a  qualitative  assessment  only.  Maximum  range 
for  the  dry  turbojet  occurs  at  higher  pressure 
ratio  designs  than  In  the  afterburning  case  due 
to  balancing  variations  In  thrust  sizing  and 
Its  effects  on  the  amount  of  power  throttling 
required  at  cruise.  Both  the  dry  and 
afterburning  engines  appear  competitive  to  the 
ATR  and  turboramjet. 

Figures  8  and  9  Illustrate  mission 
performance  variations  to  key  engine  operating 
characteristics.  High  throttle  ratio  designs 
are  attractive  to  the  dry  engine  configuration 
since  this  Increases  the  flow  size  of  the 
engine  transonically  for  better  inlet  matching 
and  provides  higher  thrust  for  high  Mach  flight 
conditions.  The  afterburning  engine  with  Its 
Inherently  higher  specific  thrust  optimizes  at 
a  lower  throttle  ratio  for  enhanced  fuel 
management.  Increasing  the  turbine  temperature 
of  the  dry  turbojet  shifts  the  optimum  pressure 


MACH  5  INTERCEPTOR  DRAG  POLARS 


LIFT  COEFFICIENT 

Figure  6  -  Mach  3  Interceptor  Drag  Polar 


Figure  7  Mission  Performance  Comparison 


Figure  8  -  Vehicle  Sensitivity  To  Throttle  Ratio 


TURBINE  INLET 
TEMPERATURE 


SEA  LEVEL  STATIC  COMPRESSOR  PRESSURE  RATIO 


Figure  9  -  Vehicle  Sensitivity  To  Turbine  Temperature 
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ratio  to  a  higher  value  where  the 
increased  energy  available  can  be 
better  utilized.  Assessments  of  SLS 
thrust-to-welght  levels  for  both  dry 
and  afterburning  turbojets  indicated 
values  of  about  10  appear  attractive. 
Radius  benefits  diminish  rapidly  at 
higher  values. 

As  mentioned  previously,  future 
exhaust  systems  may  not  be  able  to 
fully  expand  the  exhaust  gasses  at  all 
flight  speeds.  One  suggestion  is  to 
utilize  the  airframe  aftbody  as  an 
expansion  surface  at  oaximum  flight 
speeds.  At  transonic  flight, 
additional  base  drag  may  result 
because  of  overexpansion  on  that 
aerodynamic  surface.  A  sensitivity 
analysis  was  conducted  to  determine 
vehicle  performance  impact  due  to 
increased  transonic  drag.  Installed 
transonic  thrust  was  reduced  15%. 

Figure  10  illustrates  how  optimum 
compressor  pressure  ratio  increases 
due  to  reduced  transonic  thrust.  Also 
illustrated  is  the  substantial 
influence  of  transonic  engine 
performance  on  vehicle  radius. 

An  effort  was  undertaken  to  assess 
the  sensitivity  of  the  mission  radius 
to  the  engine/inlet  matching.  Airflow 
at  Mach  5  for  the  dry  and  A/B  turbojets 
was  decreased  by  15%.  This  led  to  a 
reduced  inlet  capture  area  and  lower 
inlet  bypass  drag  at  transonic/low 
supersonic  flight.  Figure  11  reveals 
how  the  flow  change  Improved  mission 
perfornance  for  all  but  the  high 
pressure  ratio  dry  turbojets  and 
shifted  the  optimum  pressure  ratio  for 
both  the  dry  and  augmented  designs  to 
a  lower  value. 


LDCV  MISSION 

Dry  Turbojet  Afterburning  Turbojet 


I  II  IS  I  11  IS 

SLS  PRESSURE  RATIO  SLS  PRESSURE  RATIO 


Figure  10  -  Vehicle  Sensitivity  To  Engine/Inlet  Matching 

LDCV  MISSION 


Dry  Turbojet  Afterburning  Turbojet 


I  II  »  a  I  11  is  a 

SLS  PRESSURE  RATIO  SLS  PRESSURE  RATIO 


Figure  11  -  Vehicle  Sensitivity  To  Transonic  Thrust 


Short  Duration  High  Acceleration  Vehicle 


An  alternate  mission  was  examined  which  will  be  referred  to  in  this  paper  as  the  Short 
Duration  High  Acceleration  Vehicle  (SDHAV).  This  mission  utilized  the  same  aircraft  as  described 
in  Table  2.  Conceived  as  a  first  stage  accelerator,  a  maximum  dynamic  pressure  (q)  climb  profile 
of  1000  pounds/square  foot  was  assumed  from  sea  level  static  until  Mach  5  transition  speed  was 
obtained.  Engine  size  is  set  by  a  requirement  for  time  to  accel/climb  of  13.3  minutes  (based  upon 
related  study  efforts).  Engine  plus  accel  fuel  weight  became  the  figure  of  merit.  Minimizing 
this  weight  combination  allows  more  payload  by  reducing  overall  propulsion  "dead  weight". 


Since  the  mission  is  essentially  a  max 
power  run  to  speed,  Mach  5  cruise  fuel 
efficiency  is  not  as  critical  as  in  the  LDCV 
mission.  This  amplifies  the  effect  of 
transonic  thrust  sizing.  Figure  12  illustrates 
how  the  various  engines  compare  along  with  the 
effect  of  pressure  ratio.  Again,  turbine  engine 
propulsion  appears  competitive.  Optimum 
pressure  ratios  for  the  dry  turbojet  now  occur 
at  a  lower  value  than  for  the  afterburning 
configuration.  This  reversal  from  the  LDCV 
mission  is  due  to  the  lack  of  balance  needed 
between  cruise  specific  fuel  consumption  and 
thrust  sizing  requirements.  Optimum  pressure 
ratio  for  the  dry  turbojet  occurs  when  minimum 
excess  thrust  is  provided  at  both  the  transonic 
and  Mach  5  operating  condition.  This  results 
in  lower  propulsion  weight  due  to  engine  size 
reductions  which  more  than  offset  the  increased 
acceleration  fuel  required.  The  afterburning 
engines  optimize  at  a  higher  pressure  ratio  as 
compared  to  the  previous  mission  because  of  the 
desire  for  high  transonic  specific  thrust. 

Mission  performance  variations  due  to 
engine  characteristics  exhibited  the  same 


SLS  PRESSURE  RATIO 

Figure  12  -  Alternate  Mission  Perfornance  Comparison 
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trends  as  described  for  the  LDCV  mission.  Analysis  of  overexpansion  at  transonic  flight  speeds 
showed  a  moderate  Increase  of  optimum  pressure  ratio  due  to  increased  criticality  of  transonic 
thrust  margin.  For  afterburning  turbojets,  reduced  airflow  at  the  inlet  sizing  point  had  a  small 
effect  on  pressure  ratio  selection  and  tended  to  flatten  out  the  perfonnanre  curve.  Ihls  Is 
attributed  to  Its  thrust  sizing  point  remaining  at  the  transonic  drag  rise  while  reducing  bypass 
and  spillage  drag.  Conversely,  a  higher  pressure  ratio  dry  turbojet  is  thrust  sized  at  maximum 
flight  speeds  which  greatly  increases  the  size  and  weight  of  the  engines.  Decreasing  the  flow 
size  at  this  flight  point  amplified  this  condition. 


Because  of  the  special  problems  associated 
with  turbine  engines  exposed  to  high  speed 
flight,  a  conceptual  study  of  various 
components  including  the  compressor,  turbine, 
combustor,  heat  exchanger,  and  nozzle  was 
performed.  The  cycle  selected  for  further 
analysis  Is  described  In  Table  3.  The 
conceptual  design  study  encompassed  a  matrix  of 
design  variables  and  materials.  The  flight 
points  used  in  the  analysis  are  commensurate 
with  a  flight  dynamic  pressure  of  1000  psf. 

For  simplicity,  only  axial  rotating  stage 
configurations  were  considered. 

Compressor 

At  Mach  5  flight,  the  compressor  exit 
temperature  presented  In  Figure  13  allows  for 
three  potential  materials:  Columbium,  ceramic 
composite,  and  carbon-carbon.  It  is  the 
opinion  of  the  authors  that  carbon-carbon  (c/c) 
represents  the  highest  risk  and  columbium  the 
lowest.  To  simplify  the  design  matrix,  each 
compressor  was  assumed  to  be  monolithic  (made 
of  one  material).  Columbium  blading  was  assumed 
to  be  uncoated.  With  this  assumption,  design 
constraints  for  columbium  were  considered  to  be 
equivalent  to  current  metallic  blading 
technology  development.  Ceramic  composites  and 
carbon-carbon  were  set  at  lower  levels  due  to 
their  structural  limitations  and  coating 
requirements.  Columbium  first  stage 
aerodynamic  loading  was  limited  to  a  level 
commensurate  with  advanced  nickel  alloy 
compressors.  In  this  paper,  aerodynamic 
loading  Is  defined  as: 

Aerodynamic  loading  =  Uh^ 

Where: 

g  =32.2  ft/ sec 
J  =  778  ft-lbs/BTU 
AH  =  Delta  enthalpy  (BTU/lbm) 

Uh  *  Hub  speed  (ft/ sec) 

Structural  and  mechanical  limitations  for 
the  non-metalHc  materials  are  anticipated  to 
restrict  the  blade  camber  and  twist.  Therefore, 
the  aerodynamic  loading  for  carbon-carbon  was 
reduced  SOX  relative  to  columbium  while  the 
ceramic  composite  was  fixed  near  the  median 
between  the  two.  For  all  compressor  designs,  a 
constant  tip  diameter  design  was  chosen  for 
simplicity  and  enhanced  aerodynamic  loading. 

To  maximize  the  potential  performance,  each 
compressor  configuration  was  assumed  to  be 
designed  at  Its  maximum  loading.  Figure  14 
shows  the  tip  relative  Mach  numbers  for  each 
material.  Ceramic  composites  and 
carbon-carbon,  because  of  structural  and 
coating  considerations,  need  large  leading  edge 
radii  resulting  In  excessive  shock  losses  at 
higher  inlet  relative  Mach  numbers.  Hence, 
these  materials  cannot  run  at  the  inlet 
relative  Mach  number  levels  of  the  uncoated 
columbium. 


AFTERBURNING  TURBOJET  (Sea  Level  Static,  Standard  Day) 


Compreaaor  Pressure  Ratio 

10 

Max.  Turbine  Inlet  Temp.  (TIT) 

2800®F 

Afterburner  Temperature 

Stoichiometric 

Throttle  Ratio  (TITmax/TITsls) 

1 . 114 

Component  Adiabatic  Efficiencies: 

Compressor 

Combustor 

99% 

Turbine 

65% 

Afterburner 

95% 

Pressure  Losses: 

Combustor 

9% 

Exhaust  Duct  (dry) 

1% 

Cooling: 

Turbina  Stator 

u .  m 

Turbine  Rotor 

0.0% 

Exhaust  Nozzle 

15% 

(Interstage  Compressor  Bleed) 

Fuel 

Hydrogen 

Nozzle  Thrust  Coefficient 

.985 

Table  3  -  Baseline  Engine 

Cycle  Stack 

Figure  13  -  Mach  No.  Impact  On  Component  Gas  Temperatures 


Figure  lA  -  Compressor  Tip  Relative  Mach  No.  Comparison 


With  compressor  size  and  speed  determined  by  the  inlet  design,  compressor  exit  size  was  found. 
Sea  level  static,  maximum  power  was  used  as  the  design  point  based  on  an  assessment  of  the 
variation  of  compressor  exit  axial  Mach  number  along  the  flight  path.  Compressor  exit  axial  Mach 
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nuniber  was  set  at  0.35  at  design  to  satisfy  diffuser  and  combustor  requirements.  Several 
variations  of  design  pressure  ratio  and  stage  count  were  assessed.  For  this  paper,  only  the 
baseline  cycle  will  be  presented. 


Figure  15  shows  compressor  frontal  area  as 
a  function  of  radius  ratio.  The  inlet  radius 
ratio  of  each  material  design  is  set  by  a 
desire  for  minimum  compressor  frontal  area. 
Decreasing  the  stage  count  leads  to  increased 
stage  work  which  requires  increased  blade  speed 
and  radius  ratio  to  stay  within  design  limits. 
For  both  carbon-carbon  and  ceramic  composite 
compressors.  Increasing  the  number  of  stages 
beyond  six  appears  to  have  diminishing  returns 
when  qualitatively  evaluated  against  the  added 
weight  of  extri  stages  as  well  as  the 
structural  implications  of  the  low  radius  ratio 
design.  For  the  columbium  compressor,  it  was 
determined  that  the  minimum  number  of 
compressor  stages  is  three,  in  order  to  meet 
design  requirements. 

Figure  16  shows  the  baseline  compressor 
designs  for  all  three  materials.  Additional 
benefits  of  higher  loading  capability  are 
exhibited  by  the  significant  frontal  area 
reduction  for  the  columbium  and  ceramic 
composite  compressors  relative  to 
carbon-carbon.  Figure  17  illustrates  how  the 
exit  rim  speeds  of  the  three  compressors 
compare  to  current  man-rated  designs  as  a 
function  of  compressor  exit  temperature.  Shown 
is  that  all  three  designs  require  revolutionary 
advancements.  Some  reduction  in  engine  life 
requirements  would  help  to  reduce  this 
significant  technology  jump. 

TURBINE 


OVERALL  PR  10 
AERO  LOADING  0.6 
FIRST  STG.  REL.  MN  1.25 
SEA  LEVEL  STATIC 


FIRST  STG.  HUB/TIP  RATIO 

Figure  15  -  Compressor  Stage  No. 

Impact  On  Frontal  Area 

SEA  LEVEL  STATIC 
OVERALL  PR  10 

CORRECTED  AIRFLOW  200  LBH/SEC 


Figure  13  shows  that  for  the  uncooled 
turbine  inlet  temperature  selected,  only 
columbium  and  carbon-carbon  are  viable 
material  candidates  for  an  uncooled  turbine. 
Figure  18  compares  the  baseline  afterburning 
turbojet  with  and  without  turbine  cooling  at 
two  flight  conditions.  The  cooled  turbine 
assumes  5S  of  the  engine  airflow  is  used  for 
turbine  cooling.  Shown  is  that  turbine 
cooling  has  little  effect  on  overall  engine 
performance.  Therefore,  a  material  with 
marginal  temperature  capability  could  be 
used  with  some  degree  of  turbine  cooling. 
Ceramic  composite  turbines  were  evaluated 
with  the  assumption  that  the  turbine  would 
be  high  risk  In  an  uncooled  configuration 
and  moderate  risk  In  a  cooled  configuration. 

Evaluating  the  turbine  design  at  its 
flow  sizing  condition.  Figure  19  shows  how 
the  rim  radius  varies  as  a  function  of  stage 
number  and  aerodynamic  loading.  Aerodynamic 
loading  is  defined  in  the  same  manner  as 
specified  for  the  compressor.  The  turbine 
was  assumed  to  be  a  constant  rim  radius  to 
enhance  Its  eriergy  extraction  potential.  As 
the  stage  aerodynamic  load  increases,  the 
rim  radius  decreases  yielding  a  wore 
streamlined  flowpath  design,  reducing 
frontal  area  and  weight  as  well  as  turbine 
rim  speed.  Assuming  a  choked  turbine  Inlet, 
a  nominal  flowpath  divergence,  and  a 
representative  exit  Mach  number.  Figure  20 
shows  how  the  turbine  flowpath  varies 
relative  to  the  three  baseline  compressors 
for  one,  two  and  three  stage  turbines  at 
these  aerodynamic  loadings.  The  desire  to 
minimize  both  frontal  area  and  number  of 
stages  is  most  easily  achieved  with  the 
columbium  turbine  which  requires  only  a 
single  stage  turbine.  For  the  non-metal  lies, 
two  stage  designs  appear  most  attractive  at 
these  loading  levels.  Higher  loading  levels 


Figure  16  -  Compressor  Lii>out  Options 


COMPRESSOR  EXIT  TEMPERATURE  (“F) 

Figure  17  -  High  Mach  Compressor  Material  Requirements 


RADIUS  (INCHES) 


=  U1  /  M.T=  20000  tt 


UNCOOIB)  GOOUO 


10  PR,  6  STC.,  C/C  COMPRESSOR 
•i  CORRECTED  AIRFLOW  200  LBM/SEC 


MWaOMC 

IM>  so  /ALT  =  100000 II 


UNCOOIBI  OXUD 


WKOOla  COOia  iMiwta  lanm 

Figure  18  -  Turbine  Cooling  Impact  On  Performance 


1  Stage 


Comp.  Exit  Tip 


Comp.  Exit  Hub 


2  Stage 


_3Stage 


U  1.1  10  10  1.7 

TURBINE  AERO  LOADING 

Figure  19  -  Turbine  Design  Tradeoffs 


Compressors 


Turbines 


Carbon/Carbon 


u>  HI  Ceramic  Composite 
=  1  I - 1 


cm  cn 

mn 

3  STG. 


1.2  G(J)(AH)/U, 


Columbium 


cm 


Figure  20  -  Turbine  Design  Matrix 
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may  be  possible  which  result  In  a  single  stage  turbine  design.  A  single  stage,  non-metalllc 
design  presents  higher  structural  and  manufacturing  risks. 

Figure  21  shows  the  corrected  work  required  as  a  function  of  flight  Mach  number.  Corrected 
work  is  defined  as: 


Wcorr  = 

Where: 

AH  =  Delta  enthalpy 
0  =  Turbine  Inlet  Temperature 

(deg  R)/519. 

Compared  to  current  metallic  turbines,  work 
levels  are  well  within  the  state-of-the-art  for 
single  stage  designs.  For  non-metal 1 1 cs ,  the 
risk  Is  considered  moderate  for  the  two  stage 
designs.  Two  stage  turbines  were  chosen  for 
the  non-metalllc  baseline  designs  while  the 
metallic  turbine  utilized  one  stage. 


COMBUSTOR 


The  combustor  geometry  was  defined  by 
centering  the  inner  and  outer  radii  about  the 
turbine  Inlet.  Using  the  results  of  the  engine 
cycle  analysis  and  assumed  values  of  combustor 
length  to  height,  the  combustor  volume,  space 
heat  rate  and  burner  residence  time  were 
calculated.  Combustor  sizing  and  heat  release 
loadings  were  evaluated  across  the  flight  path. 

Figure  22  shows  the  interrelationship 
between  various  combustor  design  parameters. 
Space  heat  rate  increases  rapidly  with 
Increasing  cdmbustor  reference  velocity.  It 
was  assumed  that  using  hydrogen  fuel  would 
allow  higher  than  typical  space  heat  rates 
currently  used  for  JP  type  fuels.  A  maximum 
space  heat  rate  value  of  20  million 
btu/hr-ft-atm  was  chosen  resulting  in  a  burner 
residence  time  of  4.6  milliseconds. 


Indications  are  that  with  some  development 
risk,  the  hydrogen  combustor  Is  feasible.  The 
greatest  challenge  to  the  combustor  design  is 
projected  to  be  In  the  fuel  delivery  system 
because  of  the  high  fuel  inlet  temperatures. 


Figure  21  -  Turbine  Work  Requirements 


Fit  22  -  Combustor  Design  Tradeoffs 


HEAT  EXCHANGERS 

One  of  the  more  critical  technologies  for 
hypersonic  flight  will  be  the  distribution  and 
control  of  thermal  loads.  Figure  13  shows  that 
even  inlet  air  temperatures  at  Mach  5  are  too 
high  for  cooling  the  nozzle  and  bore  components. 
Using  the  heat  sink  capability  of  the  hydrogen 
fuel,  a  fuel/air  heat  exchanger  was  used  to 
cool  engine  air  for  critical  system  components 
at  all  flight  speeds  above  Mach  4.  The 
hydrogen  fuel  temperature  entering  the  heat 
exchanger  was  elevated  from  its  tank 
temperature  to  simulate  aircraft  cooling 
requirements. 

Figure  23  shows  the  variation  In  combustor 
inlet  fuel  and  cooling  air  temperature  as  a 
function  of  compressor  exit  bleed  air  and 
aircraft  fuel  delivery  temperature.  The  shaded 
areas  Indicated  regions  of  Interest  for  various 
flight  speeds.  At  Mach  5,  the  cooling  air 
temperature  Is  reduced  151  from  compressor 
discharge  temperature.  Heat  exchanger  fuel 
Inlet  temperature  was  fixed  at  800“F  based  upon 
estimated  aircraft  heat  load  requirements. 


HYDROGEN 


Figure  23  -  Heat  Exchanger  (HTX)  Temperature  Tradeoffs 


RESIDENCE  TIME  AT  5MN/100KFT  (nSEC) 
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The  engine  bore  will  require  further  cooling  than  previously  described.  Suggested  Is  that  a 
portion  of  fuel  be  tapped  prior  to  full  aircraft  routing  and  used  to  cool  a  small  portion  of 
compressor  bleed  air.  Due  to  the  small  amount  of  flow  required,  this  heat  exchanger  could 
conceivably  be  integrated  into  the  bore  area.  With  this  approach.  It  is  believed  that  the  bore 
components  may  be  cooled  sufficiently  for  reasonable  life  retention.  The  high  risk  associated 
with  this  technology  can  be  reduced  by  the  introduction  of  advanced  high  temperature  bore 
components  (i.e.  bearings,  seals,  etc.)  and  innovative  structural /irechani cal  designs. 

EXHAUST  NOZZLE 

The  exhaust  nozzle  represents  the  most 
critical  technology  for  superior  aircraft 
performance.  Nozzle  Internal  thrust  performance 
must  be  balanced  across  the  flight  envelope 
with  Installation  effects  such  as  boat  tail  and 
wave  drag.  For  this  conceptual  design,  a 
simplistic  approach  was  used  with  only  internal 
performance  considered  using  the  loss  stack-up 
shown  In  Figure  24.  This  figure  illustrates 
the  trade  between  expansion  and  angularity 
losses  as  a  function  uf  area  ratio.  A  nozzle 
length  to  diameter  ratio  of  7  was  assumed. 

Peak  performance  occurs  between  15  and  16  area 
ratio.  However,  because  of  diminishing 
returns,  an  area  ratio  of  10  was  considered  in 
addition  to  a  fully  expanded  design. 

Figure  25  compares  the  full  expansion 
nozzle,  the  10  area  ratio  nozzle  using  straight 
flaps,  and  the  10  area  ratio  design  using  a 
bell  curvature  design  fur  the  diverging  flap. 

The  full  expansion  nozzle  thrust  coefficient  is 
approximately  98.32  and  is  over  5.5  feet  longer 
than  the  baseline  area  ratio  nozzle  which 
Incorporated  a  thrust  coefficient  of  96.92. 

The  bell  shaped  nozzle  Is  projected  to  have 
equivalent  performance  as  the  straight  flapped 
version  but  with  a  reduced  length  of  almost  4 
feet.  For  reasons  of  reduced  weight,  the  10 
area  ratio,  bell  shaped  nozzle  was  chosen. 


CONCLUS I ONS/ RECOMMENDATIONS 

The  performance  analysis  presented 
Indicates  that  the  turbine  engine  provides 
competitive  performance  up  to  low  hypersonic 
flight  velocities.  Described  have  been  the 
desirable  operating  characteristics,  both 
uninstalled  and  Installed.  Sensitivity  analyses  at  Hach  5  indicate  that  nozzle  gross  thrust 
coefficient  Is  of  prime  importance,  with  component  efficiencies  having  a  secondary  Impact  on 
performance.  The  dry  turbojet  requires  very  high  levels  of  turbine  Inlet  temperature  to  have 
competitive  specific  thrust.  For  all  cycles,  proper  engine/inlet  flow  matching  can  substantially 
enhance  vehicle  performance.  From  a  technology  risk  standpoint,  the  afterburning  turbojet  is  more 
desirable.  It  does  not  require  the  very  high  levels  of  turbine  Inlet  temperature  as  dictated  for 
the  dry  turbojet  cycle  and  provides  competitive  performance  to  the  turboramjet  with  substantially 
reduced  complexity. 

Key  components  needed  for  an  afterburning  turbojet  for  Mach  5  operation  have  been  assessed  to 
determine  their  feasibility.  From  a  conceptual  design  standpoint,  there  appears  to  be  no 
technology  barriers  which  preclude  the  development  of  this  system.  There  are  however,  various 
levels  of  risk  associated  with  the  different  components  which  can  only  be  overcome  by  exploratory 
and  advanced  development  efforts.  It  Is  reconinended  that  research  programs  be  formulated  to 
address  these  technology  challenges.  It  Is  further  reconinended  that  the  turbomachinery  concept  be 
considered  In  future  activities  relating  to  hypersonic  propulsion  devices  because  of  the 
tremendous  potential  payoffs  In  terms  of  simplicity  and  performance. 


Figure  24  -  Nozzle  Loss  Buildup 


taui*|  End  k  M  SMd*  lia  Ml* 

Figure  25  -  Nozzle  Design  Options 
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Discussion 


RAMETTE 

For  the  carbon/carbon  compressor,  did  you  take  into  account  the  oxydation 
problem,  the  protective  coating  which  is  needed  and  the  correlative  impact  on 
the  air  flow. 

AUTHOR'S  REPLY 

Yes;  the  carbon/ carbon  and  ceramic  composite  compressors  were  assumed  to 
be  coated.  The  result  is  a  reduced  aerodynamic  loading  and  increased  leading 
edge  radius  for  these  materials.  This  is  why  the  carbon/ carbon  and  ceramic 
composite  compressor  are  larger  in  radius  and  require  more  stages  to  produce 
the  pressure  ratio  of  10  at  sea  level  static. 

BOURY 

Do  you  think  that  such  an  advanced  turbojet  could  be  a  good  accelerator 
for  the  NASP? 

AUTHOR'S  REPLY 

Yes,  I  do.  This  in  no  way  implies  that  this  configuration  is  or  is  not 
currently  under  consideration.  This  study  was  performed  totally  outside  the 
realm  of  NASP. 

RODI 

What  kind  of  materials  do  you  envisage  for  bearings  and  what  kind  of 
fluids  for  cooling  and  lubrication  systems? 

AUTHOR’S  REPLY 

I  cannot  comment  on  this  question. 

TARIFA 

1.  Would  you  explain  the  cooling  system  of  your  nozzles  and  the  fig  of 
15%  cooling  flow. 

2.  Have  you  considered  the  possibility  of  the  use  of  other  nozzles  as 
plug  nozzles  with  advanced  materials? 

AUTHOR'S  REPLY 

1.  We  feel  that  15%  would  be  adequate  to  cool  the  various  components. 

2.  No,  we  did  not. 
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SUlWARY 


This  paper  exhamines  the  application  of  Airbreathing  Propulsion  Systems  to 
Winged  Launchers. 

The  characteristics  of  Ramjet  based,  LH2  fuelled,  powerplants  are  analysed. 

In  the  first  part  the  main  Ramjet  design  parameters  are  highlighted. 

In  the  second  part  options  (Rocket,  Turboengine)  for  the  boost  phase  from 
take-off  to  Ramjet  mode  transition  are  described,  and  their  potential 
applicability  to  Single  Stage-to-Orbit  (SSTO)  and  Two  Stage-to-Orbit  (TSTO) 
launchers  is  discussed. 


1 .  INTRODUCTION 


Winged  Launchers  with  Airbreathing  Propulsion  are  mainly  aimed  at  a  decrease 
of  recurring  costs  of  Space  Transportation  Systems  and  at  an  increase  of  their 
flexibility  and  reliability. 

The  latincher  operating  envelope,  consisting  of  subsonic,  supersonic  and 
hypersonic  flight  regimes,  requires  combined  cycle  engines,  which  may  be 
conceived  starting  from  the  basic  concepts  of  Turbojet,  Ramjet  and  Rocket, 

Mission  requirements  in  terms  of  cross  range  and  launch  window,  as  well  as 
launcher  configuration,  determine  the  powerplant  selection.  A  high 
Thrust- to-Weight  ratio  powerplant  is  mandatory  for  a  satisfactory  SSTO  payload, 
while  in  the  TSTO  configuration  the  staging  allows  powerplant  performance 
optimization  to  a  higher  extent. 

From  take-off  up  to  low  supersonic  speed,  adequate  thrust  may  be  obtained 
either  in  Turbomode  or  in  Rocket  mode. 

From  supersonic  up  to  hypersonic  flight  regimes,  the  high  stagnation  pressure 
allows  the  Ramjet  mode  operation  with  high  Specific  Impulse.  Alternatively  a 
Turboengine  may  be  selected,  provided  that  the  incoming  air  is  precooled.  This 
option  leads  to  high  Thrust-to-Weight  ratio  engines,  with  Specific  Impulse 
penalties  at  high  speed  because  of  the  required  overfuelling.  Precooled  engines 
are  suited  for  SSTO  launchers  conceived  for  a  direct  ascent  mission.  When 
flexibility  in  terms  of  cross  range  and  launch  window  is  recjuired  a  Ramjet  based 
powerplant  is  envisaged  both  for  SSTO  and  TSTO  launchers. 


2.  RAMJET  DESIGN  FEATURES 


2.1  VEHICLE  PRECOMPRESSION  AND  POWERPLANT  SIZE 


The  maximxjm  intake  mass  flow  is  increased  by  the  precompression  caused  on  the 
incoming  air  either  by  the  wing  or  the  fuseleige  depending  on  the  engine 
installation.  This  effect  is  enhanced  by  the  precompression  surface  incidence 
and  by  the  flight  Mach  nianber  (Figure  1). 

At  high  speed  (Mach  4-6),  the  increased  mass  flow  is  swallowed  by  opening  the 
nozzle  throat  area,  with  a  Net  Installed  Thrust  improvement  (Figure  2).  The 
consequent  reduction  in  the  nozzle  area  ratio  tends  to  decrease  the  Specific 
Impulse,  while  the  improvement  in  the  recovered  pressure  tends  to  increase  it. 
The  two  counteracting  effects  lead  to  the  trend  in  Figure  3. 

At  low  speed  (Mach  2-3),  the  increased  mass  flow  leads  to  augmented  intake 
spillage.  The  low  total  pressure  limits  infact  the  maximum  mass  flow  which  the 
engine  can  swallow  maintaining  stoichiometric  combustion.  Net  Installed  Thrust 
and  Specific  Impulse  penalties  are  consequent. 

In  order  to  assess  the  influence  of  the  forebody  precompression  on  the 
powerplant  size,  the  interaction  between  flight  incidence  and  dynamic  pressure 
has  to  be  investigated  throughout  the  ascent  trajectory.  For  a  given  wing 
loading,  a  higher  flight  incidence  requires  a  lower  dynamic  pressure.  While  the 
former  effect  improves  thrust,  the  latter  tends  to  reduce  it  at  the  same  extent. 
A  trade-off  is  therefore  necessary,  which  has  to  be  closely  related  to  the 
optimization  of  the  ascent  trajectory  and  to  the  vehicle  aerodynamic  design. 
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2 . 2  INTAKE 


The  simplest  shock  structure  to  compress  the  incoming  air  mass  flow  is  the 
normal  shock  wave  (Pitot  intake).  At  high  speed,  this  solution  leads  to  a  low 
pressure  recovery  factor.  An  improvement  is  allowed  slowing  the  supersonic  flow 
upstream  the  normal  shock  by  a  number  of  oblique  shocks,  which  increase  with  the 
flight  speed.  The  optimum  pressure  recovery  factor  is  reported  in  Figure  4  for 
solutions  at  different  number  of  shocks. 

At  constant  flight  dynamic  pressure  the  intake  configuration  is  determined 
by  the  thrust  decay  at  high  speed.  The  recovered  pressure  too  has  to  be  taken  in 
account  in  the  int2dce  selection  since  the  powerplant  mass  depends  on  the 
internal  pressure.  Figure  5  provides  the  guidelines  for  the  selection  of  the 
shock  structure.  At  Mach  6  the  4  shocks  intake  provides  85%  of  the  isentropic 
intake  Net  Thrust.  An  additional  oblique  shock  would  infact  allow  a  thrust 
increase  about  6%  only;  on  the  other  hand,  the  recovered  pressure  increase  would 
be  =  SO'/..  The  associated  mass  penalty  for  a  Ramjet  cylindrical  configuration  is 
about  30-40%,  /!/.  The  4  shocks  intake  represents  therefore  a  good  compromise 
between  powerplant  performance  and  mass. 

The  Incoming  air  may  be  compressed  either  outside  the  intake  or  inside, 
thereby  determining  the  intake  conf icuration.  The  increased  flow  turning 
caused  by  the  external  compression  leads  to  a  cowl  drag  penalty  at  low  speed. 
The  internal  compression  overcomes  this,  but  starting  problems  and  the  risk  of 
subcritical  operating  mode  arise. 

A  design  compromise  is  the  mixed  compression  intake  of  Figure  6,  with  2 
external  oblique  shocks  ^md  1  internal  oblique  shock.  External  oblique  shocks 
are  obtained  by  flat  ramps,  whose  angle  is  controlled  by  jacks,  in  order  to 
maximize  the  mass  flow  throughout  the  ascent  trajectory. 


2 . 3  COMBUSTOR 


The  design  burner  area  at  each  flight  speed  is  established  by  the  recovered 
pressure  and  the  intake  mass  flow.  The  burner  area  in  Figure  7  has  been 
evaluated  assuming  a  combustor  entry  Mach  number  of  0.2,  which  is  consistent 
with  the  aerothermodynamic  design  of  a  reheat  type  burner.  The  continuous  line 
indicates  stoichiometric  combustion,  while  on  the  dashed  line  a  lean  combustion 
has  been  assumed  to  avoid  thermal  choking.  Infact  at  low  speed,  the  combustor 
is  not  able  to  swallow  the  maximum  intake  mass  flow  with  stoichiometric 
combustion.  The  burner  may  then  operate  either  lean  with  i^t^0ce  full  capture  or 
stoichiometric  with  intake  spillage:  in  both  cases  a  thrust  penalty  has  to  be 
paid.  The  Ramjet  thrust  at  low  speed  is  therefore  fixed  by  the  burner  area, 
while  at  high  speed  the  thrust  is  fixed  by  the  intake  lip  area.  The  selection  of 
the  relative  scale  between  burner  and  intake  is  hence  established  by  the  minimum 
flight  speed  required  in  the  Ramjet  mode,  which  on  the  other  hand  depends  on  the 
operating  mode  in  the  subsonic-transonic  boost  phase. 

Another  important  aspect  worth  to  be  mentioned  in  this  section  is  the 
fuelling  schedule  selection  throughout  the  ascent  trajectory. 

Net  Thrust  increases  with  equivalence  ratio  (Figure  8):  the  reduced  slope 
for  rich  mixtures  is  due  to  the  combustion  temperature  decrease. 

Specific  Impulse  (Figure  9)  shows  an  optimum  for  leeun  mixtures,  which  shifts 
towards  stoichiometric  combustion  at  high  speed. 

Minimum  propellant  consumption  for  a  direct  ascent  mission  is  achieved  by 
minimizing  the  Effective  Specific  Impulse,  which  is  defined  by  combining  the  Net 
Thrust  and  the  Specific  Impulse  as  the  Net  Thrust  minus  the  Vehicle  Drag  divided 
by  the  Propellant  Mass  Flow.  For  a  given  powerplant  size,  stoichiometric 
combustion  allows  optimum  acceleration  up  to  supersonic  speeds.  The  thrust  decay 
at  high  speed  requires  overfuelling  for  an  adequate  acceleration  (Figure  10). 
The  optimum  fuelling  schedule  is  the  dashed  line  through  the  meucima  of  the 
Effective  Specific  Impulse  curves.  As  the  powerplant  size  is  enlarged  (Figure 
11),  the  degree  of  overfuelling  at  high  speed  decreases,  and  a  better  Effective 
Specific  Impulse  allover  the  ascent  trajectory  is  obtained,  thereby  reducing  the 
propellant  consumption. 

A  trade-off  is  therefore  necessary  between  mass  and  propellant  consumption, 
in  order  to  define  powerplant  size  and  fuelling  schedule.  Of  course  this 
procedure  has  to  be  integrated  with  the  ascent  trajectory  optimization  in  terms 
of  dynamic  pressure  and  incidence. 


2.4  NOZZLE 


The  area  range  required  in  the  throat  depends  on  the  burner  area  and 
consequently  on  the  minimum  flight  Mach  numl>er  in  the  Ramjet  mode  (Figure  12). 
The  throat  area  at  high  speed  reduces  because  of  the  increase  in  the  engine 
recovered  pressure  and  the  decrease  in  the  intake  mass  flow.  The  resulting 
nozzle  throat  area  r^mge  is  about  10:1  for  the  Ramjet  operation  from  Mach  2-3  to 
Mach  6-7. 
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Concerning  exit  area  definition,  for  the  operation  at  high  speed  (Mach  4-6), 
adequate  flow  expansion  is  provided  by  an  exit  area  equal  to  the  intake  lip 
area.  For  the  operation  at  low  speed  <  =  Mach  3>,  an  area  ratio  of  2-2.5  is 
needed  (Figure  13).  The  final  selection  depends  again  on  the  operating  mode  for 
the  boost  phase. 

A  2-0  nozzle  with  flat  ramps  in  a  configuration  similar  to  the  intake  would 
represent  the  optimum  geometric  solution  to  meet  the  required  throat  area  range. 
Unfortunately  tdien  a  large  nozzle  exit  area  is  needed  for  the  operation  at  low 
speed  the  flat  plates  lead  to  high  mass  penalties.  Mass  savings  in  the  2-D 
nozzle  configuration  may  be  obtained  by  limiting  the  length  of  the  nozzle  ramps 
and  expanding  the  gases  in  the  rear  of  the  fuselage  (Single  Expansion  Ramp 
Nozzle,  SERN). 

Alternative  solution  to  save  mass  is  the  axi-synmetric  configuration.  The 
area  range  in  the  throat  may  be  achieved  by  a  petalled  system  similar  to  the  one 
used  in  conventional  jet  engines,  and  by  arranging  a  central  plug  to  meet  the 
minimum  throat  area  requirement  (Figure  14). 

The  SERN  nozzle  requires  a  square  configiiration  for  the  engine  installation, 
while  the  plug  nozzle  requires  a  cylindrical  one. 

Installation  mass  and  engine  performance  have  to  be  carefully  taken  into 
account  for  the  configuration  selection  in  view  of  the  high  sensitivity  of  the 
Net  Installed  Thrust  to  the  nozzle  performance,  particularly  at  high  speed,  as 
highlighted  in  Figure  15.  A  1%  reduction  in  nozzle  efficiency  causes  a  2% 
reduction  in  the  Net  Installed  Thrust  at  Mach  2,  while  the  sensitivity  increases 
up  to  6-7%  at  Mach  7.  In  addition  nozzle  losses  increase  too,  due  both  to 
kinetic  effects,  caused  by  dissociation  in  the  combustion  process,  and  to  cold 
flow  effects,  i.e.  form  and  friction  losses,  due  to  the  increase  in  the  nozzle 
area  ratio. 


3.  LOU  SPEED  PROPULSION 


Turboengine  or  Rocket  may  be  utilized  to  accelerate  the  vehicle  from  take-off 
up  to  supersonic  speed. 

The  Rocket  option  involves  propellant  consumption  penalties  because  of  the 
low  Specific  Impulse.  On  the  other  h^md  the  powerplant  mass  is  kept  low  because 
of  the  high  Rocket  Thrust-to-Ueight  ratio.  The  Ramjet-Rocket  concept  is 
particularly  suited  for  the  SSTO  application  on  the  basis  of  the  light  weight 
and  of  the  vacuum  operation  capability. 


3 . 1  TURBOMODE 


Either  Turbojet  or  Turbofan  may  be  selected  among  conventional  Turboengines. 
Turbofan  has  to  be  preferred  for  its  better  dry  Specific  Impulse  when  long 
cruise  phases  at  low  speed  are  needed.  On  the  contrary  Turbojet  Specific  Impulse 
is  superior  in  the  reheated  mode  during  acceleration  phases . 

Turborocket  is  an  alternative  option  whose  peculiar  feature  is  the 
decoupling  of  compressor  and  turbine  flows.  The  turbine  is  powered  by  the  fuel 
which  has  been  either  preburned  with  onboard  oxidizer  or  legeneratively 
pre -heated  ( Turboexpander ) . 

In  the  Turborocket  a  compressor  pressxjre  ratio  lower  than  in  conventional 
Turboengines  allows  equal  nozzle  pressure.  The  reduced  mass  of  the  turboengine 
leads  then  to  an  increased  Thrust-to-Weight  ratio.  In  addition,  if  the  same 
limit  of  Turbojet  for  compressor  delivery  temperature  is  considered,  a  higher 
maximvim  flight  speed  is  allowed.  For  applications  in  which  flexibility  in  terms 
of  low  acceleration  levels  or  cruise  phases  is  required  conventional 
Turboengines  are  still  to  be  preferred  because  of  their  better  Specific  Impulse. 

In  the  present  section  the  selection  of  the  main  Turbojet  design  parameters 
are  discussed. 

Turbine  Entry  Temperature  (TET)  has  to  be  increased  to  its  technological 
limits  (1800  -  1900  K)  throughout  the  ascent  trajectory  in  order  to  optimize 
reheated  Specific  Impulse  and  Thrust-to-Weight  ratio.  Turbine  Entry  Temperat\ire 
is  therefore  the  engine  main  control  parameter  during  acceleration  phases. 

The  rotational  speed  is  set  at  the  allowable  maximum  value  to  run  the  engine 
with  optimized  performance  throughout  the  trajectory. 

As  flight  speed  increases,  the  work  required  to  compress  the  air  increases, 
leading  to  compressor  pressure  ratio  reduction  and  consequently  to  reduced 
thrust  (Figure  16).  Meanwhile  compressor  exit  temperature  progressively 
increases  (Figure  18)  approaching  its  technological  limit,  that  is  about  900  K 
for  Nickel  based  alloys.  Once  this  condition  has  been  reached.  Turbine  Entry 
Temperature  has  to  be  reduced,  thereby  leading  to  the  steep  performance  decay 
represented  by  the  dashed  lines  in  Figure  16  for  Net  Installed  Thrust  Md  in 
Figure  17  for  Specific  Impulse. 

Considering  these  technological  constraints  leads  to  limit  Turbojet  operating 
mode  up  to  about  Mach  2-3,  depending  on  the  compressor  design  pressure  ratio; 
Turbojet  design  is  then  defined  by  selecting  compressor  pressure  ratio  and  size. 
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For  the  pressure  ratio  selection  a  trade-off  is  necessary  among  take-off, 
transonic  and  supersonic  performance.  The  increase  in  the  design  pressure  ratio 
improves  take-off  euid  transonic  performance,  but  the  limit  on  compressor  exit 
temperature  is  rapidly  reached  as  flight  Mach  number  increases.  A  large  reheat 
burning  area  is  therefore  required  for  trauisition  to  Ramjet,  with  consequent 
mass  penalties  ^u^)d  Specific  Impulse  reductions  in  the  Mach  2-3  range.  A  good 
compromise  is  a  design  pressure  ratio  of  8-11  in  the  transonic  flight  regime, 
with  a  reheat  burning  area  of  about  1.25-1. S  times  the  intake  lip  area.  The 
corresponding  transition  to  the  Ramjet  mode  takes  place  in  the  flight  Mach 
number  range  of  2 . 7 - 3 . 0 . 

The  Turbojet  scale  relative  to  the  intake  lip  area  is  determined  to  provide 
am  adequate  acceleration  at  transition  to  the  Ramjet  mode.  A  large  excess  Thrust 
is  infact  available  at  take-off  and  in  the  tramsonic  flight  regime.  In  addition, 
if  a  cylindrical  powerplant  configuration  with  the  Ramjet  bypass  duct  wrapped 
around  the  Tiirbojet  is  chosen,  the  compressor  face  area  determines  the  nozzle 
exit  aurea.  These  aspects  lead  to  a  nozzle  exit  aurea  2-2.5  times  larger  than  the 
intake  lip  aorea. 

As  previously  mentioned  an  alternative  solution  to  the  Turbojet  could  be  the 
Turbofan  to  take  advantage  of  its  better  Specific  Impulse  during  cruise.  Of 
course  the  final  selection  involves  a  fine  definition  of  mission  requirements. 


3.2  ROCKET  MODE 


As  already  pointed  out,  the  high  Thrust-to-Weight  ratio  and  the  vacuvun 
operation  suggest  the  Ramjet-Rocket  powerplant  for  the  application  to  the  SSTO 
launcher. 

On  the  basis  of  the  high  sensitivity  of  this  launcher  with  respect  to  the 
powerplamt  mass  amd  performance,  the  definition  of  the  engine  main  design 
parameters  requires  a  close  integration  between  propulsion  system  and  launcher 
in  the  optimization  process. 

Payload  sensitivity  to  a  1%  change  in  Rocket  vacuum  Specific  Impulse  is 
10-20X,  /!/.  The  highest  sensitivity  comes  out  from  the  cross  ramge  requirement 
during  the  ascent  trajectory,  which  may  be  necessaury  in  order  to  meet  latitude 
chamge  requirements . 

Figure  19  shows  Raunjet  amd  Rocket  modules  separately  installed  in  the 
launcher  rear  fuselage.  This  configuration  allows  to  decouple  Rocket  and  Ramjet 
performance  optimization  and  to  avoid  performance  and  mass  penalties  associated 
with  the  integration. 

Both  Rocket  and  Ramjet  area  ratios  have  to  be  defined  on  the  basis  of  their 
influence  on  the  launcher  configuration  and  on  its  payload. 

The  Rocket  nozzle  exit  area  has  to  be  traded-off  by  taking  into  account  the 
influence  on  the  vacuum  Specific  Impulse,  on  the  installation  drag  rn  the 
airbreathing  phase  and  overexpansion  losses  at  low  speed.  Another  parameter  to 
be  considered  is  the  overall  base  area,  which  determines  the  fuselage  finess 
ratio,  thereby  influencing  structural  efficiency  and  wave  drag  in  opposite 
directions . 

A  trade-off  for  Ramjet  area  ratio,  that  is  the  nozzle  exit  area  divided  by 
the  intake  lip  area,  is  also  necessary.  The  increase  of  this  parameter  allows  an 
enlarged  combustor  area,  which  improves  performance  at  low  speed  but  penalizes 
the  powerplant  mass. 

For  the  trade-off  analysis,  a  high  pressure  (25  MPa),  LOX/LH2,  staged 
conibustion  cycle  rocket  engine  has  been  assumed. 

The  results  in  terms  of  payload  injected  in  Low  E^a'th  Orbit  (LEO)  by  a  SSTO 
designed  for  a  direct  ascent  mission  are  in  Figure  19  .  An  optimum  Ramjet  nozzle 
area  ratio  of  2.0-2. 5  is  needed,  with  a  Rocket  nozzle  area  ratio  of  180:1.  The 
resulting  payload  fraction  is  about  2.5X.  Ramjet  engine  is  operated  from  the 
transonic  regime.  The  transition  to  the  Ramjet  mode  takes  place  in  the  2. 0-2. 5 
Mach  range  by  a  progressive  switch  off  of  the  Rockets.  The  maximum  Mach  number 
in  the  airbreathing  phase  is  5.5. 

The  eventual  cross  range  requirement  is  met  by  reducing  the  acceleration 
in  the  airbreathing  phase.  This  is  obtained  with  a  reduced  size  of  the  Ramjet, 
thus  leading  to  a  consequent  propellant  penalty.  The  requirement  of  european 
basing  for  the  launcher,  which  corresponds  to  a  cross  range  of  about  2000  km, 
involves  a  50%  reduction  in  the  payload  fractions  of  Figure  19,  at  constant 
Gross  Lift-off  Mass  (GLOM). 

The  Ramjet  modules  configuration  of  a  SSTO  with  a  Gross  Lift-off  Mass  of  570 
Mg,  designed  for  a  payload  of  7  Mg  in  LEO  (460  KM,  28. 5‘),  launched  from  Istres, 
is  depicted  in  Figure  20.  Four  Ramjet  engines,  2.42  s<gn  intake  lip  area  each, 
are  packaged  in  a  square  configuration  below  wing  and  fuselage.  Relev^mt 
performance  of  the  Ramjet  engine  is  shown  in  Figures  21  and  22  respectively  in 
terms  of  Net  Installed  Thrust  and  Specific  Impulse. 
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CONCLUDING  REMASKS 


A  Ramjet  based  powerplant  has  been  envisaged  for  Winged  Launchers . 

The  powerplant  size,  the  fuelling  schedule,  as  well  as  the  intake 
configuration  have  to  be  defined  on  the  basis  of  Ramjet  thrust  requirement  at 
high  speed,  taking  into  account  ascent  trajectory  and  vehicle  aerodynamic 
design . 

The  minimvim  Ramjet  flight  speed  is  determined  by  the  burner  area. 

Exhaust  nozzle  selection  determines  powerplant  installation  configuration  auid 
performance . 

In  a  Turboramjet  configuration  a  conventional  Turbojet  allows  acceleration 
from  take-off  up  to  Mach  2. 7-3.0  with  a  minimum  propellant  consumption.  Despite 
the  low  Thrust- to -Weight  ratio  of  the  Turboengine,  this  powerplant  is  envisaged 
for  the  application  to  TSTO. 

In  the  Ramjet-Rocket  configuration  a  high  chamber  pressure  Rocket  allows 
powerplant  mass  reductions  with  performance  penalties  in  the  boost  phase.  This 
configuration  is  suited  for  the  application  to  SSTO  launchers. 
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Figure  1:  Sensitivity  of  Capture  Area  to 
Preconpression  and  Flight  Mach  Number 
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Figure  k:  Influence  of  Shock  Structure  on  Total  ^ 

Pressure  Recovery  Raeovarad  Praaaura  (MPa) 


Figure  5:  Sensitivity  of  Ramjet  Net  Installed 
Thrust  to  Recovered  Pressure  and  Intake 
Shock  Structure 
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Figure  iO:  Sensitivity  of  Rasiiet  Effective  Specific 
I«pulse  to  Equivalence  Ratio 
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Figiire  12:  Ramjet  Nozzle  Throat  Area  Range 
Requirement  vs.  Combustor  Area 
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Figure  13:  Sensitivity  of  Ramjet  Net  Installed 
Thrust  to  Nozzle  Exit  Area 
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Discussion 


GARNERO 

It  seems  to  me  that  in  your  last  results,  you  are  not  taking  into  account 
the  effect  of  the  forebody.  Don't  you  think  that  some  of  your  conclusions  as 
for  payload  and  thrust  may  be  modified  if  you  take  into  account  the  real  local 
flow  under  the  plane  (local  incidence,  local  Mach  number,  local  total  pressure 
recovery  . . . )  in  function  of  the  forebody  chosen  and  the  position  of  the 
inlets  under  the  plane? 

AUTHOR'S  REPLY 

Results  of  figure  19  of  my  paper  have  been  obtained  by  a  complete 
optimisation  procedure,  in  which  engine  performance  has  been  determined  on  the 
basis  of  actual  flight  conditions  (altitude,  speed,  incidence).  Of  course  a 
relatively  simple  approximation  has  been  chosen  for  forebody  precorapression, 
but  this  assumption  is  justified  by  the  powerplant  installation  under  the 
wing. 

(If  you  need  more  information  please  do  not  hesitate  to  contact  me). 
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cxmposants  inverses  est  effectuee  en  utilisant  une  fonmlaticn  analytique  puis  un  code  de  calcul.  Au  vu 
des  premiers  resultats  1 ' integrat icxi  de  1 'echangeur  dans  I'axe  moteur  semble  possible  sans  trop  de 
penal isatiai  de  poids  et  de  longueur.  Le  principal  axe  de  recherche  dans  le  futur  sera  oriente  vers  une 
diminution  du  maitre  couple  a  1 'echappement  de  la  turbine. 

Suimnarv 


A  pre-sizing  study  cn  a  counter  curr«jt  heat  exchanger  fitted  for  the  inverse  components 
engine  (I.C.E.)  was  performed  first  using  analytical  calculations  and  then  with  a  calculation  code.  The 
first  calculation  results  show  that  the  heat  exchanger  integration  cn  the  engine  axis  seems  to  be  pos¬ 
sible  without  a  too  great  penalty  on  wei^t  and  length.  The  future  main  research  purpose  will  be  directed 
towards  the  reduction  of  the  turbine  exhaust  section. 

Notations 


chaleur  sp^ifique  a  pressicxi  constante 
dh  diametre  hydraulique 

dQ  puissance  calorifique 

dx  element  de  longueur  de  1 'echangeur 

dy  epaisseur  du  tube 

E  efficacite  thermique  de  1 'echangeur 

h  coefficient  d'echange 

L  longueur  de  1' echangeur 

M  nombre  de  Mach 

m  debit  masse 

Nu  nombre  de  Niisselt 

n  nombre  de  tubes 

p  perimetre  mouille 

Pi  pression  d' arret 

Pr  nombre  de  Prandtl 

r  richesse 

Re  Reynolds 

s  section  de  passage  globale  des  gaz  chauds 

Ti  temperature  d' arret 

U  Vitesse  de  I'ecoulement 

''  constante  isentropique 

P  masse  specifique 

U  visoosite  dynamique 

^  conduct ivite  thermique 

Indices 


c  fluide  chaud 

f  fluide  froid 

pour  perte  de  charge 
+  pour  effet  thermique 

E  entrte  echangeur 

S  sortie  echangeur 

1  -  IWTRCCUCriON 

tes  etudes  recentes  effectuees  a  I'ONESA  sur  le  moteur  a  ccmposants  inverses,  utilisant  I'hy- 
drogene  comme  combustible,  ont  mis  en  ^idence  les  qualitte  de  ce  conc^t  destine  a  la  propulsion  aerobie 

1  grande  vitesse.  Eh  particulier  11  faut  souligner  que  le  conpresseur  est  p>roteg6  thermiquement ,  que  le 
nombre  <te  degrte  de  lib^te  pour  ajuster  le  point  de  fcncticnnement  du  moteur  est  important  et  qu'enfin 
les  performances  thermopropulsives  sent  excel lentes  11]  {2].  Cependant  le  maitre-couple,  la  longueur  et 
le  poids  de  ce  type  de  moteur  sent  les  aspects  critiques  de  cette  architectxire,  au  moins  dans  la  mesure 
ou  I'on  ne  consid^e  que  le  moteur  et  non  pas  1 'avion  spatial  et  sa  mission.  C'est  pourquoi  I'objectif  de 
cette  prteentation  est  d'apporter  un  premier  telairage  aux  problemes  paste  par  les  tehangeurs  cryogeni- 
ques  i  ccntre-courant  qui  peurraient  6tre  utiliste  dans  ce  concept,  des  rteenses  mtee  approchtes  devant 
*tre  donntes  en  terme  d'2urchitecture,  de  performances,  de  dimensions,  de  poids  et  de  matteiaux. 

2  -  PHESEWTATIOW  SUOCIOTE  tXl  M.C.I. 

Le  moteur  4  conposants  inverste,  monoflux  et  de  type  CNESA  oonporte  de  1 'ament  vers  I'aval 
(figure. 1)  une  entrte  d'air,  un  foyer  avant,  une  turbine,  un  echangeur  cryogteique  a  ccntre-courant  entre 
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gaz  principaux  et  hydrogene,  un  compresseur ,  vm  foyer  aval  ou  rechauffe,  une  tuyere  de  sortie. 

Le  cycle  ijhermcpropulsif  est  presente  pour  trois  nombres  de  Mach  :  au  decollage,  a  Mach  inter- 
mediaire  (M  =3)  et  a  grand  nombre  de  Mach  {fig. 2).  Une  compression  efficace  au  decollage  est  realisee 
par  le  coeur  theimodynamique  froid  (turbine  -  echangeur  -  compresseur)  sous  resejrve  d'utiliser  un  debit 
d’ hydrogene  suffisant  deins  1' echangeur. 

Pour  le  fonctionnement  a  richesse  r  =  2,4*  le  compresseur  est  bien  protege  thermiquement  quel 
que  soit  le  nombre  de  Mach  de  vol  puisque  la  temperature  a  1 'entree  de  cet  organe  peut  etre  maintenue  au 
voisinage  de  Ti  =  300“  K. 

La  fig. 3  montre  que  les  performances  thermopropulsives  du  moteur  a  composants  inverses  sont  interessantes 
et  que  le  choix  du  mode  riche  r  =  2,4,  regime  donnant  la  poussee  maximale,  est  imperatif  au  decollage. 

3  -  HYPOTHESES  DE  TRAVAIL  CT  CADRE  DE  L'ETODE 

-  Le  fcmcticainement  de  I'^hangeur  est  analyse  en  pranier  au  decollage,  c'est  la  que  la  fcuction  de 
refroidissement  est  essentielle  d'un  point  de  vue  thermcprqpulsif . 

-  L'^hangeur  sera  surtout  etudie  pour  une  richesse  r  =■  2,4.  Dans  ces  conditicxis  la  difference  de  tempe¬ 
rature  entre  gaz  chaud  et  gaz  froid  est  ccmstante  tout  le  long  de  I'^hangeur  et  la  pouss^  du  moteur 
est  alors  maximale  (fig. 3a). 

-  L'efficacite  thermique  de  I'^hangeur  sera  prise  a  E  =  0,75  environ.  Etour  E  >  0,8  les  performances  du 
moteur  sont  excel lentes  mais  le  poids  de  1 'echangeur  est  trop  important.  Par  contre  pour  E  <  0,7  le 
poids  de  I'^hangeur  est  plus  acceptable  mais  les  performances  du  moteur  sont  trop  faibles. 

-  Les  calculs  montrent  (fig. 4)  que  lorsque  la  pression  d'arret  dans  la  tuyere  est  grande  par  rapport  a  la 
pression  exterieure  alors  on  peut  consentir  une  perte  de  charge  non  n^ligeable  dans  1' echangeur  sans 
trop  alterer  la  poussee.  D'oii  I'idee  d'utiliser  un  "echangeur  rapide"  et  done  compact  et  dont  le  nombre 
de  Mach  de  I'ordre  de  0,3  a  0,5  soit  le  meme  que  celui  utilise  a  I'^happement  de  la  turbine. 

-  L'hypothese  d'un  ecoulement  a  grand  nombre  de  Mach  ccxiduit  a  tenir  compte  dans  I'^hangeur  de  la 
variation  de  pression  d'arret,  d'oriqine  thermique,  dans  les  gaz  principaux  : 

d  Pi-t-  =  -  3^  M^  d  T,  (1) 

Pi  2  Ti 

Les  applications  numeriques  montrent  que  cet  effet  est  loin  d'etre  n^ligeable  et  notamment 
lorsqu'on  le  compare  aux  pertes  de  charge. 

-  Les  pertes  de  charge  a  1 'entree  et  a  la  sortie  de  I'^hangeur  sont  n^ligees.  Des  architectures  ade- 
quates  seront  recherchees  afin  de  minimiser  ces  pertes  aerodynamiques. 

4  -  EiyOE  DES  CARACIERISTIOUES  CE  L' ECHANGEUR  EI^  DE  LA  PERTE  DE  CHARGE  DES  GAZ  PRINCIPAUX  EH  RBSIME 

TURBcEeOT  -  (Re  >  lO"*) 

Nombre  de  Reynolds 

ai  suppose  que  les  gaz  principaux  { indice  c)  passent  dans  I'echangeur  a  1 '  interieur  de  n  tubes 
de  diametre  individuel  dt,  et  de  section  de  passage  globale  s  =  x  dhf  x  n 

4 

Le  nombre  de  Reynolds  peut  etre  exprime  en  fonction  du  debit  masse  m,  du  nombre  de  tubes  et  du  diametre 
de  chaque  tube  ou  de  la  section  de  passage  globale  des  gaz  chauds  : 


Re  =  P  =  4  m _  =  A  /  4 _ V '  ^ 

U  X  pndh  p  \x  s  n7 


(2) 


Coefficient  d'echanqe  thermique 

Le  coefficient  d'^hange  entre  la  paroi  et  les  gaz  principaux  est  donne  peir  le  nombre  de 
Niisselt  dont  le  comportement  en  regime  turbulent  est  decrit  par  la  loi  ; 

Hu  =  lv.._d,,  '  0,023  Re  °  ®  Pr  (3) 

A 

En  tenant  compte  de  (2)  on  obtient  : 

h,,  =  0,022 

Cette  formule  est  interessante  a  manipuler.  Elle  permet  notamment  de  verifier  que  I'evoluticai  du  coeffi¬ 
cient  d'^hange  entre  le  decollage  et  les  grands  nombres  de  Mach  de  vol  ne  depend  que  de  1 'evolution  du 
debit -masse. 

Remarque  :  le  calcul  analytique  de  la  surface  d'^hange  presente  dans  les  paragraphes  suivants  sera 
effectue  en  sup?)osant  que  hr  (gaz  froid)  est  grand  devant  h„  (gaz  chaud).  Pour  des  calculs  plus  exacts  on 
utilisera  les  formules  rappelees  dans  1' Annexe  1. 


*  r  ;  rapport  de  melange  hydrogene/air  ramene  au  rapport  de  melange  stochiometrique. 
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La  surface  d'echange,  ccinpte  tenu  de  (3)  (voir  ^alement  1 'Annexe  1)  prefxl  la  forme  : 

pL  -  1 _  E _  ® 

0.022  1-E  {mI 

- II -  (5) 

-  Cette  formule  montre  que  pour  reduire  le  poids  de  I'echangeur  il  faut  une  petite  section  de  passage 
offerte  au  fluide  principal  done  un  grand  nombre  de  Mach. 

-  II  est  egalement  int^essant  mais  a  un  degre  moindre  de  multiplier  le  nontbre  de  tubes,  dans  la  mesure 
ou  I'on  reste  turbulent.  Ainsi  lorsque  le  nembre  de  tvibes  est  multiplie  par  1000  alors  la  surface 
d'^hange  est  divis^  par  2. 

La  longueur  de  I'dchangeur  peut  s'dcrire  : 

L  =  (4  E _  rtV’-®.  n-“  «.  s“--* 

0.022  1-E  VuJ 

-  (6) 

II  apparait  que  la  longueur  est  fonction  de  la  section  de  pessage  globable  du  fluide  principal 
nais  qu'elle  depend  plus  encore  du  ncsbre  de  tubes.  Sa  d^sendance  avec  l'efficacit6  tbennique  E  est  par 
ailleurs  bien  oennue. 

Pertes  de  charge 

La  perte  de  pression  d'arr^  li6e  aux  effets  visqueux  s'ecrit  en  mouvenent  turbulent  (liypoth§se 
de  tubes  lisses  et  fonmile  de  Blasius). 


iPi  "  1.742  E  Pr^^^  M®-"  a’-”.  n“-°“ 
P  1-E 


cGTipte  de  ( 2 )  et  de  ( 6 ) . 


(7)  apres  avoir  tenu 


cn  constate  que  la  perte  de  pression  d'arret  depend  tr«s  peu  du  nembre  de  tubes,  d'ou  I’int6r6t  du  choix 
d'un  grand  nombre  de  tubes  pour  diminuer  le  poids  et  la  longueur.  La  perte  de  charge  varie  rapidement 
avec  la  secticn  de  passage.  La  perte  de  pression  d'arret  en  valeur  relative  pewr  un  debit  masse  denne  et 
une  geometrie  dotinro  variera  suivant  la  relation  : 

1 

Ei.«  (1  +  i-  1  .  T» 

p7~  2  P.= 

(8) 

On  voit  dcnc  que  le  rendement  aerodynamique  de  I'echangeur  va  s'ameliorer  sensiblement  entre  le  fcfx:ticn- 
nement  au  sol  et  celui  a  un  nombre  de  Mach  de  vol  de  I'ordre  de  6,5  dans  la  mesure  ou  la  pression  d'arret 
va  augmenter  sensiblement. 

5  -  CARACTERISTIOUES  DE  L'EEHANGBOR  EN  RECIME  LAMINAIRE  (Re  <  210^) 


(gaz  principaux) 

Eh  ecoulemait  laminaire  et  dcuis  le  cas  d'un  flux  thermique  constant  a  la  parol  le  NOsselt  est 
defini  par  Mu  -  Iv^cL  -  4.36  (9) 


Eh  suivant  le  meme  cheminement  que  pour  les  ecoulements  turbulents  on  treuve  le  coefficient 
d'echange  qui  est  donne  par  la  relation  : 

he  -  4,36 

Le  coefficient  d'echange  depend  alors  beauco(4>  plus  du  nombre  de  tubes  qu'en  ecculement  tur¬ 
bulent  et  par  centre  le  debit  masse  n'intervient  plus. 

Longueur  et  surface  d'echange 

La  surface  d'echange  depend  essentiellement  de  I'efficacite  thermique,  du  d^it  masse,  de  la 
section  de  passage  globale  offerte  au  fluide  et  du  nombre  de  tubes  : 

pL  -  1 _  M  ^  Pr  E_  m  (a\°  ^ 

4,36\it7  1-E  U  (11) 

La  lOTigueur  de  I'echangeur  est  cette  fois  ci  independante  de  la  section  de  passage  globale  et  inversement 
proport lonnelle  au  nombre  de  tubes  : 

L-1 _  m.l 

4,36  It  1-EU  n  (12) 


11-4 


Pertes  de  charge 

La  perte  de  pression  d' arret  par  effets  visqueux  est  cette  fois-ci  totalement  independante  du 
non^e  de  tubes  : 


Api-  -  1,835  Pr  E_ 

1-E  ps^ 


(13) 


Neaninoins  les  fonnules  (7)  et  (13)  ai  laninaire  et  en  turbulent  prernent  des  formes  assez  voisines. 

6  -  PONCTIOWEMEWr  HOBS  ADAPTATIOW 

Pour  une  gecsnetrie  donn^  il  apparait  (Annexe  2)  que  I'efficacite  theniiic[ue  depend  essentielle- 
iiient  du  d^it  masse.  La  figure  10  montre  que  I'efficacite  thermique  de  I'echangeur  varie  peu  en  ecoule- 
ment  turbulent.  Ainsi  lorsque  le  d^it  masse  est  ^ai  a  trois  fois  le  d^it  masse  a  1 'adaptation  alors 
I'efficacite  thermique  passe  de  E  =  0,75  a  0,71. 

Au  contraire  en  ecoulement  laminaire  la  diminution  de  I'efficacite  thermique  lorsque  le  d^it 
mas.se  augmente  est  Iseaucoup  plus  rapide.  Ainsi  quand  le  d^it  masse  passe  de  1 'adaptation  a  trois  fois 
cette  valeur  alors  E  passe  de  0,75  a  0,5.  Cette  chute  raqiide  de  I'efficacite  se  traduit  par  une  baisse 
brutale  de  la  compression  foumie  par  le  moteur  a  composants  inverses. 

7  -  APPLICATIOMS 

Un  programme  de  calculs  numeriques  de  dimensionnement  a  ete  realise  afin  d'etudier  des  cas  plus 
generaux  que  ceux  d^rits  a  I'aide  des  formules  analytiques.  II  est  aussi  possible  d'etudier  les  cas  ou 
la  richesse  est  differente  de  2,4  ou  encore  les  situations  oii  le  coefficient  d'echange  de  1 'hydrogene  est 
comparable  a  celui  des  gaz  principaux.  II  est  egalement  possible  de  prevoir  le  maitre-couple  global  de 
1 ' echcuigeur .  Les  calculs  presentes  ont  ete  effectues  pour  une  efficacite  thermique  E  =  0,75  et  pour  un 
nombre  de  Mach  du  circuit  d'hydrogene  *  0,01.  Les  resultats  sent  foumis  ai  supposant  que  les  gaz 
principaux  passent  a  I'interieur  des  tubes  d'epaisseur  0,2  it»n  et  de  densite  3.  Notons  que  cette  densite 
est  envisageable  car  la  majeure  partie  de  I'echangeur  peut  etre  fabriquee  en  utilisant  des  alliages 
d'aliiminium  tandis  que  la  partie  chaude  qui  est  sensiblement  a  la  temperature  de  1 'hydrogene 
sortant  (t  =■  780°C)  peut  etre  constitute  par  des  alliages  de  titane. 

Les  resultats  sent  presentes  pour  les  regimes  d'ecoulanent  laminaire  (Re  <  210^)  puis  turbulent 
(He  >  (O'*)  des  gaz  principaux.  Dans  les  deux  cas  les  courbes  sont  tracees  a  nombre  de  Ntlsselt  constant. 
Dans  le  cas  turbulent  si  le  Nusselt  est  constant  alors  le  Reynolds  est  constant.  La  fig.  5  donne  1 'evolu¬ 
tion  du  poids  de  I'echangeur  rapporte  a  la  poussee,  en  fcncticn  du  nombre  de  Mach  des  gaz  principaux.  On 
verifie  qu'en  ecoulement  laminaire  le  poids  de  I'echangeur  depend  essentiel lament  du  diametre  des  tubes. 
Au  contraire  en  ecoulement  turbulait  le  poids  depend  a  la  fois  du  diametre  des  tuJaes  et  du  nombre  de 
Reynolds.  Le  domaine  d'etude  est  limite  a  M  *  0,4  ai  laminaire  et  a  M  •  0,45  en  turbulent  car  au  dela 
(fig. 6)  la  perte  de  pression  d'arret  deptasse  50  %  et  un  blocage  sonique  s' installs  alors  rapidement  a 
I'interieur  de  I'echangeur.  La  fig. 7  montre  que  la  longueur  de  I'^hangeur  est  tres  faible  en  ecoulement 
laminaire  et  par  contre  qu'elle  attaint  plusieurs  metres  en  ecoulement  turlxilent. 

La  fig. 8  permet  de  preciser  le  nombre  de  tuiies,  qui  bien  sur  est  tr^  important  en  ecoulement 
laminaire  alors  que  des  nombres  beaucoup  plus  moderes  sont  obtenus  en  ecoulement  turbulent. 

La  fig. 9  donne  1 'evolution  de  la  section  de  passage  des  gaz  chauds  et  du  maitre  couple  de 
I'echangeur  avec  le  nombre  de  Mach.  La  section  de  passage  de  1 'hydrogene  alters  peu  le  maitre-couple 
(Mh-0,01)  par  ccxitre  en  ecoulement  laminaire  le  maitre-coiqple  est  accru  de  3  mz  envircxi  du  fait  du  grand 
nombre  de  tubes.  L'examen  de  1 'ensemble  des  resultats  presentes  sur  les  fig. 5  a  9  montre  que  le  meilleur 
compromis  semble  etre  <*tenu  pour  un  nombre  de  Mach  des  gaz  chauds  egal  a  0,45  et  un  nombre  de  reynolds 
egal  a  lO'*.  Le  cas  ou  1 'ecoulement  est  laminaire  et  oil  le  diametre  hydraulique  des  tubes  est  egal  a  3  mm 
semble  attrayant  mais  il  demands  10®  tulaes,  ceux-ci  etant  distants  I'un  de  1 'autre  de  quelques  dixiemes 
de  millimetre.  Cette  configuration  semble  done  diff icilement  realisable. 

La  soluticxi  qptimale  est  presentee  dans  le  tableau  1  ci-apres.  On  verifie  que  le  coefficient 
d'echange  pour  1' hydrogens  est  a  peu  pres  dix  fois  plus  grand  que  celui  pour  les  gaz  principaux. 


OOCCLUSION 

-  Des  formules  analytiques  ont  ete  etablies  dans  le  cas  d'hypotheses  simplifiees  pour  permettre  de 
din»isionner  rapidement  un  echangeur  cryog^ique  a  contre-courant  pour  M.C.I.  et  notamment  d'etudier 
les  evolutions  du  poids,  de  la  Icngueur  de  celui-ci  en  fonction  du  nombre  de  tubes  et  de  la  section  de 
passage  des  gaz  principaux. 

-  un  programme  de  calcul  a  ete  etabli  pour  traiter  des  cas  plus  generaux  et  permettre  d'acceder  egalement 
au  maitre-couple  de  1 'echangeur. 

-  Les  applications  numeriques  de  ce  programme  de  calcul  exit  permis  d'explorer  les  domaines  ou  le  nombre 
de  Reynolds  des  gaz  principaux  est  laminaire  puis  turbulent.  Les  evolutiCTis  des  grandeurs  caracterisant 
la  geometrie  de  I'^hangeur  ai  fonction  du  nombre  de  Mach  des  gaz  principaux  et  du  diametre  des  tubes 
dans  le  cas  laminaire  ou  du  Reynolds  dans  le  cas  turbulent  sont  conformes  a  celle  donnees  par  les 
formules  analytiques.  Le  meilleur  compromis  sur  les  caracteristiques  geometriques  de  I'echangeur  est 
obtenu  en  regime  thermique  faiblement  turbulent,  le  poids  obtenu  est  environ  10  %  de  la  poussee  et  la 
longueur  de  celui-ci  est  de  2,50  metre. 


-  Le  regime  d'eooulement  situe  dans  la  transition  laminaire-turbulent  peut  s'averer  interessant  pour 
parfaire  1 'optimisation  de  I'echangeur.  Il  reste  cependant  a  verifier  c[ue  le  declenchement  artificiel 
de  la  turbulence  acxroit  autant  le  coefficient  d'ediange  que  la  perte  de  charge.  L'interet  de  tubes 
munis  d'ailettes  doit  aussi  etre  demontre. 

-  lies  resultats  de  cette  preetude  mcntrent  que  le  principal  handicap  du  M.C.I.  ccnceme  1' importance  du 
maitre  couple  a  1 ' echappement  de  la  turbine.  Cette  difficulte  doit  pouvoir  etre  minimisee  d’lane  part  en 
jouant  sur  les  parametres  de  fixation  du  cycle  thermodynamique  et  d'autre  part  en  adaptant  1 'architec¬ 
ture  du  moteur  a  conposants  inverse. 


TARTii-Arl  1 


CARACICSISTigUES  CE  L'BCHANGEUR  OPTIMISE: 
A  TUBES  CE  GAZ  PRINCIPAUX 


Geometrie.  cote  gaz  chauds  et  perte  de  charge 


pression  d'arret  d'entree  310'*  pascals 

temperature  d'arret  d'entree  1400  K 

diametre  des  tubes  16  imi 

nombre  de  Mach  a  1 'entree  0,5 

nombre  de  Reynolds  a  mi-echangeur  10'* 

section  de  passage  du  fluids  chaud  5,6  ni^ 

section  totals  6,4  m® 

longueur  de  I'echangeur  2,50  m 

nombre  de  tubes  27500 

poids/poussM  1 0 , 2  t 

perte  de  pression  d'arret  46  k 

coefficient  d'echange  gaz  chauds  118  (M.K.S.A.) 

poussee  au  dtoollage  210^. 


caract^istiques  du  circuit  d'hvdroqene 


pression  d'arret  d'entree  210*  pascals 

tenp^ature  d'arret  d'entree  20  k 

diametre  hydraulique 

(cas  oCi  I'on  choisit  des  tubes  a  hydrogme)  1,7  nan 

coefficient  d'echange  pour  I'hydrogene  1170  (M.K.S.A.) 

nombre  de  Reynolds  1240 


RBUlEtCES 

[1]  P.  OCNIQGOU,  P.  CUBAN  and  Y.  RIBAUD.  "Moteur  a  cycle  inverse”  (I.C.E. ).  Oenande  de  brevet  France 
8707396,26587 


(2]  y.  RIBAUD.  Inverse  cycle  engine  for  hypersonic  air  breathing  propulsion-9  th  Synp.  on  Air  Breathing 
Elngines  Athenes  (Grece),  September  4-9,  1989. 
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AltlEXE  1  (rappel) 


1  -  COEFFICIEWr  D'BCHANGE  GLOBAL 

Si  I'on  considere  une  longueur  elementaire  dx  de  I'echangeur,  la  puissance  calorifique  traver- 
sant  la  surface  mouillee  corre^xndante  ds  -  p  dx,  ou  p  represente  le  perimetre  mouille  s'ecrit  : 

dq  -  hp  dx  (To  -  Tf)  ou  To  -  T*  repres^te  la  differaice  de  ten^ierature  entre  le  flux  chaud  et  le  flux 
froid  et  h  le  coefficient  d'echange  global  tenant  compte  des  effets  de  conduction  et  de  ccnvectin  et  qui 
prend  la  forme  : 


1 _  -  1 _  ♦  ♦  1 _ 

tap  hcPo  n.  hfPf 


dy  representant  I'^iaisseur  de  la  paroi  metal  lique  separcuit  les  deux  flux  et,4  n,  la  ccnductivite  thermi- 
que  du  metal . 

rag  applications  numeriques  montrent  que  la  resistance  thermique  du  metal  est  negligeable 
devant  celle  des  deux  gaz. 

2  -  LONGUEUR  ET  SURFACE  D'BafflNGE 

on  distingue  deux  cas  suivant  le  rapport  des  capacites  calorifiques  des  deux  fluides  : 
a)  m^  y  maCj,c2 

La  longueur  L  de  1 ' echangeur  est  donnee  par  : 


L  .  h  p 

1 

-  1 

-  In 

(To,  -  T^e:) 

(Toe  -  Tf.) 

La  surface  d'echange  est  donnee  par  le  produit  pL,  1* indice  S  correspond  aux  conditions  de  sortie  et 
1 ' indice  E  aux  conditions  a  1 'entree  de  I'echangeur. 

b)  meCpc  ■  nicCpo  alors  To  -  T*  •  cste  •  7)=* 

c'est  ce  dernier  cas  qui  est  etudie  au  decollage.  La  longueur  de  I'echangeur  s'ecrit  alors  sous 

la  forme  : 


L  *  Ctao  (T<3K!  “  Tc(sJ_ 

-  iHoCpc  E 

h  p  {^yT)■=', 

p.h  1  -  E 

iHMn 

ATtEXE  2 


PONCTICXTOMin'  HCgg- ADAPTATION  tE  L' ECHANGEUR 


La  gec«netrie  de  I'echangeur  etant  donnee  les  performances  de  celui-ci  dependent  essentiellement 
du  d^it-masse. 

Ecoulement  turbulent  Re  •  m  /4 _ \  °  ’  >  10'* 

U  \v3nj 


Efficacite  thermique  E  : 


-o . ego . e 


1  -  1  -  12,82  Pr^^ 

E 

Perte  de  charge  : 

pApi-  -  1.35810  '  .  4'’  ='=  .  m'-''’  .  n°  ®^'5  .  S 


Eicoulem«it  laminaire  Re  *  m 

M 

Efficacite  thermique  E  : 


1  -  1  -  7,310-^  .  Pr 


Perte  de  charge  : 


m  ^  <  210-’' 

M  \nSn 7 

(^)  " 


pA  pt 
L 


25, 13  m-M-n 


11-8 


Fig.  4  -  Evolution  de  la  poussde  unitaire 
avec  le  rendement  aerodynamique  de 
I’echangeur. 


Fig.  5  -  Evolution  du  poids  da  I'echangeur  en  fonction 
du  nombre  de  Mach  des  gaz  principaux  a  I'entree. 
(courbes  i  Nu  =  cte) 


Api/pic 


0,4-^ 


0,3-^ 


0.2J 


o.H 


T - r 

0,1 


T 


Fig.  6  -  Perte  de  pression  d' arret  dans  I'echangeur 
en  fonction  du  nombre  de  Mach  d'entree. 


0,2 


T 


0,3 


0,4 


Laminairel  :  dh  =  0,003m  ,  2  dh  =  0,006m 
Turbulenta  :  Rec=10<  ,  4  Rec  =  2l0'' 


Fig.  7  -  Longueur  de  I'echangeur  en  fonction  du 
nombre  de  Mach  Me  (courbes  a  Nu  =cte). 


0,1  0,2  0,3  0,4 


Fig.  8  -  Nombre  de  tubes  en  fonction  du 
nombre  de  Mach. 


Sr.  (m2) 


V  dh  =  0,003m 


20 -]  dh  =  0,006m\ 


Rec  =  2  10< 
Rec=  10« 


*  6coulement  turbulent  (gazchaud) 

•  6coulement  laminaire 


Fig.  9  -  Evolution  de  la  section  des  gaz  chauds 
et  du  maitre-couple  de  I'echangeur  avec  le 
nombre  de  Mach. 


m/m3(japtatic 


Fig.  10  -  Evolution  de  I’efficacite  thermique  de 
I’bchangeur  avec  le  debit  masse  rn. 
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Discussion 


RICAULT 

Y-a-t-il  des  problemes  de  givrage  ou  de  condensation  des  produits  de 
combustion  a  1 'entree  de  la  turbine? 

AUTHOR'S  REPLY 

Oui,  si  I'efficacite  thermique  de  I'echangeur  est  egale  a  0.8  et  si  la 
temperature  a  1' entree  de  la  turbine  est  trop  faible.  Dans  les  calculs 
presentes  il  n'y  a  ni  givrage  ni  condensation  des  produits  de  combustion. 

Si  on  peut  eviter  le  givrage  alors  les  performances  seront  augmentees  au 
decollage. 

BRAVAIS 

Compte  tenu  des  mauvais  coefficients  d'echange  cote  air,  ne  pensez-vous 
pas  qu'un  echangeur  a  ailettes  permettrait  de  diminuer  la  masse  de 
i'echangeur? 

AUTHOR'S  REPLY 

Ef fectivement,  les  ailettes  sont  souvent  utilisees  dans  le  cas  ou  I'un 
des  gaz  a  un  faible  coefficient  d'echange  par  rapport  au  deuxieme  gaz  -  le 
point  delicat,  dans  le  cas  qui  nous  interesse,  est  que  si  nous  utilisons  des 
ailettes  nous  allons  augmenter  la  surface  d'echange  meme  si  nous  pouvons 
eventuellement  gagner  sur  le  poids  puisque  celles-ci  sont  tres  fines,  or  nous 
ne  pouvons  depasjer  une  perte  de  pression  d' arret  de  50%  et  done  la  presence 
d' ailettes  va  nous  conduire  a  un  maitre-couple  encore  plus  important. 

BRAIG 

Your  concept  makes  some  sense  to  me  as  far  as  thermodynamics  are 
concerned.  But  especially  at  low  Mach  numbers,  I  expect  a  low  thrust  related 
to  cross  section,  as  by  heating  up  behind  the  intake,  you  increase  the  volume 
slow,  and  you  continue  to  increase  it  by  expanding  in  the  turbine. 

AUTHOR'S  REPLY 

Je  suis  d' accord  avec  vous  mais  dans  la  mesure  ou  la  vitesse  d' ejection 
est  elevee  pour  une  meme  poussee  on  pourra  diminuer  le  poids  de  1' entree 
d'air.  D'autre  part  la  pression  d'arret  etant  importante  a  la  sortie  du 
compresseur  le  poids  de  la  tuyere  sera  plus  faible.  D'autre  part  nous  n'en 
sommes  qu'au  debut  de  1' etude  et  de  norabreuses  ameliorations  sont  possibles. 

WEYER 

At  Ma=0  the  engine  concept  you  are  proposing  probably  has  a  very  low 
thrust  to  weight  ratio  because  of  large  turbomachines.  How  can  you  provide 
sufficient  overall  thrust  for  vehicle  take-off? 

AUTHOR'S  REPLY 

Vous  mettez  1 'accent  sur  le  point  delicat  qui  est  le  poids  et  le 
maitre-couple  important  du  moteur  et  e'est  bien  logique!  Seulement  il  ne  faut 
pas  oublier  les  points  positifs  ;  les  poids  de  1' entree  d'air  et  de  la  tuyere 
vont  etre  reduits,  la  vitesse  d' ejection  etant  importante  ainsi  que  la 
pression  d'arret  dans  la  tuyere.  D'autre  part  1' etude  ne  fait  que  debuter  et 
de  nombreuses  ameliorations  sont  possible. 
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ABSTRACT 

Combined  air  breathing-rocket  propulsion  systems  have  been  studied  and  carried 
through  proof-of-principle  demonstrations  during  the  last  three  decades.  Currently, 
a  number  of  countries  are  studying  and  in  some  cases  actually  starting  development  of 
demonstrator  vehicles  for  hypersonic  flight  which  use  combinations  of  air  breathing 
and  rocket  propulsion.  A  summary  of  this  activity  including  the  propulsion  options 
being  investigated  is  discussed  in  this  paper. 


This  type  of  propulsion  is  much  more  revolutionary  in  nature  than  most  previous 
propulsion  developments  and  thus  results  in  technology  challenges  that  are  even  more 
severe  than  those  faced  by  either  conventional  air  breathing  propulsion  or  rocket 
designers.  These  include:  1)  propulsion/vehicle  integration,  2)  engine  stability 
over  a  wide  operating  range,  3)  high  performance  over  a  wide  operating  range,  4) 
system  level  thermal  management  and  5)  advanced  materials.  A  discussion  of  these 
technical  issues  including  the  impact  of  underachieved  development  goals  on  system 
level  performance  is  also  included  in  this  paper. 


Introduction 


Future  military  and  civilian  aerospace  objectives  of  the  world's  major  nations 
include  a  strong  interest  in  missions  and  vehicles  that  fly  at  sustained  hypersonic 
speeds  within  the  atmosphere  and,  in  many  recent  ventures,  include  space 
transportation  as  the  ultimate  goal.  The  United  States  is  pursuing  their  NASP 
(Ref.l),  the  Federal  Republic  of  Germany  is  progressing  on  their  Sanger  vehicle  (Ref. 
2),  and  France  and  Japan  are  actively  studying  vehicles  that  utilize  both  rocket  and 
air  breathing  propulsion  (Ref.  3  and  4).  These  advanced  hypersonic/space  launch 
vehicles  are  considered  to  be  justifiable  primarily  because  recent  advances  in 
propulsion,  materials, electronics,  and  cor.putational  fluid  dynamics  (CFD)  provide 
substantial  technology  foundations  for  a  development  program  by  a  major  nation  or  a 
group  of  nations  in  the  next  decade  or  two. 


All  of  these  hypersonic/space  launch  vehicles  utilize  combinations  of  air 
breathing  and  rocket  propulsion.  Air  breathing  propulsion  is  used  for  at  least  some 
portion  of  the  flight  envelope  since  flight  within  the  earth's  atmosphere  can  take 
advantage  of  air  as  a  source  of  oxygen  for  chemical  propulsion.  Rockets,  while 
required  for  exoatmopheric  flight,  have  such  low  specific  impulse  that  the  use  of  air 
breathing  propulsion  within  the  atmosphere  may  result  in  a  lighter,  lower  cost 
vehicle.  This  advantage  is  Illustrated  by  the  relative  levels  of  specific  impulse 
for  various  propulsion  cycles  shown  in  Figure  1.  Air  breathing  propulsion  typically 
has  an  order  of  magnitude  higher  specific  impulse  at  the  low  end  of  the  Mach  number 
range  and  has  the  potential  for  a  significant  increase  over  rockets  at  hypersonic 
flight  conditions. 


FIGURE  1 .  SPECIHC  IMPULSE  FOR  VARIOUS  PROPULSION  DEVICES. 
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Another  conclusion  that  can  be  drawn  from  Figure  1  Is  that  no  one  propulsion 
concept  Is  optimum  over  the  entire  flight  Mach  number  range.  Turbojets  and  other 
turboaccelerators  have  very  high  specific  Impulses  at  low  Mach  number,  but  are 
limited  to  operation  below  approximately  Mach  5.  Ramjets  can  operate  from  a  Mach 
number  below  2  to  approximately  Mach  6  and  supersonic  combustion  ramjets  (scramjets) 
cover  the  upper  Mach  number  flight  regime.  Chemical  rockets,  which  produce  a  low, 
but  nearly  constant  specific  Impulse  for  the  entire  flight,  may  actually  be  higher 
performing  at  high  Mach  numbers.  These  characteristics  strongly  suggest  that  some 
combination  of  air  breathing  and  rocket  propulsion  systems  might  be  optimum  for  space 
launch/hypersonic  flight  vehicles  which  take  off  from  the  ground  and  accelerate  to 
hypersonic  conditions  within  the  atmosphere. 

Although  a  space  launch  vehicle  could  carry  separate  air  breathing  and  rocket 
propulsion  systems,  the  cumulative  weight  and  volume  requirements  would  Impose  a 
large  penalty.  If  both  air  breathing  and  rocket  propulsion  concepts  are  combined  Into 
a  single  propulsion  system,  a  considerable  synergistic  benefit  accrues  due  to  shared 
components  and  functions. 

Combined  air  breathing-rocket  propulsion  concepts  have  evolved  from  the  rocket 
and  the  two  basic  air  breathing  types:  1)  the  turbojet,  2)  and  the  ramjet.  The 
turbojet  Is  the  progenitor  of  turbomachinery  devices  which  mechanically  compress  air 
so  that  heat  can  be  added  prior  to  expansion  through  a  turbine  and  an  exhaust  nozzle. 
Ramjets  are  air  breathing  devices  that  are  accelerated  via  other  propulsion  to  a 
speed  sufficient  to  aerodynamical ly  compress  the  air  prior  to  adding  heat  and 
expanding  through  an  exhaust  nozzle.  Unlike  the  turbojet  and  ramjet,  which  use 
atmospheric  air  as  an  oxidizer,  the  rocket  carries  Its  own  oxidizer  as  well  as  Its 
own  fuel . 

Representative  combinations  of  these  three  basic  engine  types  are  listed  In 
Figure  2,  where  their  Interrelationships  are  shown  as  overlapping  areas  of  the 
circles  representing  the  three  basic  engine  types.  There  are  combined  cycle  concepts 
based  on  any  two  and  all  three  of  the  basic  types.  Derivatives  of  the  basic  types 
(turbojets,  ramjets  and  rockets)  which  have  potential  application  for  hypersonic 
flight  are  listed  In  Figure  2.  There  are  numerous  other  concepts  beyond  those 
listed,  although  the  bulk  of  the  historical  development  work  cited  In  the  open 
literature  for  hypersonic  flight  are  represented  by  the  underlined  Items  In  Figure  2. 

A  previous  paper  (Ref.  5)  describes  each  of  the  combined  cycle  concepts 
underlined  In  Figure  2,  and  reviews  the  major  advances  In  hypersonic  propulsion 
during  the  last  three  decades.  In  this  present  paper,  the  focus  Is  on  the  unique 
characteristics  and  development  Issues  for  combined  air  breathing-rocket  propulsion 
of  the  future.  First,  the  overall  misslon/vehlcle  design  considerations  are 
discussed  Including  a  review  of  current  world-wide  development.  This  Is  followed  by 
a  discussion  of  technology  challenges  for  combined  air  breathing-rocket  propulsion 
systems, Including  the  impact  of  underachieved  scramjet  development  goals  on  system 
level  performance. 


FIGURE  2  BASIC  ENGINES  AND  COMBINED  CYCLES. 


Overall  Mission/Vehicle  Design  Considerations 

Combined  air  breathing-rocket  propulsion  systems  have  potential  application  on 
at  least  three  board  categories  of  missions/vehicles:  1)  space  launch  vehicle,  2) 
hypersonic  cruise  airplanes,  and  3)  hypersonic  missiles.  Each  of  these  categories 
will  be  discussed  in  terms  of  design  considerations  for  combined  air  breathing-rocket 
propulsion  systems.  The  discussion  on  space  launch  vehicles  and  hypersonic  cruise 
airplanes  will  be  treated  as  one  since  development  of  these  two  concepts  has  many 
similar  aspects  and  is  actually  being  done  with  common  technology  demonstrators  which 
are  designed  to  be  applicable  to  both  missions.  The  hypersonic  missile  application 
will  be  discussed  separately. 
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t^unch/Hvperaonic  Cruise  Vehicles  -  Using  the  information  in  References  1 
through  4,  Table  I  was  developed,  which  summarizes  the  published  status  of 
hypersonic/ launch  vehicle  and  propulsion  development  activities  for  several  leading 
countries  of  the  world.  It  should  be  noted  that  there  are  reports  indicating  that 
the  Soviet  Union  is  also  active  in  this  emerging  technology,  but  published  data  is 
insufficient  to  catalog  in  the  Table  I  format. 

TABLE  1.  HYPERSONIC/SPACE  LAUNCH  VEHICLE  AND  PROPULSION 


DEVELOPMENT  ACTIVITIES. 

PROPULSION 

CURRENT 

FIRST 

FLIGHT 

BiE. 

COUNTRY  MISSIONS 

VEHICLE 

SYSTEMS 

FUELS 

STATUS 

PATE- 

USA  •  Space  launch 

.  Hypersonic  flight 

NASPX30 

^rmnstrator) 

«  Ramjet/scramjet 

•  Rockets 

•  Various  low  speed 
systems 

CryoH2 

•  liquid 

•  slush 

•  Full  scale  module/ 
complete  engine 
system  tests 

1997 

1 

FRG  •  Space  launch 

•  H^rsonic  flight 

Sanger 

(demonstrator) 

TCTO 

•  Turboramjet 

(1st  Stage) 

•  liquid  Rocket 
(2ndSt^) 

•  ^ramjet 
(future) 

CryoH2 

•  Ramjet  tests 

•  Turboramjet 
technology  tests 

1999/2000 
(1st  stage) 

2 

FRANCE  •  Space  launch 

.  Hypersonic  flight 

STS  2000 
(studies) 

.  SSTO 

.  TSTO 

•  Turboramjet/ 
ramjel/rocket 

•  Rocket/ramjet/ 
rocket 

•  ^ramjet 

•  Turborocket/ramrocket 

•  Turbofan^mrocket 

Cryo  H2 

•  Concept  studies 

2010/2020 

3 

JAPAN  •  Space  launch 

•  Hypersonic  flight 

Space  Plane 
(demonstrator) 

.  SSTO 
.  TSTO 
•  A-B  Expend. 
Boosters 

•  Turboengine  concepts 

•  LACE 

•  Ducted  Rocket/ 

Ejector  Rocket 

•  Scramjets 

•  Rocket 

CryoH2 

•  liquid 

•  slush 

.  LACE  tests 
.  Turboramjet  tests 
•  Turbojet  studies 
.  Scramjet  design 

21st  Century 

4 

The  following  conclusions  can  be  drawn  from  examination  of  the  Table  I 
information  and  more  detailed  reading  of  the  published  data; 

e  3oth  space  launch  and  hypersonic  cruise  are  mission  objectives, 
e  Hypersonic  vehicles  using  combinations  of  air  breathing  and  rocket  engines 
are  planned  for  first  flight  within  the  present  decade, 
e  Both  Single  Stage  to  Orbit  (SSTO)  and  Two  Stage  to  Orbit  (TSTO) 
vehicles  are  being  developed. 

e  SSTO  vehicles  will  utilize  ramjets/scramjets  for  use 
in  the  hypersonic  flight  corridor  because  of  their 
inherently  high  specific  impulse  and  low  weight, 
e  SSTO  vehicles  will  transition  from  scramjets  to  rockets 
at  the  upper  end  of  the  hypersonic  flight  corridor. 

•  TSTO  vehicle  first  stage  propulsion  studies  include  a 
wide  variety  of  turboengines,  rockets,  and  LACB;  actual 
development  to  date  is  limited  to  combined  cycle 
turboengines  and  LACE. 

•  Cryogenic  hydrogen  is  the  universal  choice  for  fuel  because  of  its  high 

energy  content  for  performance  and  its  large  heat  capacity  for  vehicle  and 
engine  cooling. 

A  combined  air  breathing-rocket  propulsion  road  map  (Figure  3)  was  constructed 
based  on  a  synthesis  of  the  propulsion  system  studies  shown  on  Table  I.  The 
interrelationships  between  propulsion  types  and  the  flight  spectrum  from  take-off  to 
orbit  insertion  are  described  in  the  following  statements. 

•  An  all  rocket  propulsion  system  is  capable  of  performing  over  .:he  entire  speed 
range  from  take-off  through  earth  orbit  insertion.  Its  specific  impulse  is  lower 
than  the  air  breathers  except  at  the  higher  hypersonic  flight  conditions; 
however,  its  specific  weight  (engine  weight  per  pound  of  thrust  produced)  is 
also  usually  lower  than  air  breathers. 

•  A  rocket  can  also  be  used  as  supplemental  propulsion  for  air  breathing 
hypersonic  propulsion  systems  that  may  require  thrust  augmentation  at  1)  take¬ 
off,  2)  during  the  transonic  high  drag  pinch-point,  3)  high  hypersonic  flight 
conditions  beyond  the  range  of  scramjet  effectiveness  and  4)  exoatmospheric 
flight  into  low  Earth  orbit. 

•  Low/mid-speed  air  breathing  propulsion  is  focused  on  either  the  various  versions 
of  turbomachines  that  use  mechanical  compression  or  the  ducted  rocket  that  uses 
a  rocket  chamber  as  an  ejector/jet  pump  to  aerodynamically  compress  the  air 
prior  to  heat  adaition. 
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•  Ducted  rockets  quickly  transition  to  ramjet  mode  to  minimize  the  impact  of  their 
low  specific  impulse  on  vehicle  performance. 

e  Turboaccelerators,  because  of  their  high  specific  impulse,  can  be  used  until 
either  their  specific  impulse  drops  below  that  of  an  accompanying  ramjet  or 
their  rotating  machinery  can  no  longer  withstand  the  high  energy  level  in  the 
ram  air.  In  the  former  case,  it  will  transition  to  an  air  breathing  ramjet; 
whereas  for  the  latter  case,  it  will  transition  either  to  a  scram jet  or  directly 
to  a  rocket  for  the  high  speed  portion  of  the  flight  corridor. 

e  Mid/high  speed  air  breathing  propulsion  is  the  domain  of  the  reunjet.  At  lower 
speeds  the  subsonic  combustion  ramjet  is  optimum,  but  transition  to  either  a 
rocket  or  supersonic  combustion  (scramjet)  is  required  when  flight  Mach  numbers 
approach  and  extend  beyond  Mach  7.  At  these  flight  conditions,  the  flow  energy 
is  so  high  that  it  must  remain  as  kinetic  energy  rather  than  being  slowed  down 
to  subsonic  velocity  and  converted  to  available  thermal  energy  in  the  form  of 
prohibitively  high  static  pressures  and  temperatures.  Thus,  the  scramjet  best 
fits  the  wide  niche  in  hypersonic  flight  between  the  ramjet  and  the  point  where 
the  rocket  provides  equal  or  greater  performance. 


0  5  10  15  20  25 
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Considerations  for  selecting  specific  propulsion  concepts  not  only  involve  the 
mission  objective  but  also  the  degree  of  technical  risk  willing  to  be  assumed.  For 
example,  the  space  launch/hypersonic  flight  demonstrator  vehicles  listed  in  Table  1 
take  different  paths  on  the  propulsion  road  map  shown  in  Figure  3  primarily  because 
of  the  different  degree  of  technical  risk  assumed  by  the  sponsoring  nation.  The  HASP 
demonstrator  is  a  maximum  risk/maximum  payoff  concept  that  derives  highest  propulsion 
performance  over  the  entire  flight  regime  by  Incorporating  a  low  speed  system,  a 
combined  ramjet/ scramjet  for  much  of  the  regime  between  take-off  and  orbit,  and  a 
rocket  system  for  orbital  insertion.  In  this  way,  the  higher  performance  potential 
of  air  breathers  can  be  achieved  over  the  entire  flight  regime.  In  orde *  to  achieve 
this  level  of  performance,  however,  the  inherent  development  risk  for  each  of  these 
different  modes  of  propulsion  has  to  be  assumed. 

The  FRG,  on  the  other  hand,  has  elected  to  assume  a  lower  level  of  propulsion 
development  risk  with  their  Sanger  concept.  Referring  back  to  Figure  3,  the  Sanger 
takes  off  with  a  turboengine  and  transitions  to  a  ramjet  mode  at  supersonic  flight 
speeds.  As  the  Mach  number  limit  of  the  ramjet  is  approached  at  approximately  Mach 
7 ,  vehicle  stage  separation  occurs  and  the  rocket-powered  second  stage  takes  over  for 
acceleration  to  orbit.  This  concept  eliminates  all  development  risk  associated  with 
the  scramjet,  but  of  course  sacrifices  the  superior  performance  potential  of  the 
scramjet  for  much  of  the  hypersonic  portion  of  the  flight  path. 

The  above  discussion  explains  some  of  the  factors  going  into  the  selection 
process  for  combined  air  breathing-rocket  propulsion  systems  Installed  in  space 
launch/hypersonic  cruise  vehicles.  Because  of  these  factors  and  since  the  propulsion 
technology  base  is  not  well  developed  at  this  time,  different  designers  select 
different  propulsion  concepts  for  basically  the  same  mission  definition.  However, 
the  selected  fuel  is  the  same  for  each  of  the  major  projects  listed  on  Table  1,  viz., 
cryogenic  hydrogen  in  either  a  liquid  or  slush  (liquid/solid)  form. 

The  reason  why  hydrogen  is  the  chosen  fuel  for  these  applications  can  be 
understood  by  comparing  its  properties  that  relate  to  energy  release  and  cooling 
capability  with  corresponding  data  for  representative  hydrocarbon  fuels  (Table  2). 
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From  this  comparison,  it  is  apparent  that  heat  of  combustion  for  hydrogen  is 
approximately  2.5  times  as  much  as  the  hydrocarbons,  which  is  responsible  for  the 
very  high  hydrogen  specific  impulse  in  comparison  with  representative  hydrocarbons 
(Figure  1) .  Extrapolation  of  this  data  indicates  that  hydrocarbon  scramjet  specific 
impulse  would  be  insufficient  for  vehicles  that  either  cruise  at  higher  hypersonic 
Mach  numbers  or,  worse  yet,  must  approach  orbital  velocities. 


TABLE  2.  COMPARISON  OF  FUEL  PROPERTIES  AND  CHARACTERISTICS. 


HEAT  OF 
COMBUSTION 

UQUIO 

DENSITY 

MAX  HEAT  SINK  CAPACITY 
BTU/LB 

FUEL 

BTU/LB 

LB/FT  3 

PHYSICAL  CHEMICAL 

(ENDOTHERMIC) 

TOTAL 

HYDROGEN 

51  600 

4.7 

6700 

- 

6700 

METHANE 

21  460 

28 

1350 

- 

1350 

MCH 

18  630 

48 

1016 

940 

1956 

DECALIN 

18  240 

56 

1020 

950 

1970 

JP-7 

18  500 

48 

269 

- 

269 

A  comparison  of  its  cooling  capability  with  hydrocarbon  fuels  results  in  a 
similar  superior  rating  for  cryogenic  hydrogen.  As  shown  in  Table  2,  its  total  heat 
sink  capacity  is  nearly  an  order  of  magnitude  better  than  the  hydrocarbons,  and  even 
the  endothermic  fuels  are  not  comparable  to  hydrogen.  The  additional  cooling 
capability  of  hydrogen  is  required  for  a  single  stage  space  launch  vehicle  such  as 
the  HASP  where  critical  heating  problem  areas  require  a  fuel  with  a  high  cooling 
capacity  to  provide  a  practical  vehicle  design. 


The  principal  negative  physical  property  of  hydrogen  is  also  displayed  on  Table 
2,  viz.,  its  density.  It  is  approximately  an  order  of  magnitude  lower  than  the 
hydrocarbon  fuels.  This  characteristic  must  be  accepted  to  achieve  the  performance 
and  cooling  advantages  of  hydrogen,  and  results  in  large  vehicles  to  accoiomodate  the 
large  volume  requirements  for  the  low  density  hydrogen  fuel. 


Hypersonic  Missiles  -  Both  tactical  and  strategic  future  hypersonic  missiles  are 
possible  applications  for  combined  air  breathing-rocket  propulsion  systems.  Studies 
for  both  types  of  hypersonic  missiles  at  NASA  Langley  have  concluded  that,  unlike 
hypersonic  aircraft  which  use  cryogenic  hydrogen  fuel,  missile  volumetric  and 
logistic  considerations  dictate  the  use  of  dense,  non-cryogenic  liquid  hydrocarbon 
fuels  (Ref.  6) .  Although  tactical  and  strategic  missiles  have  vastly  different 
aerodynamic  requirements,  the  propulsion  disciplines  are  similar  for  both  types. 


These  studies  have  indicated  that  hypersonic  air  breathing  missiles  have  a 
unique  potential  for  combining  speed,  range,  and  maneuverability  in  a  relatively 
lightweight  vehicle.  These  attributes,  which  are  advantageous  to  both  tactical  and 
strategic  missions,  are  achieved  through  the  careful  integration  of  the  propulsion 
system  with  the  airframe  and  the  synergistical  coupling  of  aerodynamic,  propulsion, 
and  structural  disciplines. 

The  NASA  Langley  hypersonic  missile  studies  assiused  booster  rocket  launch  and 
acceleration  to  Mach  3.5,  followed  by  dual  mode  ramjet/ scramjet  propulsion  for 
acceleration  and  cruise  at  Mach  6.0  and  100,000  feet  altitude.  A  rocket  booster 
approach  for  low  speed  propulsion  is  only  one  of  the  three  options  listed  in  the 
Figure  3  propulsion  road  map.  The  other  two  low  speed  options  involve  air  breathing 
propulsion  in  the  form  of  either  a  ducted  rocket  or  various  types  of  turbomachines. 


For  missile  application,  the  ducted  rocket  or  ejector  ramjet  (Figure  4) ,  has  the 
advantage  of  simplicity  and  low  weight  similar  to  the  rocket  booster,  but  also 
incorporates  a  significant  performance  improvement  over  the  rocket.  This  performance 
Improvement  becomes  more  significant  with  increasing  flight  Mach  number,  so  that  at 
Mach  2  its  specific  Impulse  is  nearly  twice  that  of  a  liquid  rocket,  as  shown  in 
Figure  5  for  a  typical  installation.  Another  advantage  of  this  combined  air 
breathing-rocket  propulsion  concept  is  the  inherent  thrust  margin  available  from  the 
rocket  at  ram jet/scram jet  cruise  conditions.  This  feature  adds  a  significant  control 
force  margin  to  the  missile  for  greatly  Improved  maneuverability  and  perhaps 
survivability. 


Combined  Air  Breathlna-Rocket  Propulsion  Design  Considerations 

Hypersonic  flight  using  air  breathing  propulsion  introduces  a  number  of 
development  challenges  that  are  listed  in  Table  3  and  were  discussed  in  a  previous 
paper  (Ref. 5).  However,  when  rocket  propulsion  is  combined  with  the  air  breathe-s, 
each  of  these  development  challenges  takes  on  additional  significance.  These 
combined  cycle  effects  are  discussed  in  the  following  paragraphs. 


Propulsion/Vehicle  Integration  -  At  hypersonic  speeds,  the  propulsion  system 
efficiency  must  be  high,  the  engine  must  add  minimum  drag  and  weight  to  the  vehicle, 
and  the  engine  must  process  as  much  air  as  possible.  These  objectives  are  best  met 
by  considering  the  entire  underside  of  the  vehicle  as  part  of  the  propulsion  system. 
This  concept,  referred  to  as  airframe-integration,  is  illustrated  in  Figure  6.  The 
concept  utilizes  the  vehicle  forebody  for  part  of  the  inlet  compression  and  the 
aftbody  as  part  of  the  nozzle  expansion.  To  obtain  the  required  thrust  at  the  higher 
Mach  numbers, the  inlet  must  capture  nearly  all  of  the  air  processed  by  the  vehicle 
undersurface  bow  shock. 
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TABLE  3.  HYPERSONIC  PROPULSION  REQUIREMENTS. 


Hypersonic  Propulsion  Requirements 

•  Propultion/V«hicl«  Intagralion 
—  Inlet  Capture  Area 
—  Thruet/Orag 
—  High  Reeponae  Controle 
e  Engine  Stability  Over  Wide  Operating  Range 
—  Stable,  started  Inlet  Row 
—  Combuatlon  StabUHy/Inlet  Isolation 
—  Multimode  Operation 
—  High  Reeponae,  Vehicle  Integrated  Controls 

e  High  Performance  Over  Wide  Operating  Range 

—  Large  Capture  Area  Inlets 
—  High  Pressure  Recovery  Inlets 
—  High  Component  Efficieneles 
—  Large  Expmslon  Ratio  Noades 

e  System  Level  Thermal  Management 

—  High  Temperature,  Fuel  Cooled  Structures 

e  Advanced  Materials 

—  High  Slrettgth-to>Wa4ght 
—  High  Temperature  Ca^bUHy 
—  Oxidation  Resistant 


FIGURE  6.  SCRAMJET-VEHICLE  INTEGRATION. 


In  order  to  Integrate  a  rocket  into  the  closely  coupled  propulsion/vehicle 
configuration  described  above,  special  care  must  be  taken  to  assure  that  the  rocket 
installation  minimizes  any  additional  drag  and/or  weight  penalties.  One  possible 
Integrated  installation  which  meets  these  criteria  is  a  rocket  thrust  chamber  buried 
within  a  ramjet/ scram jet  duct  as  shown  in  Figure  7.  This  rocket  installation  does 
not  introduce  any  additional  aerodynamic  drag,  and  minimizes  the  weight  penalty  of 
the  rocket  by  eliminating  the  need  for  a  separate  rocket  nozzle  extension.  The  cowl 
inlet  door  can  be  closed  off,  as  shown  in  Figure  7,  during  the  rocket-only  mode  of 
operation  or  left  open  if  sufficient  air  is  available  to  produce  additional  thrust 
from  the  air  breathing  component  of  the  propulsion  system. 


FIGURE  7.  INTEGRAL  ROCKET  USES  ENGINE  DUCT  FOR  EXPANSION. 
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Stable  Operation  Over  Wide  Operating  Range  -  To  meet  this  requirement,  air 
breathing  hypersonic  propulsion  systems  must  provide  for  1)  stable,  started  inlet 
flow;  2)  combustion  stid>illty/ inlet  Isolation;  and  3)  integrated  engine/vehicle 
controls  to  manage  the  very  short  time  constants.  In  addition,  a  combined  air 
breathing-rocket  engine  has  to  maintain  sted>le  operation  over  a  wide  operating  range 
during  which  it  transitions  from  one  cycle  to  another. 

This  puts  further  complication  into  the  engine  control  system  for  two  reasons. 
One  is  that  the  control  parameters  for  each  of  the  individual  operating  modes  (e.g., 
turboaccelerator,  scramjet,  and  rocket)  are  quite  different  and  unique  to  that  cycle. 
Therefore  the  number  of  control  parameters  are  increased  and  the  control  system 
becomes  more  complex.  Second,  the  transitions  from  one  operating  mode  to  another  is  a 
dynamic  process  that  must  be  controlled  so  that  transient  operation  does  not  lead  to 
operating  instabilities,  and  propulsion  functions  such  as  geometry  variation  and 
engine  air  and  fuel  flows  are  smoothly  readjusted. 

High  Performance  Over  Wide  Operating  Range  -  At  hypersonic  speeds ,  the 
propulsion  system  efficiency  must  be  high.  This  means  that  inlet,  engine,  and  nozzle 
cycle  parameters  must  approach  ideal  values  to  produce  high  net  thrust  and  high 
specific  Impulse. 

Scramjet  performance  was  calculated  using  NASA  Langley's  SCRAM  code  over  a  range 
of  hypersonic  Mach  numbers  from  10  to  20.  Cryogenic  hydrogen  was  the  fuel  selected, 
and  was  burned  in  stoichiometric  proportions  (4  =  1.0).  A  total  engine  contraction 
ratio  (A(/Aj,Jn)  of  12.0  and  a  total  engine  expansion  ratio  (Aejjit/\)  2.0  were 
selected  as  being  representative  of  engine  geometry  designed  for  this  flight  Mach 
number  range.  A  freestre2un  dynamic  pressure  of  1000  lbs.  per  square  foot  and  a 
vehicle  angle  of  attack  of  0°  was  assumed  for  all  calculations.  In  addition,  three 
levels  of  the  major  component  efficiencies  were  input  to  illustrate  the  effect  of 
achieved  component  efficiency  on  engine  level  delivered  performance.  The  levels  of 
performance  and  their  definitions  are  explained  in  Table  4. 


TABLE  4.  SCRAMJET  COMPONET  PERFORMANCE  DERNIHONS  AND  LEVELS. 


COMPONENT 

EFFIOENCY 

DEVELOPMENT  LEVEL 

EFFICIENCY 

DERNTTION 

DEAL 

NOMINAL 

UNDERACHIEVED 

INLET, 

KINETIC  ENERGY 
(REF.  7) 

100% 

07S% 

95% 

COMBUSTOR 

ACTUAL  ENERGY  RELEASE 
DEAL  ENERGY  RELEASE 

100% 

90% 

80% 

NOZZLE,  C,^ 

ACTUAL  STREAM  THRUST 
DEAL  STREAM  THRUST 

100% 

9TJS% 

95% 

The  component  efficiency  levels  selected  for  the  "nominal"  and  "underachieved" 
definitions  were  somewhat  arbitrarily  assumed.  It  should  be  noted  that  scramjet 
thrust  and  specific  Impulse  are  very  sensitive  to  each  of  these  Inputs  and 
assiimptions  at  hypersonic  flight  conditions.  Therefore,  the  performance  levels 
displayed  on  the  following  figures  should  be  taken  only  as  representative  values 
consistent  with  the  inputs  selected  and  not  the  absolute  limit  levels  of  performance 
for  scramjets. 


The  relative  magnitude  of  gross  thrust,  ram  drag,  and  net  thrust  was  calculated 
over  a  range  of  hypersonic  flight  conditions  using  the  above  described  techniques  and 
assumptions.  The  results  are  displayed  on  Figure  8.  The  following  observations  can 
be  derived  from  an  examination  of  this  analysis. 

e  Ran  drag  is  90  to  over  100%  of  gross  thrust  over  the  range  of  co^>onent 
performance  levels  and  flight  conditions  assumed. 

e  Net  thrust  is  extremely  sensitive  to  levels  of  component  performance  assumed, 
with  the  degree  of  sensitivity  increasing  as  Mach  number  Increases. 

e  Net  thrust  turns  into  net  drag  at  the  higher  hypersonic  Mach  numbers,  with  the 
crossover  point  depending  on  the  level  of  component  performance  achieved. 
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FIGURE  8.  SCRAMJET  GROSS  THRUST.  RAM  DRAG  AND  NET  THRUST  COMPARISONS. 


To  determine  the  impact  of  underdeveloped  component  efficiency  on  scramjet 
engine  developed  performance,  parametric  data  was  calculated  for  all  combinations  of 
efficiency  levels  shown  on  Table  4.  This  procedure  was  followed  to  determine  the 
first-order  independent  effects  of  underdeveloped  performance  for  the  inlet,  the 
combustor,  and  the  nozzle. 


The  inlet  parametrics  are  shown  in  Figure  9,  where  delivered  scramjet  specific 
impulse  is  plotted  vs.  flight  Mach  number.  From  this  data,  it  is  apparent  that 
scramjet  performance  is  very  dependent  on  high  inlet  kinetic  energy  efficiency.  The 
specific  impulse  vs.  Mach  number  slope  becomes  increasingly  steep  asTjj^  decreases, 
and  an^jjg  =  98  to  99%  would  appear  to  be  required  if  scramjet  powered  flight  is  to 
be  achieved  at  higher  hypersonic  Mach  numbers. 


The  impact  of  incomplete  combustion  on  scramjet  performance  is  shown  in  Figure 
10.  Combustion  efficiency  is  not  a  strong  factor  in  determining  delivered  scramjet 
specific  Impulse  for  these  conditions.  In  fact,  it  is  almost  insignificant  as  the 
flight  Mach  number  approaches  15.  Therefore,  very  high  combustion  efficiencies  are 
not  a  design  development  requirement  for  Mach  10  or  higher  scramjet  propulsion. 


FIGURE  9.  EFFECT  OF  INLET  EFFICIENCY  ON  SCRAMJET  PERFORMANCE. 


FIGURE  10.  EFFECT  OF  COMBUSTION  EFFICIENCY  ON  SCRAMJET  PERFORMANCE. 


A  high  nozzle  coefficient  is  a  requirement  for  achieving  acceptable  scramjet 
performance,  as  displayed  in  Figure  11.  The  trend  is  quite  similar  to  the 
sensitivity  of  specific  impulse  to  inlet  kinetic  energy  inlet  efficiency.  A  nozzle 
coefficient  of  98  to  99%  is  probably  a  development  requirement  if  a  scramjet  is  to  be 
used  at  the  higher  hypersonic  Mach  numbers. 


FIGURE  1 1 .  EFFECT  OF  NOZZLE  THRUST  ON  SCRAMJET  PERFORMANCE. 


Right  Mach  Number,  Mq 


When  all  of  these  effects  are  considered  together,  scramjet  specific  impulse  vs. 
flight  Mach  number  is  as  shown  in  Figure  12.  It  can  be  seen  that  scramjet  specific 
Impulse  crosses  the  rocket  level  at  a  flight  Mach  number  that  strongly  depends  on  the 
level  of  component  efficiencies  achieved.  Consequently,  if  a  hypersonic  mission 
requires  flight  at  hypersonic  Mach  numbers  greater  than  about  12,  either  very 
complete  scramjet  development  must  be  assured  or,  more  prudently,  a  high  performing 
rocket  system  should  be  Incorporated  into  the  total  propulsion  system.  Combined  air 
breathing-rocket  propulsion  systems  provide  a  capability  that  can  assure  that 
adequate  thrust  at  the  highest  possible  delivered  specific  impulse  is  available  for 
further  vehicle  acceleration  even  if  underdeveloped  scramjet  performance  is  not 
discovered  until  the  flight  progreui  determines  the  actual  thrust-drag  relationships. 

In  order  to  provide  maximum  rocket  specific  impulse,  installations  such  as  shown 
in  Figure  7  provide  an  extremely  large  expansion  ratio  for  a  high  pressure  rocket. 
This  results  in  an  improvement  in  specific  impulse  that  is  estimated  to  be  similar  to 
the  trend  shown  in  Figure  13.  This  analysis  indicates  that  a  5%  improvement  in 
specific  impulse  (500  vs.  475  sec.)  results  from  the  increase  in  expansion  area  ratio 
achieved  by  using  the  complete  scramjet  expansion  surface  vs.  the  limited  expansion 
of  a  typical  conventional  rocket  nozzle. 
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FIGURE  12.  INEFFICIENCY  EFFECTS  ON  SCRAMJET  VS.  ROCKET  COMPARISON. 


FIGURE  13.  INTEGRAL  ROCKET  EXPANSION  PROVIDES  HIGHEST  PERFORMANCE. 


Expansion  Ratio 


1.11.0JS 


One  additional  design  parameter  was  examined  for  its  Influence  on  combined  air 
breathing-rocket  propulsion  at  hypersonic  flight  conditions.  This  study  ex2uained  the 
influence  of  scramjet  total  expansion  area  ratio  (Ag^it/^o)  thrust  and  specific 
impulse.  The  results  are  displayed  in  Figure  14  where  Cp  and  Igp  are  plotted  vs. 
flight  Mach  number  for  three  levels  of  Aexit/*o'  2  and  3.  These  results 
indicate  that  engine  expansion  area  ratio  has  a  strong  influence  on  performance  that 
Increases  with  Mach  number. 


Typically,  there  is  very  little  latitude  to  increase  expansion  area  ratio  since 
hypersonic  vehicles  usually  require  the  maximum  inlet  area  and  expansion  area 
possible  to  generate  enough  thrust  over  the  entire  flight  corridor.  For  example, 
with  propulsion  integrated  designs  similar  to  the  concept  sketched  in  Figure  6,  the 
inlet  can  usually  capture  a  quantity  of  air  that  is  equivalent  to  a  stream  tube  that 
is  about  50%  of  the  vehicle  cross-sectional  area.  Even  using  as  much  of  the  boat 
tail  area  as  possible  for  an  expansion  surface,  the  total  scramjet  expansion  ratio, 
A^Aexit'  limited  to  a  factor  of  somewhere  between  1  and  2. 

Therefore,  if  the  propulsion  thrust  is  sized  at  some  condition  other  than 
hypersonic  cruise,  it  may  pay  off  to  shrink  the  scramjet  so  as  to  increase  its 
permissible  expansion  area  ratio  and  thus  increase  its  specific  impulse  at  the  cruise 
condition  and  cover  the  thrust  deficient  during  a  portion  of  the  relatively  short 
duration  acceleration  by  using  rocket  thrust.  However,  the  adverse  impact  of 
scramjet  downsizing  on  forebody  drag  must  be  included  in  this  trade-off  study. 
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FIGURE  14.  EFFECT  OF  EXPANSION  RATIO  ON  SCRAMJET  PERFORMANCE. 


Thermal  Management  -  Combined  air  breathing-roclcet  propulsion  systems  installed 
in  hypersonic  vehicles  will  pose  thermal  management  problems  for  the  designer. 
Active  cooling  of  both  the  airframe  nosetip  and  leading  edges  may  be  required  in 
addition  to  the  propulsion  system  inlet,  combustor,  and  nozzle.  These  vehicles  will 
use  the  cryogenic  hydrogen  fuel  to  regeneratively  cool  critical  surfaces,  which  would 
otherwise  guickly  lose  their  strength  and  melt  at  the  temperatures  generated  even  on 
a  streamlined  body  at  near-orbital  speeds  in  the  upper  atmosphere.  After  the 
hydrogen  has  been  used  for  cooling,  it  is  imperative  that  the  resultant  thermal 
energy  be  recouped  by  using  the  high  temperature  propellant  in  the  engine  and  thus 
increase  the  delivered  performance. 


One  additional  heat  load  must  be  considered  when  rockets  are  combined  with  the  air 
breathers,  and  that  is  the  requirement  to  cool  the  rocket  thrust  chamber/nozzle.  On 
a  performance  basis,  the  most  beneficial  rocket  cooling  method  is  to  regeneratively 
cool  these  components  so  that  the  heat  absorbed  by  the  wall  is  pumped  back  into  the 
fuel.  This  increase  in  fuel  enthalpy  thus  compensates  for  the  energy  reduction  in 
the  thermal  boundary  layer  of  the  combustion  gases.  However,  regenerative  cooling  of 
the  rocket  components  requires  that  the  temperature  of  the  fuel  be  kept  below  a  limit 
determined  by  the  maximum  material  operating  temperature  plus  the  bulk  temperature 
rise  of  the  fuel  in  the  regenerative  cooling  circuit.  This,  in  turn,  limits  the 
amount  of  heat  that  can  be  absorbed  by  the  rocket  fuel  from  the  actively  cooled 
airframe  surfaces  and  other  components  of  the  propulsion  system. 

Lightweight.  High  Temperature  Materials  -  To  withstand  the  temperatures  for 
hypersonic  flight,  materials  will  have  to  be  lightweight,  i.e.,  high  strength  to 
weight  ratio,  and  retain  their  structural  properties  even  in  the  very  high 
temperature  hypersonic  environment.  Candidates  include  ceramic  matrix  composites, 
metal  matrix  composites,  and  carbon/ carbon  with  oxidization  coatings.  Besides  high 
temperature  strength  properties,  sufficient  ductility  will  be  required  to  accommodate 
the  thermal  strains  and  provide  the  cycle  life  necessai^  to  meet  the  reusability 
requirements  of  future  space  launch/hypersonic  cruise  vehicles.  Also,  the  materials 
used  will  have  to  be  readily  fabricated  with  Integral  coolant  circuits.  Finally, 
these  materials  for  combined  cycle  engines  will  have  to  meet  the  demands  of  variable 
geometry,  necessary  for  air  breathing  inlets,  combustors,  and  nozzles  over  the  flight 
spectrum  from  sea  level  static  to  low  earth  orbit.  Properties  associated  with 
sliding  friction  and  sealing  such  as  lubricity  and  surface  finish  have  to  be 
compatible  with  the  geometry  variations  required. 


Concluding  Remarks 

Air  breathing  hypersonic  propulsion  systems  are  being  studied  and  are  currently 
in  the  technology  validation  phase.  Demonstrators  that  will  validate  the  technology 
for  both  space  launch  and  hypersonic  vehicles  are  scheduled  for  initial  flight  within 
the  present  decade. 

Because  they  use  the  air  within  the  atmosphere  for  a  large  fraction  of  the  total 
amount  of  required  oxygen,  they  show  promise  of  a  large  reduction  in  vehicle  take-off 
weight  and  total  cost,  when  compared  to  an  all  rocket  system.  For  missions  requiring 
exoatmospheric  flight  and  even  for  flight  within  the  atmosphere,  the  benefits  of 
rockets  are  great  enough  to  assure  that  combined  air  breathing-rocket  propulsion 
systems  will  be  developed  and  become  operational  in  the  early  part  of  the  Twenty- 
First  Century. 
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The  engine  development  challenges  for  this  type  of  propulsion  are  beyond  those 
faced  by  either  air  breathing  or  rocket  designers  in  the  past.  The  following  list 
are  considerations  for  those  who  are  at  the  cutting-edge  of  this  new  frontier  for 
aerospace  propulsion. 


e  Stable  operation  over  wide  operating  range 

e  High  performance  over  wide  operating  range 

e  Thermal  management  including  active  cooling 

e  Advanced  composite  materials 

e  High  response  control  system 

e  Low  density,  cryogenic  hydrogen  fuel 
e  Propulsion/vehicle  integration 

e  System  operation  with  combined  air  breathers  ft  rockets 
e  Verification  of  design  analysis  techniques 
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illlllll 

Extensively  utilizing  a  special  advanced  airbreathing  propulsion  archives  database,  as  leell  as  direct  contacts  with  Individuals  who  were 
active  in  the  field  in  previous  years,  a  technical  assessment  of  cryogenic  hydrogen-induced  air-liquefactioit,  as  a  prospective  onboard 
aerospace-vehicle  process,  was  performed  and  documented  in  1986  (U.S.A.  context).  This  paper  summarizes  the  resulting  assessment 
report  prepared  under  U.S.  Air  Force  sponsorship.  It  presents  technical  findings  relating  the  status  of  air-liquefaction  technology,  ca. 
Iale-t960e,  both  as  a  singular  technical  area,  and  also  as  that  of  a  'cluster*  of  collateral  technical  areas  including:  Compact  lightweight 
cryogenic  heat-exchangers;  Heat-exchanger  atmospheric-constituents  fouling  alleviation;  Para/ortho  hydrogen  shift-conversion 
catalysts;  Hydrogen  turbine-expanders,  cryogenic  air-compressors  and  liquid  air  pumps;  Hydrogen  recycling  using  slush  hydrogen  as 
heat  sink;  Liquid  hydrogen/liquid  air  rocket-type  combustion  devices;  Air  collection  and  enrichment  systems  (ACES);  and 
Technically-related  engine  concepts. 


by 
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ABSTRACT 


BACKGROUND 


The  Advent  of  Besle  LACE 


With  the  advent  of  liquid  hydrogen  as  an  operational  aerospace  vehicle  propulsion  fuel^*,  roughly  in  the  mid-1950s,  researchers  at  The 
Marquarrlt  Company  devised  a  unique  propulsion  cycle  predicated  on  the  unique  ciyogenic  heat-sink  qualities  of  this  fuel.  It  v.'.  "rferred 
to  as  the  Liquid  Air  Cycle  Engine  (LACE)^.  A  simple  schematic  of  this  engine  type  is  presented  in  Figure  1.  Conventionally  referred  to  as 
'Basic  LACE*  (to  distinguish  It  from  the  large  number  of  related  concepts  since  described),  this  concept  utilized  the  low-temperature, 
large  heat-sink  characteristics  of  its  liquid  hydrogen  fuel  in  a  heat-exchange  process  with  inlet-processed  air  to  be  utilized  in  the 
combustion  process,  to  cool  and  ultimately  liquefy  that  air.  The  rationale  for  liquefying  the  air  was  to  permit  it  to  be  pumped  to 
high-pressure  by  means  of  a  lightweight/low-shaftpower  liquid  pump,  of  the  type  used  in  liquid-propellant  rocket  engines,  rather  than  a 
conventional  ambient-temperature  air  compressor  of  the  type  used  in  turbojet  engines.  These  latter,  by  comparison,  are  physically 
large  and  heavy  pieces  of  rotating  machinery,  requiring  large-shaftpower  driving  means  (e.g.,  high-output  multistage  turbines). 


As  reflected  in  the  schematic  diagram,  once  pumped  to  high  pressure  (ranges  of  10  to  100  atmospheres  were  targeted),  the  liquid  air 
was  injected  into  a  rocket-type  combustion  chamber/nozzle  unit,  i.e.,  a  rocket-type  thrust  chamber.  In  effect,  a  liquid  air/liquid 
hydrogen  rocket  engine  is  achieved  in  the  LACE  concept,  in  which  the  oxidizer  is  advantageously  supplied  from  the  atmosphere,  rather 
than  from  a  vehicle  propellant  container.  The  appealing  consequence  to  performance  is  that  only  the  fuel  mass  flow  is  counted  in  the 
determination  of  specific  impulse,  rather  than  both  fuel  and  oxidizer  as  is  the  case  with  rocket  engines.  The  oxidizer  is  considered 
'free*. 


However,  as  clear  from  the  schematic,  the  weight  and  concomitant  complications  of  two  major  pieces  of  equipment  not  required  by 
rocket  engines  are  now  required;  an  air-induction  subsystem  ('intake')  and  a  air-liquefaction  heat-exchanger  subsystem.  These 
represent  non-trivial  'costs*  for  this  non-tanked  source  of  oxidizer.  For  one  thing,  the  thrust/weight  ratio  achievable  with  LACE  is 
extensively  reduced  from  the  ca.  50-100:1  range  of  liquid  rocket  engines.  For  another,  since  the  engine  must  be  operated  within  the 
atmosphere,  unlike  a  rocket-powered  launch  vehicle,  which  typically  exits  the  atmosphere  in  the  low-supersonic  speed  regime,  a  rather 
different  vehicle  ascent  trajectory  is  now  required.  This  flight  path  will  be  characterized  by  relatively  high  aerodynamic  structural  and 
aeroheating  loads  which  must  now  be  sustained  by  the  vehicle  and  its  propulsion  system. 

The  specific  impulse  for  Basic  LACE  is  usually  stated  to  be  in  the  range  of  1000  seconds,  again  on  a  fuel-only  mass-flow  basis,  more  than 
doubling  that  of  hydrogen/oxygen  rocket  engines.  But,  very  significantly,  this  is  very  substantially  below  the  performance  of  an  optimal 
hydrogen-fueled  airbreathing  engine,  say  a  turbojet-  cycle  machine,  for  which  the  range  of  5000-7000  seconds  would  be  anticipated, 
depending  mainly  on  stoichiometry.  The  cause  for  this  variance  is  mainly  a  fundamental  constraint  associated  with  the  basic 
hydrogen-induced  air-liquefaction  process:  in  Basic  LACE  much  more  than  a  unity  equivalence  ratio  (stoichiometric)  amount  of  liquid 
hydrogen  fuel  is  requir^  to  liquefy  the  air,  typically  a  factor-of-eight  more. 

As  will  be  seen,  much  of  the  technology  development  work  to  be  summarized  here,  was  dedicated  to  various  innovative  schemes  to  get 
around  this  intrinsic  cycle  limitation.  A  description  of  these  technical  approaches,  in  effect,  provides  a  basic  'theme*  for  the  present 
paper.  Also,  several  propulsion  systems  which  utilize  the  many  technologies  brought  forward  for  this  purpose  (performance 
improvemont)  are  to  be  described.  One  of  these,  SuperLACE  was  purported  to  achieve  full  obviation  of  the  equivalence-ratio  constraint 
intrinsic  to  Basic  LACE  by  integrating  a  numbr  of  the  de-richening  approaches  and  technologies  to  be  considered  in  this  paper. 

Advenced  Alrbreethlng  Propulefen  Archival  Database  (Utilized  In  the  Asaassmant) 

In  early  1984,  the  Plans  Office  of  the  AFWAL  (Air  Force  Wright  Aeronautical  Laboratories)  Aero  Propulsion  Laboratory"  , 
Wright-Pattsfson  Air  Force  Base,  took  initial  steps  to  reassess  the  application  of  advanced  airbreathing  propulsion  lor  Earth/orbit  space 
transportation  missions.  Historically,  rocket  propulsion,  solely,  has  been  utilized  for  launch-rspace-vehicle  propulsion.  However,  some 
i^iution  studies  and  a  certain  amount  of  technology  development  effort  in  support  of  the  airbreathing  launch  alternative  had  been 
conducted  in  the  1955  -  1965  period.  Since  then,  this  RAD  effort  dropped  to  less  than  a  'sustaining*  level.  Consequently,  it  was  judged 
that  not  much  of  subsunce  had  been  accomplished  on  the  aiibreatNng  option  for  Earth/orbit  space  transportation  systems  in  the  last  two 
decades,  judging  from  the  available  technical  literatura,  as  well  as  from  personal-contacts  with  those  who  had  worked  in  the  field 
earlier. 

Now  the  Aero  Propulsion  and  Poster  Laboratory, 

*  aupetacripts  rater  to  retersncss  lislsd  at  ttte  and  of  the  text  section  of  the  paper.  Wright  Research  and  Oavelopmant  Canter  (AFSC) 
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With  a  renewal  of  interest  in  aovanced  propulsion  systems  for  Earth-to-orbit  transportation,  and  in  recognition  of  this  past  work,  the 
need  to  establish  an  archivad  data  base  became  apparent.  The  technical  reports  of  twenty  years  earlier  might  have  very  considerable 
value  in  advancing  plans  for  new  propulsion  systems.  This  documentation  acquisition  step  was  mechanized  about  mid-1984  by  the  Aero 
Propulsion  Laboratory  through  a  contracted  task  by  Battelle  Memorial  Institute's  Columbus  Division,  assisted  through  a  subcontract  to 
the  Astronautics  Corporation  of  America's  Technology  Center.  As  a  consequence,  the  ’Advanced  Airbreathing  Propulsion  Archives  Data 
Base*  was  established  by  late  1984  at  Battella,  with  an  initial  set  of  technical  documents  having  been  acquired,  and  suitably  indexed  and 
abstracted. 

A  very  evident  technical  topic  in  these  archival  documents  is  the  present  subject  of  cryogenic  hydrogen-induced  air  liquefaction  and  its 
directly  related  set  of  technologies.  Appropriately,  the  ’archives*  were  extensively  consulted  in  the  preparation  of  the  assessment 
report^  which  this  paper  attempts  to  summarize.  As  covered  above,  the  initial  propulsion  system  application  involved  was  the  Basic 
LACE  (Liquid  Air  Cycle  Engine).  Subsequently,  in  support  of  the  Air  Force's  multifaceted  ’Aerospaceplane’  program  of  that  time-period, 
substantial  funding  was  applied  to  support  application  studies  of  advanced  variants  of  LACE  (e.g.,  SuperLACE),  selected  experimental 
technology  development  efforts,  and  a  limited  hardware  system  demonstrations  of  LACE  itself,  and  key  aspects  of  the  Air  Collection  and 
Enrichment  System  (ACES).  Additional  component  and  subsystem  technology  development  work  was  accomplished  under  this  aegis,  as 
well,  e.g., production  and  characterization  of  ’slush  hydrogen*. 

This  work  was  conducted  mainly  in  the  early  and  mid-1960s  at  numerous  airframe,  engine,  and  selected  aerospace  subsystem 
manufacturers'  facilities,  as  well  as  at  certain  Government  laboratories.  Also,  a  number  of  non-aerospace  firms  were  involved. 
Subjected  to  a  sharply  decreased  funding  level  past  1965,  this  work  virtually  ceased  shortly  thereafter.  Certain  related  systems  studies 
continued  into  the  late  1960s,  but  there  were  no  further  experimental  hardware  developments  of  note. 

‘  Now  the  Aero  Propulsion  and  Power  Laboratory,  Wright  Research  and  Development  Center  (AFSC) 

Background  of  Special  Assesament  (Summarized  In  this  Paper) 

Consistent  with  the  formation  of  the  advanced  airbraathing  propulsion  archives  database,  the  present  assessment  was  initiated  in 
lata-1985,  as  a  subcontracted  facet  of  the  Aero  Propulsion  Laboratory's  contracted  activity  performed  by  the  Dayton,  Ohio,  office  of 
Science  Applications  International  Corporation  (SAIC),  under  Ak  Force  prime  contract  F33615-84-C-0100.  The  presently  reported  work 
was  conducted  under  SAIC  subcontract  by  the  Astronautics  Corporation  of  America  (ACA),  at  its  Madison,  Wisconsin,  Technology 
Center.  The  present  author  was  responsible  for  this  activity  as  a  former  employee  of  ACA. 

A  significant  highlight  of  the  assessment  process  was  the  Air  Liquefaction  Technology  Technical  Exchange  Meeting  which  was  sponsored 
under  ACA's  subcontract.  By  special  invitation,  some  twenty  persons  having  directly  applicable  experience  in  one  or  more 
air-liquefaction  related  technology  area  participated  in  this  two-and-a-half  day  event  It  was  held  at  ACA's  Technology  Center  in  Madison 
on  6-8  May  1986.  The  numerous  expert  presentations  given  during  the  meeting  contributed  directly  to  the  final  assessment  report^, 
which  was  compiled  and  given  limited,  restricted  distribution  in  the  Fall  of  1986.  The  present  paper  is  an  unrestricted  summary  of  that 
report. 


INTRODUCTION 

An  Interreleted  ’Cluster''  of  Diverse  Technologies 

The  cryogenic  hydrogen-induced  air-liquefaction  technical  arena,  viewed  broadly,  constitutes  not  so  much  a  single  monolithic  technology, 
but  rather  a  set  of  interrelated,  sometimes  disparate  technologies,  based  upon  engineering  accomplishments  of  record.  Basically, 
systems-level  requirements  are  seen  to  dictate  which  technologies  are  to  be  drawn  upon,  and  how.  This  'cluster  of  diverse 
technologies’  characterization  is  reflected  graphically  in  Figure  2. 

Along  the  lines  of  this  portrayal,  each  of  these  technologies  were,  in  the  basic  assessment,  briefly  characterized  and  interrelated  with 
other  technologies  in  the  context  of  advanced  propulsion  system  possibilities.  This  is  summarized  in  this  introduction  using  the  following 
organizational  structure: 

1 .  Compact  Cryogenic  Heat  Exchangers  and  Atmospheric  Constituent  Fouling  Alleviation 

2.  Increasing  the  Refrigerative  Effect  of  Cryogenic  Hydrogen 

3.  Air  Collection  and  Enrichmertt  System  (ACES) 

Specific  technological  topics  (i.e.,  many  of  those  named  in  Figure  2)  will  now  be  individually  introduced  under  the  above  named  functional 
headings.  For  example,  para/ortho  hydrogen  shift-conversion  catalysis  is  to  be  covered  as  an  important  "refrigeration  enhancement’ 
measure  (hem  2,  above). 

1.  Compael  Cryogenic  Heat  Exchangara  and  Atmoapfierlc  ConsIHuent  Fouling  Alleviation 

Central  to  this  ‘cluster*  of  technical  areas  (Figure  2)  is  the  basic  hardware  means  of  conducting  the  air-liquefaction  process: 
crvoganic-hvdroaan/air  heat  exchangers.  Closely  associated  with  air-liquefaction  heat  exchangers  is  the  problem  of 
almosoherjc-conslituent  fouling  and  means  for  its  alleviation.  The  atmospheric  constituents  in  question  include  water  vapor  and  moisture, 
the  latter  in  the  form  of  both  small  and  large  water  droplets  (e.g.,  clouds  and  precipitation,  respectively).  Other  constituents  which  can 
impair  heat  exchanger  operation  include  carbon  dioxide  and  argon,  both  found  naturally  in  the  Earth's  atmosphere.  The  principal  fouling 
mechanism  is  the  formation  of  solids  (e.g.,  water  ice)  on  the  active  heat-exchange  surfaces.  This  significantly  reduces  the  heat-transfer 
effectiveness  (usually  represented  by  a  heat  transfer  coefficient)  and  can  also  physically  block  airflow  passages.  Both  effects  degrade 
heat  exchanger  performance,  reducing  the  amount  of  air  liquefied  by  a  given  amount  of  hydrogen.  In  fact,  heat  exchanger  operation  can 
even  be  terminated  by  this  fouling  action. 

2.  Increaaing  the  Rsfiigaralive  Efted  of  Cryogenic  Hydrogen 

A  number  of  technologies  closely  associated  with  air  liquefaction  relate  to  the  important  performance  objective  of  increasing  the 
’refrigeration  effect’  of  hvdrooen  as  the  direct  means  of  liquefying  Increasing  amounts  of  air  (via  heat  exchange)  for  a  given  amount  of 
hydrogen.  This  need  stems  from  the  critical  limitation  implied  in  the  inherent  over-rich  operation  of  elemental  air  liquefaction  cycles 
(i.e.,  too  much  fuel  per  unit  air  oxidizer).  Functionally,  this  is  a  consequence  of  a  basic  heat-exchange  constraint  to  be  discussed,  namely 
it  lakes  far  more  hydrogen  (as  refrigerant)  to  liquefy  a  specific  quantity  of  air,  than  is  needed  to  combust  with  the  resulting  liquefied  air 
at  stoichiometric  conditions,  i.e.,  that  ’chemicalty  correct’  mixture  ratio  leading  to  maximum  combustion  product  temperatures.  This 
means  that  the  associated  propulsion  system  must  be  operawd  very  fuel-rich.  Generally  speaking,  propulsion  system  performance  is 
maximized  at,  or  near,  stoichiometric  conditions.  Consequently,  this  ’forced’  fuel-rich  operation  detracts  from  performance,  in  fact 
very  sfgnifleantly  so  as  indtealed  in  Pie  case  of  Basic  LACE. 


To  repoat,  tha  saliant  propulsion  system  ramification  of  this  over-rich  operation  is  much  lovrer  than  maximum-possible  specific  impulse 
levels.  Thus,  there  is  a  strong  incentive  to  *de-richen*  the  cycle  by  increasing  the  refrigeration  effect  of  the  available  hydrogen.  Five 
examples  of  quite  different  refrigeration-enhancement  technologies  of  this  kind  are  listed  belOMr  and  discussed  in  the  main-text  section  of 
the  paper. 

•  Para/ortho  hydrogen  conversion  catalysis 

•  Hydrogen  turbine  expanders  and  cryogenic  air  compressors 

•  Hydrogen  recycle  operation,  requiring  subcooled  tanked  hydrogen  (e.g.,  ‘Slush*) 

•  Liquefaction  of  only  pan  (or  none)  of  the  intake  air 

•  Incorporation  of  a  liquid  air  regenerator  boiler  unit 


3.  Air  Collection  and  Enrichment  System  (ACES) 

Mention  has  been  made  of  the  'air  collection'  approach  in  vrhich  liquefied  air  Is  collected  in  flight,  processed  onboard,  and  stored  in 
vehicle  cortainers  for  subsequent  use  in  effecting  powered  flight  over  the  remaining  mission  profile  (e.g.,  ascent  to  orbit),  rather  than 
being  immediately  consumed  in  the  engine.  Such  stored  liquid  air  could,  in  principle,  be  used  to  operate  a  'post-collect'  propulsion  mode 
for  further  acceleration  as  a  liquid  air/hydrogen  rocket,  capable  of  operating  in  both  the  atmosphere  and  in  the  space  environment.  Such 
a  system  was  initially  proposed  by  the  Marquardt  Company,  ca.  1956,  being  dubbed  the  'Air  Hoarder*  process.  However,  mainly  because 
of  the  preponderant  inert  nitrogen  fraction  in  liquid  air,  leading  to  low  specific  impulse  rocket  performance,  this  stored  liquid  air 
approach  was  ultimately  judged  to  be  of  little  interest. 

Researchers  at  General  Dynamics'  Convair  Division  late-  revived  this  approach,  in  effect  giving  it  new  life,  with  an  ir>novative  concept. 
This  was  based  on  separating  the  liquid  air  into  its  two  basic  constituents,  oxygen  and  nitrogen.  The  inert  nitrogen  was  disposed  of 
overboard  during  the  collect  mode,  while  the  remaining  'liquid  enriched  air'  (LEA)  was  to  be  stored  aboard  the  vehicle.  LEA  is 
essentially  liquid  oxygen  (typically  at  90-percent  purity,  the  remainder  being  nitrogen). 

The  key  to  this  air  collection  and  enrichment  system  (ACES)  approach  was  developmental  success  with  the  air  separation  (enrichment) 
device  to  be  carried  onboard  the  vehicle.  Several  technical  approaches  were  developed,  as  will  be  discussed  later.  .  The  General 
Dynamics  researchers  took  steps  to  patent  one  separator  approach,  the  rotating  cryogenic  distillation  device,  later  carried  to  the 
full-scale  boilerplate  hardware  stags  by  Linde  Division  of  Union  Carbide  Corporation.  Their  concept  will  be  described  later  (later  Figures 
9  and  tO). 


LIGHTWEIGHT  COMPACT  CRYOGENIC  HEAT-EXCHANGERS 
Heat  Exchanger  Technology 

Hydrogen-induced  air  liquefaction  technology,  to  be  a  practicable  advanced  aerospace  propulsion  system  approach,  assumes  that  a 
number  of  supporting  technologies  at  the  component  and  subsystem  level  can  be  developed  and  suitably  Integrated.  The  specific 
technologies  vary  with  the  basic  propulsion  system  design  approach.  However,  there  is  one  fundamental  technology  which  is  pivotol  in 
importance  for  a/I  of  the  leading  system  approaches:  lightweight,  compact  cnrooenic  heat  exchanger  subsystems.  This  provides  the 
hardware  basis  for  the  cooling  and  liquefaction  of  air  using  liquid  hydrogen  as  the  coolant  or  refrigerant. 

Figure  3  reflects  the  key  parameters  of  interest  In  the  basic  cryogenic  hydrogen/air  heat  exchange  process  under  consideration.  As 
suggested  in  Figure  1  (Basic  LACE),  the  heat  exchanger  is  conventionally  broken  down  into  two  physically  separate  units,  a  precooler, 
which  removes  the  sensible  heat  from  the  air  through  heat  exchange  with  the  hydrogen,  and  a  condenser  which  removes  the  latent  heat  of 
condensation,  liquefying  and  perhaps  subcooling  the  air  somewhat  prior  to  its  passage  into  the  sump  from  which  it  will  be  admitted  to  ine 
liquid  air  pump  (again,  see  Figure  1).  A  counterflow  heat-exchange  process  was  pursued,  that  Is  the  air  and  hydrogen  flowed  'against 
each  other'  in  opposite  directions.  The  fundamental  thermodynamic  constraint  which  ramifies  into  the  intrinsic  highly  fuel-rich  nature  of 
the  Basic  LACE  system  discussed  above  is  that  of  a  'temperature  pinch*  effect  in  the  condenser.  In  maintaining  a  sufficient  'driving 
delta-T'  throughout  the  heat-exchange  process,  a  minimum  practical  temperature  differential  of  the  order  of  5  to  15  degrees  (Celcius) 
must  be  allowed  for  at  the  pinch  region  (upstream  and  downstream,  larger  temperature  differences  then  occur).  For  this  condition,  in  a 
practical  heat  exchanger,  it  works  out  that  only  about  one-eighth  the  amount  of  liquid  air  is  produced  as  that  required  for  stoichiometric 
combustion  with  the  hydrogen  fuel  (and  refrigerant). 

Typically,  bare-  or  finned-tube  tube-and-shell  (hydrogen  within  the  tubes)  or  plate-fin  construction  was  considered  for  the  precooler 
and  condenser  assemblies.  Airflow  was  usually  directed  across  the  face  of  the  tubes  as  shown  in  Figure  4.  The  tubular  units  investigated 
were  of  both  in-line  and  staggered  configurations  (with  respect  to  the  airflow  path).  The  principal  firms  performing  heat-exchanger 
work  at  the  time  of  aerospaceplane  were  Allied  Signal  Aerospace  (then  Garrett  AiResearch),  who  accomplished  most  of  the  experimental 
fabrication  and  some  of  the  testing,  and  Marquardt,  who  carried  out  major  component-level  and  syslem-ng  testing.  Numerous  types  and 
patterns  were  initially  screened  in  hot-water/air  characterization  tests,  prior  to  fabricating  larger  units  complete  with  headers  and 
manifolds.  Several  materials  were  used  in  fabricating  experimental  units,  aluminum,  stainless  steel  and  nickel.  Aluminum  alloy 
construction  was  generally  favored,  with  tube  diameters  of  about  3  mm  (t/8  in)  and  wall-thicknesses  ranging  from  the  order  of  0.1  to 
0.3  mm. 

A  representative  cross-counterflow  tube-and-shell  arrangement  is  shown  in  Figure  5.  'Fluid  f  is  cryogenic  hydrogen  and  'Fluid  2*  is 
air.  Units  of  this  type,  fabricated  by  Allied  Signal,  were  tested  at  Marquardt's  Research  Field  Laboratory  at  Saugus,  California  in  setups 
of  the  type  shown  in  Figure  6.  Evacuated  perlite-insulated  casings  were  used  to  thermally  isolate  the  heat  exchanger  in  vertical  rig 
testing.  Note  that  the  air  supply  was  typically  'tanked*  air  which  was  dried  (of  moisture)  prior  to  being  admitted  into  the  test  hardware, 

thus  conveniently  obviating  any  icing  problems  in  the  system-level  testing  (upper  sketch.  Figure  6).  However,  when  ambient  air  was 

processed,  severe  icing  problems  were  met  (lower  sketch). 

These  small-scale  (10  x  10  cm  cross-sectional  area)  heat-exchanger  elementr.  were  tested  both  as  components  and  in  the  context  of  an 
overall  operating  system  (lower,  and  upper  sketches  of  Figure  6.  respectively).  The  liquid  air  produced  was  pumped  to  combustor 

operating  pressure  by  an  electrically  driven  centrifugal  pump.  Tha  highHght  of  this  work  was  the  full  operation  of  a  small-scale  LACE 

system  in  which  the  thrust  chamber  (8  x  to  cm  rectangular  cross-section)  was  successfully  operated  for  several  minutes*. 
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Atmeaphcrte  Constituent  Fouling  of  tho  Hoat-Exchangor 

As  montioned  in  tho  introduction,  a  salient  operational  problem  of  such  heat  exchangers  is  atmoanhnfif:  constituent  fouling  e.g., 
atmospheric  moisture  freezing  out  within  the  heat  exchanger,  reducing  its  effectiveness  and  even  blocking  further  airflow  through  the 
system.  Other  potential  contaminants  ate  carbon  dioxide  and  argon,  the  contaminant  of  concern  being  a  strong  function  of  the  propulsion 
system  type  and  flight  conditions  involved.  For  example,  water-icing  was  the  key  problem  for  Basic  LACE,  whereas  COg  fouUng  was  of 
greater  concern  to  air-collect  schemes  (ACES). 


Water  icing  of  heat  exchanger  heat-transfer  surfaces  (e.g.,  tubes,  fins,  plates)  is  the  primary  fouling  problem  in  air-liquefaction 
systems  artiich  operate  in  the  early  acceleration  flight  profile,  that  is,  from  launchrtakeoff,  through  relatively  low  altitudes,  where 
atmospheric  water  content  is  concentrated.  Excluding  rainfall  or  in-cloud  operating  conditions  for  tho  moment,  tho  most  challenging 
atmospheric  conditions  for  water  ice-fouling  of  heat  exchangers  would  be  a  sea  level  pressure,  hot,  100-percent  relative  humidity 
situation.  If  "all  weather*  vehicle  operational  capability  is  to  be  achieved  in  addition,  the  icing  situation  would  be  further  aggravated  by 
an  ascent  encounter  with  rain  and  clouds.  Means  of  physically  stripping  water  droplets  from  tho  intake  airflow  and  possibly 
water-streams  from  vehicle  surfaces  upstream  of  the  inlets  would  be  necessary  in  these  instances. 

Atmosfrfwric-constituent  carbon  dioxida  and  argon  fouling  phanomerM,  on  the  other  hand,  were  conskterad  to  be  mainly  assodatod  with 
high-altitude,  high-speed  air  liquefaction  as  employed  in  the  case  of  onboard  air  collection  typo  systems,  e.g.,  ACES  (Air  Collection  and 
Enrichment  System;  see  later  discussion).  Under  typical  air-collect  flight  conditions,  say  Mach  3  and  above  15,000  m,  atmospheric 
water  content  (in  terms  of  the  water-to-air  mass  ratio)  is  several  orders  of  magnitude  lower  than  at  sea  level.  Hence,  tho  C02/argon 
constituents  are  then  of  dominant  concern,  overshadowing  the  effect  of  water  icing. 

Nunrterous  heat  exchanger  fouling  alleviation  measures  have  been  considered  and  several  methods  have  been  demonstrated 
experimentally.  Among  these  are  variations  on  surface  finish  and  coatings  (e.g.,  tube-surfaces  which  are  "slippery"  to  prevent  Ice  from 
clinging),  element  vibration  or  shocking  to  disengage  solids,  pulsed  or  cyclic  flow  changes,  and  various  types  of  additives  to  the  air 
stream.  In  addition,  numerous  new-and-novel  ideas  have  been  proposed  along  the  way,  and  there  seems  to  be  much  room  for  development 
of  effective  alleviation  approaches. 


Potential  Problem  of  Hydrogen  Leakage  Within  the  Heat  Exchanger 

In  pursuing  practical  heat  exchanger  hardware,  with  literally  hurtdreds-of-meters  of  tube  lengths,  and  large  multitudes  of  connections 
(e.g.,  tube/header  joints),  the  possiblity  of  higher-pressure  hydrogen  leaking  internally  into  the  airstream  being  processed  looms  as  a 
large  problem.  This  could  create  a  fire  or  explosion  hazard.  Faulty  joints  which  might  "open  up*  under  the  stress  of  operation,  cracks 
and  porosities  in  the  materials  of  construction,  and  numerous  other  failure  modes  (e.g.,  foreign  object  intrusion)  must  be  addressed  and 
successfully  countered  if  safe  and  isliable  propulsion  flight  equipment  is  to  be  achieved. 


INCREASING  THE  REFRIGERATIVE  EFFECT  OF  CRYOGENIC  HYDROGEN 

It  will  be  recalled  from  the  background  discussion  that  a  severe  performance  penalty  is  experienced  in  the  Basic  LACE  system  due  to  its 
very  fuel-rich  operation,  versus  that  potentially  available,  were  the  cycle  to  be  operated  at  stoichiometric  conditions,  namely  1000  vs 
5000-7000  seconds  of  specific  impulse.  This  situation  is  attributed  to  that  fundamental  heat-exchange  pinch-temperature  condition  in 
the  air  condensing  part  of  the  exchanger  discussed  earlier.  Under  die  second  topic  covered  in  the  introduction,  a  number  of  methods  for 
ameliorating  this  problem  have  been  assessed.  The  leading  examples  are  now  discussed  topic  by  topic. 

Para/Ortho  Hydrogen  Shift  Conversion  Catalysts 

Molecular  hydrogen  exists  in  one  of  two  forms  with  respect  to  its  atomic-nucleus  spin  orientation.  Para-hydrogen,  the  lower 
energy-state  form,  has  a  same-rotation  arrangement,  while  ortho-hydrogen  has  an  opposite-rotation  orientation.  In  other  words, 
para-hydrogen  nuclei  have  parallel  spin-vectors,  whereas  ortho-hydrogen  nuclei  have  opposing  spin-vectors.  As  shown  in  Figure  7,  tho 
equilibrium  para/ortho  composition  varies  with  the  temperature  of  tho  hydrogen.  At  ambient  temperatures  (and  higher)  "normal* 
hydrogen  is  approximately  75-percent  ortho-content  and  25-percent  para-content.  At  normal  boiling-point  liquid  conditions  (20  K,  36  R), 
the  equilibrium  material  is  essentially  100-percent  para-form. 


Liquid  hydrogen  as  conventionally  produced  arxl  delivered  to  the  user  is  essentially  100-percent  para-form  material.  The  reason  for  this 
is  that,  ware  hydrogen  to  be  liquefied  at  its  "nomal*  75/25  ortho/para  makeup,  it  would  be  in  a  non-equilibrium  state.  With  the  passage 
of  time  (measured  in  hours)  the  higher  energy-level  ortho  state  molecules  would  spontaneously  shift  to  the  para  form,  and  in  so  doing 
release  heat.  Thus  heated,  the  liquid  hydrogen  would  fairly  quickly  boil  away  into  vapor  and  (normally)  be  lost.  Thus,  there  would  be  a 
gross  loss  of  "storability*  of  the  liquid  hydrogen  due  to  the  resultant  intemai  heating  effect.  For  this  reason,  in  the  production  process 
as  hydrogen  is  being  cooled  and  liquefied,  ortho/para  shift  conversion  catalysts  are  used  to  accelerate  the  otherwise  much-slower 
spontaneous  shift.  Additional  refrigeration  is  provkM  to  remove  the  ortho-to-para  conversion  internal  heat  generation. 

Thus,  there  Is  a  non-sensible/non-latent  refrigerative  heat-sink  "built-into*  liquid  hydrogen  which  can  be  potentially  tapped  to  increase 
the  hydrogen's  refrigerative  effect  in  the  heat-exchange  process  with  air.  If  the  para-to-ortho  shift,  allowed  for  by  the  rising 
temperature  of  the  hydrogen,  can  be  implemented,  some  part  of  this  "built  in*  shift-conversion  heat  sink  can  be  capitalized  upon  for 
additional  cooling  capacity.  In  terms  of  magnitude,  this  heat-sink  is  substantially  larger  than  hydrogen's  latent  heat  of  vaporization. 
That  is,  roughly  speaking,  as  much  low-temperature  cooling  can  be  accomplished  from  tho  para/ortho  shift,  as  can  bo  gotten  from  tho 
hydrogen  vaporization  process. 

To  accomplish  this,  oara/oriho  catalysis  of  hydrogen  can,  in  principlo.  bo  mechanized  in  tho  internal  hydrogen  flow  passages  of  tho  heat 
exchanger  to  significantty  enhance  the  cooling  capability  of  para-form  hydrogen  in  the  air  liquefaction  process.  This  catalytic  effect  could 
strongly  promote  the  endothermic  para-form  to  ortho-form  conversion  which  would  naturally,  but  far  too-slowly,  take  place  without 
catalysis  as  the  hydrogen  is  warmed  up  in  the  heat  exchange  process.  A  properly  selected  catalyst,  however,  can  very  positively  affect 
the  kinetics  of  this  conversion  process.  Otherwise,  the  conversion  would  not  occur  at  significant  levels  because  of  the  limited  hydrogen 
residence  times  in  realistic  heat-exchanger  and  engine  designs. 

Thus,  the  concept  of  physically  Incorporating  high-activity  para/onho-conversion  catalysts  Into  the  heat-exchanger  hardware  was 
developed.  Significant  research  was  carried  out  on  lightweight,  high-efficiency  para/ortho  shift-conversion  catalysts  in  support  of  this 
potential  means  of  augmenting  hydrogen's  refrigerative  effect.  This  approach  is  reflected,  for  example,  in  the  SuperLACE  system 
concept  diacuaaad  later. 
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Hydrogan  Turbin*  Expander* 

A  second  approach  for  enhancing  hydrogen's  refrigerative  effect  is  to  extract  enthaipy  (roughly,  the  'internal  energy  content*  of  a 
material)  from  the  hydrogen  by  causing  it  to  perform  work,  thus  recooling  it  for  a  distinct  refrigerative-effect  advantage.  An 
exempt^  enthalpy-extraction  technique  is  the  use  of  a  mechanical  work-producing  gas-expander  device,  for  flightweight  equipment, 
this  is  usuaNy  in  the  form  of  a  hvdrooan  turfaine  expander.  At  the  cost  of  a  measurable  pressure  drop,  the  temperature  level  of  the 
hydrogen  can  be  significantly  reduced,  thus  allowing  it  to  liquefy  mote  air  than  otherwise.  Since,  upstream  of  the  heat  exchanger,  the 
liquid  hydrogen  must  be  initially  pumped  to  some  elevated  pressure  level  in  most  practical  applications,  it  appears  that  this  pressure  drop 
requirement  can  usually  be  accommodated  with  minimum  penalties. 

A  distinct  advantage  of  the  turbine-expander  approach  is  the  resulting  output  of  shaftpower.  This  shaftpower  can  be  productively  used  to 
drive  pumps,  compressors  (see  next  section),  and  other  auxiliary  units  (e.g.,  electric  generators).  Design  work  accomplished  on 
air-liquefaction  based  engines  to  date  indicate  that  in  fact,  all  or  most  pump-power  requirements  can  be  provided  by  such  hydrogen 
expanders.  The  use  of  a  turbine  expander  is  reflected  in  the  SuperLACE  system  discussed  subsequently  in  the  paper;  see  later  Figure  14. 

Cryogenic  Air  Compressors  and  Liquid  Air  Pumps 

In  some  promising  propulsion  cycles  related  to  alr-llquefaction,  cryogenic  air  compression  machinery  can  be  productively  used. 
Compressing  the  very  cold  gaseous  air  requires  a  much  smaller,  lower-power  compressor  than  required  for  the  same  amount  of 
ambient-temperature  air.  The  'cryojer  family  of  concepts,  in  fact  avoids  the  final  liquefaction  step,  and  compresses  all  the  airflow  up 
to  combustor  entry  conditions,  thereby  avoiding  the  condenser  pirKh-temperature  problem  (the  heat-transfer  constraint  now,  however, 
moves  to  the  final  stages  of  precooling). 

Cryogenic  air  compression  can  also  assist  directly  in  air-liquefaction  dependent  concepts.  In  effect,  more  air  can  be  liquefied  once  it  is 
compressed  because,  both  the  condensing  temperature  is  raised,  artd  the  latent  heat  of  condensation  is  reduced  at  increasing  air  pressure 
levels.  The  archives  reveal  that  significant  study  attention  was  given  to  this  class  of  machine,  often  using  turbine-expander  drive  means, 
in  some  aerospaceplane  propulsion  schemes.  The  General  Electric  Company  examined  orte  and  two-stage  centrifugal-compressor  concepts 
as  reported  in  conjurtetion  with  the  Marquardt  work  on  overall  propulsion  systems.  This  represents  a  third  approach  for  leaning-out  the 
cycle. 

Essentially  all  liquid  air  using  propulsion  systems  require  liquid  air  pumps.  This  follows  from  the  fact  that  the  heat-exchanger  sump  from 
which  the  liquid  is  withdrawn  is  at  low,  often  subatmospheric  pressure.  To  bo  effectively  utilized  in  a  combustor  operating  at  elevated 
pressures,  a  pump  must  be  interposed  within  the  systems.  A  more-or-less  conventional  rocket  engine  type  turbopump  unit  will  meet  this 
requirement,  with  possibly  one  exception:  the  low  net  positive  suction  pressure  (NPSP)  requirement  just  referred  to.  This  may  signify 
special  inducer-technology  or  separate  boost-pump  needs.  Othenvise  today's  liquid  oxygen  pump  technology  should  be  directly  applicable 
to  achieving  a  high-performance,  lightweight  liquid  air  pump. 

Hydrogen  Recycling  (and  Slush  Hydrogen) 

A  fourth,  again  distinctively  different,  technical  approach  for  refrigerative-effect  enhancement  of  hydrogen  is  referred  to  as  hydrogen 
recycle  operation  (see  later  Figure  13  for  a  simplified  engine/vehicle  propellant  flow  schematic).  This  approach  is  usefully  applied  in 
certain  multimode-type  combined  cycle  engines  where  non-air-liquefaction  operation,  such  as  ramjet  mode,  using  hydrogen  as  fuel, 
follows  the  cessation  of  air-liquefaction  operation  during  flight.  Here,  additional  vehicle-tanked  hydrogen,  to  be  later  used  in  such 
non-liquefaction  modes.  Is  ’borrowed*  for  its  extra  refrigerative  effect,  thereby  augmenting  that  cooling  effect  of  the  hydrogen  being 
immediately  consumed.  This  extra  hydrogen,  considerably  warmed  up  in  the  air  condensation  process,  is  returned  to  the  vehicle  tank,  or 
recycled,  as  cold  gaseous  hydrogen. 

Within  the  tank,  the  recycled  hydrogen  gas  must  be  reliquefied  for  basic  containment  reasons  and  to  restore  it  for  subsequent  use  as 
pumpable  liquid  fuel,  e.g.,  to  fuel  higher-speed  ramjet/scramjet  mode  operation.  This  reliquefaction  is  conventionally  accomplished  by 
directly  distributing  and  injecting  the  recycled  warm^-up  gaseous  hydrogen  into  the  tanked  liquid  hydrogen.  Such  hydrogen  recycling 
requires,  naturally,  an  additional  heat  sink  beyond  that  available  in  saturated  (boiling)  liquid  hydrogen,  as  is  usually  the  tanked  hydrogen 
condition.  To  provide  this  heat  sink,  the  hydrogen  must  be  initially  in  a  subcooled  form.  To  maximize  the  amount  of  heat  sink  available, 
and  thereby  obtain  a  maximum  amount  of  recycled  hydrogen,  the  hydrogen  is  usually  specified  to  be  a  solid/liquid  mixture  at  its  triple 
point  temperature  (about  13  K,  25  R).  In  this  way  both  sensible  and  latent  heat-sink  is  added. 

This  mixture  is  descriptively  referred  to  as  slush  hydrogen  which  is  typically  at  a  50/50  mixture  ratio,  solid  to  liquid,  by  mass.  Figure 
8  reflects  the  normalized  (to  normal  boiling  point  [N8P]  liquid  hydrogen)  enthalpy  and  density  relationships  as  a  function  of  subcooling  and 
liquid/solid  mass  frrKtion.  As  can  be  seen  (left-hartd  scale),  slush  hydrogen  offers  an  additional  advantage  of  about  a  15-percent 
increase  in  fuel  density  over  conventionally-tanked  saturated  liquid  hydrogen  (leading  to  reduced  tank  volume  and  weight).  On  the  liability 
side,  facility  and  procedural  means  for  producing  and  maintaining  slush-form  hydrogen  must  ultimately  be  provided  for  in  a  practicable 
operational  setting.  This  potential  drawback  has  )ret  to  be  fully  explored  or  othenvise  quantified  in  terms  of  cost/benefit  aspects.  There 
are,  however,  new  technologies  on  the  horizon  which  may  be  advantageously  brought  to  bear  on  the  problem  (one  of  these  is  magnetic 
refrigeration®). 

Less  Than  Full-AIrflow-LIquetactlon  Systems 

Yet  a  fifth  approach,  this  time  involving  overall  ertgine  design  considerations,  increases  the  refrigerative  effect  of  the  hydrogen  in  terms 
of  reducing  the  relative  amount  of  air  being  refrigerated  (see  later  Figure  12  for  an  illustration  of  this  approach).  This  is  achieved  by 
selecting  other  than  100- percent  of  the  engine  airflow  to  be  liquefied.  Observing  that  it  is  the  air-condensing  step,  not  the  preceding 
air-pmcooling  slap,  which  establishes  the  amount  of  hydrogen  required  to  liquefy  the  air,  this  generic  approach  considerably  reduces  the 
low-temperature  demand  on  the  hydrogen,  allowing  it  to  operate  on  a  lesser  amount  of  air  than  othenvise  in  the  condenser,  particularly. 
This,  in  turn,  acts  to  lean  out  the  engine  cycle  -  the  critical  end-oi^tive. 

Numerous  design  variations  exist  in  the  pursuit  of  this  particular  approach,  including  the  following  examples: 

(1)  the  ervojat  family  of  engines,  such  as  versions  of  ’SuperLACE*  and  *PACE’  (Piecooled  Air  Cycle  Engine),  is  one  in  which  none,  or 
only  a  small  fraction,  of  the  processed  air  is  liquefied.  The  rest  of  the  air  is  maximally  cooled,  and  thereby  densified,  providing  tor 
much  more  compact,  iighterweight,  «<d  lower-power-  demand  air-compression  devices  than  conventionally  required  in,  say,  turbojet 
enginee  (see  above  discussion  of  cryogenic  air  compressors).  The  net  result  is  increased  performance  in  a  lighter-weight  engine. 

(2)  Solit-airflow  engines  have  been  cortceptualized  which  fractionalty  divide  the  airflow  into  both  a  liquefied  and  a  non-cooled  airstream, 
the  Hquefled  air  being  produced  by  cryogenic  hydrogen  heat  exchange,  pumped  to  pressure,  and  burned  with  hydrogen,  under  either 
fueFrich  or  stolchiomotric  conditions,  depending  on  the  design  (see  later  Figure  12  for  a  simplified  schematic  of  the  RamLACE  engine 
concept  which  is  based  on  this  approach).  This,  in  turn,  provides  the  means  of  compressing  the  non-cooled  airstream,  following  which. 
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th«  rtmainder  of  the  hydrogen  is  injected  and  burned.  Examples  include  the  Liquid  Air  Turboacceierator  (LATA)  and  the  RamLACE/ 
ScramLACE  concepts.  The  former  uses  a  conventional  mechanical  compressor,  the  latter  an  air-augmented  rocket  type  'jet  compressor*. 
(3)  Precooled  and/or  Intereooled  Turboacceleraiors  are  basically  conventional  turbojet/turbofan-based  engines  which  use  their  limited 
available  quantities  of  combustion  hydrogen  to  cool  the  airstream  somewhat,  increasing  its  density  to  achieve  advantages  similar  to 
those  of  cryojet  systems.  However,  near-saturation  conditions  are  not  approached  as  they  are  in  cryojets.  In  being  compressed,  the 
denser  air  allows  for  modest  reductions  in  compressor  hardware  size  and  power  extraction  requirements,  at  the  expense  of  the  weight 
and  airflow  pressure-drop  in  the  heat  exchanger  required. 

(4>  HvdtPOfln  Expander.  Reoetterative  Hydrogen  to  Turfaorocket.  Air  Turbo  Exchanger,  and  other  such  proposed  engine  types,  are 
technically  related  to  the  above  turbomachinery  based  systems,  but  they  differ  mainly  through  heat  addition  to  the  hydrogen  from 
combustion  processes,  sometimes  in  addition  to  heating  provided  by  high-speed  flight  intake  air  (see,  for  example,  the 
hydrogen-expander  engine  discussion  in  Reference  1).  Larger  quantities  of  compressor  shaftwork  can  be  extracted  through  subsequent 
turbine-expansion  with  such  hydrogen  heating,  following  which,  the  hydrogen  is  burned  in  the  engine.  These  systems  are  not,  however, 
usually  viewed  as  'air  liquefaction  related'  systems. 

Liquid  Air  Raganafater/Boiler 

Returning  to  the  various  methods  for  enhancirtg  the  refrigeration  effect  of  hydrogen,  a  sixth  design  approach  involves  incorporating  a 
secorKf  air-precoding  heat  exchanger  in  which  pumped-up  liquid  air,  not  hydrogen,  is  used  as  an  adjunct  upstream  (airflow-wise)  heat 
exchanger  coolant.  This  liquid-air-coolant  heat  exchanger  element  is  usually  the  first  to  be  encountered  by  the  inducted  airflow.  Being  a 
regenerative  process,  the  consequential  heating  and  vaporization  of  the  liquid  air  is  advantageous  to  engine  performance,  herKe,  this  heat 
exchanger  unit  is  sometimes  referred  to  as  a  regenerator/  boiler  unit.  The  liquid  air  regenerator/boiler  is  especially  beneficial  to  the 
in-flight  air  collection  system  approach  to  be  discussed  below.  Here,  ram-air,  taken  in  at  supersonic  flight  conditions  at  elevated 
temperatures  (well  over  ambient  temperatures  are  now  experienced,  depending  on  flight  speed),  adds  to  the  'refrigerant-resource*  of 
the  heat-exchange  process. 

This  approach  requires  special  consideration  of  the  heat  exchanger  materials  of  construction.  Above  Mach  3  to  5,  other  than  aluminum 
alloy  construction  must  be  considered  because  of  elevated  air  temperatures.  Such  initial  air  pracooling  with  liquid  air  obviates  another 
potential  problem  area  of  high-temperature  hydrogen  heat  exchangers;  increased  hydrogen  diffusion  through  elevated  temperature 
thin-walled  materials.  The  increased  'leakage*  of  hydrogen  at  higher  materials  temperature  into  the  internal  engine  airstream  could, 
obviously,  consistuls  a  hazard  if  combustion  ensued.  Whether  this  is  a  'real  problem*  or  not  apparently  remains  unresolved.  In  any 
case,  liquid  air  precooling  may  be  usefully  employed  in  future  engine  designs.  (See  the  SupertACE  system  concept  presented  at  the  end  of 
the  paper.) 

AIR  COLLECTION  AND  ENRICHMENT  SYSTEM  (ACES) 

Tanking  Up  Liquid  Oxygen  In  Flight 

Yet  another  and  different  technical  approach  for  performance  improvement  in  certain  kinds  of  air  liquefaction  systems  which  have  been 
examined  extensivelyis  referred  to  collectively  as  the  air  collection  and  enrichment  system  (ACES).  Figure  9  is  a  highly  simplified 
operating  schematic  of  one  version  of  this  approach.  The  vehicle  accelerates  to  its  'collect*  altitude  and  speed  (typically  Mach  3  to  5), 
and  while  operating  on  hydrogen-fueled  ramjet  mode,  air  is  partiaity  withdrawn  from  the  inlet  diffuser  at  recovery  pressure  and  passed 
through  the  heat-exchanger  series,  beginning  with  a  liquid  nitrogen-cooled  counterflow-type  precooler.  This  liquid  nitrogen  has  been 
separated  from  the  liquid  enriched  air  (LEA)  which  is  to  be  stored  for  later  use  in  conducting  the  flight.  The  warmed  up  nitrogen  is 
productively  dumped  into  the  ramjet  as  added  irtert  propulsive  mass  arrd  exhausted  through  the  nozzle  overboard. 


When  the  vehicle  tank  Is  fully  loaded  with  LEA  (typically  90-percent  oxygen,  1 0-percent  nitrogen),  the  collect-mode  is  terminated  and 
the  vehicle  reaccelerates  on  ramjet-mode  followed  by  LEA/hydrogen  rocket-mode  operation  to  staging  conditions,  or  flight  directly  to 
orbit.  In  some  version  of  the  ACES,  a  common  'multimode  thrust  chamber*  is  used  for  both  ramjet  and  rocket  operations,  including 
initial  takeoff  and  climbout  to  ramjet  takeover  conditions  (Mach  2-3).  Marquardt  created  an  inlet-valve  controlled  rocket/ramjet  engine 
concept,  referring  to  it  as  the  'Hyperjet*  for  this  purpose.  This  concept  was  actually  static-tested  in  rocket  mode  at  fairly  large-scale 
(but  on  storable  propellants,  not  cryogenics). 

Air  Separation  Into  Oxygen  and  Nitrogen  -  Various  Approaches 

The  governing  technology  of  the  ACES  concept  is  the  air-separabon  device,  for  which  several  variants  were  proposed.  The  principle  one 
of  these  is  a  flightweight  and  flight-worthy  air-separation-process  device  referred  to  in  General  Dynamics'  U.S.  Patent  3,779,452  ®  as 
a  'rotary  cryogenic  distillation  separator*.  This  patent  is  reflected  in  Figure  10.  Its  ofteration  is  akin  to  that  of  the  standard  large 
distillation-tower  air-separation  process  used  industrially  all  over  the  world  by  the  industrial  gas  community.  However,  the  rotation 
feature  provides  for  much  higher  than  one-gravity  accelaration  levels  on  the  cryogenic  liquid/gas  separator  trays  used  in  this  process, 
thus  greatly  compacting  and  reducing  the  weight  of  the  apparatus  required.  The  technical  problem  addresssed  is  the  reduction  in 
thickness  of  the  boiling-air  'froth*  layer.  This  type  of  unit  was  actually  built  and  successfully  tested  as  a  non-flightwight,  full-scale 
module  by  Linde  Division  of  the  Union  Carbide  Corporation  under  Air  Force  sponsorship. 

An  alternative  to  the  cryogenic  separator  approace,  an  elevated  temperature  chemical  separatior,  method  was  conceptualized  and 
explored  at  the  laboratory  level  in  the  mid-1970.  This  device  used  the  principle  of  reversible  'chemical  gettering*  of  oxygen  from  air. 
It  was  not,  however,  taken  to  the  large-scale  experimental  level  of  development  enjoyed  by  the  cryogenic  separator.  More  recently 
(than  the  t960s),  the  use  of  semipermeabis  membrane  technology,  now  more  highly  developed  within  the  industrial  gas  industry,  has 
been  suggested  for  nitrogen/oxygen  separation  in  flight  systems. 

In  contrast  to  those  techniques  reviewed  earlier,  ACES  does  not  improve  the  cycle  equivalence  ratio,  but  rather  irrcreases  the  effective 
(not  actual)  specific  impulse  of  what  is  basically  a  rocket  engine  cycle  for  the  final  acceleration  phase  of  flight.  /Vs  covered  above,  it 
does  this  by  collecting  and  'sorting  out*  the  Inert  nitrogen  component  of  air  (about  80  percent  of  air  by  mass),  leaving  'enriched  air*, 
essentially  liquid  oxygen,  with  some  small  amount  of  remaining  nitrogen  diluent  to  be  tanked  aboard  for  subsequent  use  in  the  engine. 

This  provides  combustion  temperatures  and  exhaust-gas  molecular  weights  nearly  the  same  as  that  of  a  'neat*  hydrogen/oxygen  rocket, 
thus  improving  the  overall  specific  impulse  of  the  system  well  above  that  which  would  be  the  case  with  liquid  air  (LAIR).  In  ACES 
vehicle  systems,  the  post-collect  vehicle  gross  weight  can  be  substantially  higher  than  its  initial,  or  takeoff  weight  (e.g.,  H  can  be  as 
much  as  doubled). 
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TFCHNOLOGICALLY  RELATED  PROPULSION  SYSTEM  CONCEPTS 


RamLACE  and  Sc.amLACE  (Including  Hydrogen  Racyela  Oparaiion) 

One  of  the  techniques  for  reducing  the  fuel-richness  of  the  propulsion  cycle  described  earlier,  was  the  option  of  not  liquefying  all  the  air 
taken  aboard  throught  the  inlet.  An  interesting  concept  of  this  type  derives  from  the  rocket/ramjet  type  approach  explored  by  numerous 
organizations  over  the  past  several  decades.  Specifically,  the  Ejector  Ramjet,  explored  by  Marquardt  in  the  mid-1960s  was  the  basis  of 
a  series  of  derivitive  concepts,  some  of  which  utilized  an  air-liquefaction  process.  The  .jector  Ramjet,  a  non-air-liquefaction  engine 
concept  is  a  combined-cycle  (airbreathing/rocket)  system  in  which  an  internally  mounted  primary  rocket  subsystem  provides  for  an 
air-augmented  rocket  mode  of  operation  to  accelerate  this  lightweight,  relatively  simple  engine  to  ramjet  takeover  speeds,  wherein 
ramjet-mode  was  operated  for  further  acceleration  and/or  cruise.  Under  Air  Force  sponsorship,  a  subscale  exploratory  research  and 
development  program  concluding  with  a  45-cm  (18-inch)  diameter  non-flightweight  ground-test  series  was  conducted  between  1963  and 
1967  by  Marquardt. 

Simultaneously,  under  NASA  sponsorships  a  series  of  Ejector  Ramjet  derivitives,  and  other  combined-cycle  engine  types  were  explored 
by  a  team  of  Marquardt,  Rocketdyne  and  Lockheed-California  Company  for  advanced  launch  vehicle  applications.  The  database  created  in 
this  work  (Contract  NAS7-377)  has  been  recently  used  in  an  assessment  of  combined-cycle  propulsion  for  single-stage-to-orbit 
applications  for  the  Air  Force.  The  final  report  for  this  study  provides  extensive  information  on  both  air-liquefaction  and 
non-liquefaction  variants  of  the  basic  Ejector  Ramjet  system^. 

The  initial  air-liquefaction  variant  of  the  basic  Ejector  Ramjet  is  the  RamLACE  system  (Figure  12),  in  which  the  primary  rocket 
subsytem  utilizes  liquid  air  in  lieu  of  onboard-tanked  liquid  oxygen.  Otherwise,  it  retains  its  bimode  (air-augmented  rocket/ramjet) 
capability.  The  association  with  Basic  LACE  is  readily  apparent,  however,  the  basic  air-augmented  rocket  cycle  selected  (referred  to  as 
the  diffusion  and  afterburning  cycle)  precluded  a  fuel-rich  rocket  operation.  Excess  rocket  fuel  would  combust  with  the  air  during  the 
mixing  process,  penalizing  performance  and  causing  other  problems  potentially.  A  modification  to  the  Basic  LACE  approach  was 
necessary,  since  it  is  intrinsically  a  very  fuel-rich  device.  The  solution  was  to  operate  the  primary  rocket  stoichiometrically,  injecting 
the  excess  fuel  in  the  afterburner  or  ramjet  combustor.  The  net  effect  then,  in  this  split-airflow  operations  (only  a  portion  of  the  air  is 
liquefied,  namely  that  required  for  the  primary  rockets)  was  a  considerable  leaning  out  of  the  cycle  from  an  equivalence  ratio  of  8  to 
atx>ut  4.  Specific  impulse  was  increased  from  about  1000  to  1400  seconds,  a  measurable  improvement. 

Subsequent  studies  of  the  Ejector  Ramjet  type  engine  evolved  a  version  capable  of  transitioning  into  supersonic  combustion  ramjet 
operation,  following  ramjet-mode  acceleration,  the  Ejector  Scramjet.  In  analogy,  the  ScramLACE  derivitive  was  conceptualized. 
ScramLACE  is  quite  equivalent  to  RamLACE  with  regard  to  its  air-liquefaction  process  for  initial  acceleration.  A  variant  of  ScramLACE 
is  Recycled  ScramLACE  which  is  portrayed  schematically  in  Figure  13.  Through  recycling  some  of  the  hydrogen  during  the 
air-liquefaction  mode  of  operation,  as  described  earlier,  the  cycle  is  further  leaned  out  to  the  order  of  equivalence  ratio  of  2,  and 
specific  impulse  rises  to  atout  2700  seconds.  Of  course,  this  requires  that  slush  hydrogen  be  initially  loaded  into  the  hydrogen  tank  and 
maintained  as  such  into  the  flight. 


SuperLACE:  Combined  Effect  of  Hydrogen  Refrigeration  Effect  Meaaurea 

Thus,  there  are  numerous  technical  approaches  for  enhancing  the  refrigerative  effect  of  the  available  hydrogen  to,  in  effect,  reduce  the 
fuel-richness  of  the  engine  operating  cycle  and  thereby  increase  specific  impulse  performance.  Quite  important  to  note,  these  techniques 
are  usually  not  mutually  exclusive.  That  is,  they  may  be  utilized  simultaneously  to  compound  the  additive  refrigerative  enhancement 
effect.  The  Recycled  ScramLACE  (Figure  13)  just  described  utilized  several  approaches:  two  were  named:  split-airflow  and  hydrogen 
recycling,  and  a  third  was  also  used:  para/ortho  catalysts. 

A  completely  different  engine  synthesis  approach.  The  Marquardt  Company’s  SuperLACE  propulsion  system  (Figure  14)  was 
conceptualized  earlier  and  applied  to  aerospaceplane  concepts  of  the  early  1960s.  It  utilized  as  many  as  four  of  the  above-discussed 
technical  approaches: 

•  Para/ortho  conversion  catalyst 

•  Turbine  expander 

•  Hydrogen  recycle  (slush) 

•  Liquid  air  regenerator  boiler. 


By  this  combination,  the  engine  cycle  was  specified  to  operate  near-stoichiometrically,  achieving  a  sea-level  static  specific  impulse  in 
the  range  of  6000  sec.  However,  this  performance  level  was  apparently  never  demonstrated  experimentally,  SuperLACE  remaining 
mainiy  a  ’paper  engine'  of  those  times.  It  is  further  described  below. 

SuperLACE/ACES  -  Culmination  of  Aerospaceplane  Propulsion  Planning 

Figure  IS  reflects  a  compilation  of  many  of  the  technical  approaches  and  features  discussed  so  far  in  this  paper.  This  is  a  generalized 
specific  impulse  performance  plot  over  the  flight  speed  range  equivalent  to  that  required  for  attaining  low  Earth  orbit  for  a 
singie-stage-to-orbit  aerospaceplane  vehicle  concept,  ca.  the  early  igeOs.  Starting  at  the  low  end  of  the  specific  impulse  scale,  a 
reference  hydrogen/oxygen  rocket  engine  case  is  reflected  (horizontal  dashed  line).  The  lOOCH-  second  (initial  condition)  range  of  Basic 
LACE  (hatched  area)  is  shown  over  its  estimated  speed  regime  of  Mach  0  to  8.  Its  performance  decreases  with  speed,  largely  a 
consequence  of  increasing  ram  drag  in  an  inlet  that  completely  'stops'  the  airflow  (in  order  to  provide  liquid  air  statically). 

The  vertically  running  lines  labeled  'Hyperjet'  refer  to  that  convertible  rocket/ramjet  concept  created  by  Marquardt,  referred  to 
earlier:  the  lines  note  several  options  for  shifting  from  initial  rocket  mode  to  ramjet  mode,  as  a  function  of  flight  speed  and  altitude.  The 
hatched  area  marked  'Growth'  is  an  allusion  to  the  supersonic-combustion  ramjet  (scrsm/el)  mode  of  operation,  Mach  8  being  judged  to 
be  the  upper  limit  of  subsonic-combustion  ramjet  mode.  It  should  be  noted  that  at  that  time  (early  1960s),  scramjet  operation  was  only 
being  initially  investigated  by  the  propulsion  research  community. 

The  descending  (with  speed)  characteristic  called  out  (or  'ACES'  is  simply  what  was  expected  to  be  the  performance  of  a 
hydrogen-fueled  ramjet  during  the  acceleration/cruise/ acceleration  phase  where  the  'air-collect'  operation  was  performed.  Operation 
of  ACES  at  speeds  beyond  Mach  8,  as  described  above,  utilized  rocket-mode  operation  using  hydrogen/LEA  propellants.  The  actual 
specific  impulse  level  achieved  is  that  line  just  below  the  reference  rocket  boundary,  a  measure  of  the  10-percent  nitrogen  diluent  in  the 
oxidizer.  However,  the  fact  that  the  LEA  was  taken  aboard'  at  intermediate  flight-speed  conditions,  rather  than  being  ground-loaded  (as 
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«muld  b#  th*  eas*  with  the  rocket),  provides  for  an  elevation  of  the  performance  to  an  'integrated  value*  ranging  from  about  1500 
seconds  down  to  just  below  1000  secorvls  at  orbital  speed. 

Finally,  returning  to  the  highest  performance  low-speed,  etKf  of  the  scale,  we  find  *SuperLACE*  specific  impulse  levels  of  5500  to  6500 
seconds  at  sea-level,  static  corKfitions,  then  ranging  down  to  about  4500  secorKfs  at  ramjet  takeover  corKfitions.  This  is  a  level  of 
performance  which  can  be  estimated  for  a  more-conventional  nearly-stoichiometric  hydrogen  airbreathing  turbomachine  (e.g.,  turbojet, 
variable-cycle  engine).  To  the  extent  that  SuperLACE  is  a  credible  concept,  this  same  level  of  performance  is  seen  to  be  provided  in  a 
lightweight  engine  (Figure  14)  without  major  rotating  machinery  subsystems. 

Although  never  developed  to  a  prototype  stage,  SuperLACE  is  a  rather  vivid  demonstration  of  the  technical  theme  expressed  in  this 
paper.  That  is,  starting  with  the  simple  Basic  LACE  concept  (Figure  1),  combining  various  technological  measures  for  increasing  the 
refrigerative  effect  of  the  liquid  hydrogen  coolant,  combined  with  steps  to  minimize  the  amount  of  air  being  liquefied,  permits  an 
extensive  leaning  out  of  the  very  fuel-rich  LACE  operating  point,  all  the  way  to  near-stoichiometric  operation  in  SuperLACE.  This  yields 
about  a  six-fold  increase  in  specific  impulse,  as  reflected  in  Figure  IS. 

Perhaps  the  'most  advanced*  of  the  aerospaceplane  propulsion  systems  as  were  contemplated  at  that  time  is  this  combination  of 
SuperLACE  and  ACES,  descriptively,  SuperLACE/ACES  represents  the  culmination  of  advanced  propulsion  thinking  of  that  era.  If  one 
were  to  question  this  perception  by  asking  'where  is  scramjet?'  he  or  she  would  be  asked  to  recall  that  scramjet  operation  was  only 
just  being  initially  contemplated  as  a  potential  'growth*  slap,  at  that  time  (as  stated  in  the  figure).  Later  on,  the  significance  of 
scramjet-mode  operation  has  bee  recognized  as,  perhaps,  much  more  than  this. 


RamLACE/ScramLACE  Engine  Family:  Emphasis  on  Hypersonic  Ramjet  Operation 

Following  on  with  this  thought,  the  considerable  hypersonic  ramjet  (both  subsonic-  and  supersonic-combustion  modes)  work 
accomplished  in  the  mid-  to  late- 1960s,  combined  with  the  obvious  complexitiss  intrinsic  in  concepts  such  as  SuperLACE/ACES,  led  to 
the  creation  of  alternative  kinds  of  propulsion  systems  applicable  to  hypersonic  flight  Figure  16  in  effect  combines  previous  Figures  1, 
12  and  13  (while  substituting  Recycled  RamLACE  for  its  ScramLACE  equivalent  of  Figure  13).  As  discussed,  this  Ejector  Ramjet  based 
family  of  angina  concepts  (discounting  Basic  LACE  for  a  nrament)  vrere  evolved  at  Marquardt,  primarily,  a  number  of  years  after  the 
demise  of  aerospacepiane.  These  concepts  reflect  soma  of  the  benefits  of  the  significant  advancements  mads  in  the  interim  period, 
especiaily  those  in  the  hypersonic  ramjet  fieid,  including  ground-tests  of  a  subscala  flightweight  hydrogen-fueled/cooled 
subsonic-combustion  ramjet  at  Mach  6  and  8  and  tasting  of  dual-mode  or  convertible  engines,  capable  of  both  modes  of  combustion. 

Consequently,  these  newercombined-cycle  engine  concepts  were  configured  expressly  to  provide  for  essentially  uncompromised 
hypersonic  ramjet  mode  operation,  in  that  they  provided  a  clear  throughflow  passage  for  air,  including  all-supersonic  flow.  The  Hypsrjet 
component  of  SuperLACE/ACES,  in  general,  appears  not  to  be  so  arrwnable  to  the  wide  speed-range  hypersonic  ramjet  operation.  In  some 
views,  today,  high-performance  ramjet/scramjet  operation  appears  vital  for  achieving  high  payload  fraction  single-stage-to-orfoit 
systems,  such  as  those  examined  in  more  recent  times,  e.g.^. 

The  three  engine  concepts  reflected  in  Figure  16,  once  again,  point  up  the  theme  of  this  paper  progressive  cycle  leaning-out  strategies 
being  applied  to  raise  the  specific  impulse  level  of  the  propulsion  system  for  the  hydrogen-induosd  air  liquefaction  process  in  the  flight 
speed  regime  of  Mach  0  to  8  (in  the  extreme).  RamLACE/ScramLACE  systems  typically  convert  to  ramjet  mode  at  about  Mach  3.  What 
this  means  is  that,  for  this  class  of  propulsion  system,  the  air-liquefaction  process  is  performed  only  over  about  one-eighth  of  the  total 
speed  range  for  a  single-stage-to-orbit  (  SSTO)  system.  As  documented,  e.g.^  ,  this  signifies  a  lesser  contribution  of  the  attendent 
increased  specific  impulse  gain,  than  would  bo  the  case  for  the  first-stage  vehicle  of  a  two-stage-to-orbit  system,  for  instance.  For 
Mach  6  staging,  about  half  the  speed-  range  would  involve  air-liquefaclion  operation.  The  added  weight  of  the  air-liquefaction  equipment 
now  becomes  an  especially  sensitive  design-parameter,  possibly  impacting  heavily  on  payload  performance. 

Current  Interest  In  Alr-LIquetaetlen  Based  Propulsion  Systems 

Evidence  of  reawakening  interest  in  the  specific  subject  of  air  liquefaction  was  noted  in  about  1984,  perhaps  not  so  much  in  U.S. 
initiatives,  but  rather  by  activities  of  those  overseas.  The  HOTOL  concept  brought  out  by  UK  researchers  about  that  time,  based  on 
limited  information  releases  to  date,  can  be  inferred  to  involve  some  of  the  technologies  covered  here.  In  another  comer  of  the  world, 
Mitsubishi  Heavy  Industries,  Ltd.,  of  Japan,  presented  a  novel  air-Hquefactlon  based  propulsion  system  in  a  1984  technical  paper  which 
mainly  described  their  hydrogen/oxygen  rocket  engine  developments  and  plans^.  A  second  paper,  focusing  on  'Air  Condensing  Type  Air 
Breathing  Propulsion  Systems*^  was  presented  at  the  Intemationai  Astronautical  Foundation  (lAF)  Congress  in  October  of  1966.  Yet  a 
thin!  paper,  presented  in  the  Fall  of  1968^°,  presented  a  number  of  variants  of  the  Basic  LACE  concept  naming  many  of  the  technologies 
and  concepts  addressed  In  this  paper:  viz.,  ACES,  recycling  of  cryogenic  propellants  and  tanked  propellants  subcooling  (slush),  cryogenic 
air  compressors,  turbine  expanders,  and  the  liquid-air  regenerator/boiier. 

Figure  17  reflects  an  innovative  air  liquefaction  engine  schematic  from  the  initial  paper.  Note  that  air  precooling  and  condensing  is 
accomplished  using  both  cryogenic  hydrogen  and  oxygen  for  refrigeration  (the  latter  presumably  being  used  for  later  rocket-mode 
operation).  In  addition,  propellants  recycling  and  propellants  subcooling  to  provide  needed  heat  sink  are  reflected.  A  novel  liquid  oxygen 
direct  Injection  (*lox  spray')  into  the  heat  exchanger  Is  also  included. 

Discussed  in  the  most  recent  paper^*^,  and  updated  occasionally  in  the  technical  press,  e.g.^^,  is  Japan's  plan  to  modify  their  LE-5  and 
LE  7  hydogen/oxygen  rocket  engine  to  operate  as  an  advanced  LACE  system.  Complete  with  individual  high-speed  inlets,  multiples  of 
these  units  are  contemplated  as  booster  engines  for  launching  a  'space  plane*  vehicle.  It  is  stated  that  payload  can  be  tripled  by 
substituting  the  advanced  LACE  boosters  for  solid-propeliant  rocket  boost  units.  A  longer-range  target  discussed  is  the  'SSTO  type 
space  plane',  called  out  as  a  350  ton  (GTOW)  winged  horizontal  takeoff  and  landing  vehicle  powered  by  3  advanced  LACE  units  whose 
engines  are  stated  to  be  capable  of  initial  specific  impulse  levels  of  1500  to  2500  seconds,  increasing  to  the  peak  range  of  5000  to  6000 
seconds  at  flight  speeds  of  Mach  3  to  6. 
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SUMMARY 

Conaidaration  of  cryogonic  hydrogen- inducod  air-liquefaction,  as  an  onboard  aerospace  propulsion  system  process  was  initiated  with  the 
Basic  LACE  (Liquid  Air  Cycle  Engine)  concept  very  shortly  following  the  selection  of  liquid  hydrogen  as  an  operationally  accepted  fuel  in 
the  mid-1950s.  Almost  immediately,  under  the  aegis  of  the  U.S.  Air  Force's  aerospaceplane  program,  steps  were  taken  to  improve  the 
performance  artd  operational  versatility  of  this  LACE  starting  point  The  basic  strategy  was  to  lean-out  the  very  fuel  rich  LACE  system. 
This  involved  various  measures  for  increasing  the  refrigerativa  effect  of  the  liquid  hydrogen  coolant  in  the  cooling  and  liquefying  of  air 
taken  aboard  the  vehicle,  and/or  reducing  the  amount  of  air  required  to  be  liquefied.  A  rather  different  air-liquefaction  approach  was 
ACES  (Air  Collection  and  Enrichment  System).  This  was  focused  on  the  in-flight  acquisition  of  tanked  liquid  oxygen  for  the  final 
propulsion  stage  of  operation  to  orbit  or  to  staging  conditions  (multistage  vehicle). 

The  technologies  for  accomplishing  this  strategy,  many  of  which  ware  experimentally  developed  in  the  late- 1950s/aarty- 1960s, 
represent  a  'cluster*  of  related,  but  yet  often  disparate  technical  approaches.  These  technologias  have  been,  and  continue  to  be  (a.g., 
cited  Japanese  work)  considered  separately,  more  often  together,  in  the  formulation  of  a  sat  of  advanced  propulsion  system  concepts. 
Among  these  proposed  systems,  there  may  well  be  one,  or  several  engine  concepts  which  will  someday  be  deraloped  to  complement  or 
supplant  rockets  and  conventional  turbomachine  airbreathing  engines  for  future  vehicle  systems.  Such  systems  will  be  targeted  to  be 
capable  of  providing  routine  and  affordable  Earth-to-orbit  transportation,  as  well  as  hypersonic-ramjet  sustained  high-speed  flight 
within  the  atmosphere. 
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Figure  1  Basic  LACE  (Liquid  Air  Cycte  Engine)  Schematic 
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Figure  2  Cryogenic  Hydrogen-Induced  Air-Liquefaction 
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Figure  9  Air  Collection  and  Enrichment  System  (ACES) 
Simplified  Schematic  Diagram 


Figure  12  RamLACE  Engine  Simpiified  Schematic  Diagram 
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Figure  13  Hydrogen  Recycle  Operation  (ScramLACE  example) 
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Figure  1 1  High-Temperature  Chemical  Air  Separation 
System  Schematic  Diagram 


Figure  1 4 


Representative  SuperLACE  Propulsion  System 
Simplified  Schematic  Diagram 
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Discussion 


STOLLERY 

You  mentioned  some  modern  concepts  such  as  HOTOL  and  the  Japanese 
projects.  How  would  you  rate  the  promise  of  these  modern  developments? 

AUTHOR'S  REPLY 

To  the  author's  understanding,  with  the  notable  exception  of  the  cited 
R&D  activities  in  Japan,  not  very  much  has  been  announced  concerning  such 
"modern  developments",  although  inferences  that  such  work  is  proceeding  have 
been  made  from  time  to  time  (e.g.  HOTOL). 

For  space  transport  system  applications,  whereas  air  liquefaction  processes 
may  be  a  significant  benefit  to  the  first-stage  vehicle  of  a  two-stage 
vehicle,  such  may  not  be  the  case  in  a  single  stage  to  orbit  (SSTO)  system. 
Here,  specific  impulse  gains  in  the  "low  speed"  regime,  say  Mach  0-3,  must  be 
put  in  balance  with  inert  weight  gains,  operational  complexity,  possible 
safety  and  reliability  problems,  and  added  life-cycle  costs. 

WEYER 

How  do  you  get  the  water  out  of  the  air  before  liquefaction? 

AUTHOR'S  REPLY 

There  are  two  distinct  forms  of  water  as  natural  atmospheric  constituents 
:  water  droplets,  as  in  precipitation  or  clouds,  and  water  vapour.  During  the 
heat-exchanger  research  and  predevelopment  activities  of  the  early  sixties  in 
the  US,  numerous  technical  solutions  to  this  vexing  problem  were  proposed. 
Without  going  into  any  details,  two  generic  approaches  were  taken  in  these 
proposals,  both  of  which  focused  on  water-vapour  icing  :  l)water/ice  removal 
from  the  flow  stream  of  air  upstream  of  the  cricital  region  in  the  hydrogen 
cooled  precooler,  and  2)water  freezing  as  a  fine  particulate  material,  in  situ 
in  the  airstream  which  is  then  allowed  to  pass  on  through  the  heat  exchanger. 
In  the  latter  approach,  a  fine-particle  ice-in-liquid-air  slurry  was  to  be 
formed  which  would  assumedly  cause  no  downstream  problems. 

DINI 

Did  you  try  to  compute  the  air  liquefaction  heat  exchanger  surface?  I  am 
thinking  it  is  quite  large  and  voluminous. 

AUTHOR'S  REPLY 

The  author  (himself)  merely  surveyed  the  applicable  technical  literature 
and  performed  no  design  calculations  leading  to  estimates  of  required 
heat-exchanger  active  surface  requirements.  However,  the  questioner  is  to  be 
assured  that  the  investigators  involved,  at  the  time  of  this  work  (1950's  and 
early  1960's),  did  indeed  produce  such  estimates  in  quantitative  terms  of 
heat-exchanger  size  and  weight,  the  latter  being  included  as  a  significant 
contributing  item  in  engine  weight.  Integration  of  the  physically  large 
heat-exchanger  volumes  into  the  engine  and  vehicle  usually  posed  a  significant 
design  challenge. 


15-1 


AD-P007  948 


AESODYHAMICS  OF  HIGH  SPBBO  AIR  INTAKES 
-  STATUS  REPORT  (M  AGARO  PDP-NG  13  - 

Dr.  Wolfgang  SCHMIDT 
MESSBRSCHMITT-B5LKOV-BLOHH  GMBH 
Military  Aircraft  Division 

P.O.Box  801160,  8  Munich  80 
Federal  Republic  of  Gernany 


SOHHARY 

Future  fighter  concepts  require  air  intakes  with  not  only  good  performance 
characteristics  over  an  even  wider  operating  range,  but  also  require  inlet 
designs  with  low  signature  characteristics.  The  thurst  of  the  working  group's 
effort  is  to  evaluate  existing  design  tools  and  experimental  capabilities  for 
providing  the  Innovative  design  concepts  that  meet  the  ever  demanding  challen¬ 
ges  for  engine  Inlets  of  advanced  vehicle  configurations. 

The  present  paper  will  give  a  brief  survey  over  the  different  objectives 
of  the  working  group. 


1.  SCOPE  OF  WORK 

This  study  will  examine  and  review  semi-emplrlcal  inlet  design  tools,  steady 
and  unsteady  computational  fluid  dynamic  methods,  and  existing  wind  tunnel 
testing  techniques  for  developing  advanced  air  intake  designs.  Capabilities, 
limitations,  and  fruitful  paths  for  the  future  will  be  determined.  The  effort 
will  probably  emphasize  supersonic  and  hypersonic  intake  designs,  where  such 
problems  as  distortion  swirl,  buzz  and  strong  shock  interactions  will  receive 
detailed  attention. 

The  Working  Group  will  cover  three  main  topic  areas: 

( 1 )  Computational  Methods 

(2)  Testing  Techniques  and 

(3)  Design  Methodologies. 

Membership  on  the  Working  Group  has  been  carefully  selected  to  provide  a 
distribution  of  expertise  in  these  areas. 
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3.1  Intake  Design  and  Perforsance  (B.L.  Goldsaith) 


Section 

Title 

Author 

Content 

1 

Introduction 

Goldsmith 

Title  self  explanatory 

il 

Definition  of  intake  performance 
parameters  &  description  of 
intake  flows 

Goldsmith 

Internal  flow:  ram  compression  efficiency,  engine  face  flow 
engine  distortion,  flow  stability,  flow  quantity. 

External  flow:  pre-entry  &  cowl  forces. 

III 

The  initial  design  process 

Surber 

The  process  of  'first  guessing'  a  design  &  making  the 
initial  estimates  of  performance. 

tv 

Intake  design  and  performance  for 
long  range  supersonic  a/c 

Surber 

US  post  Concorde  &  STA  experience. 

V 

Intake  design  and  performance  for 
agile  strike/fighter  a/c 

Goldsmith/ 

Surber 

1  Introduction 

2  Isolated  intakes 

3  Intake  airframe  integration 

VI 

Intake  design  and  performance  for 
V/STOL  Military  aircraft 

Welte 

1  Introduction 

2  Genera!  concepts  &  specific  examples  of  flight 
tested  vehicles 

3  Performance  of  representative  V/STOL  intakes  in 
static  &  transient  conditions 

4  Auxiliary  intakes 

Appendix  -  specific  examples  of  V/STOL  intakes 

VII 

Intake  design  &  performance  for 
airbreathing  missiles 

Laruelle 

VKI  Lecture  amplified  &  including  input  from  BAe/RAE 

3.2  Numerical  Simulation  of  Intakes  (N.C.  Bissinger) 


Section 

Tide 

Author 

Content 

_U 

Introduction 

Bradley 

II 

Testcases  lor  CFO 

Benson/ 

Bissinger 

Detailed  Description  of  Test  Cases  and  Experimental 

Results 

(il 

Computational  Methods 

Benson/ 

Bissinger 

Description  of  CFO  Methods  used 

IV 

Analysis  of  CFO  Results 

Benson/ 

Bissinger 

Presentation,  Comparison  and  Analysis  of 

CFD  Results 

V 

Conclusions 

all 

Summary  Study  Results 

3.2.1  Selected  Test  Cases  for  CPD  Calculations 


Test  Case 

Flow  Type 

Number  ot 
Calculations 

1 

Transonic  Normal  Shock/Turbulence 

Boundary  Layer  Interactions 

4 

2 

Glancing  Shock/Turbulent  Boundary  Layer 

Interaction 

4 

3 

Subsonic/Transonic  Circular  Intake  Duct 

6 

4 

Semi-circular  Intake 

1 

5 

Circular  Pitot  Intake 

1 

6 

NASA  P8  High  Aspect  Ratio  Mixed  Compression 

Intake 

6 

7 

NASA  Lewis  40/60  Axisymmetric  Mixed  Compression 
Intake  with  Bleed 

3 

8 

Tailor  Mate  A-1  Intake  with  Fuselage 

2 

3.2.2  CFD  Results  by  Individual  Contributors 


Data-Formats,  scales  and  plots  have  been  specified  and  mailed  to  all  partici 
pants  to  ensure  ease  of  comparison. 

Besides  the  CFD  results  all  contributors  have  been  asked  to  supply  informs 
tion  on 

o  CFD  method  used 

o  Computer  used  and  CPU  Time  spend.  Memory 
o  Grid  and  Grid  Refinements 
o  Starting  Conditions,  Boundary  Conditions 
o  Convergence  History 

o  Hass  Flow  Along  Duct  -  Quality  Check  of  Calculations 
o  Turbulence  Models,  Length  Scales 
o  Transition  Criteria,  Conditions  used 
o  Experience  /  Difficulties 
o  "Tricks". 


3.3  Air  Intake  Testing  Methods  (J.  Leynaert) 


Section 

I 

II 

III 

IV 

V 
I 


Title 

Scope  and  Purpose 

Tests  of  Subsonic  Transport  Aircraft  Intakes 
Supersonic  Air  Intake  Tests 

Transonic  and  Subsonic  Tests  of  Fighter  Plane  Air  Intakes 
Special  Test  Devices 
Conclusions,  Recommendations. 


Futhermore,  one  Intake  model  has  been  selected  and  has  been  tested  in 
different  wind  tunnels  in  FRG,  France,  GB.  Comparative  results  will  be 
discussed. 


4 .  CONCLUSIONS 

o  Working  Group  compiled  comprehensive  information  about  transport 
and  military  aircraft  as  well  as  missile  intakes 

-  design  methodology,  integration  concepts 
computational  tools  in  advance  design  as  well  as  for  final 
detailed  analysis 

-  wind  tunnel  testing  techniques  and  testing  limitations 
in  the  speed  range  subsonic,  transonic,  supersonic. 

o  No  information  is  contained  for  hypersonic  configurations  exhibiting 
real  gas  effects,  however 

-  advanced  computational  tool  allow  for  extensions,  if 
physical  model  is  provided. 

o  Validation/calibration  of  computational  tools  is  extremely 
difficult  due  to  the  limited  amount  of  experimental  data. 

o  Interference/Interface  Air  Intake  -  Engine  needs  further  considerations. 
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Discussion 


POVINELLI 

COMMENT  (following  the  question  regarding  the  use  of  axisymmetric  models  for 
CFD  validation) 

I  would  like  to  mention  that  although  in  concept  the  use  of  axisymmetric 
models  is  sound,  any  model  misalignement  or  the  existence  of  non-uniformaties 
in  the  tunnel  flow  may  lead  to  the  development  of  secondary  flows  on  the  model 
surface.  One  must,  therefore,  carefully  evaluate  these  effects. 

CAIN 

Given  the  problems  associated  with  the  3D  nature  of  "2D  plane  flows"  in 
experimental  facilities,  could  you  make  a  comment  on  whether  axisymmetric  test 
cases  can  truly  be  regarded  as  two-dimensional? 

AUTHOR'S  REPLY 

In  principal,  yes.  However,  for  most  test  facilities  the  free  stream 
conditions  are  not  really  perfect  parallel  in  disturbed  flow. This  free  stream 
conditions  will  also  introduce  3-dimensionality  into  the  problem.  Furthermore, 
we  have  to  support  interference  effects  since  we  have  to  support  the  model  by 
either  strut  or  string.  Therefore,  I  do  not  believe  in  any  real 
two-dimensional  experiment . 

STOLLERY 

Some  comparisons  between  CFD  predictions  +  Holdens  experiments  on  a 
compression  case  have  shown  that  unless  the  real  3D  geometries  is  used  for  the 
CFD  prediction,  agreement  with  experiment  is  poor. 

AUTHOR'S  REPLY 

I  fully  agree.  Unfortunately,  all  experiments  ment  to  be  2-D,  are  3-D  in 
reality.  So,  all  comparisons  should  be  made  on  the  3-D  basis.  But, 
experimental  b.c.  are  only  known  at  maximum  to  the  2-D  extend. 

Conclusion  :  new  experiments  with  extensive  experimental  data  for  all  b.c.  are 
needed  badly! 
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RI8DIII 

Les  progrds  techniques  et  technoloqiques  ont  penis  de  ddfinir  et  d'utiliser  avec  succds  des  lanceurs  de 
satellites.  Pour  liniter  le  codt  des  lancenents,  des  navettes  rdutilisables  ont  ensuite  dtd  rdalisdes.  Un 
nouveau  pas  sera  franchi  avec  des  appareils  i  ddcollage  et  atterrissage  horizontal. 

Ces  appareils,  aono  ou  bi-dtage,  seront  dquipds  de  aoteurs  nouveaux,  capables  d' assurer  la  propulsion 
dans  toutes  les  phases  de  vol. 

Actuelleaent,  seuls  des  aoteurs  coahinds  paraissent  satisfaire  A  ces  exigences.  En  particulier,  le 
recours  A  des  aoteurs  adrobies  pour  des  vols  ataosphdriques  seable  souhaitable. 

O'oA  la  ndcessitd  d' installer  des  prises  d'air  ;  de  leur  choix  ddpendra,  en  grande  partie,  la  rdussite  de 
ces  projets.  En  particulier,  le  bilan  de  aasse  et  le  coefficient  de  ddbit  seront  des  paraadtres 
prdponddrants  ;  la  rdcupdratlon  de  pression  dtant  de  aoindre  iaportance  car  liaitde  en  fait  par  la  tenue 
adcanique  du  conduit  et  done  par  son  polds. 

Dans  une  preaidre  partie,  les  adthodes  de  ddfinition  envisagdes  seront  prdsentdes.  hes  principales 
reposent  sur  : 

-  des  calculs  seai-eapiriques  qui  tiennent  coapte  de  I'expdrience  acquise,  des  lois  d’ interaction  choes- 
couches  lialtes  connues,  des  ddverseaents  latdraux  et  bien  sur  des  pertes  par  choc  ; 

-  des  calculs  EULER  2D  et  surtout  3D  dans  lequel  1* influence  du  pidge  A  couebe  liaite  interne  doit  dtre 
prise  en  coapte  ; 

-  A  plus  long  terae,  des  calculs  basds  sur  la  rdsolution  des  Aquations  de  NAVIER-STOKES . 

Dans  la  seconds  partie,  des  exeaples  de  diaensionneaent  de  prises  d'air  seront  proposds,  en  particulier 
pour  des  aoteurs  du  type  Fusde-stato-fusde. 

Pour  terainer,  les  probldaes  d'intdgration  de  la  nacelle  au  fuselage  seront  dvoquds.  La  nature  de 
I'dcoulenent  au  droit  de  la  prise  d'air  dtant  A  prendre  en  coapte  dds  le  ddbut  de  I'dtude  afin  d'dviter 
des  fonctionneaents  ddfectueux  ou  des  tralndes  externes  probibitives. 


AB8mCT 

Recent  iaproveaents  in  technology  have  allowed  to  design  rockets  to  launch  satellites. 

Reusable  shuttles  were  then  required  to  liait  launch  costs. 

A  new  step  will  have  to  be  taken  towards  horizontal  take-off  and  landing  aerospaceplanes.  These  single  or 
two  stage  vehicles  will  need  new  propulsion  systeas,  able  to  provide  enough  thrust  in  the  whole  flight 
corridor. 

Nixed-propulsion  systeas  seea  to  be  well  adapted  to  this  project.  During  ataospheric  flight  air-breathing 
engines  will  be  necessary  to  iaprove  perforaances. 

Thus  Inlets  will  have  to  be  installed.  The  success  of  this  project  will  depend  upon  the  choice  of  the 
inlets,  for  which  aass  estiaates  and  aass  flow  ratios  will  be  paraaount  objectives.  Pressure  recovery 
seeas  to  be  of  less  iaportance  at  high  Hach  nuabers  because  of  structural  stresses. 

Current  design  aethods  will  be  shown  in  the  first  part  ;  they  are  based  on  : 

-  seai-eapirical  predictions,  using  experiaental  data  bases,  shock  boundary-layer  interaction  laws,  shock 
and  side  overflow  losses  ; 

-  2D  and  3D  EULER  codas  taking  into  account  the  internal  bleed  effects  ; 

-  and  HAVIER  STOKES  codes  for  specific  probleas. 

In  a  second  part,  soae  exaaples  of  inlet  design  will  be  presented  for  rocket-raarocket  engines. 

As  a  conclusion,  probleas  of  inlet  integration  will  be  presented.  Flow-field  in  the  entry  plane  of  the 
inlet  will  have  to  be  taken  into  account  froa  the  very  beginning  of  the  studies  to  avoid  limitations  and 
detrlaental  external  drag  effects. 
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Depuis  plus  de  30  ans,  des  fusdes  peraettent  la  aise  en  orbite  terrestre  de  satellites.  Leur  poids,  aais 
surtout  leur  noabre  est  en  constante  orogression  et  oe  seable  pas  devoir  diainuer  dans  un  procbe  avenir. 

Cette  Evolution  et  la  sophistication  toujours  plus  poussde  de  ces  aatdriels  posent  les  probldmes  des 
couts  de  lanceaent  et  de  leur  rdcupdration  dventuelle  en  cas  d'avarie  ou  en  fin  d'activitds. 

C'est  pourquoi,  nous  assistons  progressiveaent  4  une  transformation  de  aoyens  de  lanceaent  (figure  1),  la 
fusde  classique,  sans  aucune  rdcupdration,  laissant  peu  d  peu  la  place  k  une  fusde  coaportant  une  navette 
rdtttilisable  pour  laquelle  les  couts  de  lanceaent  sont  d6j4  thdoriqueaent  divisds  par  cinq. 

Cette  technique,  aujourd'hui  quasiaent  aaitrisde,  n‘est  que  le  preaier  pas  vers  un  lanceur  entidreaent 
autonoae  et  rdcupdrable,  susceptible  de  ddcoller  ou  d'atterrir  de  ou  sur  les  grands  a6roports 
internationaux. 
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Ce  lanceur,  cet  adronef,  sera-t-il  aono  ou  bi-dtage  ?  Les  projets  en  cours  envisagent  indif fdreaaent  les 
deux  solutions  (figure  2).  Dans  I'iaaddiat,  et  dans  I'attente  d'autres  types  de  propulseurs  que  ceux 
envisages  aujourd'hui,  ils  ont  tous  recours  au  mode  adrobie  pendant  une  ou  plusieurs  phases  du  vol.  D'od 
la  ndcessitd  d' installer  des  prises  d'air  perforaantes. 

Les  BOteurs  correspondant  ndcessaireaent  d  la  coabinaison  de  plusieurs  propulseurs  dldaentaires  connus 
tels  que  turbordacteur ,  statordacteur  ou  fusde,  il  est  bien  dvident  que  selon  le  concept  choisi,  la 
nature  et  le  doaaine  d'utilisation  de  la  prise  d'air  seront  fondaaentaleaent  diffdrents. 

En  particulier,  1' utilisation  d'un  turbordacteur  ou  d'une  fusde  dans  la  phase  de  ddcollage  et  les  noabres 
de  Hach  de  transition  en  fin  de  phase  adrobie  iaposeront  des  lois  de  ddbit  et  de  rendeaents  dainemaent 
variables. 

Tout  en  restant  dans  des  gdndralitds,  il  est  ndcessaire  d  titre  d'exeaple  de  citer  quelques  aoteurs  types 
[1]  [2]  et  de  prdciser,  autant  que  faire  se  peut,  les  lois  de  ddbits  correspondant  d  la  phase  adrobie 
dans  chacun  des  cas  (figure  3). 

Un  des  premiers  concepts  est  celui  qui  associe  la  fusde  et  le  statordacteur.  Pour  ce  aoteur  dit  "fusde 
stato-fusde",  le  mode  adrobie  peut  ddaarrer  aprds  le  passage  du  transsonique  pour  fournir  une  poussde 
additionnelle  au  aode  fusde  et  fonctionnera  ensuite  seul,  en  coabustion  subsonique,  sur  une  plage  de 
noabre  de  Hach  pouvant  atteindre  Hach  6  avant  de  cdder  la  place  au  aode  fusde  pour  la  aise  en  orbite.  On 
voit  alors  que  la  prise  d'air  doit  capter  un  tube  de  courant,  dont  la  section  Ao  peut  verier  dans  un 
rapport  de  1  d  S  pour  couvrir  les  besoins  du  aoteur. 

Le  second  aoteur  coabind  envisagd  associe  le  turbofusde,  le  statordacteur  et  la  fusde.  Depuls  le 
ddcollage  jusqu'd  Hach  -  2  environ,  le  turbo  assure  la  poussde,  ensuite  le  turbofusde  et  le  stato 
fonctionnent  conjointeaent  jusqu'aux  alentours  de  Hach  4,  puis  seul  le  stato  reste  alluad  jusqu'au  aode 
fusde,  cette  dernidre  transition  dtant  au  plus  tard  rdalisde  d  Hach  7. 

Dans  ce  cas,  1 'optiaisation  des  prises  d'air  doit  etre  rdalisde  dans  un  trds  large  doaaine  de  noabres  de 
Hach.  Les  performances  de  celles-ci  ayant  une  influence  trds  prononcde  sur  celles  du  turbordacteur. 

Le  troisidae  aoteur  coabind  qu'il  est  ndcessaire  de  citer,  car  il  diffdre  sensibleaent  des  autres  dans  le 
traiteaent  des  prises  d'air  est  le  fusde-stato-fusde  avec  un  aode  de  fonctionneaent  du  statordacteur  en 
combustion  supersonique  (SCRAHJET) . 

Aprds  la  phase  de  ddcollage  assurde  par  la  fusde,  le  stato  fonctionne  d'abord  avec  une  coabustion 
subsonique,  poursuivie  aux  grands  noabres  de  Hach  par  une  coabustion  supersonique  pour  laquelle  le 
ralentisseaent  de  I'dcouleaent  par  la  prise  d'air  sera  liaitd  4  des  noabres  de  Hach  supersoniques 
Boddrds,  assurant  une  bonne  coabustion.  Dans  ce  cas,  la  transition  terainale  vers  le  aode  fusde  doit 
pouvoir  etre  trds  netteaent  reportde  au-del4  de  Hach  7,  voire  Hach  12.  Les  performances  globales  seront 
cependant  trds  sensibles  aux  efficacitds  de  la  prise  d'air. 

Ces  quelques  gdndralitds  aontrent  bien  que  les  perforaances  des  prises  d'air  et  principaleaent  le 
coefficient  de  ddbit  conditionnent  en  grande  partie  la  faisabilitd  des  projets  de  lanceurs  adrobies  et 
qu'il  est  ndcessaire,  au  stade  de  I'avant-projet,  de  connaitre  avec  suffisaaaent  de  prdcision  ces 
paraadtres  pour  rdpondre  au  aieux  4  la  deaande  des  aotoristes. 

C'est  pourquoi,  sous  I'dgide  du  CNES  et  en  collaboration  avec  les  principaux  industriels  frangais  SNECHA, 
SEP,  AEROSPATIALE  et  AHD-BA,  i'ONERA  cherche  4  ddvelopper  des  outils  qui  peraettent  une  aeilleure 
coaprdhension  des  dcouleaents  internes  et  qui  puissent  fournir  les  perforaances  escoaptdes  de  prises 
d'air  supersoniques. 

Ces  dtudes  se  ddveloppent  autour  de  trois  axes  privildgids  qui  sont  : 

-  le  ddveloppeaent  de  adthodes  seai-eapiriques, 

-  1' adaptation  des  adthodes  nuadriques, 

-  lea  essais  en  soufflerie. 
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Ii«s  deux  prexlers  points  vont  dtre  ddveloppds  nvant  de  lontrer  leur  aboutisseaent,  reprdsentd  par  le 
prddinensionnenent  de  quelques  concepts  de  prises  d'air  assocides  i  un  noteur  conbind  du  type  fusde- 
stato-fusde. 


Ensuite,  quelques  probldnes  d'intdgration  du  fuseau  noteur  et  done  de  la  prise  d'air  seront  dvoquds. 
a  -  MITHOPM  P’KTOPM  DK8  PEI8I5  D'illt 
Itl.  -  lamaati  iwt-tip4g4wM 

be  but  recherchd  est  d'obtenir,  le  plus  rapidenent  possible  et  d  noindre  codt,  une  estimation 
suffisanaent  prdcise  des  performances  d'une  prise  d'air  gdoadtriquenent  ddfinie,  de  aanidre  d  peraettre 
I'dvaluation  de  la  poussde  du  propulseur. 

Un  progranne  inforaatique  a  dtd  ddveloppd,  sur  la  base  de  calculs  simples  et  rapides  et  I'appui  d'une 
banque  de  donndes  rasse^lant  de  noabreux  essais. 

Conae  nous  allons  le  voir,  ce  programme  prend  en  coapte  : 

-  les  diffdrents  chocs  issus  des  raapes  de  compression, 

-  le  ddveloppenent  des  couches  liaites  sur  les  raapes  de  compression, 

-  I'effet  de  ddversenent  par  les  flancs,  provoqud  par  la  compression  de  1 ' dcoulenent , 

-  le  ddbit  du  pidge  interne  en  rdgiae  supercritique, 

-  les  pertes  internes. 

2.1.1  -  Calcul  da  I'efflcaeltd  aaxlaale 

d  partir  d'une  gdoadtrie  donnde,  un  calcul  de  couche  Unite  est  effected  et  peraet  de  ddfinir  de 
nouvelles  raapes  de  coapression  "engraissdes"  de  I'dpaisseur  de  ddplaceaent  a*  de  la  couche  Unite. 

Ensuite,  un  calcul  classique  de  chocs  obliques  (coapte  tenu  dventuellenent  de  leurs  intersections  et  des 
lignes  de  glisseaent  assocides)  est  rdalisd  sur  la  nouvelle  gdoadtrie. 

L'efficacitd  aaxinale  correspond  en  fait  d  un  rdgiae  subcritique  pour  lequel,  le  choc  interne  de 
reconpression  se  trouve  toujours  situd  dans  un  plan  trds  voisin  de  la  section  droite  passant  par  le  bord 
d'attaque  de  la  cardne.  Dans  ce  plan,  il  est  possible  de  ddliaiter  des  zones  affeetdes,  ou  non  selon  les 
cas  de  calcul,  par  lea  ondea  de  choc  issues  des  raapes  de  coapression  (figure  d)  et  de  coaptabiliser 
ainsi  l'efficacitd  tbdorlque  due  aux  chocs  obliques  et  aux  diffdrentes  portions  du  choc  droit  final. 

II  reste  ensuite  d  tenir  coapte  des  pertes  internes.  &  partir  de  la  base  de  donndes  disponible  d  I'ORtSd, 
celles-ci  ont  dtd  noddlisdes  sous  la  forae  d'une  coefficient  (f)  fonction  unlqueaent  du  noabre  de  Mach 
inf ini  aaont. 


Dans  ces  conditions,  l'efficacitd  aaxiaale  de  la  prise  d'air  est  donnde  par  une  relation  de  la  forme 


Un  exeaple  de  rdsultat,  pour  une  prise  d'air  classique  d  trois  raapes  de  coapression  externe  et  une 
coapression  interne  de  5*  dans  le  plan  de  la  cardne  est  prdsentd  figure  5. 


On  pent  reaarquer  que  l'(  ''rt  aaxiaal  entre  les  prdvisions  donndes  par  ce  calcul  et  celui  qui  ne 
prendrait  en  coapte  que  les  pertes  par  chocs  est  divisd  par  deux. 


II  reste  toutefois  une  incertitude  lide  d  la  loi  de  pertes  internes  qui  est  un  coaproais  entre  diffdrents 
concepts  de  prises  d'air. 


2.1.2  -  Calcul  du  ddbit  aoteur  aaxiaal 

Les  calculs  prdeddents  de  couche  liaite,  de  chocs  et  de  leurs  intersections  dtant  effectuds,  on  pent 
alors  calculer  un  coefficient  de  ddbit  gdoadtrique  en  dcouleaent  bidiaensionnel  (t  gdoadtrique) . 

II  faut  alors  ddterainer  le  ddbit  dvacud  latdraleaent  (effet  tridiaensionnel)  selon  le  principe  ddcrit 
dans  [3]  et  qui  a  dtd  gdndralisd  d  I'OMEKA  d  des  prises  d'air  bidiaensionnelles  supersoniques  avec  des 
raapes  de  coapression  d  1,  2  ou  3  diddres. 

La  preaidre  opdration  consists  d  ddterainer  les  surfaces  (St)  comprises  entre  les  chocs,  le  bord 
d'attaque  des  flancs,  la  cardne  et  la  ligne  thdorique  qui  ddliaite  le  tube  de  eourant  qui  pdndtre  dans  la 
prise  d'air  (figure  6). 

On  suppose  alors,  que  le  ddbit  dvacud  latdraleaent  (d)  est  proportionnel  d  ces  surfaces  St  et  d  I'dcart 
de  pression  (pi-po)  existant  sur  ces  surfaces  entre  les  c6tds  interne  d  la  prise  d'air  et  externe. 


On  dtablit  ainsi  un  coefficient  G  : 


1  pi“Po 

0  »  -  I  Si  ( - ) 

A1  po 

et  alors  ci  >  k  G 

od  k  est  ddduit  d'une  corrdlation  de  rdsultats  expdriaentaux. 
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Par  aillaura,  la  d6bit  du  pidga  interne  est  calculd  en  fonction  de  la  preesion  rdgnant  dans  celui-ci 
(pir)  et  de  sa  section  de  sortie. 

La  pression  pip  est  estinde  i  partir  de  la  pression  derridre  les  chocs  en  fin  de  ranpe  de  conpression  et 
de  la  ddtente  issue  du  bord  de  fuite  de  celle-ci. 


Pip 


Ces  ddbits,  retranchds  au  ddbit  gdondtrique  pernettent  avec  une  bonne  approxination,  I'estiaation  de 
celui  qui  sera  disponible  pour  le  Boteur. 

Un  exemple  de  rdsultat  est  prdsentd  figure  7. 

a.a  -  Mdthodes  nuadrloues 

a.a.l  -  tecbercbes  fondeaentales 

La  prdvision  des  perfornances  des  prises  d'air  ndcessite  un  effort  important  dans  le  domaine  fondamental, 
pour  ddvelopper  des  noddles  tbdoriques  adaptds,  conjointeaent  avec  les  recherches  sur  le  plan  purenent 
nundrique. 

En  premier  lieu,  une  comprdhension  physique  approfondie  des  phdnomdnes  permettra  I'dtablisseaent  des  lois 
d  introduire  dans  les  codes  nuadriques.  Cette  comprdhension  et  la  validation  des  noddles  d  partir 
d'expdriences  est  une  dtape  importante  ndcessaire  et  prdalable  d  tout  ddveloppement  des  mdthodes 
nuadriques . 

Les  points  les  plus  ddlicats  de  cette  moddlisation  portent  sur  : 

-  le  ddveloppement  des  couches  limites  d  grands  noabres  de  Reynolds, 

-  1' influence  de  la  tempdrature  de  paroi, 

-  les  interactions  onde  de  choc/couche  Unite. 

Ce  dernier  sujet  revdt  une  importance  capitale  dans  la  conception  des  prises  d'air,  en  particulier  au 
travers  du  coaportement  de  la  turbulence  au  cours  de  I'interaction. 

aiita  - 

Les  codes  de  calcul  existant  ou  en  cours  de  ddveloppement  pour  d'autres  applications  ndcessitent  une 
adaptation  dans  le  cadre  des  dtudes  de  prises  d'air. 

Actuellement,  les  ddfinitions  de  prises  d'air  peuvent  dtre  dtaydes  par  les  codes  de  calcul  EULER  2D  et  3D 
pour  lesquels  la  prise  en  coapte  du  pidge  interne  est  effective. 

Des  codes  Navier  Stokes  existent  dgalement,  mais  leur  application  aux  probldmes  gdndraux  de  la  ddfinition 
des  prises  d'air  au  stade  de  I'avant-projet  ndcessite  encore  beaucoup  de  ddveloppement,  et  ne  sera  de 
touts  fagon  envisagde  que  pour  quelques  points  particuliers. 

Les  codes  de  calcul  EULER  sont  done  actuellement  les  plus  utilisds.  Parmi  les  codes  disponibles  d 
I'ONERA,  celui  ddnomad  FLU3M  [8}  est  le  plus  adaptd  d  traiter  des  dcoulements  supersoniques  prdsentant  de 
fortes  discontinuitds. 

C'est  un  code  multidomaine,  qui  rdsout  les  Aquations  d' EULER  3D  instationnaires.  Le  schdaa  nundrique 
utilisd  est  basd  sur  une  diserdtisation  ddcentrde  de  type  volumes  finis.  Pour  le  calcul  des  flux 
nuadriques,  diffdrentes  approches  sont  disponibles  :  VAHLEER,  ROE,  OSHER,  et  le  second  ordre  en  espace 
est  obtenu  au  aoyen  de  I'approche  NUSCL. 

Dans  sa  version  implite,  le  code  utilise  une  technique  de  factorisation  de  type  ADI  plan  par  plan, 
couplde  d  une  adthode  de  relaxation  6AUSS-SIEDEL  dans  la  troisidme  direction. 

Le  traiteaent  des  conditions  aux  limites  est  rdalisd  soit  par  relations  de  coapatibilitd  soit  par  calcul 
des  flux. 

Dans  I'application  aux  prises  d'air  supersoniques,  le  rdgiae  de  fonctionnement  de  la  prise  d'air  est  fixd 
par  la  pression  statique  en  fin  de  diffuseur  et  I’dcouleaent  dans  le  pidge  est  ai'tomatiquement  calculd  en 
imposant  une  section  de  sortie  sonique. 

Pour  des  conditions  d'utilisation  en  bidimensionnel  (aaillage  de  25000  points)  le  temps  de  calcul  est 
d'environ  1000  secondes  sur  CRAY  2  pour  une  convergence  atteinte  en  5000  itdrations. 
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Un  txraple  d«  Millage  ast  prdaantd  sur  la  figure  8.  II  correspond  8  une  prise  d'air  bidiaensionnelle 
essayde  en  soufflerie.  Cette  aaquette  d'essai  coaporte  de  trds  noabreuses  prises  de  pression  qui 
fournissant  les  dldaents  ndcessaires  4  la  validation  des  codes  de  calcul. 

Un  tracd  des  iso-Macb  obtenu,  pour  un  fonctionneaent  en  rdgiaa  supercritique  et  pour  un  noabre  de  Mach 
infini  aaont  correspondant  i  I'adaptation  (Uo  -  2,7)  est  donnd  figure  9.  II  aontre  bien  la  position  des 
chocs  dans  le  conduit  interne  et  le  passage  du  supersonique  au  subsonique  d  I'entrde  du  diffuseur. 

Un  exeaple  de  coaparaison  des  pressions  sur  le  profil  interne  de  la  cardne  relevdes  en  essai  et  de  celles 
obtenues  par  le  calcul  est  prdsentd  sur  la  figure  10,  on  pent  observer  une  bonne  concordance  dans  toute 
la  partie  aaont  du  profil  ou  la  couche  liaite  n'est  pas  encore  trop  ddveloppde. 


Les  adthodes  de  calcul  ddcrites  prdcddeaaent  rendent  de  grands  services  lors  de  la  ddfinition  et  du 
diaensionneaent  des  prises  d'air  ;  en  particulier  elles  peraettent  de  connaitre  avec  plus  de  prdcision 
les  perforaances  dans  tout  le  doaaine^  de  vol.  Cependant,  il  faut  bien  reconnaitre  que  ce  n'est  qu'a 
posteriori,  qu'il  est  possible  de  vdrifier  que  la  prise  d'air  ddterainde  rdpond  bien  au  probldae  posd. 

Par  ailleurs,  le  choiz  de  sa  forae,  de  sa  gdoadtrie,  fixe  ou  variable,  du  noabre  de  Mach  d'adaptation, 
etc...  ne  ddpendant  pas  seuleaent  des  perforaances  d  rdaliser,  d'autres  critdres  et  non  des  aoindres 
entrent  en  jeu,  coaae  par  exeaple  :  le  poids,  les  contraintes  theraiques  et  structurales,  ou  les  tralndes 
externes . 

Les  principes  gdndraux  et  les  diffdrents  concepts  de  prises  d'air  envisageables  pour  satisfaire  aux 
hesoins  des  aoteurs  coabinds  pour  lanceurs  adrobies  ont  dtd  ddcrits  dans  la  rdfdrence  [4] .  A  partir  des 
choix  qui  ont  dtd  proposds,  un  prddiaensionneaent  de  trois  types  de  prises  d'air  a  dtd  rdaliad  pour  un 
aoteur  "fusde-stato-fusde". 

3.1  -  Prise  d'air  4  ■ectioa  de  caatatiea  fiae 

Une  preaidre  ddfinition  (figure  11)  a  dt  dtablie  4  partir  des  rdsultats  d'essais  d'une  prise  d'air 
adaptde  4  Mach  2,7,  ce  qui  n'est  pas  ndcessaireaent  le  noabre  de  Mach  iddal  d'adaptation  aais  qui  a 
I'avantage  de  cerner  lea  probldaes  relatifs  4  ce  type  de  prise  d'air  et  de  servir  de  base  de  coaparaison 
avec  une  prise  d'air  du  adae  type  adaptde  4  un  noabre  de  Mach  plus  dlevd. 

Pour  assurer  la  aission,  et  en  particulier  la  poussde  ndcessaire  au  aoteur,  il  faut  que  le  ddbit  soit 
toujours  suffisant.  Dans  le  cas  d'une  adaptation  4  M  >  2,7,  ceci  iapose  un  diaensionneaent  pour  le  ddbit 
le  plus  dlevd  (aux  environs  de  Mach  3, 5/4,8  pour  le  aoteur  choisi  en  exeaple)  d'od  une  section  de 
captation  iaportante.  Le  ddbit  obtenu  4  bas  noabre  de  Mach  est  alors  trds  netteaent  exddentaire  ce  qui 
entralne  une  tralnde  de  captation  trds  dlevde  et  la  ndcessitd  de  aettre  en  place  des  trappes  de  ddcharge. 

Pour  liaiter  ces  inconvdnients,  on  pent  adapter  la  prise  d'air  4  un  noabre  de  Mach  plus  dlevd  :  Ma  >4 
par  exeaple.  La  loi  de  ddbit  obtenue  ainsi,  figure  11,  se  rapproche  de  celle  ndcessaire  au  aoteur,  aais 
an  reste  toutefois  asses  dlolgnde. 

Une  aodificatlon  dldaentaire,  aais  pas  ndcessaireaent  suffisante,  consisterait  aussi  4  prolonger  vers 
I'aaont  les  raapes  de  coapression  par  une  plaque  plane,  4  incidence  nulle,  avec  flancs,  ceci  augaenterait 
la  section  de  captation  4  haut  Mach  en  incidence. 

In  conclusion,  ce  type  de  prise  d'air,  sans  aucun  artifice,  est  done  difficileaent  adaptable  4  ce  genre 
de  aission. 

3.2  -  Priaa  d'air  4  aection  de  caatatloB  varlabla 

Pour  aieux  rdpondre  aux  besoins  du  aoteur,  le  concept  de  gdoadtrie  variable  a  alors  dtd  envisagd  ;  la 
preaidre  solution  proposde  [4]  est  de  faire  pivoter  I'enseable  raape  de  coapression-cardne  autour  d'un 
axe  situd  dans  le  pidge  4  couche  Unite  interne  (figure  12) . 

Cette  disposition  inpose  la  position  inversde  par  rapport  au  fuselage,  c'est-4-dire  que  la  cardne  serait 
placde  c6td  fuselage. 

Dans  ces  conditions,  en  cholsissant  correcteaent  la  section  de  captation  et  la  longueur  de  la  preaidre 
raape  (qui  prdsente  une  ddviation  nulle  sans  rotation),  la  variation  du  ddbit  et  I'augaentation  de  la 
coapression  done  de  I'effieacitd  lorsque  le  noabre  de  Mach  augaente  est  assurde  par  le  pivoteaent  de 
I'enseable  raapes  de  coapression-cardne.  Pour  I'exenple  considdrd  ici,  une  rotation  de  12*  est  ndcessaire 
pour  couvrir  la  plage  des  ddbits  deaandds. 

Cette  conception  a  toutefois  un  inconvdnient  qui  provient  de  I'inclinaison  de  plus  en  plus  forte  de  la 
cardne  et  par  suite  d'une  tralnde  externe  iaportante.  De  plus,  coapte  tenu  de  la  preaidre  raape, 
I'enseable  est  senslbleaent  plus  long. 

3.3  -  Prise  4'tir  iiidtrlTOg  i  ytriohle 

Cette  dernldre  conception  (figure  13)  a  I'avantage  de  suppriaer  la  cardne  et  done  a  priori  de  diainuer  la 
tralnde  externe.  Le  fait  d'utillser  deux  sdries  de  raapes  planes,  sdpardes  par  un  preaier  pidge  qui 
abaorbe  an  grande  partie  les  rdflexions  des  chocs,  peraet  de  liaiter  les  pertes  internes. 
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Toutefois,  des  interactions  existent  avec  les  flancs  conne  dans  les  prises  d'air  classiques  en 
sur adaptation. 

La  quasi  totality  de  la  coapression  est  interne  et  des  probldnes  d'anorcaqe  ou  de  stability  de 
I'dcouleaent  peuvent  apparaitre  (un  col  i  section  variable  peut  pallier  cet  inconvenient). 

Une  prenidre  sdrie  d'essais  a  ddjd  dtd  elfectude  4  I'ONERA  (figure  14)  dans  le  donaine  2  <  Mach  i  5,5  et 
les  rdsultats  obtenus  sont  proaetteurs. 

Ce  concept  de  prise  d'air  est  satisfaisant  dans  la  aesure  o4  celle-ci  s'adapte  bien  aux  lois  de  debit 
recherchees.  Sa  longueur  est  un  peu  plus  iaportante  que  dans  le  cas  precedent  et  son  integration  4  un 
enseable  propulsif  aulti-aoteurs  plus  deiicat. 

4  -  PiQiLiwa  D'lmoiATioii  m  rosiAO  motwi  [5] 


L'un  des  aspects  et  non  des  aoindres,  des  probldaes  rencontres  lors  de  la  definition  d'une  prise  d'air 
est  I'integration  de  celle-ci,  et  done  du  fuseau  aoteur,  au  fuselage. 

II  est  bien  evident  que  les  definitions  precedentes  et  done  les  calculs  de  perforaances,  ne  sont 
possibles  que  si  I'on  a  une  connaissance  suffisaaaent  precise  de  I'ecouleaent  qui  sera  capte  par  la  prise 
d'air. 

En  particulier,  le  noabre  de  Each,  I'incidence,  le  ddrapage  dventuel,  la  hauteur  de  la  couche  liaite  sont 
des  eieaents  essentials  dont  il  est  ndeessaire  de  tenir  coapte  [6]  [7] . 

De  la  forae  du  fuselage,  dans  sa  partie  avant,  ddpendra  la  hauteur  et  la  nature  de  la  couche  liaite 
(figure  15).  De  nouveau,  un  coaproais  sera  ndeessaire  entre  les  perforaances  intrinsdques  de  la  prise 
d'air  et  la  tralnde  externe  provoqude  par  I'dtrave  qui  sdpare  la  prise  d'air  du  fuselage. 

La  ou  les  prises  d'air  occuperont  une  envergure  iaportante,  la  figure  16  prdsente  pour  Mach  =  6  et 
ot  s  4°,  des  rdsultats  d'essais  pour  cinq  positions  en  envergure  4  partir  de  la  ligne  adridienne  centrale, 
les  hauteurs  de  la  couche  liaite  varient  du  siaple  au  double  selon  que  I'on  se  trouve  sur  I'axe  ou  4 
Z/h  >  2,4  ;  h  correspondent  4  la  hauteur  de  la  prise  d'air  (h  ^  0,03  L) . 


En  conclusion,  11  est  iaportant  de  rappeler  que  les  perforaances  des  aoteurs  adrobies,  dans  un  doaaine  de 
vol  trds  etendu  de  noabres  de  Mach  (0  46  ou  7  et  plus  dans  le  cas  d'un  scraajet)  et  4  des  altitudes 
coaprlses  entre  0  et  30  ka,  seront  pour  leur  plus  grande  part,  conditionndes  par  la  quantitd  et  la 
qualite  de  I'dcouleaent  ingdrd  par  les  prises  d'air. 


De  plus,  I'dtude  des  prises  d'air,  avec  suffisaaaent  de  precision,  n'est  possible  que  si  I'on  connait 
I'dcouleaent  au  droit  du  plan  de  captation  et  en  adae  teaps,  les  besoins  exacts  des  aoteurs. 

Ces  conditions  rdalisdes,  les  adthodes  de  calcul  seai-eapiriques  peraettent  une  approche  des  perforaances 
et  de  justifier  le  bien-fondd  de  la  definition  gdoadtrique  retenue. 

Les  calculs  nuadrlques,  s'ils  renseignent  sur  la  nature  de  I'dcouleaent  interne  et  peraettent  d' explorer 
le  doaaine  de  vol,  ne  sont  pas  encore  suffisaaaent  fiables  pour  juger  des  perforaances  intrinsdques  de 
ebaque  concept. 

Dans  cette  optique,  des  essals  en  soufflerie  restent  ndeessaire  pour  recaler  les  perforaances. 
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Figure  1  :  De  la  fusde  classique  ...  k  la  navette  ..  vers  le  lanceur 


figure  2  :  Lanceurs  adrobies  :  nono  ou  bi-dtage 


riovrt  6  :  C«lcul  da  dttit  aof  ur  ■axi— 1 
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Figure  16  :  Couche  liaite  eelon  I’envergure 


Discussion 


SCHMIDT 

1)  You  mentioned  that  you  use  Euler  Methods.  What  can  be  reached  with 
Euler  Solutions? 

2)  What  are  the  real  gas  effects  on  internal  flows  and  intake  flows? 
AUTHOR’S  REPLY 

1)  Dans  les  cas  de  calculs  avec  les  codes  EULER,  les  resultats  peuvent 
etre  consideres  comme  bons  et  representatifs  jusqu’au  choc  de  recompression 
final  parce  que  les  interactions  sont  faibles  et  parce  qu’il  n'existe  pas  de 
decollement.  Dans  le  cas  contraire,  il  est  bien  evident  que  seuls  des  calculs 
Navier  Stokes  sont  representatifs. 

2)  Les  effets  de  gaz  reels  n’ont  pas  une  importance  fondamentale  avant 
des  nombres  de  Mach  voisins  de  5  ou  6. 

TOWNEND 

Your  fig.  15  shows  the  strong  connection  between  cross-section  design  and 
boundary  layer  accumulation  along  the  forebody  undersurface  centre  line.  Have 
you  drawn  any  conclusions  with  regard  to  desirable  shapes  which  will  avoid 
complicating  the  engine  designer's  problem? 

AUTHOR'S  REPLY 

Avant  de  proceder  au  calculs  il  faut  avoir  une  bonne  connaissance  de 
I'ecoulement  capte  par  la  prise  d'air.  Il  est  sur  qu'il  faut  faire  tres 
attention  a  I'ecoulement  capte  par  la  prise  d'air  et  la  forme  du  fuselage.  Des 
calculs  sont  actuellement  effectues  sur  des  formes  differentes  pour  essayer  de 
diminuer  les  epaisseurs  de  couche  limite  et  d'eviter  les  problemes. 
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SOns  ASPECTS  OF  SHOCK-NAVE  BOUNDARY  LAYER 
INTERACTION  RELEVANT  TO  INTAKE  FLONS 
By 

J . L. Stollery 

The  College  of  Aeronautics 
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SUMMARY 

The  paper  discusses  four  main  topics: 

(i)  'Two  dimensional'  shock  induced  separation, 

(ii)  Three  dimensional  glancing  interaction, 

(iii)  Shock/shock  boundary  layer  interaction,  and 

(iv)  Hypersonic  viscous  interaction. 

Wherever  possible  both  leuninar  and  turbulent  flows  are  considered  and  reference  is 
made  to  experimental  data  and  to  the  results  of  mathematical  modelling.  The  paper  ends 
with  some  thoughts  on  future  research  topics  and  the  facilities  needed  to  pursue  them. 

LIST  OF  SYMBOLS 

The  following  symbols  are  not  always  defined  in  the  text  or  in  the  figures. 

C  constant  in  the  viscosity-temperature  law  y  =  CT 
Cf  skin  friction  coefficient 

D  diameter  of  leading  edge 

f  function  of,  see  /  5 

h  enthalphy 

L  distance  to  compression  corner  (see  figures) 

p  pressure 

q  heat  transfer  rate 

Re^^  Reynolds  numbet.  =  p.  u<»  (  )/yai 

St  Stanton  number  =  ^  /  p-  Uo,  (hr  -  hw) 

T  temperature 

u  velocity 

X  ) 

y  )  Cartesian  co-ordinate  systems  defined  in  the  figures 

2  ) 

wedge  angle  or  compression-corner  angle 
a  value  of  a  for  incipient  separation 

6  boundary  layer  thickness  (y  =  «  when  u/u»  =  0.995) 

Sl  value  of  «  at  x  =  L 

y  viscosity 

p  density 

Suffices 


e  value  at  edge  of  boundary  layer  displacement  thickness 
f.p.  flat  plate 

o  stagnation  point  (abbreviation  stag,  also  used) 

r  recovery 

w  wall 

“>  free-stream 


1 .  INTRODUCTION 

The  aerodynamic  design  of  an  engine  intake  for  a  supersonic  or  hypersonic  vehicle 
is  a  very  challenging  task.  Before  reaching  the  combustion  zone  the  airflow  has  to  be 
slowed  down  (relative  to  the  aircraft).  This  can  be  done  very  abruptly  through  a  single 
normal  shock  wave  standing  just  ahead  of  a  pitot-type  intake.  Although  this  has  the 
merit  of  avoiding  shock-wave  boundary-layer  interaction  within  the  intake,  the  loss  of 
total  pressure  makes  this  simple  solution  quite  unacceptable  for  flight  Mach  numbers  in 
excess  of  M«  =  1.5. 

Theoretically  shock  waves  in  the  intake  can  also  be  avoided  by  the  careful  design 
of  an  isentropic  compression  surface.  In  practice  the  result  would  be  a  long,  heavy 
intake,  difficult  to  adjust  to  varying  flight  Mach  numbers.  In  reality  the  intake 
designers  use  a  number  of  (mostly  oblique)  shock  waves  to  compress  and  decelerate  the 
incoming  flow.  It  is  the  interactions  between  these  shock  waves  and  the  boundary  layers 
growing  along  the  intake  walls  that  can  lead  to  separation  and  significant  modification 
of  the  desired  flowfield. 

Fig.l  shows  a  mythical  hypersonic  intake  which  demonstrates  all  of  the  topics 
discussed  here.  Quasi  two-dimensional  interaction  occurs  at  A,  B  and  C  and  glancing 
interaction  at  D  and  E.  In  section  2  the  conditions  for  the  incipient  '2D'  separation 
of  both  laminar  and  turbulent  boundary  layers  are  reviewed  and  the  effects  of  separation 
on  the  pressure  and  heat  transfer  distributions  are  described. 
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The  oblique  shock  wave  BC  also  interacts  with  the  side-wall  boundary  layer  in  the 
region  D,  Pig.l.  Unfortunately  boundary  layers  are  more  sensitive  to  this  so-called 
glancing  interaction  than  to  the  '2D ‘-type  and  the  resulting  flow  is  more  complex. 

Section  3  describes  such  flows  and  also  covers  the  related  types  of  glancing  interaction 
generated  by  struts  in  the  intake.  These  struts  may  be  swept  and/or  blunt-nosed. 

At  hypersonic  speeds  two  additional  problems  may  appear.  These  are  shown  in  Fig. 2, 
nauaely  shock-shock  interaction  and  viscous  interaction.  The  intense  heat  transfer  at 
sharp  leading  edges  makes  some  degree  of  blunting  inevitable.  If  a  shock  wave  from  the 
intake  compression  surface  intersects  the  bow  shock  ahead  of  the  blunted  intake  lip  as 
shown  in  Fig. 2a,  a  number  of  complex  flows  can  develop  around  the  lip.  These  are  reviewed 
in  section  4,  which  draws  attention  to  the  high  pressures  and  heat  transfer  rates  that 
may  still  occur  locally. 

The  very  large  shear  stresses  in  hypersonic  boundary  layers  generate  high 
temperatures  which  reduce  the  density  and  so  make  the  layers  thick  (Fig. 2b).  The  layers 
can  be  thick  enough  to  significantly  affect  the  outer  flowfield  and  hence  the  pressure 
distribution  in  which  the  layer  develops.  This  mutual  interference  between  the  external 
flow  field  and  the  boundary  layer  growth  is  termed  viscous  interaction.  Unless  the  way 
in  which  the  boundary  layer  modifies  the  effective  shape  of  the  intake  is  allowed  for, 
the  required  performance  will  not  be  achieved.  A  simple  way  of  estimating  viscous 
interaction  is  given  in  section  5. 

2.  ‘THO-DIHENSIONAL’  INTERACTION 

No  real  interaction  can  be  genuinely  two-dimensional  but  the  term  is  used  for 
configurations  where  there  is  a  substantial  spanwise  region  over  which  the  flow  does  not 
change.  A  configuration  relevant  to  engine  intakes  is  the  compression  corner  (Fig. 3)  and 
a  considerable  amount  of  data  now  exists. 

2 . 1  Laminar  Flow 


Typical  pressure  and  heat  transfer  distributions  taken  from  the  work  of  Needham 
(Ref.l)  at  Moo  =  9.7  are  shown  in  Fig. 4.  As  the  turning  angle  (shock  strength)  is 
increased  so  the  pressure  rises  smoothly  until  separation  ars.  As  separation  proceeds 
so  the  single  shock  springing  from  the  corner  for  attached  flow  is  replaced  by  two  shocks 
from  the  separation  and  reattachment  regions  respectively,  with  a  plateau  in  the  pressure 
distribution  between  them.  The  heat  transf'-.r  rate  distribution  differs  from  the  pressure 
signature  in  the  corner  region.  One  of  the  characteristics  of  laminar  flow  is  the  local 
reduction  of  heat  transfer  in  the  corner  and  separated  flow  regions. 

An  important  criterion  for  the  intake  designer  is  ti*e  angle  for  incipient 
separation.  A  simple  dimensional  argument  at  hypersonic  speeds  (Ref.l)  leads  to  the 
suggestion  that 

(4^0^’=  const.  X  =  Mi  (C/Rer  )** 

_  jj 

A  correlation  of  experimental  data  given  in  Ref.l  suggests  the  relation  M*  =  1.4  x 
where  is  measured  in  radians.  Although  intended  for  M<»  >5  this  equation  seems  to  give 
a  rough  guide  even  at  supersonic  Mach  numbers.  What  is  obvious  is  that  supersonic 
laminar  layers  are  easily  separated  e.g.  M»  =  3.,  ReL  =  10®  ,  =  4°.  Fortunately  in 

most  flight  conditions  at  modest  Mach  numbers  the  Reynolds  numbers  will  be  high  enough 
for  the  boundary  layer  to  be  turbulent  and  hence  much  more  resistant  to  separation. 

The  mathematical  modelling  of  supersonic  laminar  flow  over  a  compression  corner  has 
been  under  continual  development  ever  since  the  1940' s.  Simplified  analytic  methods 
based  on  the  boundary  layer  equations  gave  way  to  numerical  solutions  of  the  integral 
momentum  and  energy  equations  in  the  1960 's.  The  explosive  growth  of  computing  power, 
allied  to  the  extensive  development  of  the  numerical  techniques  needed  to  solve  the 
Navier-Stokes  equations  for  laminar  flow,  have  resulted  in  powerful  and  accurate  models 
now  being  available.  The  recent  paper  by  Rudy  et.al.  (Ref. 2)  shows  how  attached, 
incipient  and  fully  separated  laminar  flows  can  be  calculated.  When  the  real  experimental 
geometry  is  duplicated  the  agreement  with  the  measured  results  is  excellent. 

2.2  Turbulent  Flow 


The  corresponding  pressure  and  heat  transfer  distributions  for  turbulent  flow  over 
a  compression  corner  are  shown  in  Fig. 5.  In  contrast  to  laminar  flow  the  heat  transfer 
in  the  separated  region  increases  and  the  close  similarity  in  form  between  the  two 
distributions  is  obvious.  This  has  led  to  a  number  of  simple  methods  of  calculating  the 
heat  transfer  once  the  pressure  distribution  is  known,  (see  for  example  Ref. 3  by  Coleman 
and  Stollery) . 

Turbulent  flows  can  turn  through  much  larger  angles  without  separating  and  a 
collection  of  incipient  separation  data  is  given  in  Fig. 6a.  It  is  impossible  to  correlate 
and  explain  all  the  data  shown,  partly  because  of  the  difficulty  of  defining  the  incipient 
separation  condition  in  turbulent  flow.  Dolling  and  co-workers  (Ref. 4)  have  shown  that 
the  flow  is  unsteady.  Hence  most  measurements  of  reflect  a  mean  value  and  the  mean 
will  vary  with  the  technique  chosen.  Nevertheless  a  definition  of  is  useful  because 
at  least  it  gives  a  value  below  which  the  effects  of  separation  are  relatively  unimportant. 
Elf Strom  (Ref. 5)  has  proposed  a  separation  criterion  based  on  a  "slip"  Mach  number  at  the 
wall.  Using  a  particular  family  of  velocity  profiles  the  Mach  number  profile  can  be 
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constructed  for  any  given  Reynolds  number  and  wall  temperature  ratio.  Extrapolating  the 
'linear'  part  of  this  profile  near  the  wall  down  to  the  surface  enables  a  'wall  Mach 
number'  to  be  calculated.  The  incipient  separation  angle  is  then  defined  as  the  wedge 
angle  needed  to  detach  an  inviscid  flow  at  the  'wall  Mach  number' .  This  simple  method 
seems  to  predict  the  trends  with  Reynolds  number,  Mach  number  and  wall  temperature  as 
shown  in  Fig. 6.  Using  his  method  Elf Strom  managed  to  correlate  many  of  the  data  shown 
in  Fig. 6a.  The  figure  emphasises  that  even  at  M.  =  2,  turning  angles  of  more  than  10° 
can  usually  be  sustained  without  separation.  At  hypersonic  speeds  can  exceed  20°. 

The  experimental  data  measured  by  Coleman  and  Stollery  (Ref. 6)  have  been  used  as 
test  cases  for  the  validation  of  some  mathematical  models.  The  Reynolds-averaged 
compressible  Navier-Stokes  equations  were  solved  using  a  variety  of  turbulence  models . 
Although  the  results  looked  promising,  at  the  time  of  publication  (1987)  no  single  model 
was  able  to  predict  all  the  test  cases  (Ref. 7  and  8). 

3 .  GLANCING  INTERACTION 

In  an  intake  there  are  likely  to  be  side  walls  at  right  angles  to  the  shock 
generating  surfaces.  The  oblique  shocks  providing  the  compression  will  therefore  cut 
across  the  side  wall  boundary  layers  as  shown  in  Fig.l.  Moreover  there  may  be  struts  or 
supports  in  the  intake  and  everywhere  there  is  a  strut/wall  junction  a  glancing 
interaction  will  result. 

3.1  Turbulent  Flow 


In  a  glancing  interaction  the  pressure  rise  across  the  shock  feeds  forward  through 
the  side-wall  boundary  layer  causing  the  surface  streeunlines  to  deflect  well  before  they 
reach  the  shock  wave  (Fig. 7a).  For  sufficiently  strong  shocks  the  side-wall  surface-flow 
lifts  off  (separates)  and  rolls  up  to  form  a  weak  vortex  as  shown  in  Fig. 7b.  The 
separated  region  interacts  with  the  external  flow  causing  bifurcation  of  the  oblique 
shock  and  a  complex  flow  pattern  develops  in  the  corner  (Fig. 7c).  Near  the  reattachment 
line  high  pressures  and  high  heat  transfer  rates  are  measured. 

Experiments  have  been  made  with  turbulent  boundary  layers  throughout  the  Mach 
number  range  1.4  <  M«,  <  11  though  data  are  sparse  for  M.  >  4.  Most  experimenters  define 
the  onset  of  separation  using  surface  oil  flow  patterns.  A  comparison  between  such 
measurements  of  incipient  separation  and  the  simple  criterion  due  to  Korkegi,  M»  o .  =  17°, 
is  shown  in  Fig. 8.  Note  that  the  measurements  at  M»  =  11  were  made  in  a  shock  turihel 
with  insufficient  running  time  for  surface  oil  flow  patterns  to  develop.  In  this  case 
was  determined  from  the  appearance  of  a  plateau  in  the  streamwise  heat  transfer 
distributions  and  an  increase  in  the  fluctuations  recorded  by  the  local  thin  film  gauges. 
It  is  immediately  apparent  from  a  comparison  between  figures  6  and  8  that  the  turbulent 
boundary  layer  is  more  susceptible  to  glancing-interaction  than  to  interaction  of  a 
quasi-two-dimensional  kind.  Thus  unless  some  form  of  boundary  layer  control  is  used  it 
will  be  difficult  to  avoid  separation  from  glancing  interaction.  The  only  redeeming 
feature  of  the  flow  is  that  the  effects  are  fairly  local  and  may  only  affect  a  small 
percentage  of  the  mass  flow  subsequently  entering  the  engine. 

There  have  been  a  number  of  mathematical  models  of  the  glancing  shock  interaction 
generated  by  a  sharp  wedge.  All  simulate  steady  conditions  and  confirm  the  mean  features 
of  the  flow  found  experimentally.  References  can  be  found  in  the  review  by  Stollery 
(Ref .9) . 

3 ■ 2  Laminar  Flow 

The  structure  of  the  flow  is  very  similar  for  both  laminar  and  turbulent  layers 
but,  as  expected,  laminar  layers  separate  more  easily.  The  amount  of  laminar  data  is 
small  but  in  1980  the  Von  Karman  Institute  in  Belgium  began  a  study  at  M®  =  2.25.  Even 
at  a  turning  angle  of  4°  the  oblique  shock  wave  was  strong  enough  to  separate  the  side 
wall  boundary  layer  by  glancing  interaction.  In  a  corresponding  numerical  experiment 
Degrez  solved  the  full  Navier-Stokes  equations.  These  calculations  confirmed  the 
vortical  nature  of  the  separated  zone  and  gave  good  agreement  with  the  measured  pressure 
distributions  on  the  side  wall. 

3.3  Struts  within  the  Intake 


For  supersonic  inlets  there  are  unlikely  to  be  any  struts  across  the  flow  but  for 
scram jets  the  fuel  may  be  added  from  the  base  region  of  wedge-type  struts.  If  these 
struts  have  a  sharp  leading  edge  then  the  glancing  interaction  between  the  strut¬ 
generated  oblique-shock  and  the  boundary  layer  growing  along  the  surface  from  which  the 
strut  is  mounted,  will  be  precisely  as  described  above,  (sections  3  to  3.2  inclusive). 
If  however  the  strut  is  swept,  or  blunted,  or  both,  then  a  whole  new  variety  of  changes 
can  occur. 

Sweeping  a  sharp  edged  strut  backwards  weakens  the  shock  strength  at  the  root  so 
reducing  the  interaction.  But  sweep  also  reduces  the  Mach  number  normal  to  the  leading 
edge  so  that  shock  detachment  from  the  leading  edge  occurs  at  a  lower  wedge  angle. 
Usually  sweep-back  is  beneficial  and  conversely  sweep-forward  is  thought  to  be 
detrimental  though  little  experimental  data  exists. 

At  high-supersonic  speeds  and  hypersonic  speeds  some  blunting  of  the  leading  edge 
may  be  essential.  A  blunt  strut  generates  a  curved  shock  wave  standing  off  from  the 


17-4 


leading  edge.  The  interaction  of  this  bow  shock  wave  with  the  wall  boundary  layer  can 
generate  a  rich  variety  of  complex  and  probably  unsteady  flows.  Figure  9  gives  a 
simplified  picture  of  the  mean  flow  in  the  strut-wall  junction  region.  Although  only 
two  vortices  are  shown,  in  practice  as  many  as  six  have  been  indicated  by  surface  oil 
flow  patterns.  So  far  as  the  wall  is  concerned  the  maximum  pressures  and  heat  transfer 
rates  are  recorded  near  the  attachment  lines  where  the  flow  passing  over  the  vortices 
returns  to  the  surface,  for  example  the  region  near  the  point  A  in  Fig. 9. 

A  more  serious  problem  occurs  on  the  leading  edge  of  the  strut.  The  bow  shock 
causes  boundary  layer  separation  which  in  turn  generates  an  oblique  shock  springing  from 
the  separation  line.  This  oblique  shock  wave  intersects  the  bow  shock  and  modifies  its 
shape  (Fig. 9).  Immediately  below  the  shock  intersection  point  in  the  plane  of  symmetry, 
the  flow  is  now  processed  by  two  (weaker)  oblique  shock  waves  instead  of  by  the  strong 
bow  shock  wave  surrounding  the  rest  of  the  strut.  The  result  is  a  supersonic  stream  of 
high  total  pressure  which  impinges  on  the  strut  leading  edge  to  give  a  very  localised 
region  of  high  pressure  and  very  high  heat  transfer  rate  (region  B,  Fig. 9).  Measurements 
with  turbulent  boundary  layers  at  supersonic  Mach  numbers  have  indicated  local  heat 
transfer  rates  around  three  times  the  stagnation  point  value.  Laminar  boundary  layers 
are  much  more  prone  to  separation  so  the  interaction  region  for  a  given  strut  leading 
edge  diameter  is  far  greater.  Laminar  flow  measurements  at  M*  =  14  along  the  leading 
edge  of  a  circular  nosed  strut  reached  a  peak  q  of  10  times  the  stagnation  point  value, 
due  to  the  shock/shock  interaction  described  above.  This  type  of  flow  Is  also  very 
important  near  intake  lips  and  will  be  discussed  in  greater  detail  later. 

The  mathematical  modelling  of  these  complex  blunt-strut/glancing-interaction  flows 
is  improving  rapidly.  Pictures  taken  from  the  work  of  Hung  and  Buning  (Ref. 10)  clearly 
show  the  vortex  formation  and  match  the  experimental  surface  oil  flow  patterns  (Fig. 10). 

Two  ways  of  reducing  the  interaction  problems  are  (i)  to  make  the  strut  leading 
edge  radius  as  small  as  possible,  (ii)  to  sweep  the  leading  edge.  Figure  11  (from  Ref. 11) 
shows  the  beneficial  effect  of  a  small  nose  radius  (Rjj)  but  since  q  is  proportional  to 
1//R|^  there  is  clearly  a  limit  to  the  reduction  possible.  The  effects  of  sweep  are  very 
powerful  and  mostly  beneficial.  As  the  blunt  edge  is  swept  backwards  so  the  size  of  the 
interaction  region  collapses  (Fig. 12),  the  strengths  of  the  vortices  are  weakened  and  the 
pressure  and  heat  transfer  rate  peaks  in  the  surface  distributions  are  greatly  reduced. 
More  importantly  the  shock/shock  interaction  pattern  is  changed  and  the  peak  heat  transfer 
rate  along  the  strut  leading  edge  is  significantly  lowered  (Fig. 13,  taken  from  Ref. 12). 

The  only  adverse  effect  may  be  due  to  leading  edge  contamination.  The  flow  at  the 
leading  edge  of  an  unswept  strut  will  be  laminar  and  the  maximum  heat  transfer  rate  will 
be  the  laminar  stagnation  point  value.  If  the  strut  is  swept  and  is  mounted  from  a 
surface  over  which  the  boundary  layer  is  turbulent  then  the  turbulent  flow  in  the 
junction  may  contaminate  the  complete  leading  edge  attachment  line  so  significantly 
increasing  the  heat  transfer  rate  values.  Contamination  depends  on  the  radius  of  the 
leading  edge  and  the  sweep  angle,  as  well  as  the  Mach  number  and  Reynolds  number.  Poll 
(Ref. 13)  has  established  the  conditions  under  which  contamination  occurs. 

If  a  straight  swept  strut  spans  two  surfaces  then  one  junction  will  have  a  swept- 
forward  configuration.  Intuitively  such  a  junction  looks  unattractive  but  there  are 
currently  few  experimental  data  on  which  to  base  a  judgement. 

Once  again  the  recent  mathematical  models  of  turbulent  flow  around  a  swept  blunt 
fin  junction  show  great  promise  and  correctly  predict  the  experimental  trends,  (Ref. 14). 

Finally  before  leaving  this  section  on  glancing  interaction  it  is  important  to 
emphasise  the  unsteady  nature  of  many  of  these  flows.  Most  methods  of  measurement  and 
flow  visualisation  record  an  average  or  mean  property,  because  they  are  not  fast  enough 
to  do  anything  else.  However  fast-response  pressure  transducers  and  microsecond  spark 
photographs  do  indicate  flow  unsteadiness.  Turbulent  flow  is  by  its  very  nature  unsteady 
but  Dolling  (Ref. 15)  shows  that  the  pressure  fluctuations  recorded  in  wind  tunnel 
investigations  of  the  glancing  interaction  region  are  greater  than  those  in  the  oncoming 
boundary  layer.  Not  surprisingly  the  unsteadiness  effects  are  larger  for  blunt  struts 
than  for  sharp  ones.  There  have  not  been  many  studies  of  laminar  glancing  interaction 
but  spark  photographs  suggest  that  these  flows  are  steady. 

4 .  SHOCK-SHOCK  IIITERACTION 

If  the  lower  lip  of  an  intake  has  to  be  rounded  to  alleviate  the  heating  problem 
then  shock-shock  interaction  may  occur  (as  shown  in  Fig. 2  and  as  described  in  /  3.3). 

A  classic  paper  by  Edney  in  1968  (Ref. 16)  explained  this  type  of  interaction  and  divided 
the  problem  into  six  different  classes.  He  showed  that  the  particular  category  depended 
on  body  geometry,  the  strength  of  the  impinging  shock  and  its  position  relative  to  the 
body.  Figure  14  based  on  the  report  by  Keyes  and  Hains  (Ref. 17)  shows  the  various  types 
of  interaction  that  could  arise  from  an  oblique  shock  wave  meeting  the  bow  shock  ahead 
of  a  cylindrical  intake  lip.  The  greatest  amplification  Factor  F  (where  F  =  q  peak/^ 
stag)  occurs  for  a  type  IV  interaction , where  a  supersonic  jet  is  created  which  then  , 

impinges  on  the  intake  lip.  Provided  the  jet  remains  laminar  it  seems  that  F  -  (Ppeak)^ 
and  so  increases  with  Mach  number.  If  however  the  supersonic  jet  becomes  transitional 
or  turbulent  the  peak  heat  transfer  rate  is  increased  still  further. 

Measurements  are  difficult  because  the  peak  heat  transfer  rates  are  very  localised 
and  the  flow  may  again  be  unsteady.  The  practical  importance  and  the  severity  of  shock/ 
shock  interaction  was  demonstrated  as  early  as  1967  when  a  strut  carrying  a  ram  jet  model 
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below  the  X-15  burned  through  during  a  flight  at  M  =  6.7  and  the  model  tore  loose.  In 
Holden's  tests  (Ref. 18),  specifically  designed  to  examine  the  intake  lip  problem,  F 
values  for  a  single  oblique  shock  configuration  ranged  from  around  5  for  laminar  flow 
and  reached  more  than  20  for  turbulent  jet  conditions. 

Of  course  an  intake  may  have  two  (or  more)  wedges  to  help  compress  the  flow.  In 
Holden's  experiments  a  single  wedge  of  semi-angle  12.5°  was  replaced  by  a  double  wedge 
system  turning  the  Mach  8  flow  through  7.5  and  then  5°  (Fig. 15).  If  the  two  oblique 
shocks  coalesced  just  before  interacting  with  the  bow  shock  ahead  of  the  lip,  then  both 
the  peak  pressure  and  peak  heating  rate  were  increased  (F  rose  from  around  20  to  nearly 
30).  However  by  suitably  positioning  the  lip  so  that  the  two  oblique  shocks  were  still 
separated  when  reaching  the  lip-bow-shock,  the  interaction  could  be  spread  over  a  large 
area.  The  peak  pressure  was  reduced  by  a  factor  of  4  below  the  single  wedge  case,  whilst 
F  was  reduced  from  around  20  to  7. 

Finally  Holden  showed  that  sweeping  the  cylindrical  intake  lip  30°  reduced  the  peak 
heating  rate  by  about  30%,  but  more  tests  are  really  needed.  It  must  be  remembered  that 
all  the  experiments  at  M«  =  8  referred  to  above,  have  turbulent  impingement  conditions 
onto  a  laminar  stagnation  point.  If  the  intake  lip  is  swept  there  is  the  danger  of 
turbulent  contamination  of  the  attachment  line  from  the  lip-root  junction.  With  the  jet 
already  turbulent  further  contamination  along  the  attachment  line  may  be  relatively 
unimportant  but  if  the  shock/shock  interaction  was  entirely  laminar  then  contamination 
by  sweeping  the  lipback,  might  be  very  damaging. 

As  long  ago  as  1976  Tannehill  et.al.  (Ref. 19)  calculated  the  two-dimensional  shock- 
shock  interaction  flow  field  by  using  a  time-dependant,  finite  difference  method  to  solve 
the  Navier-Stokes  equations.  Their  results  at  =  4.6  looked  very  promising  but  no 
direct  comparisons  with  experiment  were  possible  at  that  time.  Since  then  niunerical 
results  have  been  sparse. 

5 .  VlSCX>aS  INTERACTION 

At  hypersonic  speeds  the  displacement  effect  of  the  boundary  layer  can  be 
significant,  particularly  for  laminar  flow.  As  an  extreme  example  Fig. 16  shows  the 
displacement  effect  at  M«.  =  25  for  a  two-wedge  intake  with  each  wedge  turning  the  flow 
through  10°.  The  difference  between  the  'real'  and  inviscid  pressure  distributions  is 
marked.  The  boundary  layer  'smears  out'  the  pressure  rise  over  much  of  the  second  wedge, 
the  only  beneficial  effect  is  the  reduced  heat  transfer  rate.  If  the  boundary  layer  is 
turbulent  then  the  effects  of  viscous  interaction  are  far  less  significant  but  will 
inevitably  modify  the  pressure  distribution  (and  heat  transfer  rate)  in  the  neighbourhood 
of  any  sudden  change  of  shape. 

The  analysis  used  is  detailed  in  Ref. 20  but  basically  the  equation  set 


yg  =  fi 

(6*) 

(1) 

6*  =  f2 

(2) 

Pe  =  ^3 

(ye) 

(3) 

has  to  be  solved  simultaneously  for  a  given  geometric  shape,  yy,(x).  The  problem  can  be 
made  accurate  (and  complex)  or  approximate  (and  simple)  depending  on  the  choice  of  fj, 
f2  and  f-j.  In  Ref. 20  equation  (1)  is  written  as  yg  =  y^,  +  6*,  an  acceptable  approximation 
at  hypersonic  speeds.  The  displacement  thickness  6*  is  expressed  as  a  function  of  the 
(as  yet  unknown)  pressure  distribution  using  the  momentum  integral  equation  and  Eckert's 
reference  enthalphy  method.  Finally  the  tangent-wedge  rule  is  used  to  calculate  the 
pressure  distribution  assuming  that  the  pressue  is  constant  across  the  boundary  layer 
(Pg  =  Pv,).  The  heat  transfer  rate  is  estimated  using  Reynolds  analogy  in  its  simplest 
form  i.e.  St  =  Cf/2. 

The  only  difference  in  the  analysis  between  laminar  and  turbulent  flow  lies  in  the 
form  of  equation  (2).  Expressions  for  both  types  of  flow  and  details  of  the  extension 
from  two-dimensional  to  axi-symmetric  flow  are  given  in  Ref. 20. 

Obviously  a  simple  method  like  this  can  only  give  an  indication  of  the  main  features 
of  viscous  interaction.  More  accurate  results  can  be  obtained  from  programs  currently 
under  development  which  solve  the  Navier-Stokes  equations  for  supersonic  and  hypersonic 
intake  flows.  For  example  the  application  of  Navier-Stokes  codes  to  some  complex  scramjet 
inlet  configurations  is  described  in  Ref. 21. 

6.  FOTURB  RESEARCH  AMD  FACILITIES  REQDIRED 

This  brief  outline  of  just  four  regions  of  shock/boundary  layer  interaction  has 
pinpointed  some  areas  of  continued  interest  to  intake  designers.  The  susceptibility  of 
laminar  'two  dimensional'  flows  to  separation  may  limit  acceptable  wedge  angles. 

Solutions  could  involve  some  method  of  boundary  layer  control  or  alternatively  transition, 
since  turbulent  layers  are  far  more  resistant  to  separation. 

Tests  already  completed  show  how  complex  the  flows  are  surrounding  glancing 
interactions.  With  a  sharp-edged-strut  the  incipient  separation  angle  is  far  lower  than 
for  the  corresponding  '2D'  flow.  Once  separation  has  occurred  there  are  doubts  concerning 
the  steadiness  of  the  flow.  For  a  blunt-strut,  separation  is  more  likely  and  the  degree 
of  flow  unsteadiness  will  increase.  The  benefits  of  sweep  back  are  clear  but  the  effects 


of  sweep  forward  are  unclear.  Similarly  the  utility  of  fillets  does  not  seem  to  have 
attracted  much  attention. 

Few  of  the  experiments  on  shock/ shock  interaction  have  duplicated  a  '2D'  intake 
geometry  so  more  information  is  needed,  not  least  to  confirm  that  the  flow  is  steady. 
Finally  the  effects  of  viscous  interactions  must  be  considered,  if  only  to  ensure  that 
they  are  small. 

Transcending  all  these  detailed  questions  lie  two  phenomena  which  will  powerfully 
influence  the  whole  flow  field,  namely  transition  and  real  gas  effects.  Facilities  have 
recently  become  available,  and  others  are  being  constructed,  which  more  correctly  simulate 
real  flight  conditions.  'Quiet'  tunnels  will  be  able  to  model  atmospheric  conditions 
more  closely  so  that  more  reliable  transition  data  will  be  available.  Stalker  tubes  and 
enhanced  shock  tunnels  will  generate  flows  with  significant  real  gas  effects  which  can 
be  used  for  direct  testing  or  the  validation  of  CFD  codes.  Code  validation  will  be 
crucial  because  no  experimental  facility  is  likely  to  be  able  to  model  completely  the  real 
flow  in  a  hypersonic  intake. 
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Fig. 2a.  One  type  of  shock/shock  interaction 
( see  also  Fig. 14  ) . 


Fig. 2b.  Viscous  interaction. 


The  compression  corner  region  of  a  double  wedge  intake. 


(c)  Near  incipient  separation. 


(d)  Separated  flow. 


Pig. 4.  Pressure  and  heat  transfer  rate  distributions  over  a  compression  corner  - 

Laminar  flow. 


(a)  Pressure  distribution  near  the  corner. 


(b)  Heat  transfer  rates  near  the  corner. 
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(c)  Heat  transfer. 


(x-L>e«n 

(d)  Pressure. 


Fig. 5.  Pressure  and  heat  transfer  rate  distributions  over  a  compression  corner  - 

Turbulent  flow,  (Ref. 6). 
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(a)  Data  coUection  ,  see  rets. 


(b)  Predicted  values  of  from  ref.  5. 


(c)  Predicted  values  of  otj^from  ref.s. 


Fig. 6.  Incipient  separation  at  a  compression  corner  -  Turbulent  Flow. 
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(a)  Attached  flow,  ref. 22. 


Shock  generator 


(b)  Separated  flow ,  ref.  22. 
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(c)  Sketch  of  the  separated  flow  field. 

Fig. 7.  Glancing  interaction  from  a  sharp  wedge. 


Fig. 8.  Incipient  separation  for  glancing  interaction  -  Turbulent  Flow. 


Fig. 9.  Glancing  interaction  from  a  blunt-nosed  strut. 
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Fig. 11.  Effect  of  leading  edge  radius  on  bow-shock/boundary  layer  interaction,  (Ref. 11) 
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Fig. 12.  Effect  of  sweep  back  (A)  on  the  primary  separation  lines  around 
a  blunt  strut,  (D=2in  »  5.1cm,  Ref. 23). 
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Fig. 13.  Effect  of  sweep  back  on  the  heat  transfer  rate  distribution  along  the  leading  edge 

of  a  blunt  fin,  (Ref. 12). 
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IS  -  Incident  shock 

BS  -  Bow  shock 

T5  -  Transmitted  shock 

5L  -  Shear  layer 

IP  -  Impingement  point 
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Shock  impingement 
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Fig. 14.  The  six  classes  of  shock/shock  interaction,  (From  Ref. 17). 
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Discussion 


WEYER 

You  discussed  geometric  measures  to  improve  the  effects  of  shock  - 
boundary  layer  or  shock  -  corner  flow  interaction!  What  do  you  think  on  active 
boundary  layer  control  to  improve  the  situation  and  what  amount  of  boundary 
layer  suction  e.g.  is  necessary? 

AUTHOR'S  REPLY 

Active  boundary  layer  control  can  be  effective  at  a  compression  corner. 
Experiments  show  that  slots,  suction  and  blowing  can  delay  separation,  but  the 
resulting  systems  required  are  complex.  My  recollection  is  that  when  suction 
is  used,  a  considerable  amount  of  fluid  has  to  be  removed. 

I  do  not  know  of  any  experiments  attempting  the  active  control  glancing 
interaction.  Since  the  area  affected  by  glancing  interaction  is  large,  such 
control  might  be  difficult  to  achieve. 

ONOFRI 

What  can  you  say  about  real  gas  effects  at  high  flight  Mach  numbers? 
AUTHOR’S  REPLY 

Up  to  about  Mach  7  real  gas  effects  are  small  and  therefore  unlikely  to 
affect  the  flows  described  here.  Increasingly  above  mach  7,  real  gas  effects 
could  have  to  be  considered.  For  example  the  stand-off  distance  of  bow  shock 
wave  ahead  of  a  blunt  leading  edge  will  be  reduced  by  real  gas  effects.  Hence 
the  geometry  of  any  shock/ shock  interaction  would  be  affected. 

HOURMOUZIADIS 

I  was  surprised  by  the  trend  of  the  boundary  layer  thickness  in  the 
viscous  interaction  case.  The  thickness  decreased  downstream.  This  is  rather 
unusual.  Was  that  an  attached  boundary  layer  in  the  forward  part  of  the  ramp 
or  was  it  separated? 

AUTHOR'S  REPLY 

The  boundary  layer  was  attached.  In  the  adverse  pressure  gradient  the 
boundary  layer  will  thin  quite  fast.  You  can  see  that  experimentally.  It 
concerns  the  displacement  thickness.  The  behaviour  is  different  from  the  low 
speed  behaviour. 
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Hypersonic  inlet  research  activity  at  NASA  is  reviewed.  The  basis  ror  tne  paper 
is  the  experimental  tests  performed  with  three  inlets;  the  NASA  Lewis  Research  Center 
Mach  5,  the  McDonnell  Douglas  Mach  12,  and  the  NASA  Langley  Mach  18.  Both  three- 
dimensional  PNS  and  NS  codes  have  been  used  to  compute  the  flow  within  the  three  inlets. 
Modeling  assumptions  in  the  codes  involve  the  turbulence  model,  the  nature  of  the 
boundary  layer,  shock  wave-boundary  layer  interaction,  and  the  flow  spilled  to  the  out¬ 
side  of  the  inlet.  Use  of  the  codes  in  conjunction  with  the  experimental  data  are  help¬ 
ing  to  develop  a  clearer  understanding  of  the  inlet  flow  physics  and  to  focus  on  the 
modeling  improvements  required  in  order  to  arrive  at  validated  codes. 


INTRODUCTION 

This  paper  presents  a  review  of  the  hypersonic  inlet  activities  at  NASA.  Generally, 
the  NASA  work  has  covered  the  range  from  Mach  5  to  18.  The  research  has  been  of  a  compu¬ 
tational  and  experimental  nature  with  a  two-fold  objective;  (1)  to  develop  an  improved 
understanding  of  the  physics  and  chemistry  of  inlet  flow  fields  and  (2)  to  validate  the 
numerical  codes  used  for  high-speed  inlets.  The  objectives  result  from  the  basic  philos¬ 
ophy  developed  for  the  National  Aerospace  Plane  project;  namely,  that  numerical  codes  can 
be  validated  using  ground  test  data  and  extrapolated  to  higher  velocities.  Since  the 
ground  experimental  data  base  is  limited  to  Mach  8  and  lower,  extrapolation  of  the  compu¬ 
tational  methods  must  be  made  from  Mach  8  to  the  Mach  number,  approximately  16,  where 
airbreathing  propulsion  terminates. 

A  number  of  codes  have  been  used  to  date  within  NASA  for  inlet  flows.  Code  develop¬ 
ment  and  modifications  have  taken  place  over  the  last  several  years  and  the  emphasis 
today  is  on  the  application  to  various  inlets  that  have  been  tested.  Those  inlets 
include  the  Mach  5  inlet  at  NASA  Lewis  Research  Center,  a  General  Dynamics  Mach  12  con¬ 
figuration  and  a  Mach  18  NASA  Langley  inlet.  Only  a  limited  amount  of  data  is  available 
for  each  configuration. 

The  numerical  methods  used  have  included  a  PNS  code,  the  PARC  NS  code,  the  SCRAM3D 
and  CFL3D.  Generally,  the  codes  employ  a  Baldwin-Lomax  turbulence  model.  Assumptions 
are  made  regarding  the  state  of  the  boundary  layer  and  spillage  has  generally  not  been 
computed.  Thick  upstream  boundary  layers  are  computed  in  some  cases  having  a  forward 
extension  surface.  In  this  paper  a  comparison  of  the  experimental  and  computational 
results  will  be  reviewed. 

RESULTS 

Mach  12  Generic  Inlet 

The  simple  rectangular  inlet  configuration  shown  in  Fig.  1  was  tested  at  Mach  12.26. 
A  flat  plate  of  30-in.  length  preceded  the  entrance  to  the  inlet  in  order  to  simulate 
the  boundary  layer  growth  on  the  forebody  of  a  hypersonic  aircraft.  Compression  wedges 
form  the  top  and  bottom  walls  of  the  inlet  and  the  contraction  ratio  was  equal  to  5. 

Swept  sidewalls  which  connect  the  upper  and  lower  walls  prevent  compressed  flow  from 
spilling  over  the  inlet  sides. 

Computations  were  made  with  a  three-dimensional  PNS  LBI  implicit  scheme  (Ref.  1) 
with  grids  of  80  by  60  by  750  on  a  Cray  X-MP.  This  solver  includes  real  gas  effects 
(Ref.  2)  as  well  as  dissociation  and  ionization  modeling  (Ref.  3).  For  this  experiment, 
however,  the  inlet  air  was  only  heated  sufficiently  to  avoid  condensation,  and  the  real 
gas  modeling  was  not  required.  The  issues  that  are  of  importance  in  this  computation 
are  the  assumptions  regarding  the  state  of  the  boundary  layer,  the  turbulence  model, 
spillage  of  flow  around  the  sideplates  and  shock  boundary  layer  interaction.  For  the 
PNS  computation  it  was  assumed  that  the  boundary  layer  was  turbulent  starting  on  the 
leading  edge  of  the  flat  plate,  the  cowl  leading  edge  and  the  sidewall  leading  edges. 

The  turbulence  model  used  was  a  Baldwin-Lomax  model  and  spillage  was  not  considered. 
Modeling  of  the  shock  boundary  layer  interaction  involved  the  use  of  a  flare  approxima¬ 
tion  in  order  to  allow  the  PNS  to  march  through  the  region  of  flow  separation.  The 
results  of  the  PNS  solution  are  shown  in  Fig.  2.  Contour  plots  of  constant  Mach  number 
within  the  inlet  are  shown.  The  concentration  of  lines  near  the  walls  indicate  the 
boundary  layers,  while  concentrated  contours  in  the  freestream  indicate  shock  wave  loca¬ 
tions.  The  flow  features  seen  are  boundary  layer  buildup  on  the  flat  plate  followed  by 
thickening  on  the  sidewalls  and  tamp  surface.  Shocks  generated  by  the  compression  wedges 
are  seen  as  horizontal  lines,  and  the  sidewall  shocks  are  vertical  lines. 
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Basically,  the  important  physics  occurring  are  that  the  low  energy  flow  in  the  side- 
wall  boundary  layer  has  been  swept  up  the  sidewall  by  the  ramp  shock,  and  then  down  the 
sidewall  by  the  cowl  shock.  Further  downstream,  the  shock  waves  cross  and  are  distorted 
by  interaction  with  the  sidewall  boundary  layers  and  the  expansion  fan  on  the  ramp  sur¬ 
face.  Additional  complex  interactions  then  occur  as  the  flow  moves  downstream.  The  PNS 
solution  fails  when  the  ramp  shock  wave  reflects  from  the  cowl  and  strikes  the  ramp  sur¬ 
face,  resulting  in  large  corner  separation  of  the  low  energy  flow. 

An  alternate  view  of  the  three-dimensional  flow  is  obtained  with  sidewall  particle 
tracing  (Fig.  4).  Interaction  of  the  ramp  and  cowl  shocks  with  the  sidewall  boundary 
layer  causes  the  particles  to  converge  near  the  shock  interaction  point.  The  particles 
are  then  displaced  due  to  the  vortex  motion.  Flow  migration  details  are  evident  in  this 
computational  simulation.  As  a  sidenote,  since  the  vortex  persists  downstream,  it  iias 
been  proposed  that  enhanced  fuel  mixing  could  occur  with  judicious  injector  locations 
downstream  (Ref.  4). 

Navier-Stokes  computations  have  also  been  carried  out  for  the  generic  inlet  at  NASA 
Langley  with  CFL3D  (Ref.  5).  In  this  case,  the  boundary  layers  were  assumed  turbulent 
on  all  surfaces  from  the  leading  edges.  The  turbulence  model  used  was  a  Baldwin-Lomax 
model  and  spillage  over  the  sideplates  was  not  considered.  In  the  vicinity  of  the  shock 
boundary  no  special  modeling  was  employed.  Figure  5(a)  shows  the  pressure  distributions 
for  the  ramp  and  centerline  cowl  surfaces.  Figure  5(b)  shows  the  side  plane  distribu¬ 
tions.  Comparison  of  the  CFL3D  results  and  the  experimental  data  show  good  agreement, 
particularly  along  the  centerline  where  shock  locations  appear  to  be  well  resolved  by 
the  code.  The  viscous  interactions  occurring  along  the  side  plane  are  not  accurately 
resolved.  There  is  a  significant  underprediction  of  the  pressure  on  the  ramp  side 
(Fig.  5(b)).  In  addition,  CFL3D  was  used  to  compute  the  heat  transfer  on  the  ramp  and 
cowl  surfaces  (Figs.  6(a)  and  (b)).  The  experimental  peak  heat  fluxes  are  underpre¬ 
dicted  for  the  ramp  centerline  but  well  predicted  for  the  cowl  surface. 

For  the  ramp  and  cowl  side  planes  (Fig.  6(b)),  the  peak  prediction  is  lower  on  the 
ramp  whereas  the  cowl  side  prediction  is  not  qualitatively  correct.  Again,  strong  vis¬ 
cous  effects  are  predominating  along  the  side  walls  of  the  inlet  in  agreement  with  the 
complex  behavior  shown  in  Figs.  2  to  4 .  Further  analysis  of  the  Mach  12  inlet  is  under¬ 
way  at  the  NASA  Centers  and  industry. 

Mach  5  Inlet 

A  rectangular  mixed  compression  inlet  designed  for  Mach  5  operation  and  tested  at 
NASA  Lewis  is  shown  in  Figs.  7(a)  and  (b)  (Ref.  6).  A  series  of  ramps  generate  oblique 
shock  waves  external  to  the  cowl.  An  oblique  shock  from  the  cowl  leading  edge  reflects 
from  the  ramp  surface  and  terminates  in  a  normal  shock  downstream  of  the  inlet  throat. 
Operation  in  the  wind  tunnel  was  such  that  a  Mach  nximber  of  4.1  occurred  on  the  first 
ramp.  The  inlet  incorporates  variable  geometry  with  collapsible  ramp  and  variable  bleed 
exits  on  the  cowl,  sidewalls  and  ramps.  Bleed  of  0.5  percent  was  removed  on  the  ramp 
upstream  of  the  shoulder.  Additional  bleed  from  the  cowl  and  sidewalls  was  approximately 
8.8  percent  of  the  capture  mass  flow.  Figure  8  shows  the  location  of  pressure  rakes  and 
probes  in  the  model.  A  0.5-in.  strip  of  grit  was  applied  near  the  leading  edges  of  the 
ramp  and  sidewall  to  ensure  that  a  fully  turbulent  boundary  layer  was  ingested  by  the 
inlet . 

Navier-Stokes  computations  were  carried  out  using  the  PARC3D  solver  (Ref.  7)  on  the 
NAS  Cray  2.  Grid  sizes  of  151  by  81  by  41  were  used  with  hyperbolic  packing  so  that  the 
first  point  was  at  a  y+  of  2.  Bleed  was  simulated  by  imposing  a  constant  mass  flux 
through  the  porous  bleed  surfaces  based  on  the  experimental  data.  The  boundary  layer  was 
assumed  to  be  turbulent  throughout,  and  the  turbulence  model  was  that  of  Baldwin-Lomax. 
Flow  spillage  over  the  sideplates  was  also  not  computed  in  this  case. 

The  computed  camp  pressure  results  are  compared  with  experimental  data  in  Fig.  9. 

The  agreement  of  the  computations  with  the  data  is  very  good  throughout  the  computed 
length  of  the  inlet.  Figure  10  shows  the  comparison  for  the  cowl  pressure  distribution. 
The  disagreement  of  the  results  at  an  x/h  of  4.2  is  believed  to  be  due  to  the  fact 
that  one  of  the  translating  probe  assemblies  is  located  in  the  same  region  where  the 
four  static  pressure  taps  are  located.  Because  the  retracting  probe  does  not  completely 
retract  into  the  wall,  additional  shocks  are  generated  which  biased  the  data.  Pitot 
pressure  profiles  were  compared  with  data  at  various  locations  along  the  inlet.  Fig¬ 
ure  11  shows  the  pressure  profile  from  rake  3  which  was  located  on  the  centerline  and  in 
the  region  of  the  second  ramp  (Fig.  8).  The  agreement  of  data  and  computation  is  very 
good.  Along  the  sidewall,  however,  the  agreement  is  much  poorer,  as  shown  in  Fig.  12 
for  rake  7.  The  corner  effects  are  not  being  adecpjately  simulated.  An  improved  turbu¬ 
lence  model  may  improve  the  comparison  in  these  corner  regions.  Figure  13  shows  the 
pitot  pressure  .'omparison  for  rake  10  mounted  at  45°  from  the  corner  of  the  cowl  and 
sidewall  at  stati  .i  59.6  from  the  start  of  the  inlet.  This  region  of  the  flow  is  domi¬ 
nated  by  low  energy  vortical  flow  as  seen  in  Fig.  14.  Large  variations  in  the  pitot 
pressure  are  seen  as  one  moves  from  the  corner  into  the  stream.  Measurements  in  these 
regions  are  also  very  difficult. 

The  Mach  5  inlet  was  also  analyzed  using  the  SCRAM3D  Navier-Stokes  code  by  Rose 
(Ref.  8).  A  Baldwin-Lomax  turbulence  was  used,  assuming  turbulent  boundary  layers. 

These  results  also  reveal  strong  glancing  shock  wave-boundary  layer  interaction  leading 
to  large  regions  of  low  momentum  flow  on  the  sidewalls.  Rose  carried  out  a  number  of 
numerical  experiments  to  control  the  vortex  phenomena  in  the  corner  regions.  Figure  16 
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shows  the  baseline  or  no  control  case,  followed  by  cowl  cutback,  cowl  bleed  and  removal 
of  a  part  of  the  sidewall.  These  modifications  were  made  near  the  inlet  ramp  shoulder. 

It  may  be  seen  that  these  modifications  were  ineffective  in  eliminating  the  vortex 
region.  Even  with  the  cutback  sidewall,  the  low  momentum  fluid  exists  along  the  entire 
sidewall.  Some  attenuation  is  seen  along  the  cowl  surface  for  that  case.  It  is  evident, 
however,  that  the  shock-boundary  layer  physics  within  a  rectangular  shaped  inlet  will 
lead  to  pressure  losses  in  the  corner  regions.  However,  if  these  regions  can  be  utilized 
in  an  "integrated  design  approach"  (Ref.  4),  then  combustor/nozzle  design  may  benefit 
substantially.  Further  computations  of  the  Mach  5  inlet  with  improved  simulation  of  the 
bleed  zones  is  underway,  as  well  as  further  analysis  of  the  test  data. 

Mach  18  Sidewall  Compression  Inlet 

A  sidewall  compression  inlet  has  been  designed  and  tested  at  NASA  Langley  by 
Trexler .  As  seen  in  Fig.  17,  the  compression  occurs  on  the  sideplates.  The  experiments 
were  run  at  an  entrance  Mach  number  of  18  to  22  with  and  without  a  flat  plate  upstream  to 
simulate  fuselage  boundary  layer  buildup.  The  entering  boundary  layer  was  approximately 
one-third  the  cowl  height.  Computations  were  made  by  Rose  (Ref.  9)  using  the  SCRAM3D 
code.  Laminar  boundary  layers  were  assumed  on  cowl  and  sidewalls,  and  a  Baldwin-Lomax 
turbulence  model  was  used. 

Figure  18  shows  the  Mach  number  contours  along  the  vertical  centerplane  for  an 
entrance  Mach  number  of  18.1.  The  contraction  ratio  was  4  and  the. cowl  leading  edge  is 
located  at  the  entrance  to  the  constant  area  section.  All  of  the  convergence  occurs 
along  the  sidewalls,  which  generate  a  pair  of  shock  waves  that  intersect  on  the  vertical 
centerplane.  A  large  pressure  rise  is  felt  on  the  ramp  surface.  Further  downstream,  the 
shocks  interact  with  the  sidewall  boundary  layers  and  reflect  and  intersect  again  on  the 
centerplane  at  the  indicated  position.  A  further  rise  in  pressure  causes  ramp  boundary 
layer  separation. 

The  Mach  number  contours  on  the  horizontal  centerplane  are  shown  in  Fig.  19.  The 
intersecting  sidewall  shocks  and  the  intersecting  reflected  shocks  are  visible.  Since 
the  sidewall  shocks  strike  the  sidewall  well  upstream  of  the  shoulder,  shock  cancella¬ 
tion  is  clearly  not  achieved.  The  reflected  shock  waves,  however,  are  seen  to  cancel  at 
the  shoulder.  The  strong  viscous  interaction  effects  are  very  evident  at  these  flow 
conditions . 

Calculated  Mach  number  contours  ate  shown  in  Fig.  20  for  both  the  horizontal  and  the 
vertical  center  planes  with  an  entrance  boundary  .’.ayer.  The  entrance  plate  reduces  the 
Mach  number  from  the  entrance  value  to  about  Mach  12.  Separation  of  the  boundary  layer 
on  the  ramp,  caused  by  the  sidewall  shock  waves,  causes  a  large  upstream  influence.  As 
the  ramp  boundary  layer  thickens,  an  oblique  shock  occurs  reducing  the  inlet  flow  to 
Mach  8.  Sidewall  shocks  and  their  intersection  are  seen  in  the  horizontal  centerplane. 
The  sidewall  shock  wave  angle  is  substantially  increased  due  to  the  reduced  Mach  number 
entering  the  inlet.  The  ramp  shock  falls  outside  the  cowl  leading  edge.  Figure  21  shows 
a  comparison  of  the  experimental  and  computed  surface  pressure  distributions  on  the  tamp 
centerline,  tor  the  case  where  the  cowl  is  moved  forward.  In  this  particular  comparison, 
the  numerical  code  yields  results  which  are  higher  than  the  measured  data  and  also  rises 
faster  than  measured.  Further  data  analysis  and  comparisons  are  underway  at  the  present 
time,  which  will  lead  to  a  more  complete  understanding  of  the  flow  in  this  class  of 
inlets . 


CONCLUSIONS 

Through  the  use  of  a  variety  of  numerical  simulations  and  experiments,  the  basic 
flow  features  within  rectangular  hypersonic  inlets  are  becoming  better  understood.  Fast 
running  PNS  solvers  in  combination  with  much  longer  running  but  more  sophisticated 
Navier-Stokes  codes  are  providing  a  clearer  picture  of  shock  structure  and  boundary 
layer  behavior  in  inlets.  Clearly,  the  flow  fields  are  highly  three-dimensional,  vis¬ 
cously  dominated  and  contain  significant  flow  separations.  Shock  wave-boundary  layer 
interactions  persist  down  to  the  throat  and  beyond.  As  the  propulsion  community  moves 
towards  the  validation  of  these  codes,  a  number  of  issues  still  remain  which  will  impede 
the  application  of  the  methods  for  the  design  of  hypersonic  inlets.  Perhaps  the  first 
concern  is  that  regarding  the  nature  of  the  boundary  layer  within  the  inlet.  Although 
attempts  are  made  to  ensure  the  presence  of  turbulent  layers,  for  example,  questions 
still  remain  regarding  the  existence  of  transitional  layers.  Installation  of  hot  film 
gauges  on  the  walls  would  provide  the  numerical  analyst  with  the  proper  information  to 
use  within  his  computer  code;  be  it  laminar,  transitional  or  turbulent.  An  additional 
issue  is  concerned  with  turbulence  modeling  and  the  ability  of  the  Baldwin-Lomax  model 
in  regions  of  glancing  shock  wave-boundary  layer  interaction.  Current  turbulence  models 
appear  to  yield  good  qualitative  flow  characteristics,  but  may  be  inadequate  for  quanti¬ 
tative  predictions.  Alternate  models  are  needed.  A  third  concern  deals  with  the  neces¬ 
sity  of  including  the  zone  outside  of  the  inlet  in  order  to  provide  proper  boundary 
conditions  for  the  computation.  In  spite  of  these  concerns,  the  understanding  and  agree¬ 
ment  (i.e.,  on  centerline)  are  very  significant.  The  Mach  5  inlet  presents  the  same  con¬ 
cerns  but  with  the  complication  of  bleed  flow  on  all  four  surfaces.  Modeling  issues 
related  to  turbulence,  boundary  layer  transition  and  spillage  are  made  more  complex  with 
a  distributed  mass  flux  boundary  condition.  Again,  it  is  remarkable  that  such  good 
agreement,  with  limited  data,  was  achieved  for  that  inlet.  A  great  deal  more  effort  will 
be  required  to  analyze  the  test  data  and  develop  the  proper  modeling  for  a  bulk  of  the 
data . 
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The  sidewall  compression  presents  a  unique  approach  to  inlet  design.  Computations 
of  the  three-dimensional  flow  field  and  associated  shock  structure  provide  us  with  a 
great  deal  of  idiysics.  The  limited  data  provides  a  basis  for  an  improvement  in  current 
modeling.  Use  of  the  experimental  data  and  «npirically  derived  correlations  may  serve 
as  a  basis  to  produce  improved  viscous  modeling.  It  is  important  to  point  out  that  in 
all  of  these  inlet  tests,  the  tunnel  flow  was  sufficiently  low  to  avoid  real  gas  effects 
Hence,  the  comparisons  presented  in  the  paper  are  only  aerodynamic  in  nature.  More  sig¬ 
nificant  modeling  issues  will  surface  as  test  data  is  acquired  in  high-enthalpy  flows. 
Finally,  the  need  to  analyze  variable  geometry  with  transient  disturbances  will  provide 
a  significant  challenge. 
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(a)  Ramp  canterlina  and  cowl  centerline. 
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(b)  Ramp  side  plane  and  cowl  side  plane. 


Figure  6.  -  Heal  transfer  comparisons  (rel.  5). 
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(b)  bwaumenlation  upstream  of  inlet  sbouldaf . 
Figure  7.  -  (re(.  6). 
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FIGURE  14.  -  Pitot  pressure  contour  at  rake  10  and  rake  13  (ref.  7). 


Figure  1 5.  -  Orientation  of  crossflow  plane  1 50  located  near  the 
ramp  shoulder  showing  plans  of  symmetry,  sidewall  ramp  and 
cowl  surfaces  (ref.  8). 


Figure  16.  -  Comparison  of  effect  of  various  control  methods  on  mach  number  contours 
near  ramp  shoulder  (ref.  8). 
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Figure  IS.  ■  Mach  number  contours  tor  freeetream  case  fref.  9). 


AU  LAMINAR  BOUNDARY  LAYER 
Figure  1 7.  -  gidaerill  cempreeelon  Inlet  echamaifc  (ref.  8). 
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FiOun  19.  ■  Mach  numbar  contouis  tor  a  raprasantatwe  fraaalream 
case  in  iha  horizontal  canisr  plane  (ret.  9). 
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Figure  20.  -  Mach  number  contours  for  entering  boundary  layer  case 
(ret.  9). 
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Figure  21 .  -  Comparison  of  experimental  and  numerical 
surface  pressure  distributions  (ref.  9). 


Discussion 


GARNERO 

1)  Can  you  give  us  the  CPU  time  for  one  calculation,  for  example  for  the 
Mach  12  Generic  Inlet,  with  a  three-dimensional  PN  5  LBI  implicit  scheme  and 
CRAY  X-MP? 

2)  Do  you  think  that  a  Baldwin-Lomax  Turbulence  Model  is  sufficient  to 
compute  internal  aerodynamics  in  hypersonic  inlets  or  do  you  plan  to  use  more 
complex  models  like  K-E  model  for  example? 

AUTHOR'S  REPLY 

1)  3-D  Parabolycal  Navier-Stokes  computations  for  the  Mach  12  Generic 
Inlet  on  a  Cray  X-MP  typically  take  45  CPU  minutes,  using  a  linearized  block 
implicit  scheme.  Navier-Stokes  solutions  for  the  same  inlet  take  much  more 
time,  i.e.  10  Hrs  of  CPU  time. 

2)  The  Baldwin-Lomax  turbulence  has  been  extensively  used  for  inlet 
computations.  However,  it  has  been  found  to  have  significant  shortcomings. 
Higher  order  turbulence  closures  have  been  investigated  and  are  under  study. 
In  addition,  a  program  is  in  place  with  the  objective  of  developping  improved 
turbulence  and  transition  modeling  for  hypersonic  flows. 

KORZ 

The  glancing  sidewall  shocks  and  the  resulting  separation  and  secondary 
flow  would  seem  to  have  the  potential  for  a  significant  input  on  modular 
scram jets  configurations.  Would  you  comment  and  indicate  if  any  evaluations  of 
this  phenomenon  have  been  carried  through  the  entire  scram jet  flowfield, 
including  the  combustor  and  nozzle? 

AUTHOR'S  REPLY 

Sramjet  modular  configurations  would  utilize  multiple  sidewalls  over  the 
span  of  the  inlet.  At  each  of  the  sidewalls,  the  potential  for  regimes  of 
secondary  flow  is  present.  Hence  a  considerable  fraction  of  the  flow  area  can 
be  affected  by  this  phenomenon.  At  the  present  time,  no  data  has  been 
presented  which  tracks  the  secondary  flow  through  the  combustor/ nozzle  in  a 
scramjet.  There  are  measurements  in  a  Mach  3.5  rectangular  inlet,  however, 
which  does  show  the  persistence  of  the  vortex  through  inlet,  through  a  normal 
shock  and  into  a  subsonic  diffuser.  The  effect  of  this  secondary  flow  on  inlet 
performance  and  inlet  unstart  must  be  evaluated.  It  is  noted  that  the  presence 
of  this  flow  feature  may  provide  some  benefit  for  enhanced  mixing  of  fuel.  It 
has  been  suggested  previously  that  injection  of  fuel  into  the  vortical  flow 
region  at  some  point  within  the  aft  portion  of  the  inlet  may  lead  to  greater 
fuel  spreading  and  additional  time  for  chemical  reaction. 
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SUMMARY 

The  high  specific  heat  of  hydrogen  compared  with  air  leads  to  turbine  stages  which  have 
low  pressure  ratios  for  comparable  levels  of  specific  work.  In  high  speed  propulsion 
systems  designed  for  reusable  space  launch  vehicles,  the  choice  of  scantlings  Is 
Influenced  by  the  need  to  minimise  weight  consistent  with  the  achievement  of  the 
required  efficiency.  The  effect  of  unit  Increase  of  mass  In  a  component  Is,  typically, 
to  Increase  the  take-off  weight  by  approximately  five  units,  and  efficiencies 
significantly  lower  than  those  of  normal  aero-gas  turbine  practice  are  adopted.  A 
multi-stage  turbine  design  with  overall  pressure  ratio  of  7.6  and  overall  loading  AH/u^ 
=  31.4  Is  described  In  the  paper.  A  parametric  study  covering  a  range  of  mean  diameters 
and  number  of  stages  was  performed.  In  which  the  aim  was  to  establish  the  trends  of 
efficiency  against  weight.  The  final  design  has  ten  stages  with  a  common  hub  diameter. 


INTRODUCTION 

This  paper  describes  some  of  considerations  Influencing  the  preliminary  design  of  a 
hydrogen  turbine.  The  Investigation  formed  part  of  a  wider  study  performed  recently  In 
the  U.K.  Into  the  technical  and  economic  feasibility  of  a  winged,  air-breathing,  single 
stage  to  orbit  (SSTO)  launch  vehicle. 

Some  of  the  broader  Issues  governing  the  desired  mass  and  performance  characteristics 
of  the  turbine  are  discussed;  together  with  a  summary  of  the  Important  differences 
arising  when  pure  hydrogen  Is  used  as  a  working  fluid  rather  than,  for  example,  air  or 
combustion  products.  This  Is  followed  by  a  more  detailed  examination  of  the  aerodynamic 
and  mechanical  design  philosophy  and  the  manner  In  which  these  factors  Interact. 

GENERAL  DESIGN  CONSIDERATIONS 

The  optimisation  of  a  propulsion  system  and  its  components  cannot  be  achieved  without 
considering  the  performance  requirements  of  the  vehicle  as  well.  This  situation  Is 
especially  true  of  air-breathing  launch  vehicles  where  the  variation  of  gross  take-off 
weight  (GTOW)  to  weight  at  main  engine  cut-off  (NECO)  is  a  factor  of  5:1;  and  the 
payload  Itself  Is  a  mere  15%  of  the  vehicle  dry  weight. 

The  overall  measures  of  propulsion  system  performance  are  thrust/weight  ratio  and 
specific  Impulse.  Vehicle  performance  (payload  fraction)  Is  a  complex  function  of  these 
two  parameters,  depending  on  the  mission  objectives  and  trajectory  profile.  An  SSTO 
vehicle  launched  directly  Into  an  equatorial  orbit  from  Rourou  favours  a  high 
acceleration  trajectory  employing  a  relatively  high  (by  air-breathing  engine  standards) 
thrust/weight  ratio,  moderate  specific  Impulse  propulsion  system.  The  contribution  of 
the  turbine  to  the  overall  mass  properties  of  the  engine  and  Its  specific  Impulse  are 
obviously  dependent  on  the  particular  thermodynamic  cycle  employed. 

Early  trade-off  studies  revealed  that  an  optimum  isentropic  expansion  efficiency  of 
around  75%  yielded  the  best  compromise  Isetween  mass  and  fuel  burn. 

Some  of  the  turbine  cycle  parameters  are  as  follows: 

Rotational  speed  M//T  11  rp8/<^K 
Expansion  ratio  7.6 

Specific  work  ratio  4789  kJ/kg/K 

These  factors  led  to  the  choice  of  a  multi-stage  turbine  of  7  -  10  stages  with 
relatively  low  Mach  numtier  blading. 

HYDROGEN  AS  A  WORKING  FLUID 

Employing  hydrogen  as  a  working  fluid  presents  opportunities  for  improving  the  specific 
power  output  of  turbines,  but  it  also  results  in  some  unusual  mechanical  design 
difficulties. 

^  illustrates  a  consparison  between  the  thermodynamic  and  transport  properties  of 
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hydrogen  and  air  at  room  temperature  and  pressure.  The  low  molecular  weight  of  hydrogen 
(2.016)  results  in  a  specific  heat  capacity  almost  fifteen  times  that  of  air.  However, 
since  both  gases  are  principally  ccmiposed  of  diatomic  molecules  the  specific  heat 
ratios  (y)  are  almost  identical. 

The  net  power  output  of  a  turbine  is  given  by; 

w  =  mCpTij^gTj[l-(l/R)*^"^’''^] 

Therefore  for  the  same  inlet  temperature  and  overall  pressure  ratio  the  hydrogen 
turbine  requires  only  l/15th  of  the  mass  flow  to  deliver  the  same  power.  However,  the 
volumetric  flow  rate,  given  by: 

V  =  mRT/P 

can  be  shown  to  be  independent  of  working  fluid  molecular  weight  since  this  reduces  to: 

V  =  [(y-1)/y]T/P 

Therefore  one  would  expect  turbines  using  different  working  fluids  but  producing  the 
same  power  output  with  similar  entry  conditions  to  have  similar  flow  areas. 

Since  the  acoustic  velocity  in  hydrogen  is  almost  four  times  that  in  air,  exceptional 
levels  of  specific  work  output  are  possible  with  subsonic  blading.  The  power  output  per 
stage  is  given  by: 

w  =  muAv., 
w 

where  u  is  the  mean  blade  speed  and  tv  is  the  change  in  absolute  whirl  velocity  of  the 
fluid.  This  may  be  expressed  also  as: 

w  =  mu’AH/u^ 

The  aerodynamic  loading  coefficient  AH/u^  and  flow  coefficient  v  /u  are  largely 
determined  by  efficiency  considerations.  As  loading  increases  above  a  value  of  unity 
the  efficiency  falls  due  to  Increasing  secondary  and  leakage  losses.  Also,  increasing 
the  flow  coefficient  leads  to  smaller  blade  height  (reduced  aspect  ratio)  and  therefore 
to  further  Increase  in  losses.  Thus  at  a  fixed  target  efficiency  level,  loading  and 
flow  coefficients  are  defined  to  within  a  relatively  close  tolerance  band.  The  mean 
rotor  blade  speed  u  is  normally  constrained  by  either  mechanical  or  aerodynamic 
considerations.  Since  the  work  per  stage  is  given  by: 

w  =  mu’AH/u^ 

it  is  desirable  to  Increase  the  blade  speed  as  much  as  possible  in  order  to  maximise 
the  power  to  weight  ratio.  However,  increasing  mechanical  stresses  (o  a  )  exert  an 

upper  limit  on  the  rotor  tip  speed  depending  on  the  strength  to  weight  ratIo*’of  the 
rotor  material  and  the  structural  efficiency.  Also  in  some  instances  where  relatively 
small  volumetric  flow  rates  are  employed  and/or  low  rotor  rotational  speeds,  increasing 
blade  speed  (by  increasing  annulus  radius)  results  in  diminishing  annulus  height  to  the 
extent  that  rising  flow  losses  put  an  upper  limit  on  blade  speed.  For  this  particular 
application  the  optimum  mean  blade  speed  is  close  to  the  structural  limit.  Therefore  at 
a  similar  efficiency  level  and  blade  speed,  the  hydrogen  turbine  produces  a  stage  work 
only  l/15th  that  of  an  air  turbine  (for  the  same  inlet  conditions),  due  to  the  reduced 
mass  flow,  thus  requiring  15  times  as  many  stages.  Summarising,  if  the  turbine  is 
structurally  limited  to  the  same  tip  speed  as  a  conventional  air  turbine,  for  similar 
inlet  conditions  the  work  per  stage  of  a  hydrogen  turbine  is  much  lower  than  that  of  an 
air  turbine  despite  the  aerodynamic  potential  for  increased  blade  speed  due  to  low  gas 
Mach  numbers. 

Hydrogen  also  introduces  mechanical  design  problems,  the  most  severe  being  hydrogen 
embrittlement.  This  can  occur  as  a  result  of  several  physical  mechanisms  such  as: 

(i)  Chemical  attack  -  hydrogen  reacts  with  an  alloying  element,  e.g  carbon  in  steel  to 
form  high  pressure  pockets  of  methane,  growing  at  grain  boundaries  and  internal  voids. 

(ii)  Internal  hydrogen  pressure  formation  -  reaction  product  is  molecular  hydrogen, 
relatively  Insnobile  in  most  materials,  the  hydrogen  precipitates  at  internal  interfaces 
developing  high  gas  pressures. 

(iii)  Dislocation  Interaction  -  affects  the  plastic  behaviour  of  material  by 
dislocation  pinning  etc. 

(iv)  Hydride  formation  -  atomic  hydrogen  can  react  with  some  phases  within  the  material 
to  form  a  less  dense  hydride  phase.  This  precipitates  at  regions  of  high  strain  and  is 
often  a  brittle  material. 

(v)  Lattice  bond  interaction  -  hydrogen  interacts  with  the  lattice  to  reduce  the 
crystal  bond  strength  and  the  intergranular  strength. 

Within  a  given  material  any  one  or  several  of  these  mechanisms  can  act  simultaneously 
to  erode  the  physical  properties. 
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The  embrittlement  effect  varies  noticeably  with  temperature.  At  liquid  hydrogen 
temperatures  there  is  insufficient  thermal  energy  to  dissociate  the  molecule  and 
consequently  embrittlement  seldom  occurs.  Above  170K  effects  become  noticeable,  the 
degree  of  embrittlement  being  affected  by  surface  catalysis  effects  and  relative 
material  solubility  levels.  At  room  temperature  marked  reductions  in  tensile  strength 
occur,  for  example  the  notched  tensile  strength  of  nickel  superalloys  can  be  reduced  to 
25%  of  their  normal  values.  At  elevated  temperatures,  surprisingly  the  tensile 
properties  can  often  be  more  or  less  restored,  though  time  dependent  properties  such  as 
creep  strength  can  be  severely  degraded. 

The  majority  of  hydrogen  embrittlement  studies  to  date  have  been  aimed  at  the  commonly 
used  aerospace  alloys  of  steel,  nickel,  titanium,  aluminium  and  cobalt.  The  behaviour 
of  titanium  alloys  is  largely  determined  by  the  relative  quantities  of  the  alpha  and 
beta  phases  present.  The  alpha  phase  has  a  low  solubility  but  reacts  to  form  titanium 
hydride,  conversely  the  beta  phase  has  a  high  solubility  but  does  not  react.  Within 
complex  alloys  which  are  mixtures  of  the  two  phases,  the  beta  phase  can  act  as  a 
pathway  for  attack  of  the  alpha  phase,-  the  TiH  formed  at  the  phase  boundary  is  brittle 
and  results  in  an  18%  increase  in  volume.  Nickel  alloys  are  severely  embrittled  by 
hydrogen  especially  the  higher  strength  varieties  utilised  for  disc  materials.  Hydrogen 
embrittlement  has  been  observed  by  nearly  all  the  mechanisms  mentioned  and  can  occur  at 
temperatures  up  to  600°C. 

The  behaviour  in  hydrogen  of  the  more  advanced  materials  currently  under  study  for 
spaceplane  applications  is  still  poorly  understood.  Carbon/carbon  which  is  a  candidate 
hydrogen  turbine  material  due  to  the  reducing  atmosphere,  is  not  attacked  by  molecular 
hydrogen  at  temperatures  up  to  1000°C  but  is  rapidly  attacked  by  atomic  hydrogen.  At 
typical  equilibrium  concentrations  at  turbomachinery  temperatures  and  pressures, 
sufficient  atomic  hydrogen  exists  to  liberate  significant  quantities  of  methane. 
Therefore  it  would  appear  that  development  of  new  coatings  is  required.  Thermodynamic 
calculations  on  the  reactivity  of  silicon  carbide  indicate  that  significant  degradation 
of  materials  containing  SiC  fibre  reinforcement  could  occur. 

From  a  design  viewpoint,  measures  that  can  be  taken  to  reduce  the  probability  of 
component  failure  are: 

(i)  Use  non-susceptible  materials  wherever  possible. 

(ii)  Avoid  designing  components  with  stresses  significantly  greater  than  the  yield  and 
be  careful  to  avoid  local  stress-raising  features. 

(iii)  Use  diffusion  resistant  coatings  (e.g.  gold,  copper)  that  inhibit  the  ingress  of 
hydrogen  into  the  parent  material.  These  coatings,  however,  only  work  well  at  moderate 
temperatures,  due  to  rising  diffusion  rates  with  increasing  temperature,  of  greatest 
long-term  potential  are  the  catalytic  type  coatings  that  inhibit  molecular  hydrogen 
dissocation  and  promote  atomic  hydrogen  re-combination.  A  considerable  advantage  of 
these  coatings  is  that  their  effectiveness  is  independent  of  thickness,  therefore  they 
can  be  applied  with  an  almost  negligible  mass  penalty. 

Another  difficulty  associated  with  the  use  of  hydrogen  as  a  working  fluid  is  the 
possibility  of  cold  welding.  In  the  event  of  fast  rubbing  metal  to  metal  contact  in  an 
inert  atmosphere,  the  mobile  electron  clouds  within  metals  can  mix  causing  cold 
welding,  since  the  oxide  film  normally  present  on  metal  surfaces  is  not  regenerated. 
This  is  of  particular  concern  for  both  rotor  and  stator  tip  seal  design,  and  also  the 
internal  seals  within  the  turbomachine  necessary  for  cooling  systems  and  bearing  load 
control.  The  assumption  throughout  the  turbine  design  is  that  a  non-metallic  material 
must  form  at  least  one  half  of  a  seal  assembly,  typically  a  ceramic  liner.  The 
alternative  design  philosophy  of  seals  which  never  touch  would  result  in  unacceptable 
performance  penalties. 

Finally  the  compatibility  of  hydrogen  with  the  bearing  cooling  and  lubrication  system 
must  be  considered.  Conventional  petroleum  based  lubricants  will  hydrogenate  when  in 
contact  with  hydrogen.  In  this  application  however,  sources  of  cool  (liquid  or  gaseous) 
hydrogen  were  not  available,  therefore  a  separate  bearing  coolant  gas,  ncunely  helium, 
was  chosen  for  compatibility  with  the  lubrication  system. 

TURBINE  TYPE  SELECTION 

There  are  many  types  of  turbine  available  to  the  designer,  and  the  selection  is  based 
on  mass  and  efficiency  considerations.  The  following  discussion  briefly  describes  the 
reasoning  behind  the  eventual  choice  of  a  subsonic,  axial  flow  multi-stage  turbine. 

(i)  FLOW  DIRECTION 

(a)  Centrifugal  inflow.  Centrifugal  impellers  have  a  high  tip  speed  capability  and  are 
especially  well  suited  to  small  volumetric  flow  rates  (where  axial  flow  stages  would 
incur  severe  tip  clearance  losses).  However,  they  are  limited  to  aerodyneunic  loadings 
of  a)30ut  1.0,  thus  resulting  in  many  stages  to  cope  with  high  pressure  ratios. 
Multi-staging  of  centrifugal  turbines  is  complicated  by  the  ducting,  resulting  in 
considerable  weight,  and  this  option  was  rejected. 

(b)  Radial  outflow  (Lungstrom).  The  radial  outflow  turbine  has  advantages  for  a  high 
pressure  ratio  application  in  that  it  can  accomodate  the  expanding  flow  without  a  large 
increase  in  blade  height.  However  there  are  formidable  stressing  problems  due  to  the 
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offset  rotor  bending  moments,  and  also  the  blade  speed  of  the  first  few  stages  is 
inevitably  far  below  the  level  that  can  be  achieved  by  well  designed  axial  flow 
machines.  These  two  disadvantages  result  in  a  machine  achieving  a  relatively  low  power 
to  weight  ratio. 

(c)  Axial  flow.  The  advantages  of  an  axial  flow  device  are  that  each  blade  row  may  be 
designed  at  its  optimum  blade  speed  for  maximum  power  to  weight  ratio,  and  also  stage 
loadings  up  to  5  or  greater  may  be  contemplated.  In  addition  there  is  a  negligible 
ducting  weight  penalty  when  stages  are  stacked  together  to  form  a  multi-stage  turbine. 

(ii)  SUBSONIC  VS  SUPERSONIC  BLADING 

Supersonic  flow  turbines  are  extensively  employed  in  rocket  engine  turbopumps  due  to 
their  exceptional  power  to  weight  ratio  and  the  high  expansion  ratios.  They  are 
especially  well  suited  to  hydrogen  working  fluid  where  the  acoustic  velocity  is  high. 
The  efficiency  levels  however  are  rather  low  for  this  application,  the  best  designs  yet 
(to  the  authors'  knowledge)  being  the  Space  Shuttle  main  engine  turbopumps  peaking  at 
65%.  Therefore  unless  a  breakthrough  in  the  design  of  supersonic  turbines  is  achieved, 
an  alternative  subsonic  type  must  be  adopted. 


(iii)  PARTIAL  VS  FULL  ADMISSION 

Partial  admission  is  an  advantage  when  small  volumetric  flows  are  utilised  since  it 
permits  an  increased  tip  speed  whilst  maintaining  an  acceptable  blade  height  to  limit 
tip  leakage  losses.  But  there  are  additional  losses  due  to  blade  passage  filling  and 
emptying  at  every  revolution.  No  advantage  could  be  shown  for  partial  admission  since 
in  any  case  blade  speeds  were  limited  by  stress  rather  than  by  hub/tip  radius  ratios. 

(iv)  GEARED  VS  DIRECT  COUPLED  DRIVE 

Interposing  a  gearbox  between  the  turbine  and  the  driven  component  can  be  an  advantage 
in  certain  cicumstances,  for  example  in  liguid  rocket  systems  where  a  single  turbine 
drives  both  pumps  via  a  reduction  gear.  However,  a  power  limit  exists  above  which  the 
weight  and  complexity  of  the  gearbox  become  prohibitive.  Preliminary  trade-off  studies 
showed  that  a  direct  coupled  drive  was  lighter. 

(V)  IMPULSE  VS  REACTION  STAGES 

The  distribution  of  pressure  drop  through  the  blading  is  of  great  importance  in 
determining  the  overall  efficiency  of  the  expansion  process.  In  reaction  blading  the 
pressure  drops  are  split  between  the  rotor  and  stator  blade  rows,  depending  on  the 
degree  of  reaction.  A  50%  reaction  turbine  for  example  has  equal  pressure  drops  across 
the  rows,  more  strictly  defined  as  having  equal  static  temperature  drops,  vnien  operated 
at  a  moderate  stage  loading  (/\H/u^=l)  it  attains  a  high  efficiency.  To  achieve  this 
however,  effective  tip  sealing  is  essential.  As  loading  is  increased,  efficiency  falls. 

Impulse  blading  has  all,  or  nearly  all,  of  the  stage  static  temperature  drop  across  the 
stator  blades.  In  practice  it  is  usual  to  provide  a  small  positive  reaction  (say  10%) 
in  order  to  obviate  diffusion.  Impulse  stages  can  be  velocity  ccxnpounded,  an 
arrangement  in  which  a  large  pressure  ratio  is  adopted  across  the  first  row  of  stator 
blades,  generating  a  very  high  velocity  which  is  then  passed  through  two  or  more  rows 
of  rotor  blading  with  a  stator  or  stators  interposed  to  reverse  the  flow  direction.  For 
hydrogen  as  a  working  fluid,  it  is  possible  to  achieve  these  high  velocities  in  a 
subsonic  flow,  with  blading  of  this  type,  rotor  tip  leakages  are  moderate  and  only  the 
stator  blading,  which  is  easier  to  seal,  need  be  provided  with  more  effective  seals. 
Conceptually,  it  is  possible  to  design  a  series  of  velocity  ccxnpounded  stages  to  run  in 
tandem  to  give  the  correct  overall  pressure  ratio.  At  low  values  of  u/Co  a  two-row 
velocity  stage  may  be  more  efficient  than  a  single  row  stage,  see  figure  2. 

In  the  course  of  the  turbine  design  it  was  decided  at  an  early  stage  to  manufacture  the 
rotors  as  integrally  machined  blade  and  disc  assemblies  (bliscs).  This  was  possible 
since  the  turbine  entry  temperature  was  low  enough  to  permit  uncooled  blading, 
therefore  the  disc  head  and  rotor  blades  did  not  need  to  accomodate  cooling  passages. 
The  resulting  simplification  in  rotor  construction  represents  a  considerable  weight 
saving,  although  it  is  not  practicable  to  provide  Integral  shrouding.  The  aerodynamic 
design  was  therefore  influenced  by  the  need  to  balance  the  unshrouded  rotor  tip  leakage 
loss  against  the  loss  in  the  more  efficient  stator  hub  seals.  Together  with  the 
efficiency  target  of  75%,  a  pressure  compounded  low  reaction  design  was  developed  for 
the  required  duty. 

MECHANICAL  DESIGN 

In  order  to  establish  a  baseline  turbine  design,  blade  and  disc  materials  were  limited 
to  the  current  generation  of  nickel  and  titanium  alloys.  This  philosophy  led  to  a  high 
degree  of  confidence  in  the  proposed  rotor  construction  and  resulted  in  an  accurate 
mass  estimate.  The  turbine  inlet  temperature  is  relatively  modest  by  aero  engine 
standards  and  obviated  the  need  for  blade  cooling.  Uncooled  blading  allows  a  simpler 
rotor  construction  as  the  blades  can  lae  made  Integral  with  the  rotor.  Udimet  720  was 
specified  for  the  first  and  second  stages,  but  for  the  others  the  gas  temperature  is 
low  enough  for  the  creep  resistant  titanium  alloy  IMI  834  to  be  used.  Hydrogen 
embrittlement  of  the  blades  and  disc  rim  was  prevented  by  a  combination  of  protective 
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coatings  and  judicious  design.  It  was  proposed  to  manufacture  the  U  720  sections  by 
electro-chemical  machining  (ECM)  and  the  titanium  either  by  ECM  from  a  forging  or  a 
combination  of  ECM  and  linear  friction  welding  of  seperately  machined  blades  to  the 
discs.  To  ensure  an  acceptable  profile  standard,  the  minimum  axial  chord  was  set  at  15 
mm  for  manufacturing  reasons,  a  constraint  which  was  adopted  in  the  aerodynamic 
opt imi sation  procedure . 

Following  manufacture  of  the  individual  stages,  the  discs  are  joined  near  the  rims  by 
welding  except  for  a  bolted  joint  between  the  nickel  and  titanium  faces.  The  resulting 
drum  is  gas-tight,  preventing  ingress  of  hydrogen,  and  is  filled  with  helium  under 
pressure.  The  disc  stresses  can  be  driven  to  a  high  level  in  the  inert  atmosphere. 

The  stator  blading  is  grouped  into  segments,  assembled  from  the  outside  and  then  keyed 
into  a  cylindrical  pressure  vessel  forming  the  outer  shell  of  the  turbine.  The  dynamic 
seals  within  the  turbine  are  designed  to  run  on  cereunic  liners  in  order  to  prevent  cold 
welding.  The  rotor  stages  are  shroudless,  but  the  stator  blades  are  provided  with 
platforms  to  allow  labyrinth  seals  to  be  fitted. 

Many  types  of  bearings  were  considered  for  this  application.  Magnetic  and  aerodynamic 
types  have  potential  in  the  long  term  and  do  not  require  lubricants,  but  these  were 
rejected  in  favour  of  simple  rolling  element  bearings.  Silicon  nitride  rollers  and 
balls  permit  an  increased  DN  value  and  result  in  low  heat  generation  rates  due  to  the 
high  stiffness  of  the  material.  In  order  to  arrive  at  an  absolute  minimum  complexity, 
low  mass  lubrication  system,  it  was  proposed  to  design  a  total  loss  oil  system  for  the 
thrust  bearing.  Oil  fed  from  a  pressurised  tank  is  atomised  by  a  high  pressure  helium 
jet  sprayed  directly  onto  the  bearing. 

The  roller  bearings  may  be  either  grease  packed  or  coated  with  a  solid  lubricant;  heat 
removal  being  effected  by  external  gas  cooling.  The  lubricant  initially  selected  was 
one  of  the  perf luorinated  polyether  family,  which  due  to  their  low  vapour  pressure  are 
particularly  well  suited  to  space  applications. 

AERODYNAMIC  DESIGN 

A  parametric  study  was  performed  in  which  three  turbines  at  different  radii  were 
designed  to  investigate  the  influence  of  stage  number  and  diameter  on  weight.  It  was 
evident  from  the  loading  chart  of  Smith  (ref.  1)  that  an  exit  angle  of  approximately 
70°  is  optimum  at  a  given  stage  loading  AH/u^  (see  figure  3).  Stage  mean-line  values  of 
reaction,  pitch/chord  ratio  and  aspect  ratio  were  assumed,  and  an  efficiency  prediction 
method  applied.  The  stage  loading  AH/u^  and  Va/u  required  to  achieve  an  overall  turbine 
efficiency  of  75%  was  thus  obtained.  This  procedure  was  repeated  for  each  of  the  three 
values  of  radius  chosen.  The  higher  radius  turbine  was  significantly  heavier  and  was 
therefore  rejected. 

The  final  choice  yielded  a  ten-stage  design  having  a  constant  hub  radius  throughout  and 
average  stage  loading  of  AH/u^  =  3.1.  Since  only  a  limited  production  run  was 
envisaged,  design  and  manufacturing  costs  had  to  be  minimised,  so  a  "repeating"  stage 
blade  design  was  proposed.  Common  rotor  and  stator  blade  profile  geometry  on  the  first 
nine  stages  was  used,  stages  1-8  being  cropped  versions  of  stage  9.  Stage  10  was 
off-loaded  and  had  different  profiles,  in  order  to  limit  the  exit  swirl  angle. 

CONCLUSIONS 

A  high  expansion  ratio  multi-stage  hydrogen  turbine  was  designed,  having  rotors 
constructed  of  current  generation  superalloys. 

An  optimum  mean  blade  speed  was  identified  which  maximised  the  power/weight  ratio, 
whilst  meeting  the  target  efficiency  level.  The  resulting  rotor  tip  speed  was  close  to 
the  structural  limit,  governed  by  the  disc  material;  however,  due  to  the  high  acoustic 
velocity  in  hydrogen,  the  blading  was  subsonic  throughout. 

Due  to  the  very  high  specific  heat  capacity  of  hydrogen,  ten  highly  loaded  axial  flow 
stages  were  required  to  meet  the  required  duty.  The  degree  of  reaction  was  chosen  to 
give  the  best  compromise  between  leakage  losses  and  diagreim  efficiency. 

The  resulting  design  including  rotors,  casings  and  manifolding  yielded  a  specific  power 
output  of  0.45  Mw/Kg. 
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Figure  1 


Efficiency  at  wheel  periphery 


0  0.1  0.2  0.3  0.4  0.5  0.6 

Velocity  ratio,  u/v 

Figure  2 

Efficiency  of  impulse  turbines  having  one,  two  and 
three  stages  of  velocity  compounding 
(from  Rocket  Propulsion  Elements,  g  P  Sutton, 

D  M  Ross,  John  Wiley  &  Sons) 


Figure  3  Eiliciency  chart  from  ref. 
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stage  flow  factor  Va/U 
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ETUDE  D’UNE  TURBINE  MULTI-ETAGES  A  HYDROGENE 
POUR  DES  APPLICATIONS  EN  PROPULSION  COMBINES 
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SocMtA  Europtenne  de  Propulsion 
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Le  soucl  de  ddflnlr  les  caractdrlstlques  :  performances,  encombrement  et  masse  d'un 
moteur  ndcesslte  de  connaltre  avec  precision  et  dds  le  stade  de  I'avant-projet  la 
tallle  de  la  Turbine  et  son  f onctlonnement . 

Pour  rdpondre  &  ce  besoln,  la  SocldtA  Europdenne  de  Propulsion  a  ddveloppd  des  outlls 
simplifies  de  prediction  de  performances  de  Turbines  multl-dtages.  Alnsl,  &  partlr  des 
specifications,  de  larges  etudes  parametrlgues  sont  prdsentdes,  condulsant  au  prddlmen- 
slonnement  optimise  d'une  velne  aerodynamlgue  corotatlve.  Une  version  contrarotatlve 
est  egalement  prdsentee  et  comparde.  Lors  de  cette  dtude,  on  estlme  1' Influence  des 
prlnclpaux  paramdtres  que  sont  la  vltesse  pdrlphdrlque,  le  nombre  d’dtages,  et  le  taux 
de  detente,  ou  le  ddblt,  compte  tenu  d'une  contralnte  de  hauteur  d'aubages  mlnlmale  d 
respecter . 

L' Influence  de  la  nature  du  gaz  hydrogdne  sur  le  cholx  des  prlnclpaux  pararndtres  sera 
expllqude  et  comparde  avec  d'autres  gaz  plus  commundment  utlllsds  comme  I'alr  ou  le 
mdlange  hydrogdne  -  vapeur  d'eau. 


INTRODUCTION 

Le  dessln  adrodynamlque  d'une  turbine  axlale  peut  en  gdndral  6tre  dlvlsd  en  trols 
phases.  La  premldre  phase  conslste  d'abord  d  determiner  les  pararndtres  globaux  de  f onc¬ 
tlonnement  et  Inclut  le  flulde  utlllsd,  les  nlveaux  de  presslon  et  de  tempdrature,  la 
puissance  requlse,  le  ddblt,  la  vltesse  de  rotation  et  parfols  le  rendement.  La 
deuxldme  phase  conduit  en  gdndral  d  la  determination  du  nombre  d'dtages,  de  la  tallle 
de  la  turbine  et  de  la  hauteur  et  des  deviations  des  aubes,  du  taux  de  ddtente  et  du 
rendement  global  et  pour  cheque  dtages.  A  la  fin  de  cette  phase,  on  connalt  le  triangle 
des  vltesses  en  entrde  et  sortie  de  chaque  roue.  La  trolsldme  phase  conslste  d  deter¬ 
miner  les  gdomdtrles  d'aubages  respectant  les  triangles  de  vltesse  et  ndcesslte  1' uti¬ 
lisation  de  codes  de  calcul  sophlstlquds,  bl  ou  trldlmenslonnel ,  de  types  flulde 
parfalt  ou  vlsqueux. 

Ces  trols  phases  sont  dtroltement  lldes  en  ce  sens  que  le  niveau  de  performance  requls 
en  phase  1  ddpend  fortement  de  la  sdvdrltd  des  triangles  de  vltesses  sdlectlonnds  en 
phase  2  et  de  la  qualltd  des  prof 11s  de  la  phase  3.  En  gdndral,  lors  de  la  phase  3  des 
effets  addltlonnels  de  tenue  mdcanlque  conune  I'dpalsseur  des  aubes  et  de  leur  bord  de 
fulte,  les  Jeux  en  bout  d' aubes  sont  prls  en  compte. 

Cet  article  prdsente  une  mdthode  simple  pour  estlmer  les  performances  d'une  turbine 
multl-dtages  en  fonctlon  du  nombre  d'dtages,  du  rayon  moyen  de  la  velne,  c'est-d-dlre 
de  la  vltesse  pdrlphdrlque  pulsque  la  vltesse  de  rotation  est  Imposde,  et  du  taux  de 
ddtente . 
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L ' optimisation  porte  sur  la  recherche  du  ddblt  minimal  entrainant  la  turbine,  sachant 
que  la  hauteur  d'aubages  du  premier  dlstributeur  ne  dolt  pas  6tre  plus  petite  que 
10  mm.  Pour  cheque  dtage,  des  expressions  simplifies  du  rendement  falsant  Intervenlr 
la  gdomdtrle  des  triangles  de  vltesse  conslddre,  le  facteur  de  charge  de  I'dtage, 
1* angle  de  sortie  du  dlstributeur,  et  les  pertes  d'aubages  seront  utilise. 

A  partlr  de  speiflcatlons  ddtallies,  deux  dlmenslonnements,  I'un  corotatlf,  I'autre 
contrarotatlf  seront  optimises  et  compares. 

Nomenclature 


Cp 

h 

H 

n 

U 

Pu 

P 

Q 

R 

Rm 

S 

T 

V 

V 

w 

a 

y 

»|T-r 

^v-s 

'P 

S' 

dp 


Constante  du  gaz  J/Kg.K 

Hauteur  d ' aubes  mm 

Enthalple  speiflque  J/Kg 
Nombre  d'dtages 
Vitesse  de  rotation  tr/mn 
Puissance  en  Watt 

Presslon  bar 

Ddblt-masse  kg/s 

Constante  du  gaz  j/Kg.K 

Rayon  moyen  de  velne  mm 
Entrople  j/Kg . K 

Temperature  K 

Vitesse  pArlpherlque  m/s 
Vitesse  absolve  m/s 

Vitesse  relative  m/s 


Angle  absolu  mesure  par  rapport  A  la  direction  pdrlpherique  -  ddg. 
Angle  relatif  mesurfe  par  rapport  A  la  direction  pArlphArlque  -  d6g. 
Rapport  des  constantes  du  gaz 

Rendement  isentroplque  basfe  sur  un  taux  de  dfetente  total-total 
Rendement  isentroplque  basA  sur  un  taux  de  detente  total-statlque 

Coefficient  de  ralentlssement  dans  un  dlstributeur 
Coefficient  de  ralentlssement  dans  une  roue  mobile 
Pertes  d'Anergle  clnAtlque  dans  un  dlstributeur 
Pertes  d'Anergle  cindtlque  dans  une  roue  mobile. 


Indices 


e 

1 

Is 

T-S 

T-T 

u 

t 

X 

0 

1 

2 


EntrAe  de  la  turbine 
Indlce  de  1 ' Atage 
Isentroplque 

BasA  sur  un  taux  de  dAtente  total-statlque  A  travers  la  turbine  ou  un  Atage 

BasA  sur  un  taux  de  dAtente  total-total  A  travers  la  turbine  ou  un  Atage 

Composante  tangential le 

QuantltA  totale 

Composante  axlale 

Station  de  calcul  entrAe  Atage 

Station  de  calcul  entre  stator  et  rotor 

Station  de  calcul  sortie  rotor. 
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DirnUTim  DBS  PRIMCIPMUC  PMUUIBTRBS  RKPRMKIiTaTirS  pb  l>  vbimb.  des  vitbssbs  et  des 
MgATIOHS  MBIOTHKiaiOPyilMaQnBS 


Dans  un  6tage  de  turbine  coeprenant  un  dlstrlbuteur  fixe  et  une  roue  mobile,  on  consl- 
ddre  la  ddtente  d'un  gaz  d  partlr  des  conditions  d'arrdt  {Pto'  ^  presslon  sta- 
tlque  p2.  Le  dlagraaae  enthalple  -  entrople  (H-S)  donne  les  caractdrlstlgues  thermody- 


naelques  de  la  ddtente  dans  la  veins. 
0  1  Si 


Notations  pour  un  6taqe  corotatlf 


-  Avec  les  notations  utlllsdes  pour  le  dlagranne  (H-S)  et  donndes  dans  la  nomenclature, 
on  ddflnlt  deux  types  de  rendement  de  I'dtage. 


Le  premier  est  un  rendement  total- total,  ddflnl  habltuelleaent  coome  le  rapport  entre 
le  travail  spdclflque  que  foumlt  le  gaz  et  le  travail  spdclflgue  qu'll  auralt  founU. 
si  la  ddtente  correspondant  au  rapport  de  presslon  totals  A  travers  I'dtage  avalt  dt6 
Isentroplque  c'est-d-dlre  : 


“  A// 


IS 


T-T 


(/) 


De  mtee,  on  ddflnlt  un  rendement  total -statlgue  conme  dtant  le  rapport  entre  le  travail 
spdclflque  que  foumlt  le  gaz  et  le  travail  spdclflque  qu'll  auralt  fouml  si  la 
ddtente  correspondant  au  rapport  de  la  presslon  totals  en  entrde  A  la  presslon  statlque 
de  sortie  de  I'Atage  avalt  AtA  Isentroplque.  Ce  qul  s'Acrlt  : 


’lr-5  *  A// 


tiH 


IS- 


T-S 


(2) 


Ces  quantltAs  relatives  A  un  Atage  peuvent  Agalement  Atre  utlllsAes  pour  une  turbine 
multl-AtagAe.  Slmplement,  pour  dAflnlr  les  rendements  correspondants,  on  somme  les  tra- 
vaux  spAclflques  foumls  par  tous  les  Atages  et  les  rapports  de  presslon  concement  la 
turbine  complAte. 

Rappels  sur  les  triangles  de  vltesses 

Bn  utlllsant  des  notations  cohArentes  avec  la  noawnclature  et  les  numAros  des  stations 
de  travail,  on  caractArlse  complAtement  une  dAtente  dans  un  Atage  de  turbine  en  asso- 
clant  au  dlagramme  enthalple-entrople  un  triangle  des  vltesses. 
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On  donna  deux  exeaples  da  triangulatlona  utlllsdes  habltuellaaent  : 

!  I  '4  /  I 


Pour  caractdrlser  la  rendement  d’un  dtage,  de  nombreux  auteurs  utlllsent  comme  para- 
adtre  de  base  le  coefficient  de  charge  reliant  le  travail  spdclflque  donnd  par 

I'dtage  au  carrd  de  la  vltesse  pdrlphdrlgue. 

Pulsgue  le  travail  spdclflgue  OH  peut  s'dcrlre  en  fonctlon  de  la  variation  de  vltesses 
tangentlelles  OB  •  u  ovu,  11  reste  que  le  coefficient  de  charge  peut  s'dcrlre  — ~ —  et 

ddpend  done  dlrectement  de  la  forme  du  triangle  des  vltesses.  Pour  les  triangles  1  et  2 
reprdsentds  cl-dessus,  la  vltesse  axlale  conslddrde  comme  constante  d  travers  la  roue 
correspond  d'une  part  d  un  erltdre  de  dlmenslonnement  souvent  utlllsd,  et  d' autre  part, 
conduit  d  des  calculs  slmpllflds  utiles  pour  rdallser  un  avant-projet.  La  vltesse 
axlale  apparalt  alors  caame  un  nouveau  paramdtre. 

Pour  le  triangle  1,  un  degrd  de  rdactlon  non  nul  donne  une  accdldratlon  dans  le  rotor. 
Pour  ce  triangle  classlque,  on  dcrlt  les  relations  : 


Vuj  »  Vj  cosaj  =  W2  *  Vm2 

*  Vj  siaai  *  W2  sin^^ 
solt  «<  I',  *  W2 
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L*  trlangls  2  correspond  d  un  degrd  de  rdsctlon  nul  et  approxlee  la  notion  plus  usuelle 
de  presslon  statlgue  constants  aux  bomes  de  la  roue.  On  dcrlt  : 


S  2  Wj  cos^j 


.  i  [If,  c««,  -  »] 


solt  dans  ce  cas  — =  2 
11^ 


(4) 


Expression  des  per tea  dans  lea  aubages 

D'aprds  le  dlagramme  enthalple-entrople,  on  exprime  le  travail  spdclflque  Isentroplque 
de  I'dtage  en  fonctlon  du  travail  spdclflque  rdel  et  des  pertes  d' aubages  par  la  rela¬ 
tion  : 


Mi 


*r-r 


=  M  *  b„*  b. 


ou  8, 


''l  is  ''l 

~r~  ~T 


«  -  2  is 


Wi 


reprdsentent  les  pertes  d'dnergle  clndtlque  respectlvement  dans  le  dlstrlbuteur  et  la 
roue.  On  Introdult  en  gdndral  des  coefficients  de  ralentlssement  : 


Us 


h 


‘IS 


qul  dependent  de  la  gdomdtrle  et  des  paramdtres  de  fonctlonnement  des  aubages.  On  ob- 
tlent  alors  pour  6p  et  6n  les  expressions  : 


.  /  -  '1'^  “'I 

bg  -  2  7 


Alnsl  aprds  calculs,  on  obtlent  : 
-  Pour  le  triangle  de  vltesses  1 


L-  u2  _z_ 


^  2  if  ^  ^  sin^aj 


2  '*  si/i^a, 


-  Pour  le  triangle  de  vltesses  2 


8  =  ^  ~  / 
2,f^  '‘sus^aj 


llJi: 

2  ip 
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Eatpresslon  des  rendements  d'6taqes 

En  comblnant  las  relations  prdcddentes,  on  obtlent  des  expressions  slapllfldes  du  ren' 
denent  d'un  6tage  oO  Intervlennent  seulement  les  paramdtres  sulvants  : 


coefficient  de 
coefficient;  de 


*  tf  ^ 

charge  coefficient  de  vltesse  -jr, 
ralentlssement  y  et  tp. 


angle  de  sortie  du  dlstrlbuteur. 


Alnsl,  pour  le  triangle 

1. 

M 

'^T~T  ~  f 

/ 

u2  [ 

■>  2 
2  ip 

avec 


Atf  2  ''x 
yZ  '  tgoij  U 


-  1 


(5) 


gul  prend  la  valeur  maxlmale  : 

\-T  ~ 


f  V  _J_ 

[^Z  2  J  cos^Clj 


pour  -f  =  tga, 


t  * 


Pour  le  triangle  2, 


nZ 


W 


avec  =  Z 


gul  prend  sa  valeur  maxlmale 


Pour 


TT  --  «««;  [  ’  *  ^  ■  d  tW,  ] 

-  f  ^  ^  1  / 

2  Z  J 


avec  A 


et  B  =  - 

2 
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DIMEMSIOMWEMKNT  P'UWE  TURBINE  A  HYDROGEHE  -  IMFLOENCE  DE  LA  NATURE  DU  GAZ 

Les  turbines  de  moteurs  pour  propulsion  combinde  peuvent  dtre  alimentdes  par  des  gaz  de 
caractdristigues  thermodynamiques  aussi  inhabituelles  que  de  I'hydrogdne  (not6  GH2)- 

On  dtudie  la  spdcificitd  d'un  dimensionneinent  rdsultant  de  1 'utilisation  de  ce  gaz  avec 
le  dimens ionnement  d'une  turbine  d  air. 

Rappel  des  valeurs  des  constantes  de  gaz 

-  Pour  I'hydrogdne  R  «  4139  J/Kg.K  -  1,389 

-  Pour  I'air  R  =  287  J/Kg.K  j  -  1,4. 

Consdquences  sur  le  triangle  des  vitesses 

Pour  un  mdme  taux  de  ddtente,  done  d  nombre  de  Mach  comparable  (les  2  gaz  dtudids  ont  d 
peu  prds  une  mdme  valeur  de  ^  )  la  vitesse  des  gaz  est  plus  grande  dans  la  turbine  GH2 
que  dans  la  turbine  d  air,  soit  id  dans  le  rapport  des  racines  des  constantes  de  gaz, 
e'est-d-dire  : 

sun  -  3g 

N  287  ■ 


Inver sement  pour  un  mdme  niveau  de  vitesse,  le  nombre  de  Mach  dans  la  turbine  d  hydro- 
gdne  est  3,8  fols  plus  petit  que  dans  la  turbine  d  air. 

De  mSme,  pour  qu'une  turbine  d  hydrogdne  ait  un  triangle  de  vitesse  homothdtique  h  ce- 
lui  d'une  turbine  d  air,  il  lui  faudrait  une  vitesse  d ' entrainement  3,8  fois  plus 
grande,  probablement  Inacceptable  du  point  de  vue  mdcanlque. 


Consequences  sur  le  rendement 

Les  charges  par  stages  importantes  obtenues  pour  le  dlmensionnement  de  la  turbine  d  hy- 
drogdne  condulsent  d  des  coefficients  de  charge  Importants  et  done  d  des  falbles 

valeurs  de  rendement.  Cette  situation  peut  dtre  amdliorde  en  utilisant,  pour  une  charge 
donnde,  un  grand  nombre  d'dtages  et  done  des  dcoulements  nettement  subsonlques. 

Consdquences  sur  la  hauteur  des  aubes  du  distributeur 

Pour  de  mdmes  valeurs  du  ddbit  rddult  et  du  rayon  moyen,  la  hauteur  des  aubes  pour  le 
gaz  hydrogdne  augmente  comme  le  rapport  des  racines  des  constantes  de  gaz.  Ce  qul  est 
favorable  pour  le  respect  de  la  contrainte  sur  la  hauteur  d' aubes  du  distributeur.  Sur 
la  f igureH  on  reprdsente  pour  3  valeurs  de  constantes  de  gaz  (hydrogdne  -  gaz  de  com¬ 
bustion  H2/H2O  -  Air),  la  hauteur  des  aubes  en  fonction  du  nombre  de  Mach  en  sortie  du 
distributeur. 

ETUDE  PARAMETRIQUE  DU  DIMEWSIONHEMEWT  D'UNE  TURBINE  A  HYDROGENS  -  VERSION  COROTATIVE 


Les  donndes  de  base  de  I'dtude  correspondent  aux  spdciflcations  d'une  turbine  entral- 
nant  le  compresseur  d '  un  moteur  turbof usde  expander  ayant  au  point  de  dlmensionnement 
les  performances  suivantes  : 


-  Puissance  sur  arbre  Pu 

-  Tempdrature  d'entrde  T^q  = 

-  Pression  totale  d'entrde  P^o  ^ 

-  Pression  totale  de  sortie  P^g  ” 

-  Vitesse  de  rotation  N  « 

-  Fluide  utilisd  GH2  Cp 

X  - 


45  MW 
850  K 
90  bar 
5 , 3  bar 
6045  tr/mn 
14779  J/Kg.K 
1,389. 


On  notera  la  spdcificitd  du  gaz  utilisd,  de  1 'hydrogdne  froid,  partlculidrement  dner- 
gdtlque.  L' influence  de  cette  spdcificitd  sur  le  dlmensionnement  sera  analysde  plus 
loin,  en  effectuant  des  comparaisons  avec  d'autres  gaz. 
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Contralntes  prises  en  compte  lors  du  dlmenslonnement 

Pour  des  raisons  de  tenue  mdcanlque,  la  vltesse  pdrlphdrlgue  au  rayon  moyen  de  la  veins 
ne  dolt  pas  ddpasser  la  valeur  de  300  m/s. 

U  s  300  m/s 

De  n^me,  1' utilisation  d'une  veins  de  grand  dlam^tre,  d'un  taux  de  detente  dlevd  ou 
d'un  grand  nombre  d' Stages  conduit  S  une  rSductlon  de  la  hauteur  des  aubes  du  premier 
dlstrlbuteur  et  entralneralt  son  Injection  partlelle.  Pour  malntenlr  un  fonctlonnement 
de  la  turbine  en  Injection  totals,  on  dSclde  que  les  hauteurs  des  aubes  ne  dolvent  pas 
Stre  plus  petltes  que  10  mm 

tiQ  ^  10  mm 

Objectlts  de  I'Stude 

Les  objectlfs  de  I'Stude  sont  de  dSteralner  le  dlamStre,  le  nombre  d' Stages  de  la  tur¬ 
bine  qul  respecters  les  spSclflcatlons  avec  un  dSblt  minimal. 

MSthode  de  prSdlmenslonnement 

A  partlr  des  conditions  du  projet  correspondent  aux  spSclflcatlons  : 


-  charge  globale 


( 


-  Vitesse  d'entralnement  au  rayon  moyen  "  — 

iy  * 


-  dSblt  rSdult 


On  cholslt  les  paramStres  sulvants  : 

-  Nombre  d* Stages  n 

Pour  notre  mSthode  d'avant-projet,  nous  avons  utlllsS  une  rSpartltlon  de  charge  dS- 

crolssante  le  long  des  n  Stages.  Cette  rSpartltlon  respecte  une  lol  du  type  -  >  cte 

Tt 

oO  OH  reprSsente  le  travail  spSclflque  rSallsS  sur  un  Stage  et  la  tempSrature 
d'arrSt  S  I'entrSe  de  1' Stage.  Cette  hypothSse  conduit  S  une  expression  analytlque 
simple  de  la  valeur  de  la  tempSrature  S  I'entrSe  du  j-lSme  Stage  d'une  turbine  de  n 
Stages. 

'/  N  ' o  'll*! 

Dans  cette  expression.  To  et  Tn*l  correspondent  aux  tempSratures  S  I'entrSe  de  la  tur¬ 
bine,  ce  qul  est  une  donnSe  du  prSdlmenslonnement,  et  S  la  sortie,  quantltS  qul  est 
connue  lorsque  la  puissance  et  le  dSblt  de  la  turbine  sont  connus. 

-  le  dSblt  de  la  turbine 

-  le  rayon  moyen  que  I'on  consldSre  constant  entre  I'entrSe  et  la  sortie  de  la  turbine. 
Dans  cette  Stude,  on  n'a  pas  consldSrS  de  turbine  S  rayon  Svolutlf 

-  une  premlSre  estimation  des  pertes,  pour  le  calcul  des  coefficients  et  ijJ  ,  que 
I'on  a  corrSlSs  de  manlSre  slmpllflSe  S  la  gSomStrle  des  aubages  (facteur  de  forme  - 
pas  relatlf  -  dSvlatlon),  alnsl  qu'S  leur  fonctlonnement  aSrodynamlque . 

RSsultats 


En  fonctlon  des  paramStres  StudlSs,  les  prlnclpaux  rSsultats  obtenus  sont  les  sul¬ 
vants  : 

-  d'aprSs  les  valeurs  dgs  nombres  d' Stages,  dSblts  et  vltesses  pSrlphSrlques  consldS- 

rSs,  les  gammes  de  obtenus  condulsent  S  I'utlllsatlon  d'aubes  S  action.  On  a 

done  calculS  lea  valeurs  des  coefficients  de  vltesse  d' Stages  — —  et  les  rendeaients 

a 

d' Stages  l|  x-T  ^  I'alde  des  relations  (4)  et  (6). 

-  les  valeurs  des  taux  de  dStente  de  cheque  Stage  et  done  la  valeur  de  la  presslon 
d' alimentation  de  la  turbine 
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-  les  valeurs  des  hauteurs  de  sortie  de  chaque  dlstrlbuteur  et  en  partlculler  la 
hauteur  du  premier  dlstrlbuteur,  done  une  allure  de  la  veine  adrodynamlque  complete 

-  une  estimation  du  rendement  global  de  la  turbine. 

Analyse  des  rdsultats  ;  pour  un  taux  de  ddtente  donnd 

Sur  les  figures  1  et  2,  on  a  reprdsentd  pour  une  presslon  d ' alimentation  donnde  de 
41,5  bar,  c'est-A-dlre  pour  un  taux  de  ddtente  donnd  pulsque  la  presslon  de  sortie  est 
flxde,  1' Evolution  de  la  hauteur  d'entrde  et  du  rendement  de  la  turbine  en  fonctlon  du 
rayon  moyen  de  la  veine  (que  I'on  fait  varler  de  300  A  500  mm  pour  respecter  la  con- 
tralnte  d ' encombrement )  et  cecl  pour  dlffdrents  nombres  d' Stages.  Ces  abaques  Indlquent 
clalrement  les  sens  de  variations  des  dlffSrents  paramStres. 

Alnsl,  sur  la  figure  1,  une  augmentation  du  rayon  de  la  turbine  entralne  une  augmenta¬ 
tion  de  la  Vitesse  pSrlphSrlque  et  done  du  rendement  de  la  turbine,  et  ce  de  manlSre 
pratlquement  llnSalre.  Ce  qul  se  tradult,  toutes  choses  Sgales  par  allleurs,  par  une 
diminution  du  dSblt.  Ces  deux  effets  -  diminution  du  dSblt,  augmentation  du  rayon  -  se 
comblnent  pour  expllquer  la  diminution  de  hauteur  du  dlstrlbuteur.  Ce  comportement 
tlent  au  Que  pour  la  plage  de  rayon  de  veine  consldSrSe,  une  diminution  du  facteur 

de  charge  chaque  Stage  amSllore  son  rendement  done  celul  de  la  turbine.  Sur  la 

figure  2,  la  contralnte  sur  la  hauteur  d'aubage  minimum  de  10  mm  donne  le  point  de 
dlmenslonnement  optimal,  pour  la  presslon  d' alimentation  consldSrSe,  Icl  41,5  bar. 

L' Influence  du  nombre  d' Stages  est  Sgalement  indiquSe.  On  a  StudlS  le  cas  de  turbines 
de  6,  10,  14  Stages.  Globalement,  pour  la  gamme  de  paramStres  StudlSe,  une  augmentation 
de  son  nombre  d' Stages  a  conduit  S  une  augmentation  du  rendement  de  la  turbine.  Cette 
tendance  semble  d'autant  molns  marquSe  que  le  nombre  d* Stages  est  grand.  Alnsl,  pour  un 
rayon  Rgi  •>  400  mm,  passer  de  6  S  8  Stages  augments  le  rendement  de  4  points,  de  12  A  14 
Stages  de  1,3  points . 

Pour  ce  qul  concerns  la  hauteur  d'entrSe  du  dlstrlbuteur,  1* Influence  du  nombre  d'S- 
tages  est  clalre.  Alnsl,  comme  on  vient  de  le  voir,  si  1 ' augmentation  du  nombre  d'S- 
tages  dlmlnue  le  dSblt,  elle  dlminue  aussl  la  charge  du  premier  Stage,  done  le  nombre 
de  Mach  en  sortie  du  premier  dlstrlbuteur,  ce  qul  tend  A  en  augmenter  les  hauteurs, 
comme  IndlquS  sur  la  figure  11. 

Des  deux  effets  antagonlstes,  et  dans  la  plage  de  paramStres  consldSrSe,  e'est  le  se¬ 
cond  qul  I'emporte,  et  globalement,  accroltre  le  nombre  d' Stages  augments  les  hauteurs 
d ' aubages . 

Analyse  des  rSsultats  ;  pour  une  hauteur  d'entrSe  donnSe 

L'abaque  de  la  figure  3  oO  I'on  a  reprSsentS  I'Svolutlon  du  dSblt  en  fonctlon  du  rayon 
de  veine  pour  dlffSrents  nombres  d' Stages  et  une  hauteur  de  dlstrlbuteur  ImposSe  et 
Sgale  A  10  mm  permet  de  dStermlner  le  dlmenslonnement  optimal.  De  cet  abaque,  on  tire 
les  Informations  sulvantes  : 

-  le  gain  de  dSblt  est  rSel  sur  toute  la  plage  de  nombres  d' Stages  StudlSe,  mals  plus 
le  ncxnbre  d' Stages  est  grand,  molns  le  bSnSflce  est  Important.  Alnsl,  pour  un  rayon 
moyen  de  400  mm,  on  gagne  0,8  Kg/s  de  dSblt  en  passant  de  6  A  8  Stages,  mals  seule- 
ment  0,3  Kg/s  en  passant  de  12  A  14  Stages 

-  pour  chaque  nombre  d* Stages,  11  exlste  un  rayon  moyen  au-delA  duquel  le  gain  de  dSblt 
n'est  plus  slgnlflcatlf .  La  valeur  de  ce  rayon  correspond  au  dlmenslonnement  optimal. 
Cette  valeur  dSpend  du  nombre  d' Stages.  Alnsl,  un  dlmenslonnement  optimal  correspond 
A  6  Stages  et  Rg  •  460  mm  ou  10  Stages  et  Rg  >  440  mm,  ou  14  Stages  et  Rg  -  400  mm. 

Cet  abaque  ne  permet  pas  de  dSflnir  dSf Inltlvement  et  uniquement  sur  des  crltSres  aSro- 
dynamiques  un  dlmenslonnement  optimal.  Des  coefficients  d'Sehanges  corrSlant  le  dSblt 
de  la  turbine  (et  done  I'ISP  du  moteur)  au  rayon  moyen,  au  nombre  d' Stages  et  A  sa 
masse  (encombrement  radial  et  axial  -  Dlsques  -  Aubes  -  Carters  et  arbres)  permettent 
d'optlmlser  le  dlmenslonnement  au  niveau  du  moteur. 

A  tltre  d'exemple,  on  donne  en  figure  12  la  gSomStrie  de  la  veine  aSrodynamlque  d'une 
turbine  de  10  Stages  vSrlflant  les  spSciflcations.  On  donne  Sgalement  en  fonctlon  du 
numSro  d' Stages,  le  rendement  et  le  facteur  de  charge  de  1' Stage. 

miDE  PARAMOTRIQUB  DO  PIMKNSIOtWKMKWT  P'UMK  TURBINS  A  HYPROGKWE  -  VKRSIOW  COWTRA- 
ROTATIVE 

A  partlr  de  spSciflcations  qul  sont  les  piSmes  qu'au  paragraphs  2,  on  a  effectuS  une 
Stude  paramStrlque  du  dlmenslonnement  d'une  turbine  A  hydrogSne  dans  le  cas  contra- 
rotatif . 
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On  appelle  turbine  contrarotatlve  une  turbine  pour  laquelle  une  prdrotatlon  est  donn6e 
A  I'Acoulement  par  un  dlstrlbuteur  A  I'entrAe  de  la  turbine,  les  roues  sulvantes,  tou- 
tea  mobiles,  foumlssent  le  travail  spAclflque  en  tournant  altematlvement  aux  vltesses 
pArlphArlques  U  et  -U.  Ces  deux  vltesses,  successlvement  positives  puls  nAgatlves,  peu- 
vent  Atre  de  valeurs  absolues  dlffArentes  mals  ce  cas  n'a  pas  AtA  AtudlA.  On  a  consl- 
dArA  Icl  des  roues  axlales,  montAes  sur  deux  arbres  ImbrlquAs  et  tournant  respec- 
tlvement  aux  vltesses  de  rotation  N  et  -N,  la  valeur  de  N  Atant  la  rnAme  que  pour  la 
version  corotatlve.  On  volt  done  que  pour  le  dlnenslonnement  contrarotatlf ,  la  vl tease 
de  rotation  relative  des  roues  mobiles  est  doublAe  par  rapport  au  cas  corotatlf. 

Notations  pour  une  turbine  contrarotatlve 


Pour  le  1^^  Atage,  qul  est  un  cas  partlculler  dans  le  cas  contrarotatlf,  les  notations 
sont  les  mAmes  qu’en  I.  Pour  le  cas  des  roues  sulvantes,  le  dlagramme  Enthalple  - 
Entrople  (H-S)  donne  les  caractArlstlqiies  de  la  dAtente. 


Comme  pour  le  paragraphe  1  et  avec  des  notations  compatibles  avec  celles  donnAes  dans 
la  nomenclature,  on  dAflnlt  les  deux  types  de  rendements,  un  rendement  total-total  : 


A# 


'T-r 

‘*r-r 


un  rendement  total -statlque 


Tl  -  ^ 

^r-5  - 


T-5 


On  remarque  que  dans  1' expression  des  rendements,  seules  les  pertes  dans  les  roues  In- 
terviennent. 

Triangle  des  vltesses 


Oans  une  turbine  contrarotatlve,  le  rdle  d'une  roue  est  dotible.  Une  roue  dolt 
assurer  un  travail  spAclflque  et  ensulte  redresser  1 ' Acoulement  comme  I'auralt 
stator,  afln  d'allnenter  correctemant  la  roue  sulvante.  le  triangle  cholsl 
1' allure  sulvante  : 


AW.. »  AV„ 


Triangle  des  vltesses  contrarotatlf 


d'abord 
fait  un 
a  done 


vArlflant  les  relations  ai  •  ay  et  Vy  «  Vy* 
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Coimne  pour  les  triangles  de  vltesses  correspondant  A  des  turbines  corotatlves,  on  6ta- 
bllt  des  relations  simples  permettant  de  rSpondre  &  I'avant-projet.  Alnsl,  la  relation 

QU  V  V 

entre  le  coefficient  de  charge  — et  le  coefficient  de  vltesse  — —  devlent  : 

U2  U 


=  2  y j  cosaj 


^U2  -  ^2  =  ^7  cosa^ 


et  alors 


A«  2 

u2  "  U 


De  mSme,  pour  1' expression  du  rendement,  on  obtlent  aprSs  quelques  calculs  simples  dans 
le  triangle  des  vltesses  contrarotatlf , 


TIt-t 


't-t*  9^7  2  n 


qul  prend  sa  valeur  maxlmale  pour  : 


Mfethode  de  prfedlmensionnement 

Les  objectlfs  dtant  les  mdmes  que  pour  le  dlmenslonnement  corotatlf,  l'6tude  paramd- 
trlque  a  6t6  mende  de  la  m6me  manldre.  En  partlculler,  on  a  conservd  la  mgme  lol  de 
charge  sur  les  Stages  et  la  manlSre  de  presenter  les  rSsultats  est  la  m&ne. 

On  prSsente  alnsl  en  figures  4  et  5,  pour  une  presslon  d’ alimentation  de  41,5  bar,  les 
Svolutlons  des  hauteurs  d'aubages  du  premier  dlstrlbuteur,  du  rendement  de  la  turbine 
en  fonctlon  du  rayon  de  la  velne  et  pour  dlffSrents  nombres  d' Stages.  Sur  la  figure  6, 
on  donne  I'Svolutlon  du  dSblt  pour  les  mSmes  plages  de  paramStres,  la  hauteur  du  dls¬ 
trlbuteur  valant  10  mm. 

Comparalson  du  dlmenslonnement  corotatlf  et  contrarotatlf 


Application  numSrlque  simple 

On  peut  comparer  de  manlSre  simple  les  deux  dlmenslonnements  en  calculant,  pour  un  cas 
de  charge  d' Stage  Identlque,  les  rendements  respectlfs  du  cas  corotatlf  et  contra¬ 
rotatlf. 

OH 

Cholslssons  par  example  un  coefficient  de  charge  »  7.  Pour  un  angle  absolu  oj  «  25° 
dans  les  deux  cas,  le  coefficient  de  vltesse  vaut  : 


en  corotatlf  (Triangle  a  action)  =  2,098 


en  contrarotatlf 


''x 

=  1,632 


Avec  une  hypothSse  de  pertes  dans  le  stator 'p  -  0,95  et  dans  le  rotor  'P  »  0,9  pour  le 
cas  corotatlf,  et  ip  =0,9  dans  le  rotor  pour  le  cas  contrarotatlf,  les  expressions  des 
rendements  dSmontrSes  prScSdemment  donnent  : 


en  corotatlf  (Triangle  a  action)  T)^  ^  =  0,680 


en  contrarotatlf 


\.T  = 


soit  un  avantage  de  4,2  points  en  faveur  du  dlmenslonnement  contrarotatlf. 


De  fagon  plus  complSte,  on  a  dSterminS  les  domalnes  d'intSrSts  respectlfs  des  dlmen¬ 
slonnements  corotatlf  et  contrarotatlf  en  reprSsentant  sur  les  figures  9  et  10,  les 
rendements  d'dtage  en  fonctlon  du  coefficient  de  charge,  une  hypothSse  Stant  prise  pour 
les  coefficients  de  pertes. 
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Sur  ces  abaques,  on  volt  que  pour  de  faibles  valeurs  de  chargees  - 

turbines  d  grande  vltesse  pdrlphdrl^e ) ,  1* utilisation  d'une  turbine  corotatlve  est 
conselllde.  Jusqu'd  une  valeur  de  — ^  -  6  pour  des  valeurs  de  coefficients  de  pertes 

OH 

valant  -  0,95  et  (p  ■  0,85,  de  — g  -  2  pour  -  0,95  et  tfl  «  0,90.  Au-deld  de  ces 

valeurs,  qul  correspondent  d  des  turbines  trds  chargdes  -  turbines  toumant  d  basse 
vltesse  pdrlphdrlque  -  on  a  bdndflce  d  utlllser  une  turbine  contrarotatlve. 

Analyse  des  rdsultats 

On  prdsente  en  figures  4  et  5,  pour  une  presslon  d* alimentation  de  41,5  bar,  les  dvolu- 
tlons  des  hauteurs  d'aubages  du  premier  dlstrlbuteur,  du  rendement  de  la  turbine  en 
fonctlon  du  rayon  de  la  velne  et  pour  dlffdrents  nombres  d'dtages.  Pour  ces  deux 
abaques,  le  sens  de  variation  des  paramdtres  est  le  mdme  que  pour  le  cas  corotatlf. 

Sur  la  figure  6,  on  a  reprdsentd  I'dvolutlon  du  ddblt  en  fonctlon  du  rayon  de  velne 
pour  dlffdrents  nombre  d'dtages  et  une  hauteur  de  dlstrlbuteur  Imposde  et  dgale  d 
10  mm.  Get  abaque  Indlque  que  : 

-  pour  la  gamme  de  rayon  de  velne  dtudlde,  11  exlste,  pour  un  nombre  d'dtages  donnd, 
une  valeur  de  rayon  optimal  pour  laquelle  le  ddblt  est  minimal.  Cette  valeur  optlmale 
du  rayon  est  d'autant  plus  petite  que  le  nombre  d'dtages  est  grand.  Par  example,  pour 
une  turbine  de  8  dtages,  le  ddblt  dlmlnue  pour  un  rayon  de  velne  croissant  jusqu'd 
460  mm  et  crolt  ensulte.  Ce  rayon  optimal  vaut  440  mm  pour  une  turbine  de  10  dtages, 
420  mm  pour  12  dtages  et  400  mm  pour  14  dtages.  Une  bonne  connalssance  de  ce  rayon 
optimal  est  prlmordlale  pour  effectuer  un  dlmenslonnement  compdtent. 

Sur  les  figures  7  et  8,  on  a  mis  en  dvldence  que  ce  rayon  optimal  de  dlmenslonnement 
exlste  aussl  pour  les  versions  de  turbines  corotatlves.  Par  exemple,  pour  une  turbine 
corotatlve  de  6  dtages,  une  augmentation  de  rayon  de  velne  au-deld  d'une  valeur  de 
600  mm  est  ddfavorable  et  augmente  le  ddblt.  Pour  une  turbine  de  20  dtages,  c'est  au- 
deld  de  380  mm  que  I'on  a  plus  avantage  d  augmenter  le  rayon  de  velne.  Toutefols,  ces 
deux  turbines,  donndes  Icl  d  tltre  d' exemple,  ne  vdrlflent  pas  les  spdclflcatlons  d'en- 
combrement . 

Comme  pour  le  cas  corotatlf,  11  est  ndcessalre  de  connaitre  les  coefficients  d'dchanges 
corrdlant  le  dlmenslonnement  adrodynamlque  et  sa  masse  pour  ddtermlner  les  paramdtres 
optlmaux  de  fonctlonnement  de  la  turbine. 

A  tltre  d' exemple  on  donne,  en  figure  13,  la  gdomdtrle  de  la  velne  adrodynamlque  d'une 
turbine  contrarotatlve  de  10  dtages  vdrlflant  les  spdclflcatlons.  On  donne  dgalement  en 
fonctlon  du  nurodro  d'dtage,  le  rendement  et  le  facteur  de  charge  de  I'dtage. 

Comparalson  des  turbines  10  dtages  corotatlve  et  contrarotatlve 

Sur  le  tableau  sulvant,  on  a  rdsumd  les  prlnclpales  caractdrlstlques  des  deux  turbines 
sdlectlonndes . 


Turbine 

Turbine 

corotatlve 

contrarotatlve 

Nombre  d'dtages 

10 

10 

Rendement 

0.708 

0.744 

Ddblt  (Kg/s) 

11.9 

11.5 

Vltesse  pdrlphdrlque  (m/s) 

278.5 

278.5 

Presslon  d' alimentation  (bar) 

37.5 

36.1 

Presslon  de  sortie  (bar) 

5.3 

5.3 

Tempdrature  ( K ) 

850 

850 

Encombrement  radial  (mm) 

940 

950 

Encombrement  axial  (mm) 

hauteur  d ' entrde  ( mm ) 

10 

10 

Masse  ( Kg ) 

A  ddtermlner 

A  ddtermlner 
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Du  £alt  des  valeurs  de  coefficient  de  charge  utlllsdes  (—^ —  I'ordre  de  6  pour  les 

premiers  dtages  de  4  pour  les  dernlers),  on  a  avantage  d  utlllser  un  dlmenslonnement 
contrarotatlf .  Alnsl,  le  rendement  de  la  turbine  contrarotatlve  est  supdrleur  de 
3,6  points  d  celul  de  la  turbine  corotatlve,  donnant  un  gain  de  ddblt  de  0,4  kg/s.  De 
plus,  un  dlmenslonnement  contrarotatlf,  gul  dlmlnue  1 ' encombremer.t  axial  de  la  turbine 
par  suppression  des  dlstrlbuteurs  Inter-dtages ,  devralt  donner  un  gain  de  masse 
Important . 


CONCLUSIONS 


Dems  ce  papier,  on  a  prdsentd  un  ddveloppement  des  dguatlons  permettant  le  calcul  des 
rendements  de  turbines  axlales  corotatlves  ou  contrarotatlves  en  fonctlon  de  leurs  tri¬ 
angles  des  vltesses.  On  a  mis  en  dvldence  le  domalne  d'lntdrdt  respectlf  des  deux 
varlantes,  en  fonctlon  du  coefficient  de  charge  oH/U^.  Comme  application,  on  a  effec¬ 
ted,  d  partlr  de  larges  dtudes  paramdtrlgues,  le  prddlmenslonnement  ccxnpard  d'une 
turbine  de  forte  puissance  trds  chargde  en  version  corotatlve  et  contrarotatlve.  Dans 
notre  cas  partlculler,  un  avantage  a  dtd  mis  en  dvldence  en  faveur  de  la  version  con¬ 
trarotatlve,  bdndflce  gue  I'on  a  chlffrd  d  3,6  points  de  rendement  menant  d  une 
dconomle  de  ddblt  de  0,4  kg/s.  On  dolt  noter  que  les  nlveaux  de  rendements  annoncds 
sont  calculds  d  partlr  des  moddles  de  pertes  blbllographlgues  correspondent  d  des 
aubages  ayant  de  bonnes  rdpartltlons  de  vltesses,  des  pas  relatlfs,  des  Jeux  en  bout 
d'aubes  et  un  effet  de  blocage  de  bord  de  fulte  ralsonnable.  De  mdme,  pour  ddtermlner 
avec  prdclslon  le  domalne  d’lntdrdt  respectlf  des  dlmenslonnements  contrarotatlf s  ou 
corotatifs,  on  doit  dtre  prudent  sur  la  rdpartitlon  des  pertes  entre  les  roues  fixes  et 
les  roues  mobiles. 
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Discussion 


HOURMOUZIADIS 

You  decided  keep  (AH/T^)  constant  for  all  stages  and  you  have  a 
reduction  of  (AH/u  ).  Since  Mach  numbers  are  very  low,  why  do  you  decide  to 
keep  (AH/T^)  constant? 

AUTHOR'S  REPLY 

C'est  un  critere  de  dimensionnement  que  nous  utilisons  frequenment.  On 
aurait  pu  faire  une  etude  en  utilisant  des  repartitions  de  charge  constantes 
sur  tous  les  etages.  Cela  n 'aurait  pas  modifie  les  conclusions.  Ce  critere 
peut  etre  interessant  pour  le  fonctionnement  hors  nominal  de  la  turbine. 
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Injected  into  Svibsonic  Airflow 


by 

J.  Koopman,  M.  Rachner,  H.  Wiegand,  H.  Eickhoff 

DLR,  Institut  fUr  Antriebstechnik 
Linder  Hohe,  5000  Koln  90,  West-Germany 

SUMMARY 

The  aerodynamics  and  stabilization  of  burning  hydrogen  jets,  injected  transvers- 
ally  into  a  subsonic  airstream,  have  been  investigated.  The  structural  behaviour  of 
deflecting  cold  and  burning  jets  were  studied  by  flow  visualization.  Experiments  and 
numerical  analysis  on  jet  penetration  have  been  performed.  Flame  extinction  limits  of 
"wake  stabilized"  flames  were  established  and  correlated. 


a 

NOMENCLATURE 

_ 

constant  used  in  relation  (7) 

A 

10^  kg  K/(m^‘^  s) 

- 

parameter  combination 

Ar 

- 

inlet  area 

b 

m 

- 

width  of  rectangular  H2-injection  hole 

B 

m 

- 

channel  width 

d 

m 

- 

diameter  of  circular  H2-injection  hole 

D 

m 

- 

combustion  chamber  diameter 

H 

m 

- 

channel  height 

I 

- 

- 

momentum  density  ratio 

1 

m 

- 

length  of  rectangular  H2-injection  hole 

Kd 

- 

- 

constant  in  equation  (2) 

Lo 

m 

- 

characteristic  length  of  particle  path  in  the  wake 

P 

N/m^ 

- 

chamber  pressure 

PH  2 

N/m^ 

- 

total  hydrogen  pressure 

T 

K 

- 

combustion  temperature 

Tair 

K 

- 

air  inlet  temperature 

TH2 

K 

- 

total  hydrogen  temperature 

TH2 

K 

hydrogen  temperature  in  expanding  jet 

=  TH2  X  (P/PH2) 

Uair 

m/s 

- 

axial  air  velocity 

UH2 

m/s 

- 

axial  hydrogen  jet  velocity 

Vair 

m/s 

- 

radial  air  velocity 

VH2 

m/s 

- 

radial  hydrogen  jet  velocity 

Wair 

m/s 

- 

circumferential  air  velocity 

WH2 

m/s 

- 

circumferential  hydrogen  jet  velocity 

X 

m 

- 

axial  coordinate 

y 

m 

- 

radial  coordinate 

z 

m 

- 

circumferential  coordinate 

a 

deg 

- 

jet  expansion  angle 

Y 

- 

- 

ratio  of  specific  heats 

« 

- 

- 

equivalence  ratio 

P 

kg/m^ 

- 

density 

Ti 

sec 

- 

induction  time 

TR 

sec 

- 

residence  time  of  a  particle  in  the  wake  region 

1 .  INTRODUCTION 

In  an  ongoing  national  technology  program  airbreathing  propulsion  concepts  are 
being  investigated  for  vehicles  capable  of  transporting  considerable  payloads  to 
heights  up  to  30  km  and  flight  Mach  numbers  up  to  7.  It  implies  combined  turbo-  and 
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ramjet  propulsion  systems.  For  ramjet  operation  the  subsonic  combustion  mode  leads  to 
chamber  pressures  between  1.5  and  10.0  bars,  as  well  as  air  inlet  temperatures  between 
400  and  2000  K,  depending  on  the  flight  Mach  number  /!/. 

One  turbo-/ramjet  configuration  is  coaxially  arranged.  In  this  case,  during  the 
ramjet  operation  mode,  the  airflow  is  bypassing  the  inactive  turbojet  through  an 
annular  channel  and  then  expands  into  the  can-type  combustion  chamber.  In  order  to 
illustrate  the  overall  behaviour  of  the  flow,  an  example  of  a  2D-nximerical  simulation 
of  such  a  combustion  chamber  flow  is  shown  in  Fig.  1.  The  incoming  flow  is  deflected 
towards  the  symmetry  axis  by  a  system  of  flow  guides  in  order  to  avoid  an  inacceptably 
large  wake  region  in  which  flow  instabilities  might  occur  and  which,  as  numerical 
studies  have  shown,  would  retard  mixing.  In  order  to  promote  hydrogen-air  mixing, 
hydrogen  was  assumed  to  be  injected  transversally  from  the  guide  vanes  into  the 
deflected  air  flow.  The  flow  simulation  was  performed  with  a  Fil'yite  Volume-Navier- 
Stokes-Code  for  solving  turbulent  reacting  flow  fields  111 .  The  hydrogen  fuel  was 
assumed  to  be  injected  through  slots  resulting  in  an  axisymmetric  flow  field,  and 
combustion  was  modelled  by  assuming  chemical  equilibrium.  The  upper  part  of  Fig.  1 
shows  the  flow-field,  whereas  the  lower  one  shows  some  radial  profiles  of  unreacted 
hydrogen.  A  major  feature  of  the  flow  is  the  rather  poor  mixing  of  the  hydrogen  with 
the  air,  which  is  partially  due  to  the  assumption  of  slot  injection. 

At  low  flight  Mach  nximbers  the  need  for  flame  holding  arises.  One  way  of  flame 
stabilization  is  to  inject  the  fuel  as  discrete  jets  transversally  into  the  air.  In 
this  case  the  fuel  jet  with  its  wake  flow  serves  as  a  flame  holder,  whereas  at  high 
flight  Mach  numbers  of  the  ramjet  operation  regime  self-ignition  occurs.  Homogeneity 
in  the  circumferential  hydrogen  distribution  would  be  promoted  by  the  use  of  many  small 
dieuneter  hydrogen  jets.  On  the  other  hand,  homogeneity  of  the  radial  hydrogen  distrib¬ 
ution  demands  hydrogen  jets  with  larger  injection  hole  diameters.  Moreover,  flame 
stabilization  favours  larger  dicuneter  hydrogen  jets,  too.  Therefore,  in  this  paper 
aerodynamic  and  stabilization  characteristics  of  burning  jets  injected  transversally 
into  a  subsonic  airstrecun  are  addressed  in  a  combined  experimental  and  theoretical 
study. 


2 .  FLOWFIELD  MODELLING 

A  fuel  injection  system  might  be  formed  by  transverse  jets  arranged  coaxially. 

In  order  to  reduce  the  air  flow  rate,  just  one  fuel  element  was  studied  in  a 
rectangular  windtunnel.  Figs.  2  and  5.  Fig. 2  shows  the  principal  arrangement.  This 
geometry  corresponds  to  a  row  of  jets  at  the  wall  of  an  annular  inlet  section  of  a 
combustion  chamber,  if  the  side  walls  of  the  channel  are  substituted  by  cyclic 
boundary  conditions.  This  applies  if; 

-  the  chamber  height  H  is  small  compared  to  the  chamber  diameter 

-  the  jet  interaction  is  small  due  to  a  high  aspect  ratio  b/B  and  1/B. 

The  influence  of  these  two  different  conditions,  fixed  wall  and  cyclic  boundary 
conditions,  was  studied  numerically. 

The  experimental  results  presented  in  this  paper  were  obtained  for  different  inlet 
conditions  of  air  and  H2,  as  well  as  with  H2-jet  diameters  of  d  =  0.5  mm,  1.0  mm  and 
2.0  mm.  Details  of  chosen  pareuneters  will  be  given  later.  Also  a  rectangular  H2-jet 
with  a  0.5  x  1.7  mm  H2-injection  hole  was  investigated. 

A  Finite-Volume-Code  was  used  for  solving  the  stationary  3D-Navier-Stokes-eqns.  in 
primitive  variables  in  a  successive  manner  using  the  SIMPLE-pressure  correction  scheme 
on  a  nonstaggered  grid.  A  standard  k-e-model  /3/  was  used  and  combustion  was  taken  into 
account  by  a  one-step-reaction,  in  which  the  reaction  rate  was  assumed  to  be  turbulence 
controlled  and  modelled  by  the  Eddy-Break-Up-model  /4/.  It  was  not  designed  to  account 
for  combustion  stabilization.  The  numerical  flow  calculations  performed  use  for  conven¬ 
ience  rectangular  H2-jets  oflxb=0.5xl.7mm  and  1.0  x  3.4  mm.  All  calculations 
were  based  on  a  43  x  40  x  17  mesh. 

The  complexe  nature  of  the  deflecting  H2-jet  is  illustrated  in  Fig.  3.  View  A-A 
reveales  a  pair  of  vortices  in  the  wake  of  the  jet,  which  is  crucial  for  flame 
stabilization.  As  the  jet  is  deflected,  so  do  the  vortices.  Therefore,  they  can  be 
identified  in  the  downstream  crossection  B-B  again.  At  the  end  of  the  calculation 
domain,  120  mm  downstream  of  the  jet  center,  the  vortex  pair  still  exists.  The  jet 
penetrates  deeply  into  the  crossflow,  thereby  interacting  with  the  upper  wall. 

Replacing  the  circumferential  boundary  condition  of  fixed  walls  by  cyclic  boundary 
conditions  proved  to  have  but  little  effect  on  all  calculations  presented.  It  assures 
that  the  results  obtained  for  the  channel  geometry  are  indeed  transferable  to  a  row  of 
weakly  interacting  jets. 

An  impression  of  the  time  mean  jet  spreading  is  given  in  Fig.  4.  Lines  of  constant 
equivalence  ratio  (t)  =  0.1  are  shown  in  crossections  downstream  of  the  H2-inlet.  A 
characteristic  kidney  shape  of  the  jet  developes  resulting  from  the  deflected  vortex 
pair.  The  value  of  4)  =  0.1  was  chosen,  because  it  represents  the  lean  burning  limit  of 
a  well-stirred  H2-Air  mixture. 
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3 .  EXPERIMENTS 

To  simulate  the  airflow  conditions  with  respect  to  pressure  and  temperature  a 
continously  operating  blow-down  windtunnel  was  used.  Fig.  5  /9/.  Air  is  fed  from  a 
pressure  tank  via  a  throttle  valve  into  an  electric  air  heater.  In  a  nozzle  down¬ 
stream  of  a  smoothing  chamber  the  flow  is  accelerated  before  coming  into  the  actual 
test  section.  The  test  chamber,  which  has  a  square  flow  passage  of  25  x  40  mm,  was 
manufactured  from  a  forged  block.  The  side  walls  are  25  mm  thick  quartz  glass  screens 
with  a  usable  area  of  190  x  40  mm.  By  means  of  inserts  with  cooling  capability,  wall 
temperatures  can  be  adjusted  up  to  473  K,  depending  on  the  type  of  coolant.  Mass  flow 
is  controlled  by  a  critical  nozzle  upstream  of  the  air  heater.  With  another  critical 
nozzle,  upstream  of  the  air  cooler,  the  pressure  level  in  the  test  chamber  is  main¬ 
tained. 

Gaseous  hydrogen  is  injected  through  0.5,  1.0  and  2.0  mm  diameter  wall  bounded 
orifices.  A  specially  adapted  ignition  and  injection  system  was  used.  This  system 
consists  of  coaxial  metal  pipes  separated  by  an  electrical  insulation  of  teflon, 
forming  the  two  poles  for  a  high  voltage  driven  spark  which  ignites  the  hydrogen 
flowing  through  the  inner  pipe.  The  air  flow  deflects  the  cold  hydrogen  jet.  The 
electric  spark  ignites  the  mixture  in  the  wake  of  the  jet  and  the  resulting  flame  on 
its  turn  ignites  the  main  hydrogen  jet,  which  is  located  downstream.  For  igniting  the 
hydogen  jet  a  static  pressure  of  at  least  4.0  bars  was  necessary. 

With  air  pressures  up  to  20  bars,  temperatures  up  to  800  K  and  air  velocities 
up  to  120  m/s,  it  is  possible  to  simulate  conditions  of  the  inital  operation  range 
of  the  ramjet  mode  at  moderate  flight  Mach  numbers. 

The  image  of  the  luminous  flame  is  recorded  by  a  normal  TV  camera  stored  on  a 
frame  grabber  in  a  PC  and  visualised  at  a  connected  monitor.  The  monitored  grey-level 
distribution  of  the  light  intensity  in  the  shadowgraph  allows  to  define  colour  ranges. 

The  structural  behaviour  of  burning  and  cold  jets  can  be  studied  by  using 
Schlieren  flow  visualization  techniques.  Because  of  the  anticipated  small  refraction, 
due  to  the  change  in  density  in  and  around  the  hydrogen  jet,  an  optical  set-up  was 
selected  which  allows  an  optimum  utilization  of  the  sensitivity  of  a  Schlieren  system. 
The  illumination  was  done  by  means  of  a  nanosecond  pulsed  light  source  (nanolite)  /lO/. 
If  the  camera.  Fig.  6,  is  substituted  by  a  Hyccuti  high-speed  camera  and  synchronized 
with  the  nanolite,  each  film  frame  -  independent  of  the  image  frequency  -  is  only 
exposed  for  50  ns  and  hence  the  motion  is  frozen  under  the  given  assumptions.  In  this 
way  it  is  possible  to  photograph  extremely  fast  motions  and  resolve  them  in  their 
micro-structure . 

Fig.  7  shows  two  Schlieren  images  as  an  example  of  a  cold  (7a)  and  a  burning 
(7b)  hydrogen  jet.  In  both  cases  the  parameters  were  the  same  as  in  the  calculated 
flowfield  of  Fig.  3.  A  review  of  all  Schlieren  images  led  to  the  following  observat¬ 
ions,  more  or  less  common  to  all  cases  studied  : 

-  There  exist  sharp  jet  boundaries  separating  the  jet  flow  from  the  flow  of  the 
surrounding  air  as  can  be  seen  in  Fig.  7. 

-  These  jet  boundaries  appear  more  clearly  on  the  Schlieren  images  of  the 
burning  jets,  due  to  the  strong  density  gradients  caused  by  combustion. 

-  A  unique  statement  on  the  magnitude  of  the  spreading  of  the  burning  jets 
compared  to  the  cold  ones  could  not  be  given,  because  the  inner  jet  boundary 
could  not  be  identified  as  clearly  as  the  outer  one.  This  was  due  to  relative 
wide  dark  areas  at  the  inner  jet  boundary  on  the  photographs  caused  by  the  less 
steep,  negative  density  gradients  there.  Additionally  the  images  show  structures 
outside  the  focal  plane  (z  =  O)  of  the  Schlieren  optics,  which  have,  due  to  the 
kidney  shape  of  the  developing  jet,  (see  Fig.  4)  an  effect  on  the  image  of  the 
inner  jet  boundary. 

-  The  burning  and  cold  jots  exhibit  for  all  chosen  flow  parameters  a  micro-turbul- 
ence  structure  consisting  of  small  turbulent  eddies  of  the  same  order  of 
magnitude  0(0.5  mm).  In  the  case  of  the  burning  jets  the  jet  ]3oundaries  exhibit 
more  regular  and  roundish  structures  than  for  the  cold  jet  flows. 

An  impression  of  the  dyneimic  behaviour  of  the  turbulence  structure  is  given  in 
Fig.  8,  which  shows  three  successive  images  taken  from  a  burning  hydrogen  jet.  The 
motion  of  large  coherent  structures  can  clearly  be  observed.  The  tracing  of  the  moving 
structures  on  succeeding  images  allows  t  le  determination  of  the  structure  convective 
velocity.  Values  above  the  air  inlet  ve  ^'city  are  to  be  expected.  For  Uair  =  35  m/s 
values  of  40-70  m/s  increasing  with  axial  position  were  found. 

Evaluation  of  a  complete  series  of  high  speed  images  revealed  that  the  local 
macro-structure  of  the  jet  Isoundary  (segan  to  form  at  the  inlet  of  the  jet  and  although 
being  distorted  -  survived  up  to  the  end  of  the  channel,  passing  the  observation 
section  in  1/300  -1/1000  sec. 

4  RESULTS 

4.1  JET  TRAJECTORIES  , 

Long  time  Schlierei.  Images  represent  the  axial  development  of  the  time  averaged 
jet  penetration.  A  dimensionless  form  of  the  penetration  curve  is  : 

=  Md^ ) 


(1) 
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where  I  is  the  momentum  density  ratio  and  d/I  the  momentum  length  scale.  This 
dimensionless  form  was  already  used  by  Brzustowski  /ll/  in  an  analytical  investigation 
and  by  Gollahalli  et  al.  /12/  in  an  experimental  investigation  on  diffusion  flames  in 
crosswind. 

Plotting  the  dimensionless  penetration  function  using  a  double- logarithmic  scaling 
of  the  axes  exhibits  an  approximately  linear  function.  I^'  Fig.  9  the  correlations 
for  burning  hydrogen  jets,  using  different  pressure  ratios  and  air  inlet  conditions 
giveh  in  Tab.  1,  were  plotted  for  three  different  injection  diameters  d  =  0,5  mm, 

1.0  iiuu  and  2.0  mm.  An  interesting  feature  of  the  plot  is  the  approximately  same  slope 
found  for  all  three  diameters.  It  corresponds  to  a  power  law: 

(d^)  (2) 

where  Kd  is  a  constant  depending  on  the  diameter  d.  Fig.  9  exhibits  a  decrease  of  Kd 
with  increasing  jet  diameter.  Investigating  cold  jet  flow  for  the  same  jet  diameters  the 
same  tendency  for  Kd  was  found.  This  is  in  agreement  with  nonreacting  jet  penetration 
correlations  given  by  Holdeman  et  al.  /13/  and  -  for  the  plane  jet  -  by  Kamotani  and 
Greber  /14/.  According  to  Holdeman  /13/  the  influence  of  the  limited  dimensions  of  the 
channel  crossection  enters  the  penetration  correlation  by  the  H/d  -  and  B/d  -  ratio, 
resulting  in  the  observed  decrease  of  Kd  with  increasing  d.  This  effect  could  also  be 
observed  in  the  present  numerical  calculations  of  two  burning  jets  with  different 
rectangular  injection  areas  (lxb=0.5xl.7mm  and  1.0  x  3.4  mm). 


Table  1  :  Pareimeter  values  used  in  Fig.  9 


d  i 

0.5 

0.5 

0.5 

0.5 

0.5 

nun 

PH  2 

11 

7 

11 

31 

,  21 

bar 

Pair 

4 

6 

6 

8.5 

8.5 

bar 

Tair 

271 

271 

271 

279 

279 

K 

Uair 

34 

42 

40 

61 

63 

ra/s 

d 

1.0 

1.0 

1.0 

1.0 

1.0 

nun 

PH  2 

7 

11 

16 

11 

16 

bar 

Pair 

6 

6 

6 

8.5 

8.5 

bar 

Tair 

279 

279 

279 

279 

279 

K 

Uair 

39 

57 

52 

62 

!  56 

1 

m/s 

d 

2.0 

2.0 

2.0 

2.0 

2.0  1 

2.0  1 

2.0 

nun 

PH2 

8.6 

9.5 

10.25 

11 

Oi 

13 

14 

bar 

Pair 

6 

6 

6 

6 

6 

6 

6 

bar 

Tair 

279 

283 

282 

282 

282 

K 

Uair 

56 

52 

50 

48 

48 

45 

39 

m/s 

Penetration  trajectories  for  cold  and  burning  jets  of  the  same  dicuneter  d  were 
also  compared.  For  the  smallest  diameter  investigated,  d  =  0.5  mm,  no  systematic  diff¬ 
erences  between  data  from  cold  and  burning  jets  were  recognizable  within  the  scattering 
of  the  data.  For  d  =  1.0  mm  a  somewhat  larger  penetration  of  the  burning 
jet  compared  to  the  cold  one  was  found.  This  effect  could  be  seen  more  distinct  in 
case  of  d  =  2.0  mm,  where  the  burning  jet  shows  a  much  larger  penetration  than  the 
cold  jet,  as  demonstrated  in  Fig.  10.  This  figure  is  based  on  parameter  variations 
given  in  Tab.  2. 

In  addition  to  the  experiments  on  jets  issuing  from  three  circular  hydrogen 
injection  holes,  a  jet  from  a  rectangular  injection  hole  oflxb=0.5xl.7mm  was 
investigated.  It  was  found  that  the  penetration  was  only  little  influenced  by  changing 
the  hole  orientation.  The  slope  of  the  dimensionless,  double  logarithmic  plots  of  the 
penetration  curve  turned  out  to  be  the  same  as  in  case  of  the  three  circular  holes. 
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The  burning  jets  from  the  rectangular  holes  were  observed  to  penetrate  deeper  than  the 
cold  ones.  This  also  applies  to  the  jets  from  the  circular  holes.  As  an  example  Fig.  11 
shows  the  penetration  of  a  burning  jet  and  its  cold  counterpart  for  the  rectangular 
1  X  b  =  0.5  X  1.7  mm  (i.e  spanwise  orientated,  cf.  Fig. 2)  injection  hole.  As  a  fictive 
dicuneter  d  of  the  recangular  hole,  the  dicuneter  of  a  circular  hole  of  same  crossection- 
al  area  was  used.  This  resulted  in  a  value  of  d  =  1.04  mm  used  for  non-dimensionalizat- 
ion. 


It  has  been  observed  that  a  burning  free  jet  without  crosswind  shows  a  somewhat 
smaller  spreading  rate  compared  to  the  corresponding  cold  jet  /15/.  Less  spreading 
should  result  in  a  deeper  jet  penetration  as  it  was  observed  in  the  present  investig¬ 
ation. 

Table  2  :  Parameter  values  for  Fig.  10.  upper  part  ;  cold  jet,  lower  part  :  burning  jet 


d 

2.0  ' 

2.0 

2.0 

2.0 

2.0 

2.0 

2.0 

2.0 

2.0 

2.0 

nun 

PH2 

6.24 

7.05 

7.9 

8.6 

9.5 

10.25 

11 

12 

13 

14 

bar 

Pair 

6 

6 

6 

6 

6 

6 

6 

6 

6 

6 

bar 

Tair 

279 

279 

279 

279 

283 

282 

282 

282 

282 

282 

K 

Uair 

67 

67 

67 

67  j 

67  j 

67  1 

67 

68  j 

68 

68  , 

m/s 

d 

2.0 

2  .0 

2.0 

2.0 

2.0 

2.0 

2.0 

mm 

PH  2 

8.6 

9.5 

10.25 

11 

12 

13 

14 

bar 

Pair 

6 

6 

6 

6 

6 

6 

6 

bar 

Tair 

279 

283 

282 

282 

282 

282 

282 

K 

Uair 

56 

52 

50 

48 

48 

45 

39 

m/s 

The  experimental  investigations  were  accompanied  by  numerical  flow  simulations. 
Experimentally  observed  jet  boundaries  obtained  from  the  Schlieren  images  correspond 
to  a  narrow  zone  of  high  density  gradients.  It  appeared  reasonable  to  define  the 
radially  outer  trajectory  of  a  line  of  constant  equivalence  ratio  (p  as  the  outer 
calculated  jet  boundary.  The  steep  gradients  of  the  equivalence  ratio  at  the  outer  jet 
edge  for  the  burning  as  well  as  for  the  cold  jets  cause  only  a  modest  sensitivity  of 
the  calculated  jet  boundary  on  the  choice  of  the  (p-value  traced.  In  this  study  a  value 
of  0  =  0.1  was  used  as  it  represents  the  f leimmability  limit  of  a  hydrogen  -  air  mixture 
/8/.  A  typical  plot  of  calculated  equivalence  ratio  isolines  0  =  0.1  in  all  x,y-planes 
projected  on  each  other  can  be  seen  in  Fig.  12.  The  flow  case  is  the  same  as  used  in 
Fig. 11.  The  outermost  contour  of  all  projections  of  0  -  isolines  was  taken  from  Fig. 

12,  nondimensionalized  and  sketched  in  Fig.  11  together  with  the  already  discussed 
penetration  trajectories  taken  from  the  long  time  exposure  Schlieren  images.  The  same 
was  done  for  the  cold  jet  with  exactly  the  same  parameters  chosen.  Considering  Fig.  11 
it  can  be  seen  that  the  calculated  cold  jet  penetration  curve  exhibits  the  same  slope 
as  found  in  the  experimentally  obtained  penetration  of  the  cold  and  burning  jet. 
However,  the  calculation  shows  somewhat  higher  values  of  penetration.  For  the  burning 
jet  the  different  slope  of  the  calculated  penetration  curve  compared  to  the  measured 
data  points  reveales  deficiencies  of  the  numerical  flow  simulation  which  might  be  due 
to  the  turbulence  as  well  as  the  combustion  model  used.  Especially  the  combustion  model 
is  not  adequate  at  the  jet  base,  where  it  predicts  a  too  fast  heat  release.  Another 
reason  for  the  observed  differences  may  be  a  grid  dependence  of  the  numerical  solution, 
resulting  from  the  need  for  a  finer  grid  in  the  vicinity  of  the  jet  base.  This  asV.  for 
a  zonal  grid  scheme. 

4 . 2  FLAME  EXTINCTION 

Under  suitable  operating  conditions  a  transverse  jet  acts  as  its  own  flameholder. 
The  wake  region  depends  on  the  air  flow  Reynolds  number,  based  on  the  jet  diameter.  For 
the  flow  around  a  cylindrical  body,  combustion  promotes  the  establishment  of  a  well 
defined  steady  vortex  pair  in  the  wake  /16/.  Such  a  counterrotating  vortex  pair  whose 
-otational  axis  shows  the  same  orientation  as  the  deflecting  mean  jet  flow,  can  be 
identified  in  the  flowfield  shown  in  Fig.  3.  The  combustion  products  recirculate  and 
transfer  heat  into  the  cold  fresh  mixture,  until  ignition  occurs.  In  this  way  flame 
stabilization  is  established  by  the  vortex  pair. 


The  upper  part  of  Fig.  13  represents  a  digitalized  direct  photograph  of  a  jet 
flame,  manipulated  to  distinguish  discrete  zones  of  different  brightness.  It  can  be 
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s^culated  that  the  high  level  of  brightness  visible  as  the  left  white  spot  in  this 
figure  corresponds  to  the  region  of  strong  heat  release  in  the  wake  of  the  jet.  In  the 
lower  part  of  Fig.  13  a  separation  between  non-reacting  cold  hydrogen  and  fresh  ignited 
hydrogen  is  possible. 


Before  presenting  experimental  results  parameters  influencing  flame  stabilization 
will  be  discussed.  Following  the  hypotheses  of  /17/,/18/  flame  blowoff  is  determined  by 
the  ratio  of  the  induction  time  Ti  and  a  characteristic  residence  time  tr  of  a  gas 
particle  along  its  path  in  the  wake  of  the  jet.  The  burning  jet  is  expected  to  reach 
its  blowoff  limit  if  the  residence  time  tR  falls  below  the  induction  time  xi,  that  is: 


The  induction  time  is  determined  by  reaction  kinetics  and  is  a  characteristic  measure 
of  the  time  needed  for  the  air-fuel  mixture  to  react.  Sousonov  et.  al  /17/  give  a 
formulation  for  xi  for  hydrogen  air  combustion,  where  xi  exhibits  an  inversely  propor¬ 
tional  dependency  on  the  pressure  P,  and  an  Arrhenius  type  dependency  on  the  resulting 
combustion  temperature.  An  additional  term  expresses  the  influence  of  mixture  equi¬ 
valence  ratio  or.  xi.  For  a  crude  estimation  it  is  sufficient  to  keep  in  mind  that  xi 
increases  if  P  or  T  decrease  or  the  mixture  composition  moves  away  from  stoichiometry  : 


fi  =  f  ^  ,  |<1>  -1  I  ) 


(4)  . 


Forming  tr  by  a  characteristic  length  Lo  of  the  recirculation  region  and  the  free 
stream  air  velocity  Uair  we  get  : 


XR 


Lo 

Uair 


(5). 


As  Lo  is  a  measure  for  the  extent  of  the  wake  it  is  expected  to  enlarge  with  jet 
injection  dioimeter  d  and  the  jet  expansion  angle.  The  jet  expansion  angle  has  a  first 
order  one  dimensional  dependence  on  the  jet  pressure  ratio  PH2/P.  We  now  get  for  the 
stability  relevant  ratio  (3)  : 


xR  _  £ 


(P,  T,  d. 


I  4>-1 


PH2 

P 


(6). 


Flow  parameter  changes  which  increase  xR/xi  are  expected  to  stabilize  the  flame.  From 
relation  (6)  we  therefore  expect  the  following  tendencies:  Raising  chamber  pressure, 
hydrogen  pressure  ratio,  jet  injection  diameter  or  reducing  air  velocity  have  stabil¬ 
izing  effects  on  the  flame.  The  combustion  temperature  T  in  the  wake  will  principally 
rise  if  the  inlet  temperatures  of  air  or  hydrogen  rise,  causing  a  stabilizing  effect 
according  to  ( 6 ) . 


In  the  present  investigation  the  blowoff  limits  of  the  hydrogen  flame  were  de¬ 
termined  by  continuously  diminishing  the  hydrogen  pressure  for  constant  hydrogen 
temperature  and  constant  chamber  pressure.  A  decrease  of  the  jet  pressure  ratio  has  a 
destabilizing  effect  according  to  relation  (6).  This  results  in  a  flame  blowoff  if  the 
jet  pressure  ratio  falls  below  a  limiting  value.  This  pressure  ratio  was  chosen  as  the 
dependent  variable  for  the  stability  measurements.  This  means  stability  influencing 
changes  in  the  indepent  parauneters  chosen  were  compensated  by  the  needed  change  in  the 
observed  limiting  PH2/P-value  to  arrive  at  the  blowoff  limit. 

Fig.  14  shows  some  results  demonstrating  the  influence  of  air  inlet  conditions 
Uair,  Tair  and  Pair  on  stability  for  a  circular  hydrogen  injection  hole  with  diameter 
d  =  0.5  mm.  The  results  confirm  the  tendencies  expected  from  relation  (6).  Fig.  14 
already  exhibits  the  problem  to  find  a  suited  entity  reducing  the  many  curves  if 
possible.  Using  the  combination: 

A  ;  =  P  (  TH2  +  a  Tair  )  /d  /  Uair  (7) 

where  denotes  values  registrated  immediately  before  extinction  of  the  flame.  Here 

"a"  is  a  constant  obtained  from  experiment  to  be  a  =  0.27  .  As  abscissa  for  the  plots 
"A"  reduced  the  many  different  curves  to  approximately  one  functional  dependency  shown 
in  Fig.  15.  It  it.  *^ased  on  a  curve  fitting  of  measurements  for  parameter  combinations 
using  the  values  of  Tab.  3. 


Table  3  :  Parameter  values  used  for  Fig.  15,  for  constant  hydrogen  temperature  of  290  K 


d 

1.0 

a5 

0.5 

!  0.5 

mm 

Tair 

290 

290 

423 

573 

K 

Pair 

2-8 

2-12 

3-8 

3-9 

bar 

Uair 

30-90 

_ r  -  _ _ 1 

30-80 

40-90 

55-95 

m/s 
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In  addition  to  the  experiments  on  blowoff  limits  of  transverse  jet  flames  with 
circular  injection  holes,  experiments  on  jet  flames  issuing  from  a  rectangular  inject¬ 
ion  hole  (lxb=0.5xi.7mmof  Fig.2),  the  larger  dimension  orientated  spanwise, 
were  also  performed.  For  the  investigated  flow  parameter  range  of  Tab.  4  the  flcune 
could  only  be  extinguished  at  very  low  values  of  the  hydrogen  pressure  ratio  :  PH2/P  » 
1.  This  low  pressure  ratio  was  found  even  for  the  lowest  value  of  the  argument  A  =  0.23 
of  relation  (7),  obtained  from  the  investigated  flow  parameter  combinations  of  Tab.  4. 
Consequently  this  means  a  considerable  improved  stabilization  of  the  rectangular  jet 
flames  compared  to  the  circular  jet  flames  (cf.  Fig.  14).  The  inserted  value  of  the 
diameter  needed  to  calculate  A  was  d  =  1.04  mm  Iselonging  to  a  fictive  circular  inject¬ 
ion  hole  with  the  same  crossectional  area  as  the  used  rectangular  nole. 

Table  4  :  Operational  values  for  the  jet  with  rectangular  injection  crossection 


Injection 

1  X 

b  =  .5  X  1.7 

nun 

Tair 

293 

423 

573 

K 

Pair 

2-10 

2-10 

2-10 

bar 

Uair 

40-90 

50-110 

65-125 

m/s 

5 .  CONCLUSIONS 

Transverse  jet  flames  are  stabilized  by  recirculating  hot  combustion  products  in 
their  wakes  at  a  wide  range  of  conditions.  The  stabilization  range  for  jet  flames 
issuing  from  a  rectangular  jet,  with  the  main  dimension  orientated  spanwise,  appeared 
to  be  remarkably  larger  than  that  for  jet  flames  with  circular  injection  holes. 

In  a  first  order  approach  the  penetration  trajectories  of  the  outer  jet  boundary,  which 
is  controlled  by  large  coherent  structures,  characterize  the  mixture  behaviour  of  the 
observed  jets. 

Numerical  calculations,  showing  details  of  the  flowfield,  are  able  to  predict 
fairly  well  jet  penetration.  Optical  methods,  like  shadow-  and  Schlieren  methods  give 
insight  into  the  interactions  of  the  injected  gaseous  hydrogen  jet  with  its  environ¬ 
ment.  Short  time  exposure  Schlieren  photography  illustrates  the  structure  of  the  jet, 
high-speed  Schlieren  cinematography  gives  an  impression  of  the  jet  structure  dynamics. 
By  long  time  exposure  Schlieren  photography  the  penetration  trajectories  were 
determined. 

The  penetration  trajectories  show  : 

-  the  same  functional  dependency  of  the  penetration  on  x/d  and  the  momentum 
density  ratio  I, 

-  a  dependence  on  the  dicimeter  of  the  orifice, 

-  differences  between  non-burning  and  burning  jets. 

Extinction  limits  were  analized  experimentally  and  correlated. 
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Ignition  Nozzle  Injection  Nozzle 


Fig.  5  Schematic  Arrangement  for  the  Supply  with  Compressed  Air 

for  Mixture  Formation  in  the  Test  Chamber  incl.  the  Ignition 
and  Hydrogen  Injection  System. 


Sp,  plane  mirror  Schl.K^.Kj  knife  edge 

Spj,Sp3  spheric  mirror  K  camera 

Ko  condensor  lens  N  nanolite 


Fig.  6  Schlieren  Set-up. 
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b) 


Fig.  7  Schlieren  Images  of  the  Deflecting  Jet. 

a)  Cold  Jet  Flow 

b)  Burning  Jet  Flow 


^0 


to+2At 


Fig.  8  Time  Sequence  of  Schlieren  Images  (  at  =  3/5000  sec.)  of  Deflecting  Jet. 
(Uair  =  35  m/s,  VH2  =  1190  m/s,  d  =  0.5  mm) 
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Fig.  13  Burning  Jets. 

-  upper  part:  Digitalized  Direct  Photography 

(Uair  =  31  m/s,  P  =  6  bars,  VH2  =  1150  m/s,  I  = 

-  lower  part:  Schlieren  Images 

(Uair  =  52  m/s,  P  =  8.5  bars,  VH2  =  1200  m/s,  I 


95,  1  X  b  =  1.7  X  0.5) 
=59,  1  X  b  =  0.5  X  1.7) 
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Discussion 


HARLOFF 

1)  Have  you  compared  static  wall  pressure  measurements  with  predictions, 
especially  behind  the  jet? 

2)  Have  you  compared  computed  turbulence  quantities  with  measured 
quantities? 

3)  Please,  comment  on  your  perception  of  the  grid  adequacy. 

AUTHOR'S  REPLY 

1)  Although  we  measured  wall  pressures  in  the  inlet  flow,  as  well  as 
downstream  of  the  injection  point,  we  did  not  compare  prediction  with 
measurement . 

2)  The  measurement  shown  are  just  observations.  They  give  an  integral 
picture.  We  did  not  made,  until  now,  any  field  measurements.  So  consequently 
we  did  not  compared  computed  turbulence  quantities  with  measured  quantities. 
We  plan  to  make  LDA  field  measurements  which  will  enable  us  to  make  detailed 
comparisons  between  calculated  and  measured  quantities. 

3)  The  calculations  have  been  made  on  one  orthogonal  grid.  Considering 
the  small  jet  dimensions  compared  to  the  channel  dimensions,  there  must  be  a 
grid  dependance.  We  are  working  on  a  numerical  scheme  using  two  different 
grids,  (be  grid  to  resolve  the  jet  and  its  wake,  the  other  grid  to  resolve  the 
channel  flow. 

BILLIG 

Can  you  go  to  higher  crossflow  velocities  in  either  your  experiments  or 
your  analysis  and  if  so  do  you  have  plans  to  go  to  supersonic  cross  flows? 

AUTHOR'S  REPLY 

We  are  investigating  subsonic  airflows.  We  are  planning  to  go  to  inlet 
flow  Mach  numbers  around  .65. 

WEYER 

What  is  the  cross  flow  Mach  number  you  investigated  so  far? 

AUTHOR'S  REPLY 

The  example  I  showed  was  M  =  0.25  but  we  investigated  Mach  numbers  about 
0.45.  We  must  achieve  higher  Mach  numbers. 

WINTERFELD 

CCMIENT  :  It  is  interesting  to  note  that  if  you  use  a  cylindrical  flow  holder 
for  flow  stabilisation  you  find  the  square  root  of  the  diameter  of  the 
rod  in  the  correlation  for  the  stabilisation  parameter. 
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Sumary 

The  Interaction  of  numerous  parameters  affect  excitation  and  development  of 
combustion  instabilities,  and  determine  the  excited  acoustic  modes.  There¬ 
fore,  to  avoid  combustion  instabilities,  it  is  essential  to  make  out  the 
sources  of  disturbancies  and  to  interrupt  the  feed  back  loop.  The  newly  de¬ 
veloped  method  of  ‘Active  Instability  Control*  (AIC)  opens  experimental  op¬ 
portunities  for  this  kind  of  diagnostics,  because  after  having  stabilized 
the  oscillating  system  it  starts  to  oscillate  again  if  the  AlC-system  is 
switched  off.  It  takes  about  300  msec  until  the  oscillation  is  again  fully 
developed.  During  this  transition  period  we  are  able  to  register  the  com¬ 
bustion  chamber  pressure,  the  Intensity  of  chemical  reaction  and  the  flame 
contours  time  resolved  by  high-speed/-sch1ieren-c1nematography.  Experiments 
with  a  laboratory  combustor  showed,  that  during  the  onset  of  instability 
various  mechnisms  of  excitation  can  be  observed.  Further  investigations 
pointed  out  that  although  vortex  shedding  is  an  important  driving  force  for 
oscillations,  it  is  not  the  origin  for  instability. 


1.  Introduction  ' 

The  appearance  of  self-excited  combustion  oscillations  in  technical  combustion  chambers  is  always  unde¬ 
sirable  as  it  can  extinct  the  flame  and  can  damage  the  mechanic  structure  in  extreme  situations  /I,  2/. 

In  jet-flames,  the  oscillations  frequently  occur  together  with  vortex  shedding  at  the  nozzle  rim.  The  in¬ 
teraction  between  pressure  oscillations  resulting  from  unstable  combustion  and  vortex  shedding  has  not  yet 
been  fully  investigated  for  enclosed  jet  flames.  Literature  references  on  this  topic  are  not  entirely  con¬ 
sistent.  On  one  side,  there  are  reports  that  vortex  shedding  is  primarily  dependent  on  flow  velocity  and 
nozzle  geometry  /2,  3,  4/  .  Other  authors  show  a  direct  correspondence  between  combustion  chamber  acou¬ 
stics  and  the  frequency  of  vortex  shedding  /5/.  Using  experimental  evidence  on  the  transition  from  stable 
to  unstable  combustion  this  paper  shows  which  mechanism  is  primarily  responsible  for  these  phenomena. 


2.  Active  Instability  Control  of  Combustion  Oscillations 


The  experiments  described  in  the  present  paper  make  use  of  the  method  of  "Active  Instability  Control" 
(AIC)  /6,  7,  8/.  AIC  is  based  on  the  principle  of  antinoise  where  an  existing  sound  field  is  eliminated  by 

interference  with  an  externally  superimposed  field. 
This  long  known  principle  has  been  realized  in  re¬ 
cent  years,  generating  the  control  sound  field  by 
very  fast  electronics.  Fig.  1  illustrates  the  expe¬ 
rimental  setup  of  the  AIC  system.  A  microphone  in 
the  combustion  chamber  registers  the  pressure  oscil¬ 
lations.  The  signal  is  filtered  and  preamplified. 
The  conditioned  signal  then  is  phase  shifted  by  a 
required  amount  and  drives  a  loudspeaker  via  a  power 
amplifier. 

Provided  the  correct  phase  shift  and  amplification, 
the  interference  between  the  generated  sound  field 
and  the  existing  field  in  the  combustor  leads  to  the 
extinction  of  the  pressure  oscillations,  'the  combus¬ 
tion  chamber  flow  becomes  stationary  and  the  oscil¬ 
lations  of  the  heat  release  and  pressure  decreases 
to  zero  as  it  is  observed  in  fig.  2.  A  laboratory 
combustor  (propane  and  air)  is  operated  under  osil- 
latory  conditions  with  a  frequency  of  about  630  Hz 
and  pressure  amplitudes  of  200  Pa  (pp).  The  oscilla¬ 
tion  of  the  heat  release  rate  is  measured  by  the 
intensity  of  the  OH  -radical  radiation  /9/.  The  time 
zero  on  the  time  scale  marks  the  onset  of  the  power  input  by  the  loudspeaker.  The  combustion  p-ocess  is 
stabilized  after  65  msec  with  only  50  dB  of  noise  left.  In  contrast  to  the  method  of  antinoise  practi- 


Fig.  1: 


Flow  diagram  of  the  AlC-system 
(Active  Instability  Control) 
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cally  no  loudspeaker  power  Is  required  to  keep  the 
combustion  stable  once  the  control  has  been  achieved. 
Sound  pressure  and  acoustic  velocity  are  diminished  by 
Interference,  thus  reducing  the  energy  fluctuations 
which  are  responsible  for  excitation  of  the  acoustic 
oscillations.  Only  the  remaining  small  stochastic  per¬ 
turbations  have  to  be  controlled  by  the  AIC.  In  compa¬ 
rison  to  this  laboratory  experiment  the  technical  ap¬ 
plications  require  a  scale  up  by  a  factor  of  several 
orders  of  magnitude.  The  largest  combustion  chamber  so 
far  controlled  by  AIC  had  a  thermal  power  output  of 
250  kW  /6/.  A  damping  effect  jf  23  dB  was  achieved. 
Besides  making  technical  use  of  AIC,  this  method  Is 
also  suited  to  Investigate  what  the  mechanisms  are 
which  cause  combustor  Instability. 


HEAT  RELEASE  OSCILLATION  Q 


PRESSURE  OSCILLATION 


VOLTAGE  INPUT  EFf  AIC 


TIME  FOR  SUPPRESSION 
OF  OSCILLATIONS 


If  in  the  case  of  AIC  stabilized  combustion  the  loud- 
speaker  is  switched  off,  naturally  the  system  will  be  ^ 

unstable  again  after  a  short  time.  Therefore  we  are  In  the  position  to  study  the  onset  of  combustion 
oscillations  without  disturbancy  of  the  flow  field  from  outside. 

The  development  of  combustion  oscillations  in  a  laboratory  burner  (Fig.  I)  with  a  jet  flame  is  shown  in 

Fig.  4.  A  nozzle  with  a  diameter  of  2.7  mm  and  an  annular  flame  stablli- 
I  1^2.7 nan  zation  (Fig.  3)  serves  as  flame  holder.  The  gas  (75  %  CH^  +  25  %  Hg)  and 

_ ,  ^|l[~  air  to  the  combustor  are  supplied  premixed  with  a  mixture  ratio  of 

,  A=0.95  (air^toj^-h/alr) .  The  length  of  the  combustion  chamber  Is  320  mm, 

mixing  chamber  Is  145  mm  long.  The  flow  velocity  near  the  nozzle 
—  ;  exit  Is  approximately  26  m/sec. 

^  after  turning  off  the  AIC  a  steady  oscillation 

;  with  a  frequency  of  405  Hz  is  obtained  In  region  one  of  fig.  4.  The 
— H  I  pressure  amplitude  is  130  Pa  (pp).  The  amplitude  of  the  heat  release 

— I — U  oscillation  related  to  the  steady  state  combustion  rate  (Vtj)  amounts 

32  X.  After  160  msec  a  transition  takes  place  to  region  two  which  re- 
^  presents  the  fully  developed  oscillatory  state  without  any  further  chan¬ 

ges.  While  the  frequency  remains  unchanged,  pressure  amplitudes  increase 
Fig.  3:  Nozzle  design  to  230  Pa.  The  heat  release  amplitude  has  also  become  much  larger 

(V68  X). 

The  reason  for  the  Increase  in  heat  release  and  pressure  oscillations  from  region  one  to  region  two  is 
easily  found  by  measuring  the  phase  shift  between  both  oscillations.  While  the  phase  shift  Is  A9>20*  In 
region  one.  It  becomes  zero  in  region  two.  Therefor  the  driving  force  has  become  much  stronger  due  to  a 
better  fullfllment  of  the  Rayleigh-crlterlon  with  an  increase  oft  the  oscillation  amplitudes. 

The  transition  from  smaller  (region  — — j.  - |||||n||||||j|B|Blll^^ 

tuation  since  the  het  release  Is  a  '  '  '  ’ 

function  of  the  flame  surface.  A  0  100  200  300  (msl 

closer  Inspection  of  fig.  5b  and  5c  STABLE  AIC  REGION  1  REGION  2 

gives  evidence  that  the  transition  COMBUSTION  OFF  Aip«20"  Ajp*0* 

from  region  1  to  region  2  In  fig.  4 

goes  along  with  a  change  in  the  4:  Transition  from  stable  to  unstable  combustion 

flame  shape.  In  addition  to  the  pul¬ 
sating  flame  in  fig.  5b  we  note  an  overlapping  with  vorticies  in  5c  leading  to  larger  amplitudes  of  energy 
and  pressure  oscillations.  Now  vortex  shedding  has  become  the  dominant  feature  in  sustaining  the  oscilla¬ 
tions  at  the  same  frequency. 


rkt 


Fig.  3:  Nozzle  design 
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STABLE  AIC 
COMBUSTION  OFF 


100 

REGION  1 
Aip*20" 


300  (msl 

REGION  2 
Ajp-O* 


Fig.  4:  Transition  from  stable  to  unstable  combustion 


a)  Stable  combustion 


I 


c)  Fully  developed  oscillation  with  vorticies 

Fig.  5:  Schl ieren- photos  of  flame  for  one  cycle;  O';  Maximum  Heat  Release 


Therefore  vortex  shedding  in  jets  without  and  with  com¬ 
bustion  will  be  considered  somewhat  more  closely  in  the 
next  section. 

3.1  yortex  Shedding  In  Jets  without  combustion 

The  previous  experiments  and  also  the  work  of  other  au¬ 
thors  /?,  3,  5,  10/  suggest  that  vortex  shedding  is  an 
important  mechanism  to  cause  heat  release  fluctuations 
and  thereby  to  sustain  pressure  oscillations  if  Ray¬ 
leigh's  criterion  is  fulfilled.  Wether  it  is  fulfilled 
or  not  will  certainly  depend  on  the  vortex  shedding  fre¬ 
quency  which  depends  on  the  flow  pattern  of  the  jet. 
While  the  situation  is  quite  well  known  for  free  Jets, 
there  is  still  a  discussion  on  the  interaction  between 
the  vortex  shedding  and  the  acoustic  conditions  if  the 
jet  is  confined  by  a  combustion  chamber.  We  have  ther- 
fore  performed  a  number  of  experiments  for  free  and  en¬ 
closed  jets  with  and  without  superposed  combustion 
processes. 

The  vortex  shedding  of  a  CO^-jet  in  air  was  investigated 
with  the  experimental  setup  of  fig.  6a.  The  jet  flow 
came  out  of  a  sharp  edged  nozzle  and  was  visualized  by 
Schl ieren -photography.  A  Schlierenphoto  is  displayed  in 
fig.  7  for  a  nozzle  exit  velocity  of  6.4  ms'*  and  for  a 


RESONATOR 


K\V 

f  f 


A)  FREE  JET  B)  ENCLOSED  JET 

Fig.  6:  Vortex  shedding  in  free  and  enclosed  jets 
experimental  setup 
nozzle  diameters  2.7,  3.0,  3.5  mm 
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nozzle  diameter  of  5  mm.  In  agreement  with  other 
authors  /ll,  12/  a  linear  realtionship  is  obtained  if 
the  vortex  shedding  frequency  is  plotted  versus  flow 
rate.  The  Strouhal  number  is  S,  »  f  0/u  =  1.22. 

The  free  jet  was  exposed  also  to  sound  waves  of  a  loud¬ 
speaker  which  emitted  frequencies  of  100,  400  and  700 
Hz.  It  is  evident  from  fig.  8  that  the  vortex  formation 
adjusts  itself  to  the  frequencies  imposed  from  outside. 
Therfore  it  is  no  surprise  that  vortex  shedding  from 
jets  in  combustion  chambers  is  strongly  influenced  by 
the  eigenfrequency  of  the  system.  Fig.  9  serves  at  an 
example.  It  exhibits  Schl ierenphotos  of  an  enclosed  cold 
jet  with  a  vortex  frequency  of  600  Hz  corresponding  to 
the  eigenfrequency  of  the  combustion  tube.  A  variation 
of  the  resonator  length  changes  eigen-  and  vortex  shed¬ 
ding  frequencies  as  plotted  in  fig.  9.  We  therefore  con¬ 
clude  that  the  rate  of  vortex  formation  is  strongly 
coupled  with  the  eigenfrequency  of  the  tube  and  provides 
a  mechanism  for  a  still  stronger  coupling  between  heat 
and  pressure  oscillations. 


0  -  5  MM  'MICROPHONE 
RE-  4000 
U  -  6.4  M/SEC 

Fig.  7;  Schl ierenphoto  of  a  CO^-jet  in  air 


EXCITING  FREQUENCY 


D * 3,5mm,- u» 4,6  m/sec  D=2,7mm,  0  =  5,9  m/sec 


Fig.  8:  Vortex  shedding  in  a  free  jet  influenced  by  acoustic  excitation  from  below 


Q  - j - j - ^ - ^ 

100  2:^0  300  Imm] 

CHAMBER  LENGTH 


D  -  5  MM 

U  -  5  M/SEC  f'9-  10: 

LENGTH  OF  RESONATOR  0.15  M 


Comparison  of  vortex  shedding  frequency 
with  resonant  frequency  after  f-c/4  (L  +  L^,,) 
0  nozzle  diam.  3.0  mm  *  nozzle  diam.  3.5  mm 


Fig.  9:  Schl ierenphoto  of  vortex  shedding 
for  an  enclosed  jet 
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Similar  experiments  as  In  section  3.1  were  performed  with  jet  flames.  While  the  vortex  shedding  of  free 
jets  was  easily  Influenced  by  superimposed  sound  waves.  It  was  found  In  the  presence  of  flames  that  the 
combustion  process  exerts  a  strong  stabilizing  effect  on  the  free  jet  flow  due  to  the  Increased  viscosity 
of  the  hot  gas.  No  vortex  shedding  was  observed  even  If  the  amplitudes  of  the  superimposed  sound  waves 
were  Increased  by  an  factor  of  100  which  was  the  limit  for  our  apparatus. 

Due  to  the  stabilizing  effect  — : - - - 

of  the  flame  on  the  vortex  for-  Q/Q  [%] 

mat  Ion,  we  were  able  to  observe  60  ' 

Is  the  type  as  figured  out  In  _/« 

fig.  4  with  two  distinct  re-  _ 

gions.  Region  1,  which  corres-  .  a  [Pq] 

ponds  to  the  Schllerenphotos  of  '00  '  r* 

the  pressure  amplitudes  of  the  _ 

Initial  oscillations  are  large  -100" 

enough  to  Initiate  vortex  shed-  - 1 - 1 - 1 - 1 - 

ding,  thereby  increasing  heat  q  ^qO  200  300  [ms] 

and  pressure  amplitudes  leading  57ABLE  AlC  REGION  1 

to  the  powerful  self  sustained  COMBUSTION  OFF  Aip-20“ 

oscillation  In  region  2  of 

fig.  4.  The  oscillations  pre-  Fig.  11:  Transition  from  stable  to  unstable  combustion  with  acoustic 
sented  In  fig.  11  were  measured  damping 

In  the  same  combustion  chamber, 
which  was  damped  acoustically 

by  a  10  mm  hole  in  a  position  150  mm  away  from  the  flame  holder.  As  expected,  the  amplitudes  of  heat  and 
pressure  oscillations  are  smaller  than  in  fig.  4  arc  not  sufficiently  large  to  generate  vorticles.  The 
flame  therefore  remains  In  the  state  of  region  1. 

rriiyl  Finally  the  combustion  frequencies 

‘  ^  ^  were  compared  with  the  estimated  e1- 

i  800  .1  genfrequencles  of  the  combustion 

J  A  ESTIMATED  COMBUSTION  system  for  different  chamber  lengths. 

V*  /chamber  frequency  E’9-  12  gives  evidence  that  the  mea- 

--  \  /  sured  combustion  oscillation  frequen- 

000  ■  N,  i  /  cles  follow  the  calculated  eigenfre- 

/  quencles. 


STABLE 

COMBUSTION 


100 

REGION  1 
Aip  -  20" 


300  [ms] 


Fig.  11:  Transition  from  stable  to  unstable  combustion  with  acoustic 
damping 


flHz] 
i  800 


ESTIMATED  COMBUSTION 
/CHAMBER  FREQUENCY 


4.  Conclusions 


0-1 - , - ^ ^ ^ , — 

0  200  m  ,  , 

CHAMBER  LENGTH  (mm]  - 
Fig.  12:  Comparison  of  measured  combustion  oscillation 
frequencies  with  resonant  frequencies  after 

f.C/4  (L+Leorr) 

0  nozzle  diam.  3.0  mm  +  nozzle  diam.  3.5  mm 


The  appllctlon  of  AlC  has  shown 
clearly  for  the  system  under  conside¬ 
ration  that  the  Initial  oscillations 
originated  by  the  Interaction  between 
acoustic  velocity  and  flame.  Vortex 
shedding  took  over  as  the  dominating 
mechanism  after  about  150  ms  when  the 
pressure  amplitudes  were  large  enough 
to  generate  vorticles.  Similar  In¬ 
vestigations  for  other  systems  and 
geometries  are  In  progress. 
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Discussion 


LIEBERHERR 

1)  Has  the  wave  shape  of  the  pressure  traces  in  region  1  and  2  been 

analyzed?  As  a  rough  guess  the  traces  in  region  1  might  be  sinusoidal, 
indicating  a  linear  coupling,  and  in  region  2  they  might  be  deformed, 

indicating  non  linearities  as  vortex  phenomena  can  be. 

2)  Has  the  estimated  eigenfrequency  of  the  chamber  been  calculated  by 

solving  the  wave  equation  with  varying  sound  velocity  or  has  an  average  sound 

velocity  been  assumed? 

AUTHOR'S  REPLY 

1)  Yes,  the  waveforms  of  region  1  and  region  2  have  been  analyzed.  The 
waveshape  of  region  1  is  quite  sinusoidal,  while  the  waveshape  in  region  2 
shows  a  slight  deformation  to  a  non  linear  form.  I  agree  with  you  that  at 
higher  amplitudes  non  linearities  play  an  important  role. 

2)  liie  acoustic  eigenfrequency  of  the  chamber  has  only  been  estimated  by 
the  average  sound  velocity. 

HOURMOUZIADIS 

The  oscillations  in  the  combustion  chambre  and  in  the  jet  are  usually 
coupled  with  the  stability  characteristics  of  the  jet  flow.  Have  you  observed 
that  with  combustion  higher  amplitudes  were  necessary  to  initiate 
oscillations?  Did  you  investigate  cold  and  hot  jets? 

AUTHOR'S  REPLY 

We  made,  as  shown,  investigations  on  cold  jet  and  we  found  that 
combustion  stabilises  the  flow  pattern,  but  if  there  is  vortex  shedding  in  the 
flame  you  get  a  large  amplification  of  the  pressure  oscillations. 

WINTERFELD 

In  a  real  combustor  we  have  a  mixture  of  longitudinal  transverse  and 
radial  frequencies.  Is  this  AIC  system  also  applicable  to  the  damping  of  the 
different  oscillations? 

AUTHOR'S  REPLY 

You  should  use  different  loudspeakers  or  modulate  the  injection  flow  of 
the  spray  at  several  points  in  the  combustor.  We  have  not  tried  this  yet. 
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SUMMARY 

This  paper  will  present  a  disciplined  analytical  method  that  describes  the  different 
engine  operating  modes  and  Internal  flow  structures  in  dual  mode  ram-scramjet  combustors. 
Solutions  for  physical  systems  are  dependent  on  empirical  data  bases  from  unit  process 
experiments  which  Include  shock  trains,  jet  penetration  and  mixing.  A  synopsis  of  an 
experimental  data  base  will  be  presented  and  the  method  by  which  it  is  embodied  in  the 
analytical  models  will  be  discussed.  The  models  will  then  be  applied  to  develop  design 
procedures  for  combustor-inlet  isolators,  discrete  hole  injectors,  controlled  shear  layer 
mixing  and  will  establish  the  efficacy  of  sudden  expansion  steps  for  anchoring  shock  trains. 

ZMTRODUCTIOM 

The  preferred  engine  cycles  for  applications  that  require  efficient  propulsion  power 
over  the  range  of  flight  Mach  numbers  of  3  to  8  are  the  dual  mode  ram-scramjet  (DMR)  and  the 
dual  combustor  ramjet  (DCS)  (Refs.  1-3).  The  techniques  discussed  herein  are  applicable  to 
either  of  these  two  types  of  engines  and  in  many  aspects  to  other  engine  cycles  and/or  a 
broader  range  of  flight  speeds.  In  both  the  DMR  and  DCR  the  structure  of  the  internal  flow 
changes  dramatically  over  the  range  of  operating  conditions.  At  high  ER  and/or  low  Mach 
numbers  the  flow  is  dominated  by  strong  internal  shocks  and  a  large  internal  area  ratio  must 
be  provided  to  accommodate  the  heat  release.  At  low  ER  and/or  high  Mach  number  the  internal 
shock  structure  is  weak  and  optimum  cycle  performance  is  obtained  in  a  near  constant  area- 
heat  addition  process.  These  significantly  different  operating  characteristics  introduce 
difficult  design  challenges.  When  strong  shock  structures  are  present  combustor-inlet 
interactions  must  be  controlled  to  prevent  inlet  unstart.  Modulating  the  effective  area 
ratio  of  the  heat  addition  process  requires  tailoring  and  controlling  the  injection  and 
mixing  processes  to  avoid  or  minimize  the  need  for  variable  geometry. 

As  contrasted  to  scram jets  operating  at  very  high  flight  speeds,  i.e.  above  about  Mach 
12,  the  axial  momentum  of  the  fuel  is  an  insignificant  contribution  to  the  engine  thrust. 
Moreover,  strong  disturbances  of  the  main  flow  that  are  created  by  cross  stream  injection 
of  the  fuel  can  be  tolerated.  Thus  the  benefits  of  increased  fuel  penetration  and  enhanced 
mixing  generally  dictate  injection  from  discrete  holes  transverse  to  the  air  stream.  The 
number  of  grid  points  needed  for  a  CFD  solution  capable  of  resolving  the  details  of 
underexpanded  wall  jets  interacting  with  a  viscous,  shock  dominated  duct  flow  is  of  the 
order  of  10®.  Moreover,  when  existing  turbulence  models  are  applied  to  this  class  of  flows, 
the  results  are  suspect.  Consequently,  alternative  methods  for  design  of  injector- 
combustors  and  the  analyses  of  the  flowfields  are  currently  needed. 

APPROACH 

The  inlet-combustor  design  methodology  is  schematically  depicted  in  Figure  1.  It 
begins  with  parametric  sensitivity  analysis  wherein  a  broad  range  of  engine  geometries, 
engine  cycles,  flight  trajectories,  etc.  are  examined  to  determine  some  insight  into  which 
general  classes  of  conceptual  engine  designs  are  candidates  for  meeting  specified  mission 
requirements.  From  the  candidates,  preliminary  conceptual  designs  of  the  vehicle  and  the 
engine  flow  path  are  selected.  For  these  flow  paths  an  engine  cycle  analysis,  RJPA  (Ref. 
4)  is  used  to  provide  the  sensitivity  of  engine  performance  to  all  of  the  parameters  that 
can  be  considered  as  design  variables  in  the  injector,  inlet-combustor  isolator  and  the 
combustor.  A  corresponding  activity,  not  covered  herein,  is  the  design,  testing  and 
flowfield  analysis  of  the  inlet  which  provides  the  inlet  variables  for  RJPA.  Fundamental 
to  the  utility  of  this  design  approach  are  a  number  of  carefully  conducted  basic  process 
experiments  to  provide  an  empirical  data  base  for  four  models.  These  are:  jet  penetration, 
mixing,  heat  transfer/ shear  and  inlet/combustor  interaction.  Experiments  are  currently 
underway  that  apparently  will  lead  to  revisions  in  the  mixing  models  previously  used.  A 
subsequent  paper  will  discuss  these  revisions  and  the  subject  will  be  treated  only 
superficially  herein.  The  models  together  with  RJPA  are  used  to  guide  the  internal  engine 
flow  path.  With  the  internal  engine  lines  established,  a  simplified  finite  difference 
technique  is  used  to  analyze  the  flow.  The  development  of  the  code  is  covered  in  Ref.  5. 
Techniques  for  testing  the  combustor  in  the  free  jet  (FJ)  semi-freejet  (SFJ) ,  direct-connect 
(DC)  and  semi-direct-connect  (SDC)  modes  are  presented  in  Ref.  6.  Finally,  the  test  results 
and  flowfield  analysis  provide  the  perforc.ance  and  operating  characteristics  of  the  engine, 
revised  design  guidelines  to  repeat  the  process,  if  needed,  and  a  calibration  and/or 
validation  of  the  design  and  assessment  codes. 

ANALYSIS  or  THB  rLOWTIELD 

Figure  2  is  a  schematic  representation  of  the  entire  flowfield  in  a  dual  mode  ramjet- 
scramjet  engine.  The  pressure  increases  from  the  free  stream,  Pj  to  P,  across  the  forebody 
shock  and  to  P,  on  the  external  compression  surface.  The  cowl  reflected  waves  raise  the 
pressure  to  P»  at  the  entrance  to  the  isolator;  shocks  in  the  isolator  increase  the  pressure 
to  P,.  Generally,  the  pressure  at  the  combustor  exit  P,  is  lower  than  P,.  and  expansion  in 
the  exhaust  nozzle  further  reduces  the  pressure  to  Pg. 

The  model  used  to  describe  the  details  of  the  processes  taking  place  in  the  internal 
duct  is  shown  in  Figure  3.  The  sketch  is  typical  of  the  DMR  configuration.  Gaseous  fuel 
is  injected  at  either  sonic  or  supersonic  conditions  at  angle  a  into  a  supersonic  air 
stream.  Design  techniques  for  liquid  fueled  combustors  are  similar  but  are  treated 
elsewhere  (see  eg.  Ref.  7) .  The  blockage  due  to  the  combined  effects  of  the  injection  and 
heat  release  generates  a  "shock  train"  disturbance  that,  in  general,  originates  upstream  of 
the  fuel  injector  ports  and  extends  into  the  combustor.  At  moderate  combustor  inlet  Mach 
numbers  M,,  i.e.,  1.5  to  4  and  typical  fuel-air  equivalence  ratios,  i.e.,  0.5  to  1.0,  the 
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pressure  rise  associated  with  the  shock  train  Is  of  sufficient  strength  to  separate  the 
Incoslng  boundary  layer.  In  the  well-designed  engine,  an  isolator  Is  placed  between  the 
combustor  and  the  air  Inlet  to  prevent  the  coabustlon-lnduced  disturbances  from  disrupting 
the  flow  In  the  Inlet.  The  length  of  the  shock  train  Is  defined  as  the  length  of  the 
corresponding  s-shaped  pressure  rise  and  is  given  as  S^.  The  distance  that  the  shock  train 
extends  into  the  combustor  is  S^.  Empirical  relationships  for  St  and  So  obtained  from 
correlations  of  experimental  data  will  be  presented  later.  As  flight  speed  Increases, 
correspondingly  Increases  and  the  strength  of  the  pressure  rise  in  the  shock  train  reaches 
a  maximum  and  then  decreases.  Thus,  the  separated  zone  may  not  be  present  at  high  M^. 

Downstream  of  the  shock  train,  mixing  and  combustion  are  intensive,  with  large  radial, 
axial  and,  perhaps,  circumferential  gradients  in  flow  properties  and  chemical  composition. 
This  region  extends  from  station  s  to  station  e  and  is  labeled  "2  or  30  mixing  and 
combustion  zone."  Further  downstream,  the  mixing  and  combustion  is  less  intense,  and  the 
gradients  are  considerably  weaker.  This  region  extends  from  station  e  to  station  5  and  is 
labeled  "ID  approach  zone."  In  the  Integral  models,  the  flow  in  this  region  is  approximated 
by  one-dimensional  mean  flow  properties  at  each  axial  station.  For  finite  difference 
solutions  either  the  complete  set  of  the  Reynolds'  averaged  Navler  Stokes  equations  are 
solved  or  simplifying  assumptions  are  made.  For  the  simplified  model  that  will  be 
discussed,  circumferential  symmetry  is  assumed,  and,  therefore,  regions  s  to  e  and  e  to  5 
are  indistinguishable.  Radial  gradients  in  flow  properties  and  composition  are  typical  but, 
in  general,  the  gradients  decrease  as  the  combustor  exit  is  approached.  The  control 
boundary  which  forms  the  basis  for  the  integral  models  comprises  the  plane  at  section  4 
upstream  of  the  shock  train,  the  throat  of  the  injector,  the  injector  and  combustor  walls, 
and  the  combustor  exit  plane  at  station  5.  Flow  properties  on  the  end  planes  need  not  be 
constant,  but  to  simplify  the  discussion  that  follows,  representative  mean  values  of  p,  u, 
p,  h  and  T  are  taken  at  stations  4  and  5  together  with  the  respective  geometric  duct  areas. 
For  more  rigorous  analyses  when  gradients  are  present,  mass  averaged  values  are  used  in 
conjunction  with  a  suitably  defined  area  that  simultaneously  satisfies  continuity,  energy 
and  mass-averaged  total  pressure. 

To  enhance  understanding,  the  initial  discussion  will  be  simplified  to  the  case  of  7 
=  1.4,  uniform  flow  at  defined  flow  stations,  zero  wall  shear  and  heat  transfer,  and  no 
consideration  of  fuel  mass  and  momentum.  Later  these  constraints  will  be  relaxed  but  with 
the  expense  of  requiring  a  high  speed  computer  to  obtain  solutions.  Conditions  ahead  of  the 
precombustion  shock  are  denoted  by  4,  downstream  of  the  shock  by  s  and  at  the  combustor  exit 
by  5.  In  this  simplified  model  the  wall  static  pressure  distribution  is  given  by 
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thus  the  wall  force  can  be  obtained  from 
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In  the  subsequent  discussion,  a  revised  expression  for  the  wall  force  will  be 
introduced  which  accounts  for  the  "s"  shaped  distribution  that  is  schematically  shown  in 
Fig.  2. 
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Equations  (5)-(9)  give,  respectively  Tj/T,,  T^j/Tt,,  Ps/P»,  Aj/A,  and  Ptj/Pt*  for  specified 
values  of  c  and  M,.  However,  «  and  Mj  are  not  independent  and,  in  general,  e  •«  f(M3)  is  not 
)cno%m  a  priori.  Consequently,  the  solution  is  iterative  and  the  computational  effort  is 
dependent  on  the  choice  of  the  Iteration  variable  and  the  particular  combination  of  the 
basic  equations. 

A  constraint  on  the  range  of  M,  values  that  result  in  allowable  solutions  is  the 
"entropy  limit."  This  limit  arises  when  the  heat  addition  is  sufficient  to  thermally 
"choke"  the  flow.  For  heat  release  in  a  constant  area,  frictionless  process  (l.e.  a 
Rayleigh  line)  the  entropy  limit  occurs  at  M5  =  1.  For  other  situations,  e.g.  converging 
or  diverging  flows,  with  or  without  friction  there  can  be  a  singularity  in  the  solutions  to 
the  conservation  equations  that,  in  general,  occurs  at  Ms  ^  1  (see  e.g.  Ref.  8) .  In  the 
completely  general  case,  analytical  derivations  have  been  obtained  (Ref.  9)  but  they  are  so 
complex  that  they  offer  no  advantage  over  direct  numerical  methods.  However,  when  the 
process  is  constrained  to  e  =  c  in  the  region  of  station  5,  simple  explicit  relationships 
(Ref.  10)  between  e  and  M,  hold,  viz 


;  Mg  -  7/7+7<1-o] 


The  subsequent  discussion  will  show  that  the  solutions  for  a  shock  pressure  ratio 
corresponding  to  that  required  to  separate  the  Incoming  boundary  layer  will  be  of  special 
interest.  Additional  modeling  must  be  introduced  to  specify  this  value  of  P,/P*.  For 
turbulent  boundary  layers  the  very  simple  relationship  =  O.SSM,^  yields  P,,p/P*  values 
that  correlate  a  wide  range  of  data  as  shown  in  Fig.  4.  For  planar  flows  the  value  of  Puj/P* 
is  obtained  from  an  iterative  solution  of  the  oblique  shock  equation  for  the  shock  angle, 9 
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Results  for  a  particular  set  of  initial  conditions,  M»  =  2.5  and  7  =  1.4,  for  a 
combustor  having  an  area  ratio  of  3  are  shown  in  Figure  5.  The  pressure-area  distributions 
for  several  T^j/Tt,  values  are  given  for  selected  values  of  the  pressure  ratio  across  the 
shock  in  the  combustor  inlet.  For  clarity,  only  four  sets  of  curves  are  shown:  for  no 
shock,  for  an  oblique  shock  with  P,/P»  =  2.375  =  (PyP*),,p,  for  an  oblique  shock  inlet  with 
(P./P*)  =  and  for  an  oblique  shock  with  P,/P*  =  7.125. 

Each  set  of  solutions  is  bounded  above  by  the  stagnation  temperature  ratio  that  results 
in  a  sonic  exit  limit,  M,  «  1.  The  lower  bound  corresponds  to  an  entropy  limit  which,  in 
effect,  means  the  solutions  from  the  e  =  constant  family  having  the  same  P,/P*  but  a  lower 
Tti/Ttt  would  violate  the  slope  constraint  from  equ.  (10).  These  two  constraints  result  in 
ranges  of  possible  T^j/Tt*  that  increase  with  increasing  Pj/P*.  For  any  total  temperature 
ratio  between  approximately  1.0  and  the  maximum  possible  value  corresponding  to  a  normal 
shock  with  M,  =  1,  there  are  an  infinite  number  of  possible  solutions  that  lie  within  the 
prescribed  P./P«  bounds.  However,  it  is  argued  that  when  sufficient  isolator  length  is 
provided  to  confine  a  shock  train  having  a  static  pressure  rise  equal  to  P,/P«,  the  preferred 
solution  for  the  corresponding  T^s/T^*  will  be  the  entropy  limit  solution.  Furthermore,  when 
Tts/Tt*  exceeds  the  value  corresponding  to  (P,/P*)iis.f  the  downstream  slope  constraint  is 
relaxed  and  solutions  may  exist  as  long  as  M,  >  1.  If  an  isolator  is  not  provided,  then 
the  precombustion  shock  strength  cannot  exceed  (PyP*),,p  which  for  M,  =  2.5,  (P»/P*),,p  =  2.375 
occurs  at  T^j/Tt,  =  1.406  for  A5/A,  =  3,  H,  =  2.543  and  i  =  2.524.  Higher  T^s/Tt*  values  would 
require  different  initial  conditions  (generally  a  lower  M^)  which  may  or  may  not  be  available 
in  a  physical  apparatus.  The  solid  curve  for  T^s/Tt,  =  1.016  with  the  origin  at  P»/P*  =  1  is 
the  wall  pressure  distribution  meeting  the  constraint  of  equ.  (10)  i.e.  e  =  2.923  but  not 
constrained  to  be  one-dimensional  between  stations  4  and  5.  The  dashed  curve  is  the 
pressure  distribution  for  a  one-dimensional  isentropic  expansion.  The  near  superposition 
of  the  two  curves,  coupled  with  the  fact  that  T^/Tn  =  0,  lends  additional  credibility  to 
the  argument  that  the  e  »  c  model  yields  results  that  closely  approximate  physically 
observed  flows. 

Further  discussion  of  the  experimentally  observed  wall  pressure  distributions  must 
await  the  Introduction  of  wall  shear  and  the  modeling  of  a  shock  train  in  a  flow  having 
gradual  rise  in  pressure  as  contrasted  to  the  shear-free-step-increase  in  P,/P,  used  so  far. 
These  refinements  will  be  included  in  the  next  section.  Other  general  features  of  the  flow 
processes,  however,  can  be  presented  without  introducing  these  complexities. 

A  rather  abrupt  Increase  in  shock  train  pressure  rise  in  low  area  ratio  combustors  with 
small  increases  in  total  temperature  is  depicted  in  Figure  6.  Curves  of  P,/P*  as  f(Tt5/Tt4) 
for  entropy  limit  solutions  are  shown  for  selected  values  of  Aj/A*.  For  a  combustor  with 
As/A,  =»  1.1  and  M,  =  2.5,  increasing  Tts/T,,  from  1.432  to  1.542,  a  mere  7.7%,  doubles  P^/P, 
from  3.56  to  7.125.  On  the  other  hand,  for  large  area  ratio  combustors,  e.g.  A5/A,  =  4,  the 
shock  pressure  rise  varies  about  linearly  with  T^s/Tt, 

Figure  7  shows  the  effect  of  combustor  area  ratio  on  the  total  pressure  recovery  in  the 
heat-addition  process.  Curves  for  selected  values  of  T,.s/T,,  between  1. 1-3.0  are  shown. 
Points  above  the  dashed  line  correspond  to  entropy-limit  solutions  and  those  below  the 
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dashed  line  are  for  shock  trains  with  normal  shock  pressure  ratios.  Solutions  are  shown  for 
Mj  values  between  1-2.5.  Entropy-limit  solutions  exist  for  >  2.5,  but  they  are  not 
included.  Whereas  larger  values  of  can  accommodate  higher  heat-release  rates,  there 
is  an  associated  loss  in  total  pressure  recovery. 

It  is  convenient  to  Introduce  an  additional  reference  state  to  examine  some  flow 
structures  wherein  the  flow  areas  at  stations  4  and  5  are  not  known  a  priori.  Here  station 
4  is  specified  as  lying  on  a  known  isentrope,  i.e.  is  defined.  The  reference  state  r  is 
the  sonic  point  lying  on  that  Isentrope,  i.e.  S4  =  and  M,.  =  1.  Flow  station  r  may  or  may 
not  exist  in  a  physical  system.  Solutions  are  generated  for  various  values  of  Aj/A,  wherein 
M4  is  treated  as  an  independent  variable  with  conditions  corresponding  to  the  isentropic 
relationship 
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A  direct-connect  combustor  test  apparatus  is  a  convenient  and  pertinent  physical  system 
to  frame  the  discussion.  Figure  8  is  a  schematic  illustration  of  plausible  flow  structures 
in  a  direct-connect  combustor.  The  previous  discussion  covered  the  flowfield  shown  in  case 
a,  wherein  the  pre-combustion  shock  is  stabilized  in  an  isolator  and  conditions  at  station 
4  are  known  a  priori.  Case  b)  is  for  the  case  where  the  heat  release  occurs  downstream  and 
the  precombustion  shock  can  be  stabilized  in  the  diverging  area.  Case  c)  corresponds  to 
high  Tts/Tt*  and  corresponding  P./P,  values  that  cannot  be  accommodated  by  the  isolator.  Case 
d)  is  a  combustor  tailored  to  heat  release  schedules  such  that  an  isolator  is  not  required. 
In  general,  the  conditions  at  4  for  cases  b,  c  and  d  correspond  to  Pj/P*  =  (P,/P*),,p  cs  given 
by  egus.  (11)  and  (12).  However,  as  shown  in  Figure  9,  the  absence  of  an  isolator  severely 
restricts  the  allowable  operating  range  of  ER  values. 

In  Figure  9  the  combustor  total  temperature  ratio  T^j/Tt*  is  shown  as  a  function  of 
combustor  entrance  Mach  number  M*  for  Aj/A.  values  of  4,  6,  8,  10  and  12.  Three  families 
of  solutions  are  shown:  1)  shock  separated  entropy  limit  solutions  which  correspond  to  the 
limiting  T.j/Tt,  for  cases  b,  c  and  d  in  Fig.  8;  2)  normal  shock  entropy  limit  solutions 
which  correspond  to  the  limiting  T.s/Tt,  for  case  a  in  Figures  8  and  3)  normal  shock  solutions 
with  M,  =  1,  which  corresponds  to  the  maximum  T^j/Tt*.  The  M,  =  1  solutions  would  not  occur 
in  direct-connect  combustors  with  these  initial  conditions,  but  serve  as  a  useful  reference 
point  for  engines  having  an  inlet-combustor  isolator  designed  to  operate  with  strong  shocks 
and  high  back  pressures.  The  curves  are  general  in  the  sense  that  limiting  Tts/T^,  values 
can  be  obtained  either  for  a  prescribed  M,  and  different  A,  by  examining  different  Aj/A,  or 
Aj/A,  lines,  or  for  a  prescribed  A,  by  examining  different  M.  on  a  given  A5/A,  curve. 

To  fully  appreciate  the  large  impact  of  the  isolator  on  the  maximum  T^s/Tt*  it  is 
necessary  to  reintroduce  some  simple  modeling  to  estimate  M»  =  f(Mo)  and  Tts/Tt,  =  f(ER,  Tto) 
recognizing  the  approximate  nature  of  the  7  =  1.4  and  the  other  simplifying  assumptions. 

The  total  temperature  ratio  is  assumed  to  vary  with  ER  as 

/T  +  ERfuiOO/T^  1-0.3  (U) 

"5  'a  [[  H] 

and  for  an  inlet  with  a  moderate  overall  area  contraction 
\  /«0  ‘  °  (“0  - 

where  T^.  =  Tm  =  T,  [1  +  (7-I)  M^Vz]  and  Mo  is  the  corresponding  flight  Mach  number.  Table 
1  lists  values  of  T^j/T,*  and  M.  over  the  region  where  shocks  in  combustors  are  of  importance 
in  dual  mode  engine  designs. 


TABLE  1  -  TYPICAL  COMBUSTOR  INLET  CONDITIONS  FOR  7  -  1.4  ANALYSES 


3  1.50  4.72  2.96  5  2.40  2.58  1.79  7  3.22  1.74  1.37 

4  1.96  3.38  2.19  6  2.82  2.07  1.54  8  3.60  1.52  1.26 


A  cursory  look  at  Figure  9  and  Table  1  will  show  that  for  ER  =  1,  T^j/Tt*  values  exceed 
those  for  shock  separations  for  all  M4  =  f(Mo).  Even  at  ER  =  0.5,  Mq  must  be  greater  than 
6  to  obtain  entropy  limit  solutions  that  do  not  exceed  shock  pressure  rises  for  attached 
flows. 

Since  Figures  5  to  7  were  for  M,  =  2.5  it  is  convenient  to  use  this  M,  as  the  reference 
point  for  discussing  shock  structures  in  direct-connect  apparatus.  For  M,  =  2.5,  equ.  15 
gives  Mo  =  5.234,  equ.  14  gives  Ttj/Tt,  =  2.436  at  ER  =  1.0,  K/K  =  2.443,  (P./P4),.s.  =  7.125 
and  (P,/P»)„p  =  2.375.  Table  2  lists  data  pertinent  to  several  modes  of  operation  of  direct- 
connect  combustors.  The  Aj/A,  values  are  the  combustor  area  ratios  for  M,  =  2.5  at  the  listed 
A,/A,  values  that  are  plotted  in  Figure  9  plus  that  for  Aj/Ap  =  6.674  which  corresponds  to 
ER  =  1,  €  «  €  and  P,/P4  =  (P,/P»)iis.  =  7.125.  For  P,/P»  =  (P,/P*)„p  and  e  =  £,  ER  varies  from 
0.226  to  0.314,  thus  for  ERs  lower  than,  or  equal  to,  these  values  oblique  shocks  could  be 
stabilized  at  M,  whether  or  not  there  was  an  isolator  provided.  Here  it  is  presumed  that 
fuel  injection  is  controlled  such  that  heat  is  added  in  such  a  manner  that  combustion  is 
completed  at  the  prescribed  A,.  An  alternative  method  for  ER  values  less  than  e  •  £  would 
be  to  stage  combustion,  moving  injection  downstream,  so  as  not  to  exceed  the  values  for 
(Ps/P»)..p  as  shown  in  the  lower  set  of  curves  in  Figure  9.  For  direct-connect  testing 
without  an  isolator  (Figure  8d)  small  increases  in  ER  would  be  obtained  by  letting  the 
precombustion  shock  move  upstream  into  the  air  supply  nozzle.  The  limit  would  occur  with 
the  shock  near  the  throat,  which  would  permit  ER  »  0.334  at  Ttj/Tt*  “1.48  for  Ag/A,  =  4  and 
ER  “  0.501  at  Ti5/T„  «  1.72  for  A*/A»  =  12. 
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TABLE  2 

LXXITXIIO  BQnZTALBMCB  RATIOS  IM  COHBOSTORS  WITH  =  2.5,  7  =  1>4 


2.375:  (-< 


NORIUL  SHOCK  <  8^ 


*1 

5 

ER 

5 

\ 

“5 

ER 

5 

s 

“5 

ER 

s 

P 

8 

«5 

4 

1.637 

0.226 

1.325 

0.649 

1.932 

7.125 

1.386 

0.724 

2.039 

7.125 

1.0 

6 

2.456 

0.260 

1.374 

2.320 

0.932 

2.339 

7.125 

1.689 

1.0 

2.436 

7.125 

1.608 

6.674  2.731 

0.269 

1.387 

2.398 

1.000 

2.436 

7.125 

1.754 

8 

3.275 

0.284 

1.408 

2.551 

1.000 

2.436 

6.470 

1.917 

10 

4.093 

0.301 

1.432 

2.728 

1.000 

2.436 

5.923 

2.109 

12 

4.911 

0.314 

1.451 

2.871 

1.000 

2.436 

5.596 

2.261 

The  large  gain 

in  operating  range  that 

occurs 

with 

the  use 

of  an 

isolator 

Is  shown  in 

the 

listings 

for  €  =  e  with 

PyP*  < 

(P./P*)i..i 

$. .  For  Aj/Aj 

<  6.674 

the  maximum  ER 

is  still  < 

1  and  for  Aj/A,  >  6.674  ER  =  1  and  P./P*  <  (PyP4)H,s.*  I*'  fact,  somewhat  larger  ER  values 
would  be  realizable  in  the  direct-connect  apparatus  with  an  Isolator  because  the  origin  of 
the  shock  train  would  recede  Into  the  air  supply  nozzle  and  most  of  the  shock  train  pressure 
rise  would  still  occur  In  the  Isolator  as  shown  In  Figure  8c.  The  maximum  Tts/Tt*  values 
would  be  the  peaks  In  the  Aj/A.  curves  shown  In  Figure  9,  Tts/T**  =  2.372,  ER  =  0.955  In  the 
Aj/A.  =  6  case  and  T^i/T**  =  2.050,  ER  =  0.731  In  the  Aj/A.  =  4  case.  The  corresponding 
locations  for  the  shock  would  be  at  M*  =  2.273  and  2.089,  respectively.  Note  that  If  the 
example  chosen  for  examination  had  been  for  a  lower  H*,  e.g.  <  2,  the  peaks  In  the  A5/A. 
curves  for  the  normal  shock  solutions  would  occur  at  higher  M*  so  the  structures  shown  In 
Figure  8c  would  not  be  observed  In  direct-connect  testing.  In  an  engine  having  an  Inlet 
capable  of  withstanding  higher  back  pressure,  ER  =  1  would  be  attained  at  the  Aj/A.  =  6  with 
a  normal  shock  In  the  Isolator  with  Mj  1.608.  For  Aj/A,  =  4,  the  maximum  ER  Is  0.724, 
Ttj/Tt*  =  2.039  with  Mj  =  1  as  shown  In  the  last  column  of  Table  2. 

Whereas,  the  simplification  realized  by  modeling  the  precombustion  shock  as  a  step  rise 
In  pressure  was  convenient  In  the  Introductory  discussion,  a  more  realistic  pressure 
distribution  Is  needed  to  proceed  with  a  description  of  the  flow  with  finite  boundary 
layers.  Since  It  will  be  necessary  to  modify  the  momentum  egu.  (3)  It  Is  also  a  convenient 
place  to  Include  shear,  wall  heat  loss  and  the  mass  and  momentum  of  the  "Injectant. ”  The 
resulting  equations  are  still  not  too  cumbersome  If  the  7  =  constant  limitation  Is  retained. 

The  mass  of  the  Injectant  and  the  wall  heat  loss  can  be  Included,  simply  by  adding  (1 
+  f)  and  hQ  terms  to  the  combined  mass,  energy  and  state  equation,  l.e. 


-  (1+f) 


”5  V  2  +  (7-1)M,,^ 


I  ^  J  L  . . 5  J 

Where  f  >  mass  flow  of  the  In  j  ectant/mass  flow  of  the  propellant  stream.  In  discussions 
wherein  this  method  Is  used  to  analyze  low  speed  ejector  ramjets,  the  bypass  ratio  replaces 
f,  the  principal  stream  becomes  the  Injector  with  conditions  at  the  discharge  plane  being 
station  4,  and  the  captured  air  stream  replaces  the  fuel;  AQ  Is  usually  referenced  to  T^*, 
l.e.  AQ/T**  Is  modeled  to  retain  simplicity. 

Fuel  momentum,  shear  and  the  pressure  distributions  In  the  shock  train  and  In  the 
remainder  of  the  2  or  3D  mixing  and  combustion  zone  (see  Figure  3)  are  Introduced  In  a 
modified  form  of  the  momentum  equ.  (3)  l.e. 

t  n  7  2 


'.(‘d-  *.)  •  "1  l^-^l  M  (V: 

-  Vs  (*  •  ’"s')  ■  V.  (1  *  ’"/)  -  Vt  ( 


PcAc-  P  A  j  - 
5  5  s  ej 


''f 


1  +  7M, 


1  +  7M, 


1  +  7M, 


Ad  Is  the  duct  cross  sectional  area  at  the  end  of  the  shock  train 
A.  Is  the  duct  cross  sectional  area  at  the  beginning  of  the  ID  approach  zone 
K  Is  obtained  from  empirical  relationships  which  account  for  the  "s"  shaped  shock  train 
pressure  distribution,  l.e.  K  =  *J‘'’p<lA/P,(Ad-A*) .  Since  these  modifications  to  the 
modeling  permit  the  handling  of  sudden  expansion  at  station  4,  l.e.  step  geometries. 
It  Is  also  possible  to  Include  flow  situations  wherein  P,  <  P*.  This  will  occur  at  low 
ER  values  with  relatively  large  step  area  Increases.  In  these  cases  K  can  be  obtained 
by  either  analytical  or  empirical  methods 

Kt accounts  for  a  nonlinear  pressure-area  distribution  In  the  2-3D  mixing  and  combustion 
zone.  It,  too,  can  be  obtained  by  analytical  or  empirical  methods.  Note  that  there 
are  combustor  geometries  that  have  constant  area  sections  following  a  step  that  Is 
sufficiently  long  to  contain  the  beginning  of  the  ID  approach  zone  at  station  e.  For 
these  cases  A,  -  A^  and  egu.  17  Is  simplified.  However,  P,,  In  general.  Is  not  equal 
to  P.. 

An  Interesting  special  class  of  solutions  are  those  that  have  shock  trains  with  pressure 
rises  less  than  that  corresponding  to  a  normal  shock,  significant  heat  release  In  the 
constant  area  section  and  continuing  heat  release  to  station  5.  Entropy  limit  solutions 
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in  this  region  are  quite  sensitive  to  minor  changes  in  heat  release  rates.  Thus, 
considerable  latitude  exists  in  the  interpretation  of  existing  experimental  results. 
Nonetheless,  it  is  presumed  that  the  simple  formulation  Kj  =  PyP,  will  prove  to  be 
acceptable  from  forthcoming  analytical  and/or  experimental  data  bases.  The  wall  pressure 
and  shear  forces  are  therefore: 

/pdA  -  KP^(A^-  A^]  +  [-1^]  K,P^A^  -  (-f-J  K,P^A^  +  (1-e)  (P5A3-  KjP^aJ  (18) 

5  f  1 

J  —  Vw 

is  wall  surface  area 

Cf  is  mean  skin  friction  coefficient  obtained  from  empirical  data  or  suitable  modeling 

Pf is  the  pressure  of  the  injectant 

Aj is  the  cross-sectional  area  of  the  injectant 

Mj is  the  Mach  number  of  the  injectant 

a  is  the  angle  of  injectant  relative  to  the  air  stream 

Dividing  equ.  (17)  by  P,A*  and  rearranging  with  the  substitution 


+  ^^^^coa  “j  [1  7*^4^] 


yields 
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From  the  wall  pressure  distribution 

t-1  l-< 

"  ('’s/^j  '  ‘  V\ 

and,  with  the  same  method  as  was  used  from  equs.  (7)  to  (8) ,  gives 
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The  method  for  obtaining  entropy  limit  solutions,  given  initial  conditions  and  modeling 
for  C,,  AQ,  K,  Ki,  Kj,'  Aj  and  A,,  is  to  select  M,,  solve  (16)  for  PjAj/PjA*,  solve  (10)  for 
€  =  ?  then  solve  (21)  for  PyPf,  (23)  for  Pj/P*  and  (24)  for  Aj/A*.  For  a  particular  value 
of  A5/A4,  M,  is  then  the  iteration  variable.  To  obtain  the  ''K"  factors  it  is  necessary  to 
examine  the  character  of  the  shock  train  structure  and  the  pressure  distributions 
downstream.  Results  then  become  dimensional  and  are  dependent  on  particular  geometries. 
However,  one  additional  simple  case  which  has  physical  significance  is  that  of  a  sudden 
expansion  or  step  combustor  geometry  wherein  the  shock  train  structure  does  not  extend 
beyond  the  constant  area  section  A,  =  A,,  and  P,  =  P,,  as  shown  in  Figure  10a.  ^  this  case 
the  prescription  K  =  Kj  =  1,  which  is  tantamount  to  assuming  that  the  base  pressure  is  P,, 
and  the  pressure  in  any  remaining  length  of  the  coolant  area  section  is  constant.  This 
type  of  flow  has  been  observed  in  some  experiments. 

For  this  case  the  effects  of  each  of  the  additional  terms  that  have  been  introduced 
can  be  examined  singly  and  collectively.  To  preserve  continuity  in  the  discussion,  an 
example  previously  studied  (see  e.g.  Figure  5)  viz,  M,  =  2.5,  Aj/A*  =  3,  Ttj/Tt,  =  2.0706, 
C,  «  o  =  AQ  Tt,  =  0  can  serve  as  a  reference.  The  entropy  limit  case  from  Figure  5 
corresponding  to  these  conditions  has  P,/P»  =  5  and  i  =  2.178.  Including  the  f  term  in 
equ.  (16)  would  increase  P,/P*  to  5.373  (2  =  2.148).  With  T^j/T^,  =  2.0706  and  the  modeling 
of  equ.  14  and  15,  ER  =  0.7458  and  f,  =  0.02175  for  a  fuel  with  a  stoichiometric  f,  = 
0.02917  (i.e.  H^)  .  As  in  Table  2,  the  assumed  free  st  earn  conditions  are  M,,  =  5.234,  T^ 
=«  400'R.  This  reference  is  shown  as  curve  1  in  Figure  10b.  Whereas,  the  length  scale 
remains  arbitrary,  in  this  sketch  the  length  and  ar^'a  are  linearly  related  for 
convenience.  Thus  A^/A,  =  1.5  occurs  at  X/L  =  0.25  and  the  wall  shape  in  the  diverging 
portion  of  the  combustor  would  be  flat  in  a  planar  configuration  and  very  slightly  "bell" 
shaped  in  an  axisymmetric  configuration.  Curve  1  has  a  step  increase  in  pressure  at  the 
combustor  entrance  followed  by  a  monotonically  decreasing  pressure  which  ignores  the 
presence  of  the  step  increase  in  area.  In  effect  it  is  the  pressure  distribution  that 
would  correspond  to  a  continuous  area  distribution  (e.g.  a  cone)  and  an  unrealistically 
thin  incoming  boundary  layer  in  a  physical  system.  Curve  2  shows  the  dramatic  decrease 
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In  the  shock  pressure  rise  to  Pg/P^  =  2.864  (2  2.057)  simply  due  to  the  step  geometry 
with  A4/A4  -  1.5,  since  the  other  additional  terms  have  yet  to  be  introduced.  For  the 
remainder  of  the  cases  shown  in  Figure  lOb,  f  =  0.02175  and  Aj/A^  •  1.5,  thus  curve  2  can 
be  viewed  as  a  more  appropriate  reference  to  examine  the  effects  of  shear,  wall  heat  flux 
and  axial  fuel  momentum. 

Curve  3  shows  the  effects  of  heat  loss  to  the  combustor  walls;  a  value  of  - 
0.02  was  used  in  this  example.  This  heat  loss  in  the  absence  of  a  corresponding  Increase 
in  fuel  temperature  causes  a  trivial  decrease  in  P^/Pt  tc  2.821  (6  «=  2.065).  When  the  fuel 
is  used  as  a  regenerative  coolant  and  the  fuel  temperature  is  accordingly  increased,  the 
effects  balance.  Consequently,  since  the  effect  is  small  or  negligible,  AQ/Tt,  was  set 
equal  to  zero  in  all  other  cases.  Note,  however,  when  other  than  normal  injection  is 
used,  fuel  temperature  is  fundamental  to  obtaining  the  crntributlon  of  fuel  momentum. 
Curve  4  shows  the  effect  of  fuel  momentum  for  a  prescribed  fuel  temperature  on  the 
results.  To  study  this  effect  additional  assumptions  for  M^,  and  a  must  be  made.  The 
term  P^Af/P^A^  from  equ.  (20)  can  be  expressed  as 


H 

ft 

1/2 

M 

“4 

2  ^  K-  ^“4' 

V4 

1  aj 

«f 

2  ^7f-  1]M,' 

Taking  74  -  7,  =  1.4,  =  28.965, 

0.02175  yields  PtAt/P^A^  =  0.0724. 


nV2 


(25) 


=  2.016,  T4,  =  2000‘R,  T^g  =  2592'R  and  f  = 

If  coaxial  injection  is  assumed,  a  =  0  and  cos  a  =  1. 
For  these  conditions,  the  effect  of  fuel  momentum  is  significant,  both  in  reducing  P^Pt 
by  about  0.421  to  2.443  (e  =  2.170)  and  in  increasing  the  stream  thrust  in  the  combustor 
exit.  The  latter  is  an  especially  important  consideration  in  engine  operation  at  higher 
flight  Mach  numbers. 

Curves  5  and  6  show  the  large  effects  on  the  pressure  distribution  due  to  shear  for 
values  of  C^  A,/A4  =  0.1  and  0.2.  Whereas  the  geometries  shown  in  Figure  10a  are 
arbitrary,  they  are  not  unrealistic,  in  that  i/d  -  i/h  -  16.  For  this  axisymmetric  geometry 
Ay  A,  =  20.303,  thus  the  C,  value  for  curves  5  and  6  would  be  0.0049  and  0.0098.  These 
levels  are  somewhat  more  than  double  the  typical  range  of  about  0.002  to  0.0045.  On  the 
other  hand,  for  a  rectangular  combustor  having  a  width  w  =  4h4,  =  48.546,  thus  C,  = 
0.00206  and  0.00412,  respectively,  for  curves  5  and  6. 

Note  that  the  P,/P4  values  for  all  of  the  cases  exceed  (P,/P4),,p  =  2.375  for  M4  =  2.5, 
thus  it  is  Implied  that  an  isolator  is  located  upstream  of  the  combustor.  The  subsequent 
discussion  will  show  that  the  required  length  of  the  isolator  increases  rapidly  with 
increasing  P./P,.  Longer  isolators  increase  engine  weight  and  internal  friction. 
Moreover,  higher  Pg/P,  increases  the  maximum  stress  and  in  turn  the  structural  weight. 
Consequently,  the  inclusion  of  the  step  can  lead  to  large  practical  benefits  in  combustor 
design  and  overall  vehicle  performance. 

Engine  performance  as  measured  by  the  thrust  coefficient  Cj  and  specific  impulse  If, 
however,  is  only  weakly  dependent  on  the  range  of  effects  examined  in  cases  1-6.  This 
argument  is  substantiated  by  the  data  summarized  in  Table  3.  The  shock  pressure  rise 
Pg/P,,  static  and  total  pressure  ratios  P5/P4  and  Pfs/Pt,,  and  the  combustor  exit  Mach  number 
M,  are  listed  for  the  various  combustion  processes.  To  gain  an  appreciation  of  the 
relative  Insensitivity  of  C,  and  If  on  the  details  of  the  flow  structure,  case  la  has  been 
added.  Case  la  is  a  hypothetical  combustion-expansion  process  that  would  have  the  highest 
possible  efficiency.  It  is  comprised  of  a  partial  heat  addition  to  Mach  1  in  a  constant 
area  duct,  followed  by  a  constant  Mach  =  1  heat  addition  to  yield  the  same  overall  heat 
release  as  cases  1-6.  This  brings  the  flow  to  an  area  ratio  A/A,  =  1.640  and  a  pressure 
ratio  P/P4  =  3.068.  Then  to  put  this  case  on  an  "equitable"  base  with  cases  1-6,  the  flow 
is  isentropically  expanded  to  A/A,  =  3.  Note  that  the  flow  structure  in  the  constant  area 
section  would  be  a  constant  pressure  process  Initiated  by  a  shock  train.  The  shock 
pressure  rise  is  obtained  from  the  momentum  equ.  l.e. 


p  /P, 
s  4 


[1  + 


(1  +  7)  -  4.0625 


(26) 


The  heat  release  is  obtained  from  the  energy  state  and  continuity  equ.  i.e. 


TABLE  3 


FLOW  CONDITIONS  AND  ENGINE  PERFORMANCE 
WITH  DIFFERENT  COMBUSTION  PROCESSES 
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-  1-3865  (27) 

which  with  equ.  (14)  gives  f  =  0.007852.  For  the  M  =  1  heat  addition  process  the  area 
ratio  is 

1+2 

^b/^5a  -  [l^^ab]  (28) 

Where  the  temperature  ratio,  Tui/Tts,  =  2.0706/1.3865  =  1.4934  and  the  mass  ratio  for  this 
second  phase  of  combustion,  (1  +  f^)  =  1.02175/1.007852  =  1.01379.  From  the  end  of  the 
M  =  1  heat  addition  the  flow  is  isentropically  expanded  to  the  conditions  listed  in  Table 
3 .  It  should  be  stressed  that  whereas  the  flow  in  the  diverging  portion  of  the  combustor 
in  case  la  is  a  sequence  of  one-dimensional  processes,  cases  1  to  6  are  not  so 
constrained,  thus  any  specification  of  uniform  flow  properties  at  locations  other  than  4 
and  5  is  not  warranted. 

Two  nozzle  processes  are  examined,  expansion  to  the  free  stream  capture  area,  l.e. 
A«/Ao  =  1  and  expansion  to  the  free  stream  pressure,  i.e.  Ps/Po  -  1.  In  both  sets  of 
results  the  listed  values  of  the  Mach  number  Mg,  and  either  Pg/Pg  =  1  or  Ag/Ag  =  1, 
correspond  to  an  isentropic  expansion  from  station  5  to  station  6,  Losses  in  the 
expansion  process  are  taken  into  account  by  multiplying  the  exit  stream  thrust  by  an 
efficiency  rjg  =  0.98,  thus 
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To  obtain  Pt*/Ptg»  P«/Pg  and  Ag/A*,  an  assumption  for  inlet  efficiency,  =  0.98  is 
necessary  where 


1  ^  Hi  „  2  _  (22ii  „  2 

1  +  2  ”o  2  0  ^KE 


jll/2 

2  ^  (TT-i) 

\  Vo  2  +  (7-1) 


(33) 


which  yields  Pt*/Pto  =  0.6949,  P*/Pg  =  28.157  and  Ag/A*  =  7.926. 

Acknowledging  that  the  absolute  values  of  I,  and  Cj  are  only  approximate  due  to  the 
7  =  1.4  constraint,  some  of  the  more  interesting  conclusions  that  can  be  drawn  from  the 
information  in  Table  3  are: 

1)  Whereas  the  total  pressure  recovery  in  the  "combustor"  is  quite  different  in  the 
cases  examined,  the  differences  in  and  Ig  are  quite  small,  e.g.  case  la  has  41%  greater 
Pts/Pt*  than  case  6  out  only  11%  higher  Cg  and  I,  for  Ag  =  Ag  and  6%  higher  Cj  and  Ij  for  Pg 

=  Po- 

2)  Confining  the  precombustion  shock  train  to  the  isolator  (case  1)  produces  5.6% 
higher  Cg  and  Ig  than  when  the  shock  train  is  permitted  to  extend  into  the  step  combustor 
(case  2)  .  Nontheless,  the  corresponding  higher  pressure  and  greater  length,  isolator  may 
lead  to  using  the  step  as  the  preferred  engine  design. 

3)  Gains  in  performance  of  about  8-13%  are  realized  when  the  nozzle  flow  is 
expanded  to  free  stream  pressure.  This  suggests  that  the  nozzle  exlt/air  captui'e  area 
ratio  Ag/Ag  should  be  in  the  range  of  2.4  to  2.6  for  these  engine  configurations  when 
operating  at  Tgg/Tg*  =  2.0706  and  Mg  =  5.234.  However,  the  increases  shown  in  Table  4  would 
be  somewhat  compensated  by  Increased  cowl  and/or  inlet  additive  drag. 

4)  Introducing  design  complexities  beyond  those  required  to  obtain  the  flow 
structures  corresponding  to  cases  1  or  2  with  the  objective  of  increasing  Cg  and  Ig  are  not 
apt  to  be  fruitful.  This  judgment  is  based  on  a  comparison  of  the  case  1  and  2  results 
with  those  from  the  optimum  process,  case  la.  Moreover,  the  relatively  small  differences 
among  cases  1,  la  and  2,  which  hold  the  other  pertinent  parameters,  Cg,  AQ  and  o  =  0, 
provides  an  explanation  for  the  often  observed  small  differences  in  engine  performance 
reported  by  various  investigators  using  markedly  different  models  for  the  combustion 
process. 

5)  Increases  in  shear  (cases  5  and  6  vs.  case  2)  increases  the  total  pressure  loss 
in  the  combustor  and  the  engine  thrust  potential.  This  adds  to  the  previously  discussed 
detrimental  effects  due  to  the  large  increases  in  P,/P*.  At  this  Mg,  maximum  pressure  in 
the  combustor  and  the  upstream  extent  of  the  shock  train  are  usually  of  more  concern  than 
losses  in  Cg  and  I,.  This  is  generally  true  in  the  Mg  range  of  about  5  to  7.5.  Above 
Mg  =  7.5  losses  in  Cg  and  Ig  are  relatively  more  important.  Whereas,  the  net  force  on 
the  combustor  walls  decreases  as  the  shear  increases,  the  pressure  force  increases.  This 
can  cause  ambiguity  in  the  interpretation  of  experimental  results  from  direct-connect 
combustor  or  complete  engine  test  apparatus.  It  is  difficult  to  distinguish  between  the 
effects  due  to  Incomplete  heat  release  and  those  due  to  shear.  This  problem  is  a 
principal  factor  in  establishing  the  need  for  global  measurements  of  wall  force  (e.g.  with 
a  thrust  stand)  and  the  energy  release  (e.g.  by  calorimetric  means) .  Table  4  is  included 
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TABLE  4 


THRUST  LEVELS  IN  DIRECT  CONNECT  AND  FREE  JET  TEST  APPARATUS 


Mp  -  5.234, 


400*R,  Pq  -  0.3622  psia,  y  -  1.4,  -  2.5,  T^ 
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2 

2.0706 
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0 
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5 

2.0706 

0.1 

1947.8 

-  223.0 

1725.0 

1736.4 

6 

2.0706 

0.2 

2076.5 

-  446.0 

1630.5 

1692.2 

7 

1.0000 

(ISENTROPIC) 

0 

409.8 

0 

409.8 

168.9 

8 

2.0492 
(i7c  -  0.98) 

0 

1815.9 

0 

1815.9 

1745.3 

to  lend  insight  to  this  issue.  The  contribution  of  wall  pressure  and  shear  forces  in  the 
combustor  and  the  net  force  in  a  direct-connect  test  apparatus  are  listed  in  columns  4- 
6.  The  last  column  lists  the  net  internal  force  on  an  engine  in  a  free  jet  test  at  the 
corresponding  flight  condition.  To  quantify  the  results,  a  particular  size  direct-connect 
test  apparatus  (viz  A*  =  50  in^)  was  arbitrarily  selected.  The  corresponding  inlet  and 
nozzle  areas  in  the  free  jet  engine  with  =  Ag  are  396.3  in^.  Cases  7  and  8  have  been 
added  to  aid  in  the  development  of  the  arguments.  Case  7  is  for  no  fuel  or  heat  addition 
in  a  shear  free  combustor  and  thus  corresponds  to  "engine  out"  operation  of  case  2.  Case 
8  is  a  minor  variant  of  case  3  which  is  to  show  the  effects  of  inefficiency  in  heat 
release.  In  this  case,  the  "combustion  efficiency,"  based  on  temperature  rise,  is  taken 
as  0.98,  thus  f  =  0.02175  and  =  0.98  (2.0706-1)  +  1  =  2.0492.  Other  conditions,  not 
listed  in  Table  4,  for  cases  7  and  8,  respectively,  are:  P./P*  =  1.0  and  2.818,  Pts/Pt*  = 
1.0  and  0.2868,  Pj/P*  =  0.1776  and  0.7350,  Mg  =  4.779  and  2.966,  Pg/Pg  =  1.1813  and  3.948, 
and  Ct  =  -  0.0614  and  0.6342.  Ratioing  differences  of  values  listed  in  Table  4  shows  that 
a  1%  Increase  in  Oc  would  produce  the  same  increase  in  /PdA  as  a  0.014  increase  in  CgA^yAf 
Thus  a  discriminator  in  addition  to  an  integration  of  wall  pressures  would  be  needed  to 
deduce  or  Cg.  A  bulk  calorimetric  measurement  of  would  provide  the  discriminator. 
Likewise,  a  thrust  measurement  would  suffice,  since  the  same  1%  increase  in  rj^  would 
produce  a  thrust  Increase  equivalent  to  reduction  in  CgAyA^  of  0.0117.  Comparison  of  the 
two  measurements,  or  with  P,/P*,  would  provide  a  test  of  consistency.  The  problem  of 
identifying  the  origin  of  loss  from  a  measurement  of  thrust  in  a  free  jet  engine  is  even 
more  difficult,  due  to  the  addition  of  losses  in  the  inlet  and  nozzle  losses  and  the 
impractical Ity  of  making  calorimetric  measurements.  Interestingly,  for  the  selected 
example,  viz  an  engine  operating  at  Mg  =  5  with  Ag/A*  =  3,  the  thrust  contribution  by  the 
combustor  is  about  equal  to  the  net  thrust  of  the  entire  engine. 

Further  refinements  in  the  analysis  of  flows  in  combustors  requires  a  more  detailed 
explanation  of  the  flow  in  shock  trains.  Before  proceeding  to  this  discussion  it  can  be 
noted  that  the  simplification  used  so  far,  viz  uniform  flow  at  station  4,  f  and  5  and  a 
calorically  perfect  gas  (i.e.  7  =  constant)  can  be  removed  to  handle  "real  gas"  flows. 
The  changes  are: 
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Current  versions  of  RJPA,  in  general,  handle  the  equation  of  state  as  a  mixture  of  species 
in  local  thermodynamic  equilibrium.  An  option  is  also  available  to  account  for 
"unmixedness"  wherein  the  product  species  is  assumed  to  comprise  equilibrium  products  and 
unreacted  fuel  at  the  same  pressure  and  temperature.  Note  that  when  the  general  form  of 
the  equations  is  used,  it  is  necessary  to  define  a  mean  value  of  M,  in  order  to  define 
"entropy  limit"  solutions  from  Eq.  10. 

IMLET-CONBOBTOR  IMTBRACTZOH  MODEL 

The  model  for  inlet-combustor  interaction  is  based  on  a  description  of  a  "shock 
train"  or  "pseudo  shock."  The  structure  is  characterized  by  a  series  of  either  oblique 
or  lambda  shocks  which  are  spread  out  over  the  length,  Sg  as  shown  in  Figures  3  and  11a. 
For  low  pressure  rises  across  the  "shock  train,"  and/or  thin  entering  boundary  layers, 
local  separation  is  not  present.  For  relatively  higher  pressure  rises  and  thicker 
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boundairy  layers  the  pressure  rise  of  the  first  wave  of  the  shock  train  is  sufficient  to 
locally  separate  the  boundary  layer.  Subsequent  waves  in  the  shock  train  increase  the 
mean  pressure,  such  that  pressure  rises  significantly  in  excess  of  that  which  causes  the 
boundary  layer  to  separate  can  be  maintained.  Indeed,  normal  shock  pressure  rises  are 
readily  observed,  as  must  be  the  case  to  permit  operation  of  the  dual  mode  engine  cycle 
in  the  subsonic  combustion  mode. 

In  an  engine,  if  the  combustor  and  inlet  are  not  connected  by  an  isolator  that  can 
withstand  the  pressure  rise  and  separated  flow,  then  the  inlet  will  unstart  and  combustion 
gases  can  be  expelled  from  the  engine.  In  the  direct-connect  combustor  apparatus,  shown 
in  Figure  8,  if  the  injector/ combustor  is  close  coupled  with  the  air  supply  nozzle  the 
shock  train  will  recede  into  the  nozzle.  To  avoid  either  problem,  the  inlet-combustor 
Isolator  is  added  to  stabilize  the  shock  train.  An  important  design  consideration  is  the 
isolator  length.  It  must  be  of  sufficient  length  to  prevent  inlet  unstart,  but  not  overly 
long,  which  would  result  in  excessive  weight  and  additional  shear  losses. 

The  same  type  of  shock  train  or  "pseudo  shock"  structure  can  be  generated  in  an 
overexpanded  or  throttled,  nonreacting  flow.  This  technique  has  proved  to  be  quite  useful 
in  obtaining  data  over  a  broad  range  of  conditions,  to  provide  the  basis  for  design  of 
combustor-inlet  isolators.  Rather  extensive  data  bases  have  been  obtained  for  cylindrical 
(Ref.  11),  annular  (Ref.  12)  and  rectangular  ducts  (Refs.  13-15).  The  modeling  used 
herein  is  an  extension  of  that  introduced  in  Ref.  11  to  cover  all  three  classes  of  duct 
geometry  and  both  the  oblique  and  lambda  shock  structures.  The  lambda  shock  structure 
shown  in  the  nonreacting  case  (Figure  14c)  is  equally  cogent  in  an  isolator-combustor. 
This  structure  is  present  at  relatively  low  Mach  numbers  when  the  boundary  layer  is 
relatively  thick.  The  redundant  normal  shock  waves  in  the  central  portion  of  the  flow 
result  in  sequential  decelerations  and  accelerations.  This  process  can  be  quite 
dissipative.  Indeed,  the  maximum  static  pressure  rise  in  this  flow  structure  is  lower 
than  that  corresponding  to  a  single,  normal  shock. 

It  appears  that  it  is  possible  to  relate  the  pressure  rises  in  shock  trains  in  the 
different  duct  geometries  by  a  suitable  choice  of  the  fundamental  length  (i.e.  length, 
width,  height)  scales  and  the  boundary  layer  parameters.  The  data  and  modeling  of  Ref. 
11  from  cylindrical  ducts  with  oblique  wave  structures  will  serve  as  the  foundation  upon 
which  more  general  modeling  will  be  constructed. 

A  simplified  reconstruction  of  the  structure  of  the  shock  train  for  data  from  Ref. 
11  is  shown  in  Figure  12.  In  this  approximate  analysis,  expansion  fans  are  represented 
as  single  waves  and  curvature  of  the  waves  is  neglected,  except  at  points  of  intersection. 
Wave  angles  are  constructed  to  yield  local  Mach  numbers  in  general  accord  with  the  pitot 
pressure  measurements.  Calculated  local  Mach  numbers  are  shown,  and  comparisons  of  the 
corresponding  pitot  pressure  ratios  with  the  measurements  at  r  *  0.125  in.  and  r  =  0.375 
in.  are  given.  These  comparisons  Indicate  that  the  general  character  of  the  oblique  shock 
structure  has  been  depicted,  and  that  both  the  compression  and  expansion  processes  in 
reality  consist  of  a  multiplicity  of  oblique  waves  which  produce  continuous  rather  than 
step  changes  in  Pt'/Pw  Note  that  the  interaction  of  the  probe  shock  with  the  duct  wave 
structure  also  leads  to  a  lack  of  precise  definition  of  wave  locations.  The  calculated 
value  of  static  pressure  across  the  Initial  compression  wave  is  2.4  and  the  corresponding 
local  Mach  number  is  1.98,  which  is  in  very  close  agreement  with  the  separation  criteria 
given  in  Equ.  11  and  12  and  supported  by  the  data  in  Figure  4.  Finally,  the  flow 
reconstruction  coupled  with  the  wall  static  pressure  data  shows  that  the  flow  in  the  duct 
exit  is  primarily  supersonic  for  final  to  initial  pressure  ratios,  P,/P»,  less  than  the 
corresponding  normal  shock  value. 

A  striking  feature  of  the  pressure  distributions  from  Ref.  11  is  the  similarity  in 
shape  and/or  slope  of  all  of  the  profiles  for  a  given  case.  Indeed,  if  all  profiles  for 
any  one  case  are  shifted  by  superposing  the  data  points  from  one  with  the  trace  of 
another,  they  collapse  to  a  single  curve.  This  suggests  that  the  wave  structure  for  tests 
with  P,/P*  lower  than  the  maximum  P,/P»,  represents  just  a  proportional  part  of  the  wave 
structure  present  in  the  maximum  case.  This  argument  was  substantiated  in  Ref.  11  from 
comparisons  of  pitot  pressure  measurements  similar  to  those  shown  in  Figure  12.  It  should 
be  noted,  however,  if  the  initial  conditions  ahead  of  the  shock  train  would  be 
significantly  different,  e.g.  in  a  rapidly  developing  boundary  layer,  superposition  would 
require  introduction  of  the  pertinent  boundary  layer  scale.  Granting  this  argument,  it 
suggests  that  just  the  values  of  P./P,  for  the  various  cases  can  be  used  to  examine  methods 
for  further  collapsing  of  the  data.  When  the  end  points  P,  from  each  static  pressure  rise 
curve  are  ratloed  to  P,  and  these  points  are  plotted  vs.  the  total  distance  s,.  over  which 
the  pressure  rise  acts,  the  curves  are  supezqjosed.  For  a  given  St,  the  larger  the  M,,  the 
higher  the  required  compression.  This  is  the  trend  that  would  be  expected  if  one  segment 
of  the  shock  train  is  examined.  If  the  segment  is  taken  as  a  fixed  length  and  one  simple 
wave  reflection,  then  the  shock  angle  would  be  fixed.  For  a  given  shock  angle,  the 
pressure  rise  Increases  with  increasing  Mach  number.  From  linear  theory,  it  would  be 
expected  that  (M,^-l)~^  would  tend  to  collapse  the  data.  This  normalization  is  necessary 
but  not  sufficient  to  obtain  the  desired  "universal"  model  for  shock  trains  in  ducts. 

The  next  step  is  the  consideration  of  viscous  effects,  since  the  shock  train  is  a 
flow  with  strong  viscous-inviscid  interactions.  Unfortunately,  the  data  base  is  limited, 
thus  the  remainder  of  the  modeling  rests  on  heuristic  arguments.  For  the  same  PyP,, 
was  found  to  vary  inversely  with  Re,'  and  directly  with  D(#/D)'.  Each  of  these  trends  is 
expected.  The  /  values  for  these  tests  were  obtained  from  boundary-layer  calculations 
based  on  the  momentum-integral  method  of  Ref.  17.  Note,  however,  that  the  exponents  on 
Re,  and  t/D  may  be  unique  to  cylindrical  geometries  and  flows  with  oblique  rather  than 
lambda  wave  structures.  As  Re,  increases,  the  boundary  layer  can  withstand  a  larger  P,.p/P* 
before  separating,  therefore  the  initial  shock  angle  is  steeper  and  s,  is  smaller.  The 
inverse  scaling  with  diameter  is  due  to  the  trend  toward  geometric  scaling,  which  is  not 
strictly  geometric  according  to  the  data  correlation,  unless  both  D  and  f  change  uniformly. 
The  variation  with  boundary-layer  thickness  is,  in  a  qualitative  sense,  the  same  as 
observed  by  Lustwerk  (Ref.  18)  and  in  a  quantitative  sense,  consistent  with  that  described 
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by  McLafferty  in  Ref.  19.  Figures  8-12  of  that  reference  present  normalized  St  vs 
normalized  6*.  Assuming  direct  proportionality  between  t  and  S‘,  it  is  possible  to  show 
the  dependence,  but  considerable  scatter  is  present  in  the  data.  In  the  limit,  as  t 
approaches  zero,  s^  should  also  approach  zero,  since  it  should  be  possible  to  stabilize 
a  single,  simple,  normal  or  oblique  shock.  Just  this  situation  was  produced  in  a 
combustion  experiment  described  in  Ref.  18,  in  which  the  boundary  layer  was  removed  just 
upstream  of  the  shock. 

Figure  13  shows  the  degree  of  success  obtained  in  the  correlation  procedure,  where 
the  results  of  Ref.  17  are  included  in  the  summary.  Some  scatter  is  present  but  a  simple 
quadratic  relationship 

-  l]  ReV[D(#/D)*’]  -  50  l)  +  170  (38) 

as  shown  by  the  correlating  curve  adequately  represents  all  of  the  data.  The  empirical 
correlation  not  only  defines  the  end  point  St  of  the  pressure  rise  curve,  but  the  entire 
wall  pressure  distribution  simply  by  replacing  s^  with  s  and  P^Pt  with  P^yP^. 

To  apply  this  model  to  design  of  the  isolator  and  combustor,  it  is  also  necessary  to 
locate  the  origin  of  the  shock  train  relative  to  the  combustor  entrance,  l.e.  the  Isolator 
exit.  For  internal  ducts  wherein  the  demarcation  between  isolator  and  combustor  is  crisp, 
e.g.  a  step,  no  ambiguity  arises.  For  other  configurations  the  location  of  the  furthest 
upstream  fuel  injector  is  used  to  anchor  s^.  The  distance  that  the  shock  train  extends 
into  the  combustor  s^  is  taken  and  the  value  of  s  from  equ.  38,  setting  P/P^  =  P.ap/P*  where 
the  separation  pressure  ratio  is  from  equs.  11  and  12. 

Stockbrldge  (Ref.  12)  has  made  very  extensive  measurements  of  the  flow  structure  of 
shock  trains  in  coannular  supersonic  flows.  Figure  14  shows  static  pressure  distributions 
in  the  annulus  for  initial  Mach  numbers  of  1.66,  2.35  and  2.89.  The  corresponding  mass 
flow  ratios  of  annulus  to  center  duct  ("gas  generator")  are  2.51,  0.84  and  2.92, 
respectively.  The  axial  coordinate  has  been  made  dimensionless  by  dividing  by  the  annular 
duct  wall  separation  distance.  For  a  nominally  constant  outer  mass  flow  rate,  a  decrease 
in  w  denotes  an  increase  in  the  inner  flow,  which  can  then  expand  further,  thereby 
reducing  the  annulus  exit  pressure  by  ejector  action.  The  character  of  the  pressure  rise 
curves  is  quite  similar  to  that  of  the  curves  from  the  cylindrical  duct.  This  suggests 
that  the  shock  train  structure  may  also  be  similar.  Figure  15  summarizes  the  data  for  the 
coannular  duct  tests  using  the  same  ordinate  and  substituting  h  for  D  in  the  parameter  on 
the  abscissa.  Although  the  correlation  is  not  quite  as  good  as  in  Figure  19,  it  can  be 
argued  that  it  is  adequate  for  using  as  the  basis  of  design  of  an  isolator. 

Data  for  rectangular  ducts  is  available  from  Refs.  13-15.  Whereas,  analysis  of  the 
data  is  still  in  progress,  some  preliminary  observations  can  be  made.  In  Ref.  11  the 
length  of  duct  available  for  stabilizing  the  shock  train  was  greater  than  St  for  the 
strongest  pressure  rise,  P,/P4.  The  boundary  layers  were  relatively  thick  and  the  lambda 
shock  structure  was  clearly  observed.  Computed  flowfields  were  in  general  agreement  with 
the  observed  flow  structure.  The  Pj/P,  values  were  significantly  greater  than  (PyP*),,p  but 
(pyP4)ps  could  not  be  obtained.  This  is  rather  clear  evidence  that  a  highly  dissipative 
shock  train  structure  can  be  realized.  The  authors  were  able  to  collapse  the  static 
pressure  traces  from  the  two  nominal  duct  flow  Mach  numbers  M,  of  1.6  and  2.45.  At  Mach 
1.6  collapsing  of  the  data  with  superposition  required  normalization  to  the  upstream 
boundary  layer  thickness.  At  Mach  2.45,  collapsing  the  data  in  the  same  manner  as  that 
of  Ref.  11  sufficed.  Effort  is  now  underway  to  obtain  a  "universal"  correlating  equation 
by  adjusting  the  exponents  in  Re,  and  (t/D)  in  equ.  38. 

IHTRODOCTIOM  OF  THE  SHOCK  TRAIH  STRUCTURE  XMTO  THE  ISOLATOR-COMBUSTOR  DESI6M 

It  is  convenient  to  use  examples  in  discussing  the  significance  of  the  shock  train 
structure  in  the  isolator-combustor  design.  The  particular  conditions  are  the  same  as 
those  used  to  develop  Figure  10,  viz,  M^  =  5.234,  q^  =  1000  Ibj/ft*,  and  P*/Po  =  28.157. 
The  dimensional  duct  diameter  or  height  is  taken  as  3  in.  Using  equ.  38  values  of  s^  and 
Sj  can  be  found  for  a  range  of  boundary  layer  momentum  thicknesses.  Results  are  shown  in 
Figure  16.  The  very  strong  dependence  of  the  required  length  of  an  Isolator  Sj  =  (s^  -  s^) , 
on  ft  is  apparent.  This  suggests  that  methods  to  reduce  ft  such  as  boundary  layer  bleed 
and/or  energization  could  greatly  reduce  Sg  which  may  lead  to  substantial  gains  in  overall 
vehicle  performance.  The  large  Increases  in  required  Isolator  length  for  higher  P,/Pt 
values  reinforce  the  argvunents  made  previously  regarding  beneficial  effect  of  steps  which 
reduce  the  PyP»  at  a  given  ER  (see  Figure  10) .  Moreover,  this  also  gives  additional 
Insight  into  the  strategy  of  limiting  the  maximum  ER  at  the  flight  condition  which  sets 
the  overall  requirement  on  isolator  length.  In  this  procedure,  Sg  values  are  calculated 
for  the  entire  range  of  operating  conditions  and  engine  geometries.  Then  for  selected 
values  of  Sg,  weights  are  determined  to  provide  the  basis  for  optimizing  the  overall 
configuration. 

with  the  shock  train  pressure  distribution  and  location  modeled,  it  is  now  possible 
to  obtain  the  "K  factor"  introduced  in  equ.  17  and  include  this  refinement  in  cycle 
analyses  (e.g.  RJPA) .  since  A(x)  in  the  combustor  is  a  function  of  shape,  the  "K  factor" 
is  shape  dependent  but  is  not  dependent  on  the  scale  of  the  combustor  or  the  momentum 
thickness  of  the  boundary  layer.  To  obtain  K,  equ.  38  is  used  to  define  P(x)  and  with 
geometry,  i.e.  A(x) ,  K  «  ,['*  pdA/P,(Ag-  A,)  is  calculated  using  standard  numerical 
Integration  methods. 

JET  PEHETRATIOM  MODEL 

The  literature  is  rich  with  experimental  results,  data  correlations  and  modeling  of 
jets  in  cross  flow  (see  e.g.  Refs.  21-34).  Some  controversy  exists  regarding  which  of  the 
parameters  that  have  been  used,  in  fact,  have  a  foundation  consistent  with  fundamental 
aspects  of  the  flow  structure.  The  modeling  presented  herein  in  a  revision  of  the  method 
discussed  in  Ref.  21.  The  genera  method  for  normal  Injection  is  extended  to  include  jets 
at  all  orientations  and  revises  some  features  of  the  correlation  parameters  so  as  to  be 
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in  closer  accord  with  new  insights  into  the  physical  structure  of  the  flow.  The  revised 
model  should  also  resolve  some  of  the  aforementioned  controversial  Issues. 

Figure  17  shows  schematic  representations  of  typical  flowfields  that  have  been 
observed  for  angular  injection  of  gaseous  jets  into  a  supersonic  main  stream.  They  are 
categorized  with  regard  to  the  size  of  the  boundary  layer  relative  to  the  jet  diameter  dj 
and  whether  the  injection  pressure  is  matched  or  underexpanded,  relative  to  a 
representative  pressure  in  the  distributed  flow.  The  representative  pressure  has  been 
named  the  "effective  back  pressure"  P.t,  (see  Ref.  21)  and  is  taken  as  a  representative 
average  static  pressure  around  the  emerging  jet  when  the  boundary  layer  momentum  thickness 
is  small  relative  to  the  jet  diameter,  i.e.  s  <  dj.  When  the  boundary  layer  is  thick 
relative  to  dj,  i.e.  e  »  dj  the  effective  back  pressure  is  taken  as  the  pressure  required 
to  separate  the  boundary  layer.  The  matched  pressure  condition  occurs  when  the  pressure 
in  the  discharge  plane  of  the  jet  matches  the  effective  back  pressure,  i.e.  Pj  =  P.^.  In 
this  case  the  jet  undergoes  little  if  any  expansion  as  it  is  turned  downstream.  In  many 
situations  Pj  >  consequently  the  jet  is  underexpanded.  The  general  barrel-shock 
structure,  terminating  in  a  Mach  disk  is  similar  to  that  observed  in  injection  into  a 
^iescent  medium.  Downstream  of  the  Mach  disk,  the  jet  continues  to  turn  and  the  pressure 
in  the  jet  approaches  the  pressure  in  the  mainstream  ahead  of  the  disturbance,  P,. 

The  structure  of  an  underexpanded  jet  discharging  into  a  quiescent  medium  is  similar 
to  the  structure  of  a  jet  into  a  supersonic  cross  flow.  To  relate  the  two  structures  it 
is  necessary  to  equate  the  height  of  the  Mach  disk  in  a  quiescent  medium,  Yi  to  the  arc 
length  along  the  centerline  of  the  Mach  disk  Sj  for  the  jet  in  cross  flow.  Modeling  is 
required  to  obtain  Si  from  schlieren  photographs,  wherein  the  height  of  the  center  of  the 
Mach  disk  Yi  is  readily  discernible.  For  this  the  jet  centerline  is  assumed  to  be  a 
parabola  and  the  angle  of  the  centerline  at  the  Mach  disk,  is  modeled  to  follow 


-  ISO/ir  sin  ^1-exp.J-  (39) 

Yi/Si  -  ^1+1  tan  6j^/tan  Sjlj/  8j^/tan  6jlj  (40) 


where  f(4)  -  1/2  esc  S  +  1/2  tan  S  in  cot  1/2  S  (41) 

This  modeling  not  only  results  in  maximum  vertical  displacement  of  the  Mach  disk  for 
upstream  injection  (at  4j  a  120*)  which  is  in  accord  with  the  experimental  results  of  Ref. 
22,  but  also  has  the  appeal  in  that  Yj  =  0  for  6^  =  0*  and  180*.  Note  that  in  the  genera 
model  the  correlating  dimension  was  the  height  of  the  Mach  disk,  Yj  rather  than  arc  length 
which  has  the  obvious  deficiency  for  injection  at  angles  other  than  90*. 

The  remaining  item  for  relating  the  two  barrel  shock  structures  is  the  specification 
of  the  effective  back  pressure  for  injection  into  supersonic  cross  flow.  The  modeling  for 
P,i,  in  the  thin  boundary  layer  is  P.^  =  (P,j  (0.37(P4j  +  p^j)  +  2  P.]/4  where  P,j  and  P^j  are 
the  pressures  that  correspond  to  oblique  (or  normal)  shocks  on  an  effective  solid  body  at 
wedge  angles  of  tfj  and  ij.  This  change  from  the  genera  model  yields  a  more  realistic 
average  pressure  surrounding  the  barrel  shock  at  all  angles  of  injection.  For  5j  >  90, 
P,j  is  the  static  pressure  downstream  of  a  normal  shock  in  the  main  flow.  These  changes 
lead  to  nearly  perfect  correlation  between  the  data  sets  for  barrel  shocks  in  quiescent 
medium  and  in  cross  flow. 

Slight  changes  have  also  been  made  in  the  modeling  of  the  centerline  of  the  jet 
trajectory  from  that  of  Ref.  21.  This  portion  of  the  jet  is  treated  as  an  effective  body 
whose  local  cross-sectional  area  is  given  by 

(A/Aj)**  -  rAj  -  1  +  1.45  in  [PjAeb)  [l-exp( -«•  322  S/Dj )]  (42) 

The  jet  penetration  model  should  only  be  used  in  the  near  field  of  the  injector,  i.e. 
x/dj*  <50.  At  this  point  the  jet  and  main  flow  are  nearly  coaxial  for  typical  engine 
operating  conditions.  The  jet  penetration  model  specifies  the  center  of  mass  of  the  jet 
and  the  cross-sectional  area  of  the  effective  solid  body.  The  unified  theory  (Ref.  21) 
provides  a  method  to  obtain  the  mean  flow  properties  in  the  main  flow,  that  are  consistent 
with  an  overall  momentum  balance  of  the  two  fluids.  Two  of  the  several  methods  that  can 
be  used  to  proceed  downstream  are;  1)  global  mixing  and  combustion  model,  and  2)  modular 
analysis  of  scramjet  flowfields.  Method  1  is  the  subject  of  a  forthcoming  paper.  Method 
2  will  be  briefly  summarized.  Both  methods  have  the  attribute  of  minimal  computer 
requirement  which  is  mandatory  for  use  as  affordable  design  tools. 

SHEAR  AMD  HEAT  TRANSFER  MODEL 

The  models  for  shear  and  heat  transfer  are  based  on  a  large  number  of  measurements 
made  with  liquid  and  gaseous  fuels  in  direct-connect  and  freejet  engine  tests  (Ref.  35). 
By  far,  the  bulk  of  the  measurements  were  of  local  and  regional  heat  transfer  rates. 
Consequently,  the  veracity  of  the  shear  parameter  depends  on  the  assumption  that  the 
modified  form  of  the  Reynolds  analogy  that  was  used  to  deduce  shear  is  valid  for  flows 
with  exothermic  reactions.  Figure  18  ir  a  graph  of  the  resulting  shear  and  heat  flux 
parameters.  The  average  gas-wall  enthalpy  difference  is  defined  as 


ah  -  +  0,5  fn  aH„  -  h  (43) 

t,  c  f  w 

4  t 

where  h^,  and  h^,  are  the  total  enthalpies  of  the  incoming  air  and  fuel,  respectively;  h, 
is  the  enthalpy  of  air  at  the  average  wall  temperature;  f  is  the  fuel/air  weight  ratio, 
he  is  the  combustion  efficiency  and  AH,  is  the  heating  value  of  the  fuel. 

MODULAR  ANALYSIS  OF  SCRAMJET  COMBUSTOR 

The  general  features  of  the  modular  analysis  of  scramjet  flowfields  presented  in  Ref. 
5  are  shown  in  Figure  19.  The  first  step  is  to  solve  the  integral  equations  in  accordance 
with  the  methods  already  described  for  given  initial  conditions  and  combustor  geometry. 
This  yields  the  axial  pressure  distribution  P(x)  for  modeled  values  of  wall  shear  r.,  and 
heat  transfer  Q,,  and  an  assumed  value  for  the  combustion  efficiency  he*  With  P(x)  so 
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defined,  a  simplified  finite-difference  calculation  that  avoids  calculating  flow  in  the 
separated  regions  is  made  to  obtain  r.,  Q.,  and  rjc  analytically.  Inherent  to  the  finite- 
difference  method  are  models  for  kinetic  rates  and  turbulent  mixing.  The  Integral 
solution  is  then  repeated  using  these  values  of  r„,  Q«,  and  Hc  obtain  a  new  P(x)  <md  so 
forth.  The  iteration  ends  when  the  flow  area  A(x) ,  obtained  from  the  finite-difference 
solution,  agrees  with  the  geometric  area  downstream  of  station  x. 

In  principle,  a  finite-difference  solution  could  be  obtained  using  the  geometric 
A(x),  and  thereby  avoid  depending  on  P(x)  from  the  Integral  method.  In  practice,  the 
presence  of  the  separated  zone  would  have  to  be  accurately  calculated,  and  the  simplifying 
assumptions  that  permit  the  use  of  the  boundary  layer  or  parabolized  forms  of  the  Navler- 
Stokes  equations  could  not  be  made.  The  form  of  the  conservation  equations  would  be 
elliptic  and  solutions  would  have  to  be  obtained  using  time-dependent  techniques. 
References  36  and  37  describe  routines  for  such  techniques  that  require  hours  of  CPU  time 
on  the  largest  computers.  Given  the  uncertainties  that  still  remain  in  adequately 
describing  kinetic  processes,  their  associated  rate  constants,  the  transport  properties, 
and  the  models  for  turbulence,  the  simpler,  far  less  expensive  approach  has  conslderedile 
merit . 

At  present,  solutions  have  been  obtained  that  were  based  on  the  assimptlon  that 
radial  and  circumferential  pressure  gradients  are  negligible,  thereby  permitting  use  of 
the  boundary  layer  form  of  the  conservation  equations.  Additionally,  it  is  more 
expeditious  to  first  solve  for  the  Inviscid  "core"  flow  in  the  combustor,  iterate  for 
P(x),  and  then  solve  for  the  boundary  layer  using  edge  conditions  from  the  core  flow  and 
a  dense  grid  point  spacing  in  the  radial  direction.  Conversely,  if  the  fuel  distribution 
is  unacceptable  a  new  conceptual  design  may  have  to  be  considered. 

COMCLQSIOM 

These  techniques  have  been  used  to  design  several  dual  mode  ram-scramjet  engines 
including  SCRAM.  Extensive  testing  of  the  SCRAM  engine  at  Mach  numbers  of  5,  6  and  7.2 
has  firmly  established  the  veracity  of  these  methods. 
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Fig.  9  Gaiwral  solutions  for  combustor  flows. 
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Fig.  11  Schematic  illustration  of  flow  structures. 


Fig.  12  Simplified  representation  of  shock  structure  and 
comparison  of  pitot  pressure  surveys. 


Fig.  14  Shock  train  prasaura  distribullona  In  annular  ducta. 


Fig.  1 6  ttolator  dealgn  raquiramenta. 


f 


M,  SHOCK 


^  mmmmM 


(a)  THIN  BOUNDARY  LAYER,  (bl  THICK  BOUNDARY  LAYER. 


MATCHED  PRESSURE 


MATCHED  PRESSURE 


A 

r/ 


MACH  DISK 


-MACH  DISK 


(c)  THIN  BOUNDARY  LAYER,  Id)  THICK  BOUNDARY  LAYER, 

UNDEREXPANDED  UNDEREXPANDED 

Fig.  1 7  Structure  of  jets  in  supersonic  cross  flow. 
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Discussion 


WINTERFELD 

Is  the  correlation  for  the  shock  train  pressure  also  applicable  to  the 
case  where  the  fuel  injectors  are  mounted  inside  the  duct.  It  seems  to  me  that 
there  is  an  interaction  of  the  boundary  layer  and  the  fuel  injection. 

AUTHOR’S  REPLY 

The  principal  phenomenon  that  is  causing  these  shock  trains  is  the 
overall  blockage  in  the  duct  caused  by  the  heat  release.  The  interaction  of 
injectors  and  boundary  layer  is  relatively  a  second  order  phenomenon.  Most  of 
the  shock  exist  ahead  of  the  injectors.  If  you  go  beyond  this  regime,  so  that 
the  downstream  condition  no  longer  controls  the  processes,  the  details  of  the 
injector  determines  the  shock  structure  and  it  becomes  very  important. 

RAMETTE 

The  data  you  show  are  for  steady  flow  computation.  In  the  scramjet  there 
are  unsteady  phenomena  as  shock-boundary  interaction.  Do  you  intend  to  extend 
your  model  to  unsteady  flow? 

AUTHOR'S  REPLY 

Professor  Adamson  at  the  Michigan’s  university  has  just  begun  that 
problem.  He  is  using  our  input  and  is  doing  the  unsteady  flow  problem.  The 
data  I  showed  you  today  are  20  to  25  years  old  but  we  run  a  new  finit 
difference  method  for  a  hydrogen  combustor.  It  works  fine,  the  physics  have 
not  changed  in  25  years. 

The  unsteady  question  is  an  important  one  because  it  very  much  dictates  the 
length.  From  measurements  in  the  engine  we  know  the  magnitudes  of  the  pressure 
rises  for  the  unsteady  part. 

WINTERFELD 

You  showed  us  the  complicated  procedure  for  the  design  of  a  supersonic 
combustor.  What  is  the  value  of  the  first  guess  using  the  inviscid  flow  in 
this  combustor? 

AUTHOR'S  REPLY 

It  is  what  we  do.  We  start  with  the  inviscid  solution,  this  is  a  very 
simple  equation.  The  viscous  solution  takes  two  pages.  We  design  on  the  basis 
of  the  inviscid  solution.  There  is  a  minor  adjustement  in  the  shock  train, 
within  the  empirical  modelling  of  the  shock  train  length. 
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SUMMARY 

An  efficient  scramjet  combustor  requires  rapid  mixing  of  parallel  supersonic  streams  of  air  and  injected  fuel.  The  ve¬ 
locity  differential  between  the  two  streams  may  not  be  enough  for  spreading  the  mixing  layer.  To  augment  the  mixing 
process,  secondary  flows  can  be  generated  by  a  skewed  supersonic  nozzle  for  the  fuel.  A  conical  ramp  that  shields  the 
injector  can  provide  large  lateral  gradients  in  the  airflow.  The  Unified  Solution  Algorithm  (USA)  code  developed  by 
Rockwell  International  was  used  to  compute  inviscid  flowfields  over  typical  configurations.  The  results  are  presented  in 
this  paper.  The  interaction  of  the  pressure  and  density  gradients  in  the  air  and  fuel  streams  at  the  injector  exit  appears  to 
be  the  major  source  of  rapid  mixing  of  the  streams. 


INTRODUCTION 


Over  the  past  several  years,  it  has  been  recognized  that  the  use  of  a  supersonic  combustion  ramjet  (scramjet)  for  hyper¬ 
sonic  propulsion  is  primarily  dependent  on  rapid  and  efficient  fuel-air  mixing  and  reaction.  In  the  very  high  speed  vehicle 
configurations,  both  the  air  and  fuel  streams  enter  the  combustor  at  high  Mach  numbers,  essentially  in  the  longitudinal 
direction.  The  growth  of  the  mixing  layer  is  reduced  considerably  as  the  Mach  numbers  of  the  streams  are  increased  as 
shown  by  both  experimental  and  theoretical  investigations  of  References  (1)  and  (2). 

Several  investigators  have  examined  potential  techniques  for  mixing  enhancement,  noting  that  rapid  mixing  of  super¬ 
sonic  streams  of  fuel  and  air  in  a  short  length  is  essential  for  hypersonic  airplanes.  Kumar,  Bushnell,  and  Hussaini  (3)  sug¬ 
gested  techniques  for  enhancing  turbulence  and  mixing  in  scramjet  combustors.  They  examined  the  influence  of  an  oscil¬ 
lating  shock  numerically  for  increasing  the  level  of  turbulence.  Drummond  and  Mukunda  (4)  studied  the  interaction  of 
fuel-air  mixing  layer  with  a  curved  shock.  Their  computations  show  that  the  vorticity  generated  led  to  enhanced  mixing 
and  reaction. 


Some  experimental  studies  also  report  on  mixing  enhancement  in  supersonic  shear  layers.  Menon  (5)  studied  a  weak 
shock  interaction  with  the  shear  layer,  and  found  that  there  is  a  significant  spreading  of  the  shear  layer  downstream  of  the 
shock  interaction.  Experiments  carried  out  by  Sullins,  et  al,  (6)  show  that  the  spreading  rate  of  the  mixing  layer  can  be 
increased  if  the  pressures  in  the  two  .streams  are  different. 

Turning  to  practical  applications  of  mixing  enhancement  schemes,  recent  experiments  by  Northam,  Greenberg,  and 
Byington  (7)  show  the  use  of  injector  ramp  configurations  to  improve  fuel-air  mixing.  The  hydrogen  fuel  nozzle  used  in 
these  experiments  is  a  conical  nozzle  of  1.7  Mach  number,  and  the  airflow  Mach  number  is  2.0. 

Schadow.  et  al,  (8)  experimentally  studied  the  mixing  of  supersonic  coaxial  jets.  The  inner  jet  was  of  M  =  3  and  the 
outer  jet  of  M  =  1.8.  The  geometries  of  the  center  jet  were  circular  and  rectangular  of  3:1  aspect  ratio.  Their  results  show 
that  rectangular  configurations  for  center  jets  have  better  mixing  characteristics.  Entrainment  behavior  of  elliptic  and 
rectangular  jets  confined  in  a  circular  shroud  were  compared  to  a  circular  jet  by  Wilson,  et  al,  (9).  They  found  that  noncir¬ 
cular  jets  gave  considerably  improved  entrainment.  Swithenbank,  et  al,  (10)  found  that  improved  mixing  and  combustion 
were  obtained  by  incorporating  vortex  generating  tabs  at  the  trailing  edges  of  the  ramp  between  fuel  nozzle  and  surround¬ 
ing  airflow. 

Encouraged  by  the  findings  in  the  above  cited  investigations,  we  chose  to  study  the  effect  of  a  highly  nonuniform  fuel 
jet  from  an  asymmetric  nozzle.  Unlike  a  ramp  of  rectangular  configuration,  we  chose  a  cone  with  its  axis  inclined  to  the 
airflow.  The  interaction  between  the  two  nonuniform  supersonic  flows  at  the  injector  exit  is  expected  to  generate  increased 
vorticity  for  mixing  enhancement. 

SKEWED  NOZZLE  IN  A  CONICAL  RAMP 

We  chose  a  conical  ramp  to  generate  nonuniformities  in  the  oncoming  supersonic  airstream.  This  conical  ramp  sur¬ 
rounds  a  skewed  fuel  nozzle  whose  exit  cross  section  is  also  circular.  The  selection  of  circular  cross  sections  for  the  ramp 
and  the  fuel  nozzle  reduces  the  wake  area  and  minimizes  base  drag.  The  skewed  nozzle  contour  can  be  designed  to  pro¬ 
duce  a  highly  nonuniform  but  shock-free  supersonic  jet  of  fuel.  A  typical  configuration  for  such  a  nozzle-ramp  combina¬ 
tion  is  sketched  in  Figure  1.  The  interaction  of  the  nonuniform  fuel  jet  with  the  surrounding  nonuniform  airflow  is  the 
source  of  secondary  flows  to  promote  rapid  mixing.  After  passing  through  the  shock,  the  airstream  flows  around  the  coni¬ 
cal  ramp  in  helical  paths.  Similarly,  the  fuel  stream  flows  in  helical  paths  inside  the  supersonic  nozzle.  These  helical  paths 
upstream  of  the  injector  exit  are  indicated  by  solid  arrows  in  Figure  1.  As  the  air  and  fuel  streams  come  together,  the 
airstream  squeezes  the  fuel  inwards  at  the  bottom,  and  the  fuel  jet  plumes  upwards  at  the  top.  These  secondary  flows  are 
due  to  pres-sure  differentials  in  the  two  streams  and  are  shown  by  dashed  arrows  in  Figure  1. 

Invi.scid  flowfield  analyses  were  performed  using  the  USA  code  developed  at  Rockwell  International.  The  details  of  the 
code  and  its  usage  are  not  discussed  here,  but  can  be  found  in  Reference  (11).  The  injector  configurations  and  results  of 
numerical  computations  are  discussed  in  the  following  subsections. 
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Figure  1.  Schematic  of  Skewed  Nozzle  in  Conical  Ramp 


CONICAL  RAMP 

The  fuel  flow  and  airflow  have  different  stagnation  conditions,  but  in  the  numerical  algorithm  the  reference  values  for 
the  pressure,  density,  and  velocity  must  be  the  same  in  the  two  regions  occupied  by  fuel  and  air.  It  is  easier  to  choose  the 
nozzle  throat  conditions  as  reference  values,  since  the  fuel  nozzle  design  needs  to  be  operable  over  a  wide  range  of  com¬ 
bustor  conditions. 

Since  the  conical  ramp  establishes  a  flowfield  into  which  the  fuel  jet  is  injected,  the  ramp  configuration  and  the  flow 
conditions  around  it  is  discussed  first.  Uniform  airflow  at  the  combustor  entrance  is  denoted  by  its  Mach  number  Mj. 
nondimensional  pressure  Pj,  and  nondimensional  density  pi.  Consider  a  cone  of  half-angle  3  lying  on  its  side  along  a  wall 
of  the  combustor  so  that  its  centerline  is  at  an  angle  3  to  the  oncoming  flow.  Consequently,  the  windward  generatrix  of  the 
cone  makes  an  angle  23  with  the  oncoming  airflow,  whereas  the  leeward  one  is  aligned  with  the  flow. 

In  computing  the  flow  around  the  conical  ramp,  the  airflow  is  assumed  unbounded  in  the  lateral  direction  except  for 
the  plane  on  which  the  cone  is  lying.  The  Euler  solutions  of  the  flow  are  similar  at  all  cross  sections  normal  to  the  x-direc- 
tion  of  the  oncoming  airflow.  It  is  sufficient  to  construct  a  two-dimensional  grid  at  the  nozzle  exit  with  the  origin  at  the 
center  of  the  cone.  The  flowfield  is  exterior  to  the  cone  and  bounded  by  the  combustor  wall.  The  computational  grid  is 
constructed  accordingly  as  shown  in  Figure  2(a).  The  lateral  boundary  of  the  grid  is  chosen  at  a  sufficient  distance  from 
the  cone.  The  numerical  computations  are  carried  out  for  Mj  =  3.3,  Pj  =  0.039  Pref;  pj  =  0.47  p^f  and  cone  half  angle  3 
=  10  deg.  The  computed  shock  configuration  and  nondimensionalized  pressure  contours  between  the  cone  and  the  shock 
are  shown  in  Figure  3.  Note  that  Pref  =  500  psi  (34.47  kPa)  and  pref  =  0.094  Ibm/ft^  (1.505  kg/m^)  are  chosen  correspond¬ 
ing  to  the  fuel  nozzle  throat  conditions  as  discussed  earlier. 

SKEWED  NOZZLE 

Into  the  flowfield  around  the  ramp,  as  established  in  the  preceding  subsection,  we  introduce  an  appropriate  nonuni¬ 
form  fuel  jet.  Features  required  by  the  fuel  jet  are  rapid  mixing  and  entrainment  between  the  two  streams.  Also,  the  fuel 
exiting  from  the  nozzle  is  to  be  carried  away  from  the  combustor  wall.  After  leaving  the  conical  ramp,  the  fuel  stream 
must  plume  outwards  in  the  upper  regions  and  plume  inwards  in  the  lower  regions  as  shown  in  Figure  1.  The  contour  of  a 
supersonic  nozzle  to  meet  this  objective  is  not  unique,  but  we  chose  one  typical  three-dimensional  contour  to  examine 
the  potential  of  this  concept  to  enhance  mixing.  The  procedure  adopted  in  arriving  at  the  skewed  contour  and  numerical 
analyses  of  the  flowfield  is  described  below. 


Figure  2.  Computational  Grid  Figure  3.  Nondimensionalized  Pressure  Contours 

Around  Cone  for  Mi  =  3  J 
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An  axisymmetric  nozzle  of  area  ratio  6.2  and  length  77%  of  an  equivalent  15  deg  cone  was  designed  using  the  opti¬ 
mum  thrust  contour  program  developed  at  Rocketdyne  several  years  ago  based  on  Reference  (12).  This  contour  is  shown 
in  Figure  4(a)  and  in  the  throat  region  has  a  radius  of  curvature  l.S  times  throat  radius  Rf. 

The  maximum  wall  slope  is  25  deg,  at  |  =  0.644,  and  a  wall  slope  of  16  deg  is  reached  at  the  nozzle  exit  at  $=  4.151. 
This  optimum  thrust  contour  can  also  be  described  in  cartesian  coordinates  |,  q,  and  $  as 

i  =  i 

T1  =  R»cos  <1> 

5  =  R»cos  <I> 

where  4>  is  the  azimuthal  angle  and  R  is  defined  in  terms  of  ^  from  the  optimum  thrust  nozzle  contour  program,  and 
depicted  in  Figure  4(a).  Downstream  of  |  =  0.644  R,,  the  skewed  contour  is  defined  in  cartesian  coordinates  x',  /  and  z' 
by  setting 


x'  =  I  -  0.644  R,, 

/  =  T)  -  Atj,  and 
z'  =  5. 

The  amount  of  skewness  depends  upon  At).  For  the  example,  we  chose  Ati  such  that  the  curve  obtained  by  setting  ti  = 
£  =  0  in  the  above  relations  yields  a  circular  arc  of  radius  19.214  R,. 

The  skewed  nozzle  thus  obtained  is  shown  in  Figure  4(b)  in  the  x'-/  plane.  The  upper  wall  has  an  exit  slope  of 
5.15  deg  and  the  lower  wall  has  an  exit  slope  of  -25  deg  measured  from  the  x'  axis. 

Starting  with  the  method-of-characteristics  solution  for  the  axisymmetric  flowfield  at  x'  =  0,  the  three-dimensional 
flow  in  the  skewed  nozzle  is  solved  by  using  the  USA  code,  referred  to  earlier  in  the  Euler  mode.  The  computational  grid 
in  the  x'-y'  plane  with  27  points  in  the  x'  direction  and  51  points  in  the  azimuthal  direction  is  shown  in  Figure  5(a).  Since 
the  flowfield  is  symmetric  in  z'  the  computations  are  limited  to  the  region  of  positive  z'  values.  The  cross  sections  are  all 
circular  with  their  centers  lying  on  the  grid  line  passing  through  the  origin.  The  computational  grid  in  the  cross  plane  at 
the  nozzle  exit  is  shown  in  Figure  5(b)  with  31  points  in  the  radial  direction  and  51  points  in  the  azimuthal  direction. 

The  numerical  results  of  the  flowfield  computations  showing  the  nonuniformity  at  the  exit  of  the  skewed  nozzle  are 
shown  in  Figure  6.  There  are  no  discontinuities  in  the  Mach  number  contours  nor  in  the  nondimensionalized  pressure 
plots  to  indicate  shocks  in  the  nozzle  flow. 

INTER4CTION  OF  NONUNIFORM  AIRSTREAM  WITH 
NONUNIFORM  FUELSTREAM 


In  the  preceding  sections,  the  airflow  conditions  downstream  of  a  conical  ramp  and  the  fuel  flow  conditions  at  a 
skewed  nozzle  exit  were  described.  Now  it  is  necessary  to  bring  the  flows  together  and  examine  their  interaction  down¬ 
stream  of  the  proposed  injector  configuration.  These  two  flows  are  computed  separately  but  they  are  compatible  at  the 
mutual  boundary  because  the  same  values  of  Pref  and  Pref  are  employed  in  the  computations.  The  mutual  boundary  at  the 
injector  exit  is  a  circle  and  no  rear-facing  step  between  the  nozzle  flow  and  the  airflow  is  considered  in  our  Euler  compu¬ 
tations.  Furthermore,  flow  separation  of  the  nozzle  flow  as  it  meets  the  combustor  wall  is  to  be  avoided.  Similarly,  the  fuel 
jet  as  it  plumes  out  at  the  nozzle  exit  should  not  cause  separation  of  the  external  airflow  around  the  cone. 

Suitable  translation  and  rotation  of  the  x'.  /,  z'  coordinates  shown  in  Figure  4  can  satisfy  these  requirements  and  agree 
with  the  X.  y,  z  coordinate  system  shown  in  Figure  2.  The  nozzle  flowfield  described  in  Figure  6  can  now  be  introduced 
into  the  interior  of  airstream  described  in  Figure  2. 


Note  that  across  the  interface  between  these  two  zones  occupied  by  fuel  and  air  there  are  discontinuities  in  pressure, 
density,  and  tangential  velocities.  Figure  7  shows  these  pressures  and  densities  in  the  two  zones  as  functions  of  azimuthal 


5 

(a)  Axisymnetric  Nozzle 


Figure  4.  Design  of  Skewed  Nozzle  Contour 
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(a)  x'-y'  Plane  (b)  Azimuthal  Plane 

Figure  5.  Computational  Grid  for  Skewed  Nozzle  Flow  Analysis 
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Figure  6.  Nonuiiifonn  Flow  Conditions  at  Nozzle  Exit 


angle.  Immediately  downstream  of  the  nozzle  exit,  these  two  flows  meet  to  reach  an  intermediate  value  of  pressure  and  a 
common  flow  direction.  There  will  remain  large  differences  in  density  and  velocity  of  air  and  fuel.  It  is  the  strong  gradients 
in  pressure,  density,  and  velocity  that  generate  vorticity  downstream  of  the  injector. 

In  the  Euler  computations  considered  here  employing  the  USA  code,  we  lack  the  effects  of  viscosity,  turbulence,  and 
chemical  reactions.  However,  we  maintained  the  identity  and  continuity  of  the  chemical  species  of  air  and  hydrogen  fuel. 
The  computational  grid  in  the  lateral  plane  is  in  two  zones  as  mentioned  earlier,  and  the  number  of  grid  points  are  already 
described  in  the  respective  subsection.  Forty  grid  points  were  chosen  in  the  axial  direction,  up  to  a  distance  of  L=2D.  The 
grid  size  is  increased  down.stream  of  this  station  since  we  expect  reduced  gradients  in  the  flow  parameters.  Between  L=2D 
and  L  =  8D  we  choose  50  grid  points. 

We  examined  the  numerical  solutions  at  various  distances  from  the  injector  to  evaluate  the  magnitude  of  the  vorticity 
vector  and  also  the  cross-flow  velocities.  Figure  8  shows  vorticity  contours  at  various  distances  downstream  from  the  injec¬ 
tor.  It  appears  that  the  vorticity  in  the  flowfield  spreads  to  a  lateral  distance  nearly  one  diameter  from  the  fuel-air  inter¬ 
face  at  the  injector  exit.  Cross-flow  velocity  vectors  in  each  of  the  planes  examined  are  shown  in  Figure  9.  We  observe 
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Figure  7«  Nozzle  Internal  and  Ramp  External  Flow  Conditions  at 
Injector  Exit 

that  considerable  entanglement  of  the  airstream  and  fuel  stream  occurs  by  a  downstream  distance  of  8  times  the  fuel 
nozzle  diameter.  Even  with  a  fine  grid,  there  is  considerable  smearing  and  broadening  of  the  gradients  of  flow  parameters 
inherent  in  numerical  methods.  However,  one  can  define  the  regions  of  considerable  crossflows  and  increased  vorticity 
downstream  of  the  fuel  nozzle. 
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Figure  8.  Distribution  of  Vorticity  at  Various  Downstream  Distances 
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Figure  9.  Crossflow  Vector  Diagrams  at  Various  Downstream  Distances 


CONCLUSIONS 

It  is  observed  that  the  nonuniformities  in  the  flows  lead  to  considerable  generation  of  vorticity  and  entanglement  of  the 
two  streams  from  the  numerical  computations  carried  out  on  the  interaction  of  a  nonuniform  supersonic  jet  of  fuel  with  a 
nonuniform  supersonic  jet  of  air.  Present  computations  are  limited  to  inviscid.  nonreacting,  perfect-gas  streams  since  we 
wanted  to  explore  the  potential  of  the  new  concept  of  a  skewed  fuel  nozzle  in  a  conical  ramp.  The  present  numerical 
results  indicate  that  this  type  of  injector  contributes  to  necessary  fuel  distribution.  In  the  near  future,  FNS  solutions  will  be 
computed  including  chemical  reactions  to  evaluate  the  mixing  and  combustion  enhancement  one  can  obtain  within  a  lim¬ 
ited  length  of  a  supersonic  combustor. 
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Discussion 


STOLLERY 

What  was  the  ratio  of  the  nozzle  exit  diameter  of  your  nozzle  to  the 
boundary  layer  thickness? 

AUTHOR'S  REPLY 

The  paper  we  have  presented  here  is  based  on  EULER  solution  of  a  non 
uniform  supersonic  jet  of  fuel  interacting  with  a  nonuniform  air  stream 
bounded  by  a  side  wall.  Since  we  are  dealing  with  inviscid  flow  interactions, 
the  boundary  layer  on  the  side  wall  is  ingnored.  The  cross  flows  discussed  in 
the  paper  have  their  origin  in  the  pressure  and  the  density  gradients  in  the 
inviscid  flow  The  boundary  layer  is  quit  small  compared  to  the  exit  diameter 
of  the  nozzle. 

WINTERFELD 

COMMENT  ;  In  the  old  days  of  supersonic  combustion  activities  in  the  sixties 
we  investigated  this  configuration  experimentally  and  compared  it  with  a  ramp 
of  rectangular  shape.  The  aim  of  that  was  to  show  the  vortices  and 
how  these  ramps  work  and  we  could  not  get  a  lift  of  the  hydrogen  jet  away  from 
the  wall.  We  wanted  to  separate  the  hot  combustion  from  the  wall.  With  a 
square  ramped  injector  you  have  clear  shock  fronts  aside  and  therefore  in  part 
of  the  flow,  where  you  have  no  shocks,  you  can  get  quite  clear  vortices  but 
with  this  conical  ramp  injectors  we  could  not  get  any  succes. 
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SUMMARY 

One  method  of  heat  addition  to  a  supersonic  flow  is  by  means  of  shock-induced 
combustion  or  in  this  particular  study  a  detonation  wave.  In  order  to  assess  the 
performance  potential  of  a  propulsor  utilising  such  a  mode  of  heat  addition  a  first 
order  invlscid  computational  scheme  based  on  Godunov’s  method  was  developed.  This 
computational  method  was  chosen  since  it  allows  one  to  track  flow-field 
discontinuities  such  as  shocks  and  slipstreams,  thus  making  it  possible  to  generate  a 
vehicle  geometry  operating  at  design  conditions  for  given  freestream  conditions.  This 
same  code  was  also  used  to  determine  the  flow-field  generated  a  given  body  geometry 
at  off-design  conditions.  Pressures  acting  on  these  planar  and  axisymmetric  bodies 
were  calculated  and  used  to  determine  various  performance  parameters  over  a  range  of 
Mach  numbers./  Two  configurations  consisting  of  multiple  shock  external  and  internal 
inlet  compression,  followed  by  an  oblique  Chapman-Jouguet  detonation  wave,  were 
considered.  Aerodynamic  performance  of  planar  multiple  external  shock  inlet 
compression  vehicles  acting  as  lifting-rropi'lsive  bodies  (integrated  engine-airframe 
configurations)  was  also  investigated.  Off-design  performance  of  these  geometries  was 
evaluated  by  varying  the  heat  addition  to  the  flow  in  order  to  obtain  the  desired 
thrust-to-drag  ratio.  For  most  body  geometries  operating  at  flight  Mach  numbers  less 
than  the  design  Mach  number,  it  was  found  that  no  value  of  heat  addition  would 
maintain  the  design  thrust-to-drag  ratio.  However,  for  flight  Mach  numbers  greater 
than  the  design  Mach  number  it  was  found  that  there  usually  existed  at  least  two 
values,  and  in  some  cases  three,  of  heat  addition  which  would  give  the  design 
thrust-to-drag  ratio. 
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temperature 

thrust 

X  coordinate  of  velocity 
r  coordinate  of  velocity 
total  velocity 

coordinate;  abscissa  in  planar,  axial  in  axisymmetric  case 
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Hypersonic  ramjets  have  been  the  subject  of  many  investigations  (Refs.  1-8). 
Cycle  analyses  of  these  ramjets  show  that,  in  order  to  avoid  very  high  temperatures 
and  levels  of  dissociation  of  the  gases  and  achieve  reasonable  levels  of  thrust. 


25-2 


combustion  must  take  place  at  supersonic  speeds.  Two  main  concepts  of  supersonic 
combustion  have  emerged:  (1)  Injection  of  gaseous  fuel  into  a  supersonic  flow  where 
the  air  and  fuel  mix  gradually  and,  being  at  reacting  temperature  and  pressure, 
simultaneously  burn,  i.e.,  the  “diffusive**  burning  supersonic  combustion  ramjet 
(Scramjet);  (2)  shock-induced  combustion  vrttere  a  shock  is  employed  to  increase  the 
temperature  of  premixed  fuel  and  air  to  a  point  where  chemical  reaction  will  start. 
This  is  the  "shocked-combustion"  ramjet  (Shcramjet).  The  rate  of  chemical  reaction 
(burning)  depends  on  the  state  of  the  gas  after  it  has  been  compressed  by  the  shock 
and  the  shape  of  the  confining  walla.  For  extremely  fast  reactions  where  the  area  does 
not  increase  rapidly  enough,  a  "detonation  wave"  is  generated.  In  this  case  the 
effects  of  the  heat  release  are  felt  in  full  by  the  shock,  and  the  wave  behaves  as  a 
discontinuity  across  which  energy  is  released.  Therefore,  the  "detonation  wave" 
ramjet  is  a  purely  hypothetical  particular  case  of  a  shcramjet.  It  should,  however, 
be  noted  that  shock-induced  combustion  differs  from  detonations  in  gases  in  that  the 
chemical  reaction  behind  the  shock  does  not  necessarily  affect  the  shock.  A  nunflier  of 
ramjet  configurations  were  advanced  baaed  on  these  two  concepts  of  supersonic  burning. 
The  scramjet  concept  has  gained  more  attention  and  has  been  quite  extensively 
developed  into  practical  engine  configuration. 

The  full  potential  of  shcramjets  has  not  yet  been  explored  in  a  systematic 
manner.  Earliest  works  in  this  area  were  those  of  Dunlap,  Brehm  and  Micholls  (Ref.  2) 
and  Sargent  and  Gross  (Ref.  5),  which  presented  engine  performance  characteristics 
(specific  thrust,  specific  fuel  consumption)  in  the  flight  Mach  number  range 
3  <  M  <  10  based  on  a  simplified  one-dimensional  analysis.  These  initial  studies  were 
followed  by  a  number  of  detailed  experimental  investigations  of  norinal  and  oblique 
shock-induced  combustion  and  detonation  waves.  The  phenomenon  was  found  to  be  stable, 
reproducible  and  “friendly"  (Ref.  5).  It  was  also  concluded  that  the  "shock-induced 
combustion  employed  in  a  hypersonic  ramjet  offers  control  of  the  combustion  processes 
over  a  wide  range  of  flight  and  diffusion  Mach  number"  (Ref.  11). 

In  Ref.  13  Townend  studied  a  more  elaborate  hypersonic  detonation  ramjet 
configuration  consisting  of  multi-shock  diffusers  optimised  1^  the  Oswatltsch 
criterion  and  matched  (analytically)  to  strong  or  Chapman-Jouguet  detonation  waves 
(normal  or  oblique).  Thus,  in  the  case  of  full  expansion  in  the  nozzle,  one  can 
maximize  the  thrust  for  a  given  heat  release,  or  the  propulsive  efficiency  for  the 
specified  cycle  temperature.  He  concludeil  that  Chapman-Jouguet  detonation 
is  competitive  with  heat  addition  at  constant  pressure,  and  that  some  operating 
problems  of  hypersonic  detonation  wave  ramjets  -  such  as  premature  ignition, 
dissociation,  boundary  layer  separation  Induced  by  detonation  -  may  in  some  cases  be 
avoided.  He  emphasized  "the  need  for  research  on  oblique  rather  than  normal 
detonation  and  on  conical  rather  than  plane  waves"  (Ref.  13). 

More  recently,  R.  B.  Morrison  published  two  reports  (Refs.  14,  15)  on  oblique 
detonation  wave  ramjets,  in  which  he  studied  in  some  detail  multishock  external  and 
internal  compression  diffusers,  fuel  injection  losses,  combustion  chamber 
configurations,  effect  of  chemistry  on  oblique  detonation  wave  ramjets,  and  of 
real-gas  effects  on  nozzle  expansion.  Estimates  of  the  propulsion  performance  of 
external  and  internal  compression  ramjets  are  also  reported  based  on  simplified 
one-dimensional  analysis.  He  concludes  that  "the  oblique  detonation  wave  ramjet 
offers  a  great  potential  as  an  airbreathing  propulsor  to  extend  the  useful  range  of 
ramjet  flight  Mach  numbers  from  6  to  16  and  above.  Specific  impulses  and  thrust 
coefficients  that  would  be  obtainable  in  the  above  flight  range  would  exceed  70 
percent  of  ideal".  Detonation  wave  ramjets  were  also  investigated  by  F.  S.  Billlg  and 
co-workers  at  the  Johns  Hopkins  University,  Applied  Physics  Laboratory  (see,  for 
example.  Refs.  16  and  17),  within  the  context  of  a  wider  study  of  external  burning  in 
supersonic  streams. 

The  concept  of  heat  addition  to  a  supersonic  flow  by  shock-induced  combustion  has 
been  actively  developed  in  the  USSR  (see,  for  example.  Refs.  18  and  19).  A  simple 
model  of  a  hypersonic  ramjet  is  presented  in  Ref.  21. 

A  revival  of  interest  has  occurred  lately  in  detonation  wave  combustion  ramjet 
propulsion  for  hypersonic  flight  (Refs.  22-27).  In  Ref.  22  the  Oblique 
detonation  wave  engine,  in  combination  with  a  dual-fuel,  dual  expander  rocket  engine, 
has  been  proposed  as  a  propulsion  device  for  a  single  stage  earth-to-orbit  vehicle. 

In  Ref.  23,  the  analysis  performed  by  Morrison  in  Ref.  15  has  been  taken  a  step 
further  by  assuming  more  realistic  working  gas  properties  and  considering  a  more 
elaborate  detonation  wave  model.  The  estimated  performance  parameters  (fuel  specific 
impulse,  thrust  per  unit  inlet  area,  etc.)  are  essentially  based  on  a  one-dimensional 
cycle-type  analysis  rather  than  on  a  specific  vehicle  geometry.  Computational  fluid 
dynamic  methods  are  used  in  Refs.  24  and  25  to  Investigate  the  stability  of  standing 
oblique  detonation  waves.  Experimental  and  numerical  simulation  of  fuel  (hydrogen) 
injection  designs  as  well  as  the  mixing  and  subsequent  formation  of  an  oblique 
detonation  wave  are  reported  in  Refs.  26  and  27. 

In  this  paper  a  first-order  Godunov  scheme  (Ref.  28)  was  used  to  determine  the 
geometry  of  a  body  and  the  associated  flow-field  at  design  conditions.  Propulsive 
(and  in  planar  cases  aerodynamic)  performance  of  these  axlsymmetric  and  planar  bodies 
was  then  determined  by  integrating  the  pressure  distribution  acting  on  all  surfaces. 
The  performance  of  those  geometries  operating  at  Mach  numbers  greater  and  less  than 
the  design  Mach  number  was  also  evaluated  by  use  of  the  above  mentioned  code.  In 
order  to  make  meaningful  comparisons  the  thrust-to-drag  ratio  (Th/D)  was  maintained 
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constant.  This  was  achieved  in  the  on-design  case  by  assigning  a  value  of  heat 
addition  Q  which  gave  the  desired  maximum  cycle  temperature  (for  results  presented 
here  »  10)  and  varying  the  vehicle  geometry  until  a  Th/D  »  1  (cruise 

condit^ns)  was  achieved.  For  off-design  cases  the  body  geometry  obtained  from  the 
on-design  case  was  fixed  and  the  heat  addition  was  varied  in  order  to  achieve  the 
desired  thrust-to-drag  ratio.  Cruise  conditions  (Th/D  >1)  were  chosen  as  a  basis  of 
comparison  since  planar  geometries  can  also  act  as  lifting-propulsive  flight  vehicles 
and  their  performance  at  these  conditions  is  of  greatest  interest.  Aerodynamic  and 
propulsive  performance  over  a  range  of  maximum  cycle  temperatures,  flight  Mach  numbers 
and  thrust-to-drag  ratios  for  on-design  geometries  can  be  found  in  Ref.  29. 


THE  COMPUTATIONAL  METHOD 


The  equations  for  an  inviscld,  non-heat  conducting  flow  are: 


where 


a  f 

dx  dr 


pu 

pv 

pv 

pu^  +p 

puv 

♦ 

puv 

puv 

;  b  »  • 

pv^+p 

>1  u 

1 

n 

pv2 

puH 

pvH 

pvH 

(1) 


(2) 


(v  »  0  for  planar  flows)  and  u,  v,  p,  p  and  H  are  the  velocity  components  in  the  x  and 
r  directions,  pressure,  density  and  total  enthalpy,  respectively.  These  equations 
were  solved  using  Godunov's  first-order  scheme  (Ref.  28)  which  requires  that  the  flow 
everywhere  be  supersonic.  The  method  was  chosen  because  it  allows,  if  desired,  the 
tracking  of  discontinuities  (shock  waves,  slipstreams,  ...)  in  the  flow  with  resulting 
shape  (discontinuous)  profiles  of  the  flow  variables  across  them  (no  smearing  effect). 
This  capability  is  essential  for  the  inviscld  detonation  wave  ramjet  flow  analysis,  as 
it  allows  the  exact  determination  of  the  inlet  shock  intersections  with  walls,  the 
cowl  lip  position,  the  position  of  the  detonation  wave,  of  the  slipstream  separating 
the  nozzle  from  the  outer  flow,  and  the  position  of  emy  shocks  which  are  formed  or  die 
out  in  the  flow  field.  It  is  also  essential  for  off-design  cases  since  it  allows  one 
to  determine  the  point  where  the  detonation  wave  is  generated  and  how  the  complex 
shock  structure  changes  as  the  flight  Mach  number  deviates  from  design  conditions. 


If  S  is  the  area  of  an  annulus  in  the  x  »  const  plane  limited  by  two  circles  of 
radii  r4.(x)  and  r-(x)  such  that  r-(x)  <  r  <  r-|.(x),  then  it  can  be  shown  that  the 
differential  equations  of  motion,  Eq.  (1),  and  the  relationships  of  strong 
discontinuities  are  equivalent  to  the  following  system  of  integral  conservation  laws: 


1-  /  Sdr 
dx 
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r+ 

r_ 


fdr 
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where  r'  >  dr/dx,  and  b  and  f  are  given  by  Eq.  (2).  In  the  case  of  planar  flows 
the  integral  term  on  the  right-hand  side  of  Eq.  (3)  vanishes.  Integrating  the  system 
of  equations  (3)  from  x.  to  Xg  -t  hx  (see  Fig.  1)  and  applying  the  mean  value  theorem 
to  the  Integrals  along  the  contours  of  the  elemental  quadrilateral  of  the 
computational  grid,  the  following  finite-difference  relations  are  obtained  (notations 
are  shown  in  Fig.  1): 


(Shj.)^  -  (^hr)j-l/2  “  ~  ®^x  ^  j  ~  ~  ^^x  ^  j-1 

^  ^  (fh^)  >  (^r)j-l/2 


(4) 


Here  Aj  “  r^-rj.  Vector  quantities  denoted  by  capital  letters,  X  and  S,  represent  the 
value  of  the  vectors  a  and  t>  along  the  “longitudinal"  sides  of  the  elemental 
quadrilateral.  These  values  are  determined  from  the  solution  of  the  Riemann  problem 
of  interaction  for  two  semi-infinite  uniform  supersonic  flows  in  j-1/2,  j+l/2  and 
j-1/2,  j-3/2  regions.  The  downstream  values  of  the  flow  variables  (denoted  by 

superscript  j-l/2  at  Xg  +  hx)  can  be  calculated  from  the  system  of  equation.-  (4). 

With  appropriate  boundary  conditions  given  on  r  »  R-(x)  and  r  «  R.t.(x)  (walls,  free 
boundaries,  axis  of  symmetry,  ...)  and  the  proper  restriction  on  the  step  size  hx, 
stemming  from  stability  considerations,  the  whole  flow  field  of  interest  can  thus  be 
determined.  It  is  clear  that  any  strong  discontinuity  in  the  flow  field  (e.g.,  shocks 
and  slipstreams)  generated  by  the  solution  of  the  Riemann  problem  can  be  tracked  by 
taking  the  discontinuity  as  one  of  the  r>(x)  "longitudinal"  lines  in  the  computational 
domain. 
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OH-DBSIGH  METHODOLOGY 

Based  on  the  above  described  numerical  scheme  a  conqouter  program  was  developed  to 

compute  the  entire  flow  field  and  track  the  strong  discontinuities  of  the  two  planar 

or  axisymmetrlc  detonation  wave  powered  hypersonic  vehicles  (Fig.  2,  on-design 
conditions).  The  main  difference  between  these  configurations  is  the  type  of 
coiqpresslon  and  the  direction  the  flow  is  turned  in  the  inlet.  It  is  assumed  that  the 

fuel  (e.g.,  hydrogen)  is  Injected  either  in  the  inlet  or  in  the  channel  (Fig.  2)  and 

is  thoroughly  mixed  before  the  mixture  reaches  the  detonation  wave  station  ( for 
up-to-date  investigation  of  this  problem  see  Refs.  26  and  27).  The  temperature  of  the 
coiia>ustible  mixture  as  it  approaches  the  detonation  wave  must  be  less  than  its 
ignition  temperature.  It  is  raised  above  the  ignition  temperature  by  the  shock 
component  of  the  detonation  wave  and  the  rapid  energy  release  couples  with  this  shock 
to  form  the  detonation  wave.  The  gas  (air,  air/fuel  mixture  and  the  nozzle  exhaust) 
is  assumed  to  be  perfect  with  constant,  but  different,  values  of  the  specific  heat 
ratio  on  both  sides  of  the  detonation  wave.  The  shock  tracking  capability  of  the 
computer  program  is  extensively  used  to  generate  the  vehicle  geometry  at  design 
conditions  so  that  any  undesirable  shock  reflections  are  eliminated. 

Two  types  of  multi-shock  inlets:  external  (Fig.  2,  configuration  I)  and  internal 
(configuration  II)  were  considered.  To  generate  the  geometries  operating  at  design 
conditions  configuration  I  employs  two  equal  strength  shocks,  whereas  a  three  equal 
strength  shock  system  is  assumed  for  configuration  II  (see  Refs.  14,  15  and  23).  By 
specifying  the  forebody  angle  (an  input  to  the  computer  code)  and  free-stream 
conditions  at  design  flight  Mach  number,  the  computer  will  determine  the  inlet  wall 
angles  (at  point  A  in  configuration  I  and  at  points  C  and  D  in  configuration  II)  the 
shock  system  and  the  entire  inlet  flow  field.  In  the  axisymmetrlc  case  shock  strength 
equality  is  satisfied  at  points  A,  C  and  D  where  the  shocks  are  formed.  In 
configuration  I,  the  leading  edge  of  the  cowl  is  placed  at  the  intersection  point  B  of 
the  inlet  shocks,  while  in  configuration  II,  the  leading  edge  of  the  cowl  is  placed  on 
the  shock  OC.  Thus,  for  given  fixed  free-stream  conditions  and  inlet  configuration, 
the  degree  of  compression  is  controlled  by  the  forebody  angle  which  is  one  of  the 
parameters  in  the  evaluation  of  the  propulsive  performance  of  the  detonation  wave 
ramjet.  No  real-gas  effects  (caloric  imperfections)  on  the  performance  of  the  inlets 
were  considered  in  the  present  Investigation. 

In  the  first  phase  of  this  study  the  detonation  wave  is  considered  as  a 
discontinuity  across  which  a  certain  amount  of  heat  (0)  per  unit  mass  of  gas  is 
released  (the  Chapman- Jouguet  model).  The  specific  heat  ratio  is  assumed  to  be 
different  on  both  sides  of  the  detonation  wave  y  =1.4  before  and  y  =  1.25  after  the 
detonation  wave.  At  design  conditions  the  wedge  angle  which  initiates  combustion, 
point  B  in  configuration  I  and  point  E  in  configuration  II,  was  determined  from  the 
condition  that  the  detonation  wave  formed  at  this  point  was  a  Chapman-Jouguet  wave. 

The  position  at  point  F  where  the  detonation  wave  intersects  the  upper  contour  of  the 
vehicle  is  accurately  determined  by  tracking  the  detonation  wave. 


The  combustion  products  with  the  specified  value  of  the  specific  heat  ratio 
(y  =  1.25)  are  expanded  from  the  conditions  just  behind  the  detonation  wave.  Because 
of  the  asymmetric  location  of  the  nozzle  walls  and  the  absence  of  a  sonic  throat,  the 
design  of  a  maximum  thrust  nozzle  for  given  flow  conditions  of  the  detonation  wave 
presents  a  formidable  task.  Therefore,  the  asymmetric  (half  open)  nozzle  which  is 
formed  by  the  lower  surface  of  the  main  body  of  the  vehicle  and  the  upper  surface  of 
the  cowl  was  designed  by  assuming  that  the  Chapman-Jouguet  detonation  wave  is 
immediately  followed  by  a  Prandtl-Meyer  expansion  fan  centred  at  a  prescribed  radial 
distance  from  the  point  where  combustion  is  initiated  along  the  first  characteristic 
which  coincides  with  the  detonation  wave  (see  Fig.  2).  The  upper  contour  of  the 
nozzle  was  formed  by  the  Prandtl-Meyer  flow  streamline  initiated  at  the  intersection 
point  F  of  the  detonation  wave  and  the  body,  up  to  point  G  where  its  slope  is  zero, 
followed  by  a  cosine-type  contour  which  Insured  a  zero  slope  trailing  edge.  The 
length  of  this  portion  of  the  nozzle  contour,  from  point  G  to  the  trailing  edge  I  was 
specified  by  prescribing  the  angle  between  the  straight  line  joining  the  two  points 
and  the  horizontal  datum.  Similarly,  the  upper  surface  of  the  cowl  was  formed  by  the 
Prandtl-Meyer  streamline  passing  through  the  point  where  combustion  was  initiated. 

For  a  given  flow  condition  behind  the  detonation  wave  it  was  possible  to  control  the 
intersection  point  H  of  the  upper  cowl  surface  and  the  planar  lower  surface,  and  hence 
the  length  of  the  cowl.  The  same  method  of  cowl  design  was  also  adopted  for  the 
axisymmetrlc  case.  The  lower  surface  of  the  cowl  was  aligned  with  the  oncoming  flow 
direction  for  all  configurations  except  the  planar  version  of  configuration  I.  For 
this  case  the  lower  surface  of  the  cowl  was  assumed  parallel  to  the  forebody  wedge 
lower  surface  if  the  slope  of  the  upper  surface  was  greater  than  zero.  If  the  upper 
surface  slope  was  negative  then  the  leading  edge  angle  of  the  cowl  was  set  equal  to 
that  of  the  forebody  wedge  angle.  The  thrust  (and  lift)  generated  by  the  two 
configurations  was  determined  by  Integrating  the  pressure  along  its  wetted  contour. 


OFF-DESIGN  METHODOLOGY 


The  body  geometry  used  for  the  off-design  cases  is  simply  that  obtained  in  the 
on-design  case,  although  determining  the  point  to  initiate  the  detonation  wave  is 
somewhat  different  in  the  off-design  case.  As  a  consequence  of  the  mixing  assumption 
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stated  above.  It  was  found  that  the  detonation  wave  could  be  formed  on  the  surface  of 
the  cowl  or  in  midstream  between  the  cowl  and  the  body.  Whicdi  of  these  occurs  depends 
on  the  location  of  the  intake  shock  wave,  vdiich  contains  the  flow  between  the 
free-stream  and  the  body,  relative  to  the  cowl.  For  external  compression  geometries 
at  flight  Mach  numbers  less  than  the  design  Mach  number  the  shock  wave  angle  increases 
so  that  the  entire  cowl  is  located  within  the  inlet  flow  and  by  the  above  assumption 
within  a  combustible  mixture.  Therefore  the  detonation  wave  is  formed  at  the  leading 
edge  of  the  cowl  as  in  the  design  case.  For  flight  Mach  numbers  greater  than  the 
design  Mach  number  the  wave  angle  between  the  free-stream  2uid  body  decreases  giving 
rise  to  two  methods  by  which  the  detonation  wave  may  be  generated,  depending  on  the 
cowl  geometry  and  orientation.  If  the  upper  surface  angle  of  the  cowl  is  greater  than 
zero  a  shock  wave  is  formed  at  the  leading  edge.  If  this  shock  wave  intercepts  the 
shock  wave  generated  by  the  body  then  the  intersection  point  represents  the  point 
where  the  detonation  wave  starts  and  continues  until  it  intersects  the  body.  If  this 
leading  edge  cowl  shock  dies  out  beore  it  intercepts  the  intake  shock  or  if  the  upper 
cowl  angle  is  less  than  zero,  in  which  case  the  shock  wave  does  not  even  form,  then  it 
is  assumed  that  the  intake  shock  reflects  as  a  detonation  wave.  For  internal 
compression,  the  detonation  wave  was  formed  at  the  same  location  as  in  the  design 
case.  It  should  be  noted  that  in  both  configurations  the  detonation  wave  generated  at 
off-design  conditions  will  no  longer  be  at  the  Chapman-Jouguet  point. 


PERFORMASCE  CHARACTERISTICS 


The  two  configurations  (planar  and  axisymmetric)  considered  in  the  present  study 
are  shown  in  Fig.  2.  The  shocks  and  sliplines  tracked  by  the  computational  method  are 
also  shown.  For  given  incoming  flow  conditions  and  flight  Mach  number  the  aerodynamic 
and  propulsive  characteristics  of  these  integrated  configurations  were  determined 
subject  to  the  following  conditions. 

The  total  drag  of  the  vehicle  is  balanced  by  the  generated  thrust,  i.e.,  cruise 
conditions  are  assumed.  For  on-design  operation: 

1.  A  maximum  engine  cycle  temperature.  is  prescribed,  where  is  the 

temperature  immediately  downstream  of™the  point  where  the  detonation  wave  is 
initiated. 

2.  The  detonation  wave  is  operating  at  the  Chapman-Jouguet  condition  at  its  point  of 
initiation. 

The  following  parameters  were  evaluated: 

(a)  the  thrust  coefficient. 


(b)  the  propulsive  efficiency, 

Th  *  V 


maQ 

and  (c)  the  cruise  efficiency, 

hpL/D 

where  Th  is  the  total  generated  thrust,  m^  the  captured  air  mass  flow  rate,  V„,  the 
free-stream  velocity,  0  the  heat  addition  per  unit  mass,  and  L/D  the  lift-to-drag 
ratio  of  the  planar  configuration.  Each  point  on  the  performance  curves  represents  a 
specific  computer-generated  configuration. 

In  all  cases  the  inlet  or  forebody  angle  was  maintined  at  5*  and  the  angle 
between  the  line  joining  points  F  and  I  (see  Fig.  2)  and  the  free-stream  was 
maintained  at  10*. 


COMFXGURATlOtl  I  -  PLAMAR  BODY 


This  configuration  acts  as  a  lifting-propulsive  body.  Lift  is  generated  by  the 
intake,  nozzle  section  and  the  lower  cowl  surface,  whereas  thrust  is  generated  by  the 
nozzle  and  the  upper  cowl  surface.  As  mentioned  previously,  the  cowl  lower  surface 
angle  relative  to  free-stream  is  set  equal  to  the  forebody  angle  in  cases  vdiere  the 
upper  surface  leading  edge  of  the  cowl  is  positive.  For  negative  values  the  angle 
between  the  upper  and  lower  leading  edge  surfaces  of  the  cowl  was  maintained  at  5*. 
Therefore,  one  finds  that  as  the  Mach  number  Increases  beyond  a  certain  value  the  cowl 
angle  relative  to  the  oncoming  flow  increases.  This  results  in  a  noticeable  change  in 
flight  performance  (see  Ref.  28  for  details)  and  for  the  cases  studied  here 
(  (T^x/'^-^design  ”  «><=«=««  at  about  M,  •  12. 
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Figure  3  Is  a  sketch  of  a  typical  Th/D  vs.  0  obtained  for  this  planar 
configuration,  and  has  a  characteristic  shape  of  an  Inverted  V.  Several  noteworthy 
conclusions  arise  from  this  sketch.  For  a  ^Iven  body  geometry  there  is  one  value  of  Q 
which  gives  a  maximum  Th/D.  If  Q  is  decreased  then  Th/D  decreases.  Physically  this 
is  due  to  the  fact  that  the  detonation  wave  angle  decreases  and  Is  Ingested  by  the 
nozzle,  l.e..  It  Intercepts  the  nozzle  wall  downstream  of  the  nozzle  Inlet,  hence  the 
detonation  wave  is  weakened  and  the  nozzle  does  not  feel  the  full  effect  of  the 
detonation  wave  and  produces  less  thrust.  If  the  value  of  Q  is  greater  than  that 
corresponding  to  the  maximum  Th/D  then  the  detonation  wave  intercepts  the  Intake  wall 
before  the  point  where  the  nozzle  begins,  thus  producing  Increased  drag.  This  Is  well 
illustrated  in  Fig.  4  which  shows  a  body  designed  for  =  10  operating  at  =  10.4 
for  two  different  values  of  Q,  a  low  and  high  value,  which  both  give  a  Th/O  =  1.0.  For 
«  10.4  the  detonation  wave  is  formed  in  midstream  whereas  for  =  11.4  it  is 
formed  on  the  cowl  surface  as  shown  in  Fig.  4.  The  maximum  Th/D  occurs  when  a  value 
of  Q  causes  the  detonation  wave  to  intercept  the  body  at  the  point  where  the  nozzle 
inlet  starts.  Figure  3  shows  that  this  maximum  Th/D  decreases  as  the  flight  Mach 
number  decreases,  with  Th/D„^  »  1.0  at  the  design  point  since  the  design  criteria 
requires  that  the  nozzle  be^n  where  the  detonation  wave  intercepts  the  body.  For 

”7  ^  Us'Jfiaigi?  ’’^/Pmax  >  ^-design  there  are  two  values  of  Q  which 

give  Th/D  *•  I.O,  resulting  in  low  and  high  temperature  conditions  since  temperature  is 
proportional  to  heat  addition.  When  the  detonation  wave  is  formed  by  the  criteria 
mentioned  previously  it  is  found  that  up  to  a  flight  Mach  number  of  11.2  the 
detonation  wave  is  formed  within  the  intake  flow,  and  as  the  Mach  number  increases  the 
point  where  the  detonation  wave  is  formed  moves  away  from  the  cowl  and  towards  the 
body  and  farther  downstream  of  the  cowl  leading  edge.  However,  as  this  occurs  the 
oblique  shock  generated  by  the  upper  leading  edge  surface  of  the  cowl  is  weakened. 

When  the  flight  Mach  number  increases  beyond  11.2  the  cowl  shock  dies  out  before  it 
intercepts  the  intake  shock  generated  by  the  body.  Consequently  for  Mach  numbers 
greater  than  this  value  the  detonation  wave  is  now  generated  on  the  cowl  surface. 
Figure  4  shows  several  shock  interactions  at  various  conditions.  Varying  the 
initiation  point  of  the  detonation  wave  leads  to  the  discontinuity  in  slope  as  shown 
in  the  plot  of  tip  vs.  (Fig.  5).  This  figure  also  shows,  as  one  might  expect,  that 
the  propulsive  efficiency  decreases  as  one  deviates  from  design  conditions, 
particularly  for  a  high  value  of  Q.  The  thrust  coefficient  C™  curves  (Pig.  6)  show 
clearly  that  the  high  value  of  Q  generates  a  greater  thrust  tnan  that  at  design 
conditions  whereas  the  low  value  of  Q  generates  less  thrust  which  is  what  one 
anticipates  from  the  discussion  above.  As  one  deviates  from  the  design  condition  the 
lift-to-drag  ratio  increases  as  shown  in  Pig.  7.  This  is  in  agreement  with  the  above 
explanation  since  if  drag  decreases  L/D  increases.  If  thrust  increases  then  drag  also 
increases  but  the  increased  drag  produced  by  the  intake  also  contributes  to  lift  as 
does  the  increased  thrust  produced  by  the  nozzle.  Cruise  efficiency  (Fig.  8)  is  less 
than  that  at  design  conditions,  mainly  due  to  the  decrease  in  propulsive  efficiency. 

In  general,  as  the  value  of  Q  is  increased,  for  a  constant  value  of  flight  Mach 
number,  the  point  where  the  detonation  wave  intercepts,  the  body  moves  forward  out  of 
the  nozzle  and  into  the  intake  section.  This  detonation  wave  is  always  reflected  by 
the  body  as  a  shock  wave  for  off-design  conditions  (see  Fig.  9).  As  the  M^  approaches 
the  M^d-siqn  intersection  of  the  detonation  wave  and  the  body  which  gives  a 

Th/D  “  I.O^moves  closer  to  the  point  where  the  nozzle  is  formed  (Pig.  10). 

For  a  design  Mach  number  of  12  the  leading  edge  upper  surface  slope  of  the  cowl 
is  less  than  zero,  resulting  in  a  substantial  difference  in  performance  since  the  cowl 
now  produces  only  thrust.  Consequently  the  detonation  wave  is  generated  on  the  upper 
surface  of  the  cowl  in  all  cases  and  this  is  reflected  in  the  fact  that  there  are  no 
discontinuous  changes  in  slope  for  the  various  performance  parameters. 

For  this  design  Mach  number  the  Th/D  vs.  Q  for  various  flight  Mach  numbers  is 
different  from  that  of  ^<je3iqn  “  .  As  shown  in  Fig.  11  the  Th/D  vs.  Q  curve  again 

consists  of  an  inverted  V,  as^was  the  case  for  N^a-gian  “  however  this  time  the 
maximum  is  a  relative  maximum,  followed  by  a  relative^minimum  as  Q  Increases.  If  the 
value  of  Q  is  increased  still  further  the  Th/D  increases  until  at  some  point  the  Mach 
number  behind  the  detonation  wave  is  sonic.  It  is  believed  that  this  result  of  three 
values  of  Q  giving  Th/D  «  1  is  due  to  the  orientation  and  length  of  the  cowl,  bow  and 
raid- values  of  Q  behave  as  before  however,  for  high  values  of  Q  the  detonation  wave 
reflects  from  the  body  as  a  shock  wave  and  this  shock  wave  reflects  from  the  upper 
surface  of  the  cowl.  Also,  as  the  flight  Mach  number  increases,  the  point  where  the 
reflected  shock  intercepts  the  cowl  moves  back  toward  the  trailing  edge.  The  result 
is  that  the  relative  minimum  Th/D  increases  with  Mach  number  until  at  some  it  is 
greater  than  Th/D  «  1  (i.e.,  M^  =  13.8).  Therefore,  at  high  Mach  numbers,  there 
exists  only  one  value  of  Q,  namely  the  lower  value  which  gives  Th/D  •  1. 


Figure  12  shows  that  at  low  M^  the  mid-value  of  Q  gives  a  higher  lift  over  drag 
than  that  of  the  low  Q.  This  is  probably  due  to  the  fact  that  for  mid-Q  drag 
increases  and  so  does  the  thrust  and  lift.  But  the  negative  lift  generated  by  the 
cowl  does  not  begin  to  have  a  significant  effect  until  a  higher  Mach  number  is 
reached.  For  the  high  Q,  one  sees  that  the  thrust,  and  hence  drag  (Th/D  »  1), 
Increases  with  decreasing  but  the  lift  over  drag  decreases.  This  implies  that  the 

upper  surface  of  the  cowl  is  rapidly  decreasing  the  lift  since  it  is  responsible  for 
any  downward  force  or  negative  lift  produced.  This  is  not  surprising  considering  the 
fact  that  there  are  high  pressures  acting  on  the  cowl  due  to  the  shock  wave  reflecting 
off  its  upper  surface. 
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The  propulsive  efficiency  is  shown  in  Fig.  13  behaving,  as  one  might  expect,  with 
higher  values  of  Q  giving  lower  propulsive  efficiency.  Cruise  efficiency.  Fig.  14,  is 
very  similar  in  form  to  that  of  propulsive  efficiency  indicating  once  again  that 
propulsive  efficiency  is  the  dominant  parameter. 

Examination  of  Pigs.  12  to  14  shows  that  for  low  and  mid-Q,  performance  values 
tend  toward  the  design  value  as  one  would  anticipate.  The  high  value,  on  the  other 
hand,  does  not  correspond  to  the  design  condition  at  all,  since  in  this  case  it  so 
happens  that,  for  this  high  value  of  Q,  the  thrust  produced  by  the  cowl  and  the  nozzle 
is  sufficient  enough  to  counteract  the  increased  drag  produced  by  the  detonation  wave 
intersecting  the  inlet  wall.  Oue  to  the  fact  that  a  high  0  value  exists,  one  finds 
that  for  this  configuration  it  is  possible  to  obtain  Th/D  =  1  for  Such 

values  are  also  shown  in  Figs.  12  to  14.  Temperature  plots  for  the  three  different 
values  of  Q  over  a  range  of  (Fig.  15)  indicate  that  they  are  well  within  the 

realm  of  real-gas  effects  which  are  not  accounted  for  in  this  study.  They  are 
presented  here  for  interest  since,  from  a  design  point  of  view,  such  high  temperatures 
and  their  associated  losses  are  of  little  practical  use. 


CONFIGURATION  I  -  AXI SYMMETRIC 


Two  axisymmetric  bodies,  one  based  on  a  design  Mach  number  of  10  and  the  other  on 
12,  were  studied.  In  both  of  these  cases  the  lower  surface  of  the  cowl  was  aligned 
with  the  free-stream.  As  a  result  of  this  common  design  geometry  it  was  found  that 
for  both  cases  the  thrust/drag  ratio  as  a  function  of  heat  addition  Q  was  in  the  form 
of  an  inverted  V.  As  in  the  planar  case,  the  maximum  Th/D  occurs  when  the  detonation 
wave  intercepts  the  point  where  the  nozzle  begins.  For  values  of  Q  less  than  that 
which  gives  maximum  Th/D,  the  detonation  wave  intercepts  the  body  within  the  nozzle 
section.  Higher  values  of  Q  cause  the  detonation  wave  to  intercept  the  body  in  the 
intake  section,  causing  an  increase  in  drag.  For  low  values  rf  Q  the  inlet  flow 
expands  just  prior  to  the  detonation  wave,  thus  weakening  the  detonation  wave.  This 
does  not  occur  for  high  values  of  Q.  The  effect  of  heat  addition  and  flight  Mach 
number  on  the  detonation  wave  for  the  cases  presented  here  are  similar  to  those  for 
the  ^ach^^g  =  10  planar  case.  It  should  be  noted  that  the  cowl  length  for  the 
Mach  12  design  is  greater  than  that  for  Mach  10.  As  a  result  of  this  longer  cowl  it 
is  possible  that,  under  certain  values  of  Q  and  flight  Mach  number,  the  reflected 
shock  wave  generated  by  the  body  when  the  detonation  wave  intercepts  it,  can  also 
intercept  and  reflect  from  the  upper  surface  of  the  cowl.  This  occurs  when  the  flight 
Mach  number  is  large  and  for  high  values  of  heat  addition. 

Figures  16  and  17  show  the  thrust  coefficient  and  propulsive  efficiency, 
respectively,  for  a  Mach  10  body  design.  The  thrust  coefficient  behaves  as  one  might 
expect;  there  is  a  slight  rise  in  propulsive  efficiency  around  Mach  11,  but  the  value 
of  propulsive  efficiency  never  exceeds  that  obtained  at  design  conditions. 

For  Mach  12  designs  the  thrust  coefficient  is  shown  in  Fig.  18.  The 
discontinuity  in  slope  which  occurs  for  high  values  of  Q  at  Mach  13  is  due  to  the 
shock  wave  reflecting  from  the  cowl  upper  surface,  as  explained  above.  This  behaviour 
is  also  apparent  in  the  propulsive  efficiency  curves  shown  in  Fig.  19.  For  low  values 
of  Q  it  is  unexpectedly  found  that  the  propulsive  efficiency  decreases  to  a  minimum  at 
about  «  12.4,  then  rises  slowly  as  increases.  For  this  configuration  and 
geometry,  as  well  as  all  others,  the  high  value  of  Q  varied  more  than  the  low,  and 
that  these  values  of  Q  were  usually  greater  than  the  design  values. 

It  was  found  that  for  these  axisymmetric  geometries  no  value  of  heat  addition 
would  give  a  Th/D  =  1  or  greater  for  flight  Mach  numbers  less  than  the  design  Mach 
number. 


CONFIGURATION  II  -  AXISYMMETRIC 


The  Th/D  curve  for  this  configuration  is  shown  in  Fig.  20.  It  is  similar  to  that 
obtained  for  the  planar  Mach  12  design.  However,  for  the  geometry  studied  here,  it 
was  found  that  the  local  maximum  Th/D  for  Mach  numbers  other  than  the  design  Mach 
number  never  reach  a  value  of  one.  However,  a  very  large  value  of  Q  did  give  a 
Th/D  =  1,  but  the  Mach  number  behind  this  high  Q  value  detonation  wave  was  only 
slightly  greater  than  one.  As  the  flight  Mach  number  was  increased,  the  value  of  Q 
also  had  to  be  increased  until  at  some  point  (M^  =  10.6)  the  flow  was  sonic  behind  the 
detonation  wave. 


CONCLUSIONS 


Based  on  the  results  presented  here  one  can  conclude  that,  provided  the  flight 
Mach  number  is  greater  than  the  design  Mach  number  (planar  or  axisymmetric),  there 
exist  at  least  two  values  of  heat  addition  parameter  which  would  give  the  design 
thrust-to-drag  ratio  for  the  external  compression  detonation  wave  ramjets.  There  were 
also  cases  in  which  there  could  be  a  third  high  value  of  heat  addition  which  would 
give  the  desired  Th/D  =  1;  however,  in  this  case  the  temperatures  obtained  were 
extremely  high  and  well  within  the  realm  of  real-gas  effects.  It  was  found  that,  for 
flight  Mach  numbers  less  than  the  design  Mach  number,  the  Th/D  was  always  less  than 
the  design  Th/D  except  in  the  case  where  the  third  value  of  Q  existed.  The  existence 
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of  this  third  high  value  of  heat  addition  seemed  to  be  completely  dependent  on 
the  geometry  of  the  body. 

For  the  internal  compression  geometry  studied  here  it  was  not  possible  to  obtain 
Th/D  >  1  for  flight  Mach  numbers  above  or  below  the  design  Mach  number,  except  for 
very  large  values  of  Q  which  correspond  to  the  high  third  value  discussed  above. 

In  general  it  can  be  stated  that  the  off-design  performance  deteriorates  relative 
to  on-design  performance,  particularly  in  the  case  of  propulsive  efficiency  and,  where 
applicable,  cruise  efficiency.  Furthermore,  the  results  obtained  seem  to  suggest  that 
off-design  performance  is  highly  geometry-dependent. 
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Fig.  1  THE  COMPUTAIONAL  GRID 


-  shock  *0VQ  —  *1 ipstreo* 


Fig.  2  DETONATION  WAVE  RAMJET  CONFIGURATIONS 


Fig.  3  SKETCH  of  Th/0  vs.  0  for  Planar  Mach  10  Body 
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Fig.  4  SHOCK  WAVE  INTERACTION  for  Planar  Noch  ID  Body 


Fig.  6  THRUST  CtEFFICIENT  (Planar  NdMign>10) 


Fig.  8  CRUISE  EFFICIENCY  (Plorar  NdMiTi-lO) 
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Fig.  13  PROPULSIVE  EFFICIENCY  (Planar  Ndwign-lZ) 
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Fig.  14  CRUISE  EFFICIENCY  (Planer  MdMign-12) 
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Fig.  IS  NAXIHUM  TEMPERATURE  (Planar  HdMlgn-12)  Fig.  16  THRUST  COEFFICIENT  (Axisywtric  Hdosign-lZ) 


Fig.  18  THUST  COEFFICIENT  (AxicyMtric  Ndaci7i>12} 
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Fig.  19  PROPULSIVE  EFFICIENCY  (AxioyiMtric  NdMign-iZ) 


Fig.  20  SKETCH  of  ThA)  vs.  0  for  Axisy—etric 
Intsmol  Coopresslon  Body 
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Discussion 


ESCHER 

In  this  concept,  fuel  injection  and  mixing  takes  place  during  the  inlet 
or  air  precompression  process  yielding  a  homogeneous  fuel/air  mixture  at  the 
detonation  wave. 

1)  What  mixing  means  have  been  considered,  either  conceptual  or 
experimental,  for  creating  such  a  homogeneous  mixture? 

2)  Can  avoidance  of  "premature"  ignition  and  combustion  be  assumed 

(considering  the  very  low  ignition  energy  of  hydrogen  fuel)  by  reverse  flow 
components  in  the  boundary  layer? 

AUTHOR'S  REPLY 

1)  Several  methods  of  mixing  are  possible.  Some  concepts  involve 
injecting  the  hydrogen  fuel  at  various  angles  relative  to  the  inlet  flow  in 
order  to  induce  mixing.  Another  method,  which  has  been  investigated,  is  the 
phenomenon  of  mixing  enhancement  induced  by  the  oblique  inlet  compression 
shocks  themselves.  Extensive  further  research  is  needed  to  accomplish  a 
sufficient  degree  of  homogeneity  of  the  fuel/air  mixture  before  the  detonation 
wave. 

2)  This  is  also  another  phenomenon  which  will  have  to  be  further 

investigated.  Premature  ignition  could  be  avoided  by  carefully  controlling  the 
temperature  of  the  mixture  before  it  reaches  the  detonation  wave.  Further 
research  is  also  necessary  in  this  area. 

TOWNEND 

The  propulsive  efficiency  values  seem  low  for  the  Mach  numbers  and 

tempratures  used.  For  such  flow  models,  it  should  be  possible  to  obtain 
propulsive  efficiencies  of  50%  to  60%  as  I  recall.  Please  can  you  comment  on 
this? 

AUTHOR'S  REPLY 

Propulsive  efficiency  is  geometry  dependant,  so  for  the  design 

methodology  used  here  one  obtains  efficiencies  which  seem  low,  but,  it  is  not 
unreasonable  to  assume  higher  values  are  possible  since  the  design  methodology 
here  is  by  no  means  an  optimum  one.  It  should  also  be  noted  that  as  the 
thrust-to-drag  ratio  increases  so  too  does  the  propulsive  efficiency.  So  the 
results  presented  here  (Th/D=l)  represent  the  lowest  efficiencies.  One  also 
finds  that  the  propulsive  efficiency  can  vary  from  0.1  to  0.8  for  low  to  high 
Mach  numbers  respectively.  More  details  can  be  found  in  reference  29  of  this 
paper. 

SCHWAB 

You  showed  examples  for  Mach  numbers  between  10  and  12.  What  are  the 
reasons  for  the  design  at  these  Mach  numbers?  What  happens  for  design  Mach 
numbers  lower  than  10? 

AUTHOR'S  REPLY 

The  choice  of  Mach  numbers  between  10  and  12  was  rather  an  arbritary 
choice.  The  major  restriction  was  computing  time  and  money. 
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ABSTRACT 


Wave  Comboaton,  which  inclode  the  Oblique  Detonation  Wave  Engine  (ODWE),  are  attractive  propulsion  concepts  lot  hyper¬ 
sonic  flight.  These  engines  utilize  oblique  shock  or  detonation  waves  to  rapidly  mix,  ignite  and  combust  the  air-fuel  mixtiue 
in  thin  zones  in  the  combustion  chamber.  Benefits  of  these  combustion  systems  include  shorter  and  lighter  engines  which  will 
require  less  cooling  and  can  provide  thrust  at  higher  Mach  numbers  than  conventional  scramjets.  The  Wave  Combustor’s  ability 
to  operate  at  lower  combustor  inlet  pressures  may  allow  the  vehicle  to  operate  at  lower  dynamic  pressures  which  could  lessen 
the  heating  loads  on  the  airframe. 

The  research  program  at  NASA-Ames  includes  analytical  studies  of  the  ODWE  combustor  using  Computional  Fluid  Dynamics 
(CFD)  codes  which  fully  couple  finite  rate  chemistry  with  fluid  dynamics.  In  addition,  experimental  proof-of-concept  studies 
are  being  carried  out  in  an  arc  heated  hypersonic  wind  tunnel.  Several  fuel  injection  designs  were  studied  analytically  and 
experimentally.  In-stream  strut  fuel  injectors  were  chosen  to  provide  good  mixing  with  minimal  stagnation  pressure  losses. 
Measurements  of  flow  field  properties  behind  the  oblique  wave  ate  compared  to  analytical  predictions. 

NOMENCLATURE 


C, 

I$p 

M 

ODWE 

V 
9 

R 

T 

TAV 

V 
X 

V 
Z 
<!> 


Thrust  coefficient 
Specific  impulse 
Mach  number 

Oblique  Detonation  Wave  Engine 
pressure 

dynamic  pressure 
Reynolds  Number 
Temperature 

IVans-atmospheric  Vehicle 
velocity 

lateral  distance  from  centerline  of  strut 
vertical  distance  from  nozzle  floor 
axial  distance  fron  trailing  edge  of  strut 
equivedence  ratio 


Subscripts 

(  =  total 

oo  =  free  stream  value 


INTRODUCTION 

The  use  of  detonation  waves  to  initiate  and  enhance  combustion  has  been  proposed  since  the  1940’8‘.  Some  analyses  have 
been  made  using  both  normal  and  oblique  waves^'^.  Normal  waves  are  hard  to  stabilize  and  they  produce  higher  stagnation 
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piewuK  losses  th&n  oblique  waves.  However,  it  is  not  clear  that  stabilized  oblique  detonation  waves  have  been  established  in 
laboratory  conditions*’^ .  While  free-running  normal  detonations  have  been  observed  to  be  classsical  Chapman- Jonguet  waves 
with  sonic  gas  velocities  behind  the  wave,  stationary  oblique  waves  do  not  necessarily  fuliill  this  condition.  We  will  define 
an  oblique  detonation  as  a  wave  where  the  pressure  field  generated  by  combustion  behind  the  wave  influences  the  wave  itself. 
This  influence  is  manifested  in  a  rotation  of  the  oblique  wave  to  a  more  normal  orientation.  The  limiting  case  is  an  oblique 
Chapman-Jougnet  detonation  where  the  normal  velocity  component  behind  the  wave  becomes  sonic.  Farther  heat  addition  will 
cause  the  wave  to  detach  from  the  anchoring  point  and  rotate  to  a  more  normal  orientation. 

Several  studies  have  been  made  recently  of  the  application  of  oblique  detonation  waves  to  hypersonic  propulsion*’^ .  These  re¬ 
ports  have  shown  that  heat  addition  at  zui  oblique  detonation  wave  cam  provide  combustor  performance  equal  to  the  conventional 
scramjet  combustor.  While  the  deliberate  creation  of  shock  waves  may  seem  to  create  additional  losses,  the  detonation  wave 
can  be  considered  to  be  the  last  wave  in  a  multi-shock  diffuser.  In  addition,  there  b  analytical  evidence  that  heat  addition  with 
shocks  may  not  be  as  inefficient  as  previously  thought  *.  Furthermore,  it  b  highly  unlikely  that  shock  waves  can  be  avoided 
in  supersonic  combustors  with  fuel  injection  and  boundary  layer  regions.  Indeed,  the  design  of  supersonic  combustors  should 
utilbe  the  shock  waves  to  enhance  mixing  and  combustion. 

TRANS-ATMOSPHERIC  VEHICLE  MISSION  STUDIES 

In  order  to  determine  the  performance  potential  of  the  ODWE,  a  simulation  of  a  typical  single-stage-to-orbit  trans-atmospheric 
vehicle  (TAV)  mission  was  completed.  Performance  and  sbing  estimations  for  the  TAV  were  made  using  a  hypersonic  vehicle 
synthesb  code  for  trans-atmospheric  designs*.  Estimates  can  be  made  of  aerodynamic  characteristics,  aero-thermal  heating, 
ptopubion  system  performance  and  structural/subsystem  weights.  An  automated  vehicle  closure  algorithm  iterates  the  trajec¬ 
tory  analysb  to  close  the  design  on  both  vehicle  weight  and  volume. 

To  sbe  the  vehicles,  a  mission  was  selected  which  carried  a  payload  of  15,000  pounds  into  a  Low  Earth  Orbit  (LEO)  of  120  nau¬ 
tical  miles  altitude.  A  horizontal  takeoff  in  the  easterly  duection  from  Kennedy  Space  Center  was  assumed,  with  an  on-station 
duration  of  sb  hours.  Two  ascent  trajectories  were  studied,  with  dynamic  pressures  of  1000  and  2000  pounds  per  square  foot 
(psf).  The  flight  path  was  constrained  to  give  100  pounds  per  squue  inch  (psi)  duct  pressure  at  lower  supersonic  Mach  numbers 
and  a  maximum  mean  surface  equilibrium  radiation  temperature  of  2000  F  (1367  K)  for  high  Mach  numbers.  The  speed  at 
which  the  abbreathing  engine  thrust  was  augmented  by  a  rocket  was  optimbed  to  minimize  the  gross  takeoff  weight.  A  descent 
trajectory  was  flown  near  peak  L/D  to  maximbe  the  descent  cross-range  capability.  Fuel  reserves  of  2%  of  mission  fuel  were 
assumed  for  the  landing  maneuver. 

General  Vehicle  Design 

The  general  vehicle  configuration,  shown  in  Fig.  1,  b  a  lifting  body  with  aft  mounted  horbontal  and  vertical  taib.  The  total 
ptopubion  system  consbts  of  two  abbreathing  engines,  one  for  Mach  numbers  below  6,  imd  a  scramjet  or  an  ODWE  for  the 
remaining  part  of  the  flight.  In  addition,  a  rocket  engine  b  used  in  conjuction  with  the  ab-breathing  engine  for  the  high  altitude, 
high  Mach  number  portion  of  the  trajectory.  Liquid  hydrogen  b  the  fuel  for  all  engines. 

One-dimensional  Engineering  Analysis  of  ODWE 

A  one-dimensional  engineering  code  was  developed  to  provide  the  engine  data  base  for  an  analysis  of  Tkems-atmospheric  Vehicles 
powered  by  either  ODWE  or  scramjet  engines.  The  engine  data  was  then  used  in  another  code  for  mission  analysb  studies. 
The  results  of  these  comparisons  were  presented  in  Ref.  10.  The  first  calculations  were  made  for  a  scramjet  engine.  After 
succesful  tests  of  the  modifications,  a  second  version  of  the  code  was  developed  to  model  the  ODWE.  Both  simulations  were 
one  dimensional,  and  involved  many  simplifying  assumptions  which  are  common  in  thb  kind  of  analysb. 

A  detbled  description  of  thb  propulsion  model  was  also  presented  in  Ref.  10.  For  the  scramjet  case,  the  inlet  operates  in  a 
four  shock  mode  which  gives  good  performance  over  all  flight  conditions.  However,  for  the  ODWE  case,  the  oblique  detonation 
wave  acts  as  a  diffuser,  so  fewer  inlet  shocks  are  needed.  In  this  mode,  two  inlet  shocks  are  sufficient.  The  viscous  and  pressure 
drag  forces  from  nose-to-  tail  on  the  underbody  or  engine  side  of  the  vehicle  are  accounted  for  in  the  two  engine  performance 
parameters,  specific  impulse  and  thrust  coefficient.  The  thrust  coefficient  b  defined  as  the  thrust  normalbed  by  the  product  of 
dynamic  pressure  and  capture  area.  Engine  specific  impulse  b  obtained  by  dividing  thrust  by  the  fuel  weight  flow  rate.  The 
remaining  vehicle  drag  not  accounted  for  in  the  thrust  coefficient,  which  includes  the  top,  sides,  cowl  bottom  surface  and  control 
surfaces  b  assigned  to  the  vehicle  aerodynamic  characteristics.  The  efficiency  of  the  propubion  system  depends  on  various 
factors  including  the  flight  Mach  number,  dynamic  pressure,  forebody  shape,  fuel  temperature  and  equivalence  ratio. 

General  Engine  Performance 

The  results  of  the  engine  performance  calculations  show  that  specific  impulse  and  thrust  coefficients  depend  on  dynamic  pres¬ 
sure,  combustion  efficiency,  fuel  temperature  and  equivalence  ratio.  Certain  trends  can  be  observed.  As  shown  in  Fig.  2,  it 
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ia  evideiit  that  higher  heat  recycling  bom  the  engine  leada  to  higher  injected  fuel  temperatnrea  and  larger  valnea  of  apedfic 
impnlae  and  thruat  coefficient.  We  aaaame  that  the  fnel  ia  injected  at  a  conatant  Mach  number  of  2.5.  Aa  more  heat  ia  added  to 
increaae  the  stagnation  temperature,  aignificant  momentum  can  be  gained  from  the  fnel  ejection.  However,  fnel  temperature  ia 
limited  by  the  amount  of  heat  which  can  be  abaorbed  bom  the  atrnctnre  and  by  the  temperature  limita  of  the  materiala  need  to 
atore  and  tranaport  the  fuel.  In  thia  atudy,  we  will  aaanme  that  90%  of  the  heat  loada  have  been  abaorbed  by  the  fuel.  The  fuel 
ia  then  heated  to  a  limiting  temperature  of  1100  K  (1520  F),  which  ia  repreaentative  of  the  current  materiala  available  for  fuel 
atorage  and  tranaport.  If  thia  temperature  limit  ia  exceeded,  then  an  amount  of  fuel  in  excesa  of  atoichiometric  mnat  be  need. 
The  reaulting  equivalence  ratio  versus  Mach  number  schedule  for  the  acramjet  is  shown  in  Fig.  3  for  various  fuel  temperature 
limits. 

Since  the  ODWE  combustor  is  shorter,  a  stoichiometric  mixture  can  be  maintained  to  a  Mach  number  of  17.5  compared  to  14 
for  the  scramjet,  for  a  fnel  temperature  of  1100  K.  While  heat  recycle  increases  engine  performance  for  stoichiometric  mixtures, 
the  effect  of  using  excess  fuel  to  maintain  a  specified  temperature  limit  may  increase  the  thrust  coefficients  but  will  lower  the 
specific  impulses  as  shown  in  Fig.  4.  It  is  clear  that  the  cooling  requbements  seriously  affect  the  performance  of  the  en^e  at 
high  Mach  numbers. 

Scrarnjet  Engine  Performance 

The  calculated  performance  of  the  scramjet  engine  is  shown  in  Fig.  4  as  a  function  of  Mach  number  for  a  dynamic  pressure  of 
2000  psf  and  an  equivalence  ratio  schedule  which  maintains  the  fuel  temperature  below  1100  K.  It  can  be  seen  that  the  specific 
impulse  begins  to  drop  at  Mach  14  due  to  the  rise  in  equivalence  ratios  necessary  to  maintain  the  1100  K  fnel  temperature  limit. 

ODWE  Performance 

The  ODWE  performance  was  also  calculated  for  dynamic  pressures  of  1000  psf  and  2000  psf.  In  Fig.  4  we  compare  the  perfor¬ 
mance  of  both  the  scramjet  and  ODWE  for  the  q=2000  psf  case.  It  appears  that  the  ODWE  has  better  performrmce  than  the 
scramjet  at  high  Mach  numbers,  but  has  lower  specific  impulse  below  Mach  15.  The  reduced  performance  at  low  Mach  numbers 
is  due  to  the  steep  wave  angle  of  an  oblique  Chapman-Jongnet  (CJ)  detonation,  and  therefore  to  higher  shock  losses.  The  wave 
angle  can  be  reduced  if  either  the  Mach  number  is  increased  or  the  Chapman-Jougnet  Mach  number  is  decreased  (i.e.  the  static 
temperature  prior  to  the  detonation  wave  ia  increased  or  d  i*  decreased).  Therefore,  the  ODWE  favors  operation  at  high  Mach 
numbers. 

The  ODWE  also  takes  advantage  of  a  shorter  combustor  which  requires  less  cooling  and  less  excess  fnel  at  higher  Mach  numbers 
than  the  scramjet.  It  can  be  seen  in  Fig.  4  that  the  knee  in  the  specific  impulse  curve,  which  indicates  the  start  of  the  excess 
fueling  schedule,  begins  at  a  higher  Mach  number  for  the  ODWE  than  for  the  scramjet.  Since  the  problems  of  mixing  and 
ignition  delay  impose  a  long  combustor  for  high  Mach  numbers,  it  is  clear  that  increasing  the  combustor  length  causes  the 
performance  of  the  scramjet  to  drop  at  lower  Mach  numbers,  when  fnel  must  be  injected  in  excess  of  stoichiometric. 

For  the  ODWE,  the  benefits  of  a  shorter  combustion  chamber,  which  results  in  a  shorter,  lighter  engine  will  also  be  evident  in 
the  vehicle  size  and  weight  calculations  which  ue  discursed  later. 

Scrarnjet  Vehicle  Performance 

A  scramjet  powered  vehicle  was  modeled  using  the  predicted  en^e  performance  data  for  the  trajectory  of  constant  dynamic 
pressure  q=2000  psf.  Since  the  scramjet  is  very  inefficient  below  Mach  6,  a  hypothetical  engine  system  with  an  average  effective 
specific  impulse  of  1000  seconds  was  used  to  propel  the  vehicle  from  horizontal  takeoff  to  Mach  6.  Aerodynamic  heating  con¬ 
siderations  required  that  the  dynamic  pressure  of  the  ffightpath  begins  to  drop  below  the  specified  value  of  2000  psf  at  Mach 
17  to  about  250  psf  at  Mach  22.  This  low  dynamic  pressure  requirement  at  high  Mach  numbers  necessitates  rocket  power 
augmentation  which  begins  at  Mach  18.  The  amount  of  thrust  provided  by  the  rocket  is  larger  than  the  thrust  produced  by  the 
scramjet,  and  the  rocket  thrust  fraction  continues  to  increase  until  orbital  speeds  are  reached. 

The  scramjet  powered  vehicle  which  flies  a  2000  psf  trajectory  weighs  460,512  pounds  and  carries  a  15,000  pound  payload  into 
orbit.  The  scramjet  engine,  low  speed  engine  and  rocket  motors  comprise  8.6%  of  the  takeoff  weight.  For  comparative  purposes, 
a  vehicle  which  flies  a  1000  psf  trajectory  was  also  studied.  This  TAV  is  heavier  at  623,000  pounds.  The  main  reason  for  the 
increased  weight  is  the  lower  mass  capture  per  unit  area  of  inlet,  which  requires  a  larger,  heavier  engine  and  associated  structure. 
Also,  the  lower  thrust-to-weight  ratio  results  in  a  longer  flight  time  to  orbit  which  consumes  a  greater  amount  of  fuel. 

ODWE  Vehicle  Performance 

The  hypersonic  vehicle  using  the  ODWE  has  somewhat  different  weight  characteristics.  Since  the  ODWE  offers  superior  perfor¬ 
mance  above  Mach  15,  the  point  of  rocket  turn-on  is  delayed  to  Mach  19.  The  ODWE  can  operate  at  higher  Mach  numbers  than 
the  scramjet,  and  continues  to  provide  a  higher  fraction  of  airbreathing  thrust  to  orbital  speeds.  Therefore,  less  rocket  thrust  is 
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needed  nnd  n  lower  mass  fraction  of  liquid  oxygen  (LOX)  is  consnmed,  12.5%  versus  IS.9%  for  the  scramjet.  This  represents  a 
weight  savings  of  22,000  pounds  compared  to  the  scran^t.  In  addition,  the  shorter  combustor  length  provided  by  the  ODWE 
allows  a  shorter,  lighter  engine  which  saves  about  5,000  pounds.  The  ODWE  represents  3.7%  of  the  gross  weight,  compared  to 
4.4%  for  the  baseline  scraipjet  engine.  While  the  fuel  weight  fraction  is  higher  for  the  ODWE,  the  actual  fuel  weight  is  14,000 
pounds  lower.  As  a  result  of  all  these  factors,  the  ODWE  configuration  weighs  409,500  pounds,  some  51,000  pounds  less  than 
the  scramjet  vehicle  (for  q=2000  pef),  and  carries  the  same  payload  of  15,000  pounds  to  orbit.  Note  that  the  payload  weight 
fraction  is  increased  ^m  3.3%  of  the  takeoff  weight  for  the  scramjet  to  3.7%  for  the  ODWE. 

Since  the  scramjet  has  better  performance  below  Mach  15,  and  the  ODWE  above  Mach  15,  a  combination  of  these  two  engines 
may  be  ideal.  This  hybrid  engine  would  use  a  two-shock  diffuser  for  the  whole  Mach  range.  At  low  Mach  numbers,  the  mixing 
length  and  ignition  requirements  are  less  severe,  and  a  relatively  short  combustor  can  be  used  in  a  scramjet  mode.  At  higher 
Mach  numbers,  the  diffusing  shocks  would  move  aft  into  the  combustor.  The  en^e  would  operate  in  the  oblique  detonation 
mode  in  the  aft  section  of  the  combustor.  Therefore,  cooling  is  required  only  for  a  fraction  of  the  combustor,  and  the  drop  in 
performance  due  to  cooling  requirements  would  still  occur  only  at  very  high  Mach  numbers.  The  design  of  such  a  hybrid  engine 
would  require  more  sophisticated,  2-dimensioniJ  analysis.  Work  in  that  direction  is  progressing. 


ANALYTICAL  STUDIES  OF  ODWE 

The  analysis  of  the  ODWE  has  been  made  with  levels  of  sophistication  ranging  from  one  dimensional,  steady,  perfect  gas  flow“ 
to  unsteady,  2-dimensional,  viscous,  shock  capturing  codes  with  finite  rate  chemistry’^’*^.  These  codes  are  used  to  simulate 
and  guide  experiments  aimed  at  proving  the  existance  and  stability  of  oblique  detonation  waves  and  their  use  in  supersonic 
combustors. 

Proof-of-concept  studies  of  the  ODWE  are  focused  on  the  establishment  of  stable  oblique  detonation  waves.  A  NASA-Ames 
arc  heated  hypersonic  wind  tunnel  facility  has  been  chosen  for  the  experimental  program.  This  facility  can  simulate  combustor 
inlet  conditions  of  Mach  number  and  enthalpy.  However,  it  cannot  presently  reproduce  the  expected  pressures.  Therefore  it 
was  necessary  to  determine  if  the  low  pressures  would  prevent  the  establishment  of  a  detonation  wave.  This  verification  was 
carried  out  in  several  ways.  The  simplest  method  utilized  a  l-dimensional,  steady  flow,  finite  rate  chemistry  program  which 
calculated  ignition  delays  and  combustion  behavior  behind  a  30°  oblique  shock  wave.  Inputs  to  this  simulation  included  a 
hydrogen-air  reaction  mechzuiism  taken  from  the  literature’^. 

The  results  of  these  1-dimensional  calculations  demonstrated  the  strong  dependence  of  ignition  delay  and  combustion  rate  on 
pressure  and  temperature.  As  temperature  and  pressure  are  increased,  combustion  occurs  closer  to  the  wave.  However,  this 
program  did  not  simulate  any  coupling  between  heat  release  and  wave  angle  so  the  question  remained  whether  a  detonation 
had  been  created.  There  is  very  little  information  in  the  literature  on  the  spacing  between  the  shock  wave  and  combustion 
zone  for  a  detonation,  except  that  they  appear  to  be  almost  coincidental.  However,  some  estimates  of  coupling  can  be  made  by 
generating  characteristics  in  the  combustion  zone  and  determining  their  intersections  with  the  shock.  If  these  characteristics  do 
not  intersect  the  shock  within  the  bounds  of  the  combustion  chamber,  then  there  is  not  enough  coupling  to  be  classified  as  a 
detonation.  Instead,  there  is  shock  induced  combustion. 

For  the  nominal  experimental  conditions,  the  air  in  the  wind  tunnel  exits  the  nozzle  at  Mach  4.6  with  a  pressure  of  0.016  atm 
and  a  temperature  of  840  K.  Combustion  behind  a  30°  oblique  wave  takes  about  0.5  milliseconds  corresponding  to  a  distance 
normal  to  the  shock  of  approximately  5  centimeters.  Raising  the  pressure  by  a  factor  of  5  shortens  the  distance  to  about  0.7 
centimeters.  This  coupling  should  create  a  detonation.  Indeed,  more  sophisticated  analyses  employing  a  2-dimensional,  fully 
coupled  CFD  and  finite  rate  chemistry  code  have  shown  the  existance  of  a  detonation  under  these  higher  pressure  conditions’^. 

A  solution  would  be  to  raise  the  pressure  or  temperature  to  guarantee  a  detonation  in  the  experiment.  While  the  temperature 
can  easily  be  increased,  this  effect  could  cause  the  fuel  to  ignite  prematurely.  One  method  of  raising  the  pressure  would  be  to 
create  a  preliminary  oblique  wave  in  front  of  the  detonation  wave.  However,  this  may  not  be  necessary  since  the  introduction  of 
hydrogen  fuel  will  also  create  oblique  shocks  which  can  have  the  same  effect.  These  effects  will  depend  on  the  size,  shape  and 
number  of  injectors  and  their  location  in  the  experimental  set-up. 

It  was  possible  to  approximate  the  static  pressure  rise  due  to  fuel  injection  when  some  simplifying  assumptions  were  made.  For 
example,  if  the  fuel  injection  was  assumed  to  occur  at  constant  pressure  in  an  inviscid  airstream,  then  the  fluid  momentum  can 
be  related  to  the  stagnation  pressure  losses.  While  stagnation  pressure  and  Mach  number  are  reduced  by  injection,  the  static 
pressure  and  temperature  are  increased.  These  increases  will  be  beneficial  to  the  ignition  process  behind  the  oblique  wave. 

If  the  injection  losses  are  due  only  to  the  streamwise  component  of  momentum,  then  the  stagnation  pressure  losses  can  be 
easily  estimated’*.  For  the  case  where  M  =  4.6,  a  stoichiometric  mnount  of  h^  '  'igen  injected  at  room  temperature  results  in 
a  stagnation  pressure  loss  of  12%.  This  pressure  loss  is  equivalent  to  an  obliqn.  ^.Iiock  oriented  at  about  21°  to  the  horizontal 
which  turns  the  flow  at  about  9.5°.  The  downstream  Mach  number  is  then  reduced  to  approximately  3.7  and  the  static  pressure 
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•nd  tempexatnies  ue  laiaed  by  factors  of  2.4  and  1.3  respectively.  These  higher  pressures  and  temperatures  will  shorten  the 
ignition  distance  behind  the  oblique  wave.  The  pressure  field  due  to  combustion  should  influence  the  oblique  shock  wave  and 
create  a  detonation.  In  reality,  the  hydrc^en  iqjection  will  create  shock  waves  which  will  cause  higher  stagnation  losses  than 
predicted  by  this  analyris  along  with  higher  static  pressures  and  temperatures. 

While  the  increased  pressures  will  shorten  ignition  delays  behind  the  oblique  wave,  raising  the  temperatures  may  create  pre- 
ignition  proUems  prior  to  the  wave.  One  consideration  for  injector  deagn  and  location  is  premature  ignition  of  the  fuel.  A 
study  was  made  of  the  effects  of  introducing  fuel  at  various  locations  inside  the  wind  tunnel  nozzle.  The  results  indicated  that 
fuel  must  be  introduced  at  a  location  in  the  nozzle  somewhere  downstream  of  the  point  where  the  area  ratio  is  10.  However, 
extensive  modifications  would  be  required  to  inject  fuel  in  the  existing  nozzle.  This  result  led  to  the  study  of  strut  type  injectors 
which  would  be  located  at  the  exit  of  the  nozzle. 

Iqjection  Simulations 

In  order  to  verify  some  of  the  simplified  analyses  of  fuel  injection  and  combustion  behavior,  a  more  sophisticated  computer 
simulation  was  employed.  This  code  is  described  in  detail  elsewhere*^’*^ .  Many  different  simulations  were  performed  to  validate 
the  fluid  dynamic  and  chemical  kinetics  portions  of  this  code.  Once  the  code  was  validated,  it  was  used  to  guide  the  experimental 
program.  The  first  simulation  consisted  of  wall  injection  through  an  orifice  normal  to  the  air  stream.  This  configuration,  which 
could  model  injection  &om  a  flat  plate  resulted  in  an  oblique  shock  ahead  of  the  injected  fuel.  Unfortunately,  the  penetration 
of  the  fuel  jet  was  poor.  A  similar  result  has  been  observed  experimentally,  where  fuel  jet  penetrations  appeared  to  peak  at  a 
value  of  about  five  times  the  orifice  diameter^^ . 

In  an  effort  to  improve  the  fuel  penetration,  a  projection  or  finger  was  added  downstream  of  the  fuel  orifice.  In  this  case,  fuel 
was  forced  over  the  projection  further  into  the  air  stream.  However,  a  normal  shock  was  also  formed  upstream  of  the  injector 
which  reduced  the  flow  velocities  to  subsonic  values.  Since  a  detonation  can  only  exist  in  supersonic  flows,  this  geometry  would 
preclude  the  establishment  of  an  oblique  detonation  wave  downstream  of  the  injector.  A  third  configuration  was  exsimined 
where  the  finger  was  modified  to  include  a  ramp  on  the  upstream  side.  Fuel  penetration  remained  good  and  the  fuel  injection 
shock  became  obUqne.  Most  of  the  flow  remained  supersonic  except  for  a  small  recirculation  zone  behind  the  leward  side  of 
the  projection.  While  this  configuration  appeared  to  provide  improved  penetration  and  supersonic  flow  downstream  of  the 
irgection  point,  this  design  would  have  to  be  installed  on  a  wall  where  the  high  temperatures  in  the  boundary  layer  region  could 
prematurely  ignite  the  fuel.  In  addition,  the  boundary  layer  might  decrease  the  fuel  penetration.  For  these  reasons,  it  was 
decided  to  examine  stmt  type  fuel  injectors  located  outside  the  nozzle.  Here  fuel  could  be  injected  by  multiple  stmts  into  the 
core  flow  region  where  viscous  effects  are  reduced. 

In  order  provide  a  better  model  of  the  detonation  process,  a  2-dimen8ional  combustion  code  was  also  developed.  This  code 
uses  the  same  Total  Variation  Diminishing  (TVD)  algorithm  as  the  injection  model  to  capture  strong  shocks  without  smearing 
or  oscillations.  Temperature  oscillations  could  incorrectly  predict  premature  ignition  and  invalidate  the  detonation  conditions. 
Finite  rate  chemistry  is  incorporated  in  order  to  model  the  heat  release  of  the  detonation  process.  The  chemistry  is  fully  coupled 
to  the  fluid  dynamics  so  that  heat  release  will  couple  to  the  shock  front  and  show  the  correct  rotation  of  the  detonation  wave. 
The  fluid  dynamics  and  chemical  kinetics  parts  of  this  code  were  verified  using  many  existing  data  sets  and  conditions'^ . 

Simulation  of  ODWE  Experiment 

The  focus  of  this  work  was  the  simniation  of  the  flow  field  in  the  stmt  region.  This  was  done  first  with  an  Euler  (invisdd) 
computation  to  obtain  the  position  of  the  reflected  shocks.  The  computations  were  done  for  free  stream  Mach  numbers  of  4.5 
and  5.4.  Two  values  of  the  vertical  separation  between  the  stmts  were  studied  (0.67  inches  and  0.75  inches).  It  was  apparent 
from  the  results  that  multiple  shock  interactions  occnred  between  the  stmts,  as  well  as  shock  impingement  on  the  flat  surfaces 
of  the  stmts.  It  was  clear  that  in  the  case  of  high  stagnation  enthalpy,  extreme  care  should  be  taken  in  avoiding  locally  high 
temperatures.  In  order  to  model  the  strut  injection  and  mixing,  a  series  of  computations  were  made  with  greater  refinements, 
which  included  blunting  the  leading  edge  of  the  stmts  and  providing  a  high  grid  density.  The  full  Navier-Stokes  equations  were 
s<dved  for  an  assumed  laminar  case.  The  conditions  were  Mao  =  5.4,  Too  =  42.2A',  poo  =  0.0128  atm,  Rtoo  —  2x10*  per  inch. 
The  total  length  of  the  stmt  is  approximately  5  inches  and  tranmtion  to  turbulence  should  occur  somewhere  at  the  end  of  the 
stmt.  However,  because  of  the  leading  edge  compressive  ramp  (7°)  and  the  porous  transpiration  plate  in  the  first  half  of  the  flat 
stmt  section,  transition  could  be  expected  sooner.  There  is,  however,  no  definite  way  to  predict  the  transition  with  precision 
and  there  were  no  measurements  to  determine  the  properties  of  the  boundary  layer  on  the  strut.  In  addition,  when  fuel  injection 
takes  place,  the  flow  obviously  becomes  turbulent  and  the  algebraic  (Baldwin-Lomax)  model  is  then  unable  to  model  the  correct 
physics.  Ideally  a  2-eqnation  model  should  be  used  at  this  point.  The  development  and  validation  of  such  a  model  which  uses 
the  turbulent  kinetic  energy  equation  is  one  of  the  high  priority  development  areas. 

An  example  of  the  injection  patterns  for  two  stmts  is  shown  in  Fig.  5.  This  design  indicated  hot  spots  on  the  center  stmt  which 
caused  the  fuel  to  ignite  immediately  after  injection.  In  fact,  it  was  necessary  to  inject  nitrogen  at  the  tip  of  the  stmt  to  cool  the 
mixture  and  decrease  the  oxygen  content  of  the  boundary  layer'* .  The  stmt  design  is  discussed  in  more  detail  in  the  next  section. 
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Fig.  5  shows  the  compated  density  contonts  in  logarithmic  scale  for  the  stmt  flow  field  prior  to  fuel  injection.  Of  special  signif¬ 
icance  is  the  bonndaiy  layer  detachment  on  the  top  and  bottom  snrfaces,  at  the  start  of  the  trailing  ramp  section.  In  addition, 
weak  lecomptession  shocks  are  seen  to  originate  from  the  trailing  edge  itself.  This  can  also  be  observed  in  the  compated  density 
field,  although  the  pattern  is  more  complex.  It  appears  that  weak  shocks  are  thrown  off  from  the  pairs  of  vortices  on  opposite 
sides  of  the  stmt.  The  flow  between  the  stmts  shows  a  regular  diamond  pattern  from  the  multiple  shock  intersections.  There 
is  also  a  recirculation  region  on  the  flat  plate  in  front  of  the  first  shock  impingement.  Because  of  the  good  resolution  of  both 
grid  systems  and  numerical  scheme,  the  pattern  of  shocks  and  expansion  waves  can  be  observed  in  detail,  especially  near  the 
recirculation  region. 

The  corresponding  schlieren  record  is  shown  in  Fig.  6.  In  this  picture,  the  flow  between  the  two  stmt  surfaces  is  very  complex, 
and  there  seems  to  be  larger  areas  of  flow  separation  and  recirculation  on  the  snrfaces.  It  is  difficult  to  obtain  dear  experi¬ 
mental  pictures  of  the  flow.  Most  of  the  features  of  the  flow,  however,  are  reproduced  by  the  simulations,  espedally  the  strong 
bow  shocks  in  front  of  the  iitjectors  and  the  diamond  pattern  of  shock  interactions.  The  mixing  predicted  by  a  2-dimensional 
simulation  is  very  poor  and  is  below  the  measured  values.  This  can  be  explained  by  the  importance  of  three-dimensional  effects 
with  discrete  orifice  injection,  espedally  longitudinal  vortices.  In  addition,  the  turbulence  levels  in  the  experimental  flow  are  not 
well  known.  A  more  detailed  comparison  could  be  obtained  only  if  S-dimensional  computations  are  performed.  These  studies 
are  planned  for  the  future. 

Once  the  mixing  simulations  were  completed,  efforts  were  focused  on  the  oblique  wave  which  would  be  created  by  the  wedge  test 
body.  Since  the  creation  of  an  oblique  detonation  wave  was  the  goal,  the  modd  was  extended  to  indnde  finite  rate  chemistry 
and  heat  rdease.  This  code  was  also  validated  using  existing  experimental  data.  After  this  code  was  verified,  several  detonation 
cases  were  simulated.  First,  an  oblique  detonation  was  modeled  in  premixed  hydrogen-air  for  Mao=4.2,  pao=0.1  atmospheres 
and  Toa=700  K  which  are  close  to  proposed  test  conditions.  The  results  presented  in  Fig.  7  show  the  oblique  shock  wave  without 
fuel  reaction.  When  reactions  are  allowed,  detonative  combustion  results  and  the  wave  rotates  to  a  more  normal  position  as 
shown  in  Fig.  8. 

S'nce  the  fuel  iiyection  simulations  indicated  rather  poor  mixing,  a  case  was  studied  where  a  relatively  unmixed  fuel  jet  en¬ 
countered  the  oblique  shock.  The  results  given  in  Fig.  9  show  that  the  oblique  wave,  which  was  straight  in  the  premixed  case, 
has  been  severely  distorted  by  the  fuel  jet.  The  low  molecular  weight  and  high  speed  of  sound  of  the  fuel  contribute  to  a  lower 
Mach  number  flow  in  the  fuel  rich  areas  which  results  in  a  more  normal  wave  front. 


EXPERIMENTAL  STUDIES  OF  ODWE 
Fncilitlea 

The  arc-jet  fadbty  consists  of  a  20-MW  arc  heater  supplied  continuously  with  high  pressure  air.  The  arc  chamber  can  be 
pressurised  to  10  atmospheres.  Air  leaving  the  arc  heater  passes  through  a  semi-eDiptical  nozzle  with  an  exit  area  ratio  of 
36.  A  schematic  of  the  test  configuration  is  shown  in  Fig.  10.  Note  the  injectors  and  test  body  which  will  be  discussed  later. 
Enthalpies  can  range  from  5  to  35  MJ/kg  (2000-  15,000  BTU/lbm)  and  air  flow  is  variable  from  0.05  to  0.68  kg/s  (0.1-1.5  Ibm/s). 
Nominal  test  conditions  for  the  ODWE  experiment  correspond  to  maximum  pressure  and  minimum  current.  Upgrading  of  the 
facility  from  10  atmospheres  stagnation  pressure  to  40  atmospheres  is  now  in  progress.  This  higher  pressure  will  allow  a  closer 
simulation  of  the  conditions  expected  at  the  inlet  of  a  supersonic  combustor.  A  five  stage  steam  ejector  pomp  maintains  test 
cell  pressures  down  to  13  mm  Hg. 

Injector  Design 

The  fuel  injection  stmts  are  designed  to  provide  good  mixing  with  minimal  losses.  Analytical  evaluations  indicated  that  hot 
spots  and  recircnlation  zones  would  exist  on  and  around  the  struts^*’**.  These  regions  would  be  undesirable  since  the  goal 
is  to  create  a  well  mixed  fuel-air  stream  which  would  not  ignite  before  the  oblique  wave.  The  simulations  indicated  that  the 
transpiration  of  cool(300  K)  nitrogen  would  prevent  the  premature  ignition  of  the  hydrogen  fuel.  The  strut  design,  shown  in 
Fig.  11,  has  a  transpiration  area  ahead  of  the  hydrogen  injection  orifices.  The  porous  'felt  metal”  allows  nitrogen  to  transpire 
at  a  rate  of  0.015  kg/s  per  stmt,  which  represents  about  5%  of  the  main  mass  flow  rate. 

Hydrogen  is  injected  through  seventeen  1.52  mm(0.060  in)  diameter  orifices  spaced  1.27  cm(0.5  in)  apart.  The  orifices  are  drilled 
at  an  angle  of  30*  to  the  flow  direction.  Two  or  three  stmts  will  be  utilized  depending  on  the  results  of  farther  mixing  and 
combustion  studies.  The  fuel-air  ratio  can  be  varied  up  to  two  times  the  stoichiometric  value.  The  fuel  rich  condition  will  ensure 
that  most  of  the  test  body  will  be  immersed  in  a  stoichiometric  or  fuel  rich  flow.  An  estimate  of  the  air-fuel  mixing  was  made 
using  a  semi-emperical  mixing  model* This  model,  which  is  for  sonic  injection  into  a  two-dimensional  duct,  accounts  for 
stmt  separation  and  orifice  size  and  spacing.  Based  on  this  correlation,  the  mixing  efficiency  for  30*  injection  of  a  stoichiometric 
mixture  is  70%  after  a  distance  of  12  inches. 
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Test  Body 

The  oblique  waves  will  be  created  by  a  water  cooled  wedge  located  approximately  one  loot  downstream  of  the  struts  in  the  test 
section.  Optical  access  is  provided  by  12  inch  windows  on  either  side  of  the  test  section  and  a  schlieren  system  will  provide 
photographic  records  of  the  wave  angle  with  and  without  fuel.  Pressure  and  temperature  transducers  on  the  wedge  will  be  used 
to  assess  the  state  of  combustion  behind  the  oblique  wave. 

Mixing  Studies 

A  series  of  mixing  studies  were  crirried  out  in  the  hypersonic  wind  tunnel.  The  first  set  of  tests  were  made  with  two  injection 
struts  spaced  from  0.5  in  to  0.75  inches  apart,  the  extent  of  fuel  mixisg  was  measured  by  an  on-line  mass  spectrometer.  Gas 
samples  were  obtained  by  a  probe  which  was  mounted  on  a  traversing  table  that  allowed  motion  in  all  three  dimensions.  Some 
results  of  the  fuel-air  determinations  are  shown  in  Fig.  12  for  two  locations,  0.5  inches  and  12  inches  behind  the  strut  trailing 
edge.  While  mixing  is  poor  at  0.5  inches,  it  is  significantly  improved  at  12  inches.  The  further  location  was  representative  of  the 
proposed  position  of  the  wedge  for  the  detonation  tests.  Note  that  the  fuel  distribution  at  0.5  inches  resembles  the  simulated 
case  of  Fig.  5  with  relatively  unmixed  jets.  The  experiment  verified  the  concerns  about  thermal  failure  at  the  areas  of  shock 
impingement  on  the  struts.  Further  mixing  tests  with  multiple  struts  were  carried  out  only  with  cold  flow  to  avoid  overheating 
while  hot  flow  tests  were  run  with  a  single  strut. 

Oblique  Detonation  Wave  Studies 

After  the  mixing  studies  were  completed,  the  wedge  test  body  was  installed  in  the  wind  tunnel.  While  the  original  plan  was  to 
locate  the  wedge  12  inches  downstream  of  the  struts,  this  required  the  fabrication  of  new  doors  for  the  wind  tunnel  test  section 
to  place  the  windows  in  the  proper  location  for  viewing.  Unfortunately,  there  was  insufficient  time  to  fabricate  these  doors,  so 
the  wedge  was  located  in  the  field  of  view  with  the  struts.  Only  1.0  inches  separated  the  trailing  edge  of  the  strut  ruid  the  fitont 
edge  of  the  stmt.  While  this  placed  the  strut  in  a  relatively  nnmixed  region,  it  was  thought  that  combustion  could  occur  behind 
the  oblique  bow  shock  of  the  wedge. 

Tests  were  run  with  both  helium  and  hydrogen  injection  to  determine  the  effects  on  the  wedge  shock.  The  effects  of  fuel 
injection  can  be  seen  by  comparing  Figs.  13  and  14  for  the  cases  of  no  injection  and  injection,  respectively.  It  was  observed 
that  the  injection  of  either  combustible  or  inert  gases  caused  a  similar  displacement  of  the  bow  shock.  This  was  due  to  the  low 
molecular  weights  and  high  speeds  of  sounds  of  hydrogen  and  helium.  The  effect  is  to  lower  the  Mach  number  of  the  flow  and 
cause  the  oblique  wave  to  be  more  normal.  During  one  test  run,  an  increase  in  pressure  was  observed  on  the  wedge  with  hy¬ 
drogen  injection,  indicating  combustion.  However,  in  the  limited  time  remaining  for  the  tests,  this  phenomenon  was  not  repeated. 


CONCLUDING  REMARKS 

An  experimental  and  analytical  program  has  been  undertaken  to  study  the  characteristics  of  stable  oblique  detonation  waves  in 
a  NASA-Ames  arc-jet  wind  tunnel.  The  analytical  models  have  been  used  extensively  to  aid  in  the  experimental  design  and  to 
ensure  a  successful  experiment. 

The  existence  of  stable  oblique  detonation  waves  has  been  predicted  previously  for  premixed  hydrogen-air  in  supersonic  flows. 
However,  complete  mixing  of  the  fuel  and  air  streams  is  not  possible  within  reasonable  distances  in  supersonic  combustors. 
Therefore,  it  is  necessary  to  introduce  the  fuel  in  a  manner  that  provides  good  mixing  in  short  distances  with  minimal  losses. 
Several  injector  designs  were  examined  analytically  and  a  strut  type  was  chosen  for  its  ability  to  introduce  the  fuel  in  the  nozzle 
free  jet.  The  mixing  characteristics  and  the  effects  of  incomplete  mixing  on  the  detonation  wave  are  still  being  studied. 

The  simulation  of  the  strut  flow  field  in  the  ODWE  experiment  provided  great  detail  on  the  shock-shock  interactions  and 
shock-boundary  layer  interactions.  Notably,  the  flow  structure  near  the  injector  is  particularly  detailed  (shock,  Mach  disk).  The 
results  agree  reasonably  well  with  .the  experimental  schlieren  records. 

A  mission  analysis  study  compared  the  performance  of  vehicles  powered  by  a  scramjet  or  an  ODWE.  The  results  showed  that 
the  ODWE  had  better  overall  performance  than  the  scramjet.  The  increased  performance  allowed  the  ODWE  powered  vehicle 
to  weigh  less  than  the  scramjet  powered  vehicle  for  the  same  payload  weight. 
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Fig.  1.  Schematic  of  generic  hypenonic 
trans-atmoepheric  vehicle  used  in  mission 
analysis  study. 


Fig.  2.  Specific  impulse  versus  Mach  number  for 
scranyet  engine  (q=2000  psf,  ^=1).  Cases 
shown  are  for  0%,  50%  and  100%  of  the  heat 
load  absorbed  into  the  fuel. 


Fig.  3.  Equivalence  ratio  versus  Mach  number  for 
scrazqjet  and  ODWE  engines  at  q=2000  psf.  ODWE 
results  are  shown  for  a  fuel  temperature  limit  of 
1100  K  while  scramjet  results  are  shown  for  a  range 
from  1100  to  2000  K  (1520  to  3140  F). 


Fig.  4.  Comparison  of  scraiqjet  and  ODWE  performance 
characteristics.  Shown  are  I«p  and  Cr  profiles 
for  q=2000  psf,  90%  of  heat  loads  carried  by  fuel 
and  1100  K  fuel  temperature  limit. 


Predicted  iogarithmic 


<len8ity  contours  for  foeJ 


“yectioa  from  two  struts  in 


Wach  4.5  flow. 


Fig.  7.  Mach  number  contours  for  non-reacting 
stoichiometric  air-fiiel  mixture  flowing  over 
a  wedge  at  Mach  4.2. 


Fig.  8.  Mach  number  contours  for  reacting 
stoichiometric  air-fiiel  mixture  flowing  over 
wedge  at  Mach  4.2.  The  rotation  of  the  wave 
with  combustion  indicates  a  detonation. 


Fig.  9.  Mach  number  contours  for  relatively 
unmixed  fuel  jet  flowing  over  wedge. 


Fig.  10.  Schematic  of  test  set-up  in  20  MW  arc  heated 
wind  tunnel.  The  strut  iiyectors  are  shown  at  the  exit 
of  the  nosxle  and  the  wedge  test  body  is  downstream. 
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Fig.  13.  Schlieren  photograph  of  a  shock  wave  created  by  a  wedge  in  Mach  4.5  flow. 
A  single  strut  fuel  iryector  is  positioned  slightly  below  the  wedge  centerline.  No 
fuel  is  ii\jected  in  this  case. 


Fig.  14.  Schheren  photograph  of  an  oblique  wave  created  by  a  wedge  in  Mach  4.5  flow. 
Fuel  is  iiyected  from  a  single  strut.  Note  the  displacement  of  the  lower 
portion  of  the  wave  compared  to  the  previous  figure. 
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Discussion 


WEYER 

How  do  you  prevent  self -ignition  within  the  area  of  fuel  injection  on  the 
struts?  In  real  flight  situations  the  temperature  in  the  boundary  layer  on  the 
struts  will  be  close  to  the  stagnation  temperature,  and  self-ignition  will 
happen ! 

AUTHOR'S  REPLY 

The  use  of  struts  for  our  ODWE  experiments  was  necessary  because  of  the 
physical  constraints  of  the  test  facility.  They  may  not  be  used  for  a 
prototype  vehicle  design/f light  situation.  However,  various  transpiration 
cooling  techniques  have  been  proposed  for  sharp  wing  leading  edges  and  could 
be  used  for  injector  struts  in  supersonic  combustion.  For  our  test  conditions, 
nitrogen  transpiration  through  "felt  metal"  was  adequate  to  prevent  the 
pre-ignition  predicted  by  Dr.  Cambier's  calculations. 

SMITH 

Did  the  experimental  program  include  the  injection  of  an  inert  light  gas 
such  as  helium  to  see  if  the  shock  wave  movement  was  as  expected  with  chemical 
reaction? 

AUTHOR'S  REPLY 

Unfortunately,  we  did  not  have  time  to  prepare  this  test  because  of  the 
time  constraints  placed  on  our  test  schedule.  However,  it  is  something  to 
attempt  if  future  opportunities  arise. 

MARGUET 

A  quel  nombre  de  Mach  de  vol  minimal  pensez-vous  que  le  concept  du 
stato-reacteur  a  detonation  soit  interessant? 

AUTHOR'S  REPLY 

Our  initial  one-dimensional  analysis  of  the  ODWE  combustion  showed  that  a 
performance  advantage  occured  at  Mach  numbers  greater  than  15  relative  to  the 
scramjet.  A  two-dimensional  analysis  could  possibly  modify  this  result 
somewhat.  Nevertheless,  we  would  expect  the  ODWE  to  be  advantageous  in  the 
higher  Mach  regime  approching  orbital  speed. 

ESCHER 

Referring  to  the  theoretical  performance  comparison  between  conventional 
scramjet  and  the  ODWE,  two  clarifications  are  requested  ; 

1)  What  is  the  basis  for  scramjet  having  somewhat  higher  specific  impulse 
for  a  given  flight  speed,  prior  to  fuel-rich  operation? 

2)  What  is  the  rationale  for  the  ODWE  reverting  to  fuel-rich  operation  at 
a  significantly  higher  flight  speed  than  the  conventional  scramjet  engine? 

AUTHOR'S  REPLY 

1)  This  occurs  at  Mach  numbers  smaller  than  15  because  of  greater  losses 
resulting  from  stronger  ODWE  diffuser  detonation  shock  system. 

2)  The  ODWE  is  smaller  and  lighter  than  the  scramjet  and,  therefore,  has 
less  surface  area  to  cool.  Consequently,  the  necessity  for  excess  fuel  is 
delayed  to  a  higher  Mach  number. 


26-15 


WINTERFELD 

1)  What  is  the  stagnation  temperature  in  your  last  experiments? 

2)  We  observed  in  our  early  experiments  at  high  stagnation  temperature 
premature  combustion  around  the  jets  in  shock  induced  combustion. 

AUTHOR'S  REPLY 

1°  I  do  not  have  a  stagnation  temperature.  The  static  temperature  was 
about  800  K.  The  Mach  number  was  about  4.5. 

2)  Our  calculation  did  not  predict  that  phenomenon.  We  were  accurate  on 
the  prediction  of  the  premature  combustion  on  the  surface  of  the  injector 
struts. 


ETUDE  EXPERIMENTALE  DE  STATOREACTEURS  POUR  MISSILES 
ET  APPUCATIONS  POTENTIELLES  POUR  LES  SIATOREACTEURS 
DANS  LA  PROPULSION  COMBINEE 

par 

Alain  Chevalier,  Pierre-George  Sava  et  Jean-Pierre  Minaid 
Aerospatiale 
8  rue  de  Brix,  BJ*35 
F-18001  Bouiges 
France 


BESUME  : 

a«rospatial«  -  Division  des  Engins  Tactiques  -  a  ddveloppd  pour  les  besoins  de  ses 
programmes  op6ratlonnels  6  ce  Jour,  des  moteurs  trds  peiformonts.  combines  fusde  - 
stotordacteur  d  large  domairte  de  vol.  Oes  progrds  ddcisifs  ont  pO  dtre  accomplis  dans  ce 
domairte  grdce  aux  mdthodes  de  ddveloppement  impliquant  calculs.  moddlisotion  et  un 
Important  programme  d'essais  au  sol  et  en  vol.  oinsi  qu'd  la  precision  et  d  ka  souplesse  des 
orgortes  embarquds  de  regulation  et  de  colcul.  Le  programme  d'essais  au  sol  comprend  des 
essais  odrodyrKimiques.  des  essais  analytiques  de  combustion  permettant  de  connaltre  le 
domaine  de  fonctionrtement  et  d'offlrter  les  performances  du  moteur  (le  bllan  poussde- 
tramde  est  en  effet  trds  sertsible).  des  essais  d'erxjurance  et  de  synthdse.  Outre  rutilisation  des 
moyerts  closslques  (souffleries  en  partlculier).  11  o  falu  recourir  d  des  Installations  specifiques 
capables  de  reproduire  au  sol  les  conditions  de  pression.  temperature  et  ddbit  d'air 
correspondant  ovec  precision  d  cetles  rencontrees  lors  d'une  mission  reelle.  Ceci  est 
particulierement  important  du  fait  du  caroctere  non  permanent  des  flux  dons  le  moteur  pour 
des  trajectoires  d  fort  ddniveie  et  d  Mach  variable. 

Le  developpement  d'un  moteur  combine  pour  lanceur  posera  des  probiemes 
experlmentaux  analogues,  et  I'experlence  ocquise  dans  le  domaine  des  installations  et  de  ka 
methodologle  d'essais  de  stotoreacteurs  de  missiles  peut  etre  precleuse,  bien  que  les 
difficultes  seront  accrues  du  fait  de  la  grande  taitle  de  ces  moteurs  et  de  retendue  du 
domaine  de  vol  d  etudier. 


n-LE  MOTEUR  COMBINE: 

Le  GRIFFON  (  dkapositK/e  n®l  )  etait  un  avion  experimental  pretlgurant  un  intercepteur 
supersonique  propulse  par  un  moteur  combine  turboreacteur  statoreacteur .  II  a  ete  etudie 
dans  les  onn^s  1952  d  1961 . 

L  ossociotion  de  ces  deux  moteurs.  en  un  meme  groupe  propulsif  permet  de  profiter  au  mieux 
des  qualltes  propres  d  choque  type  de  moteur  en  fonctkan  des  condition  de  vol  : 

-  bonnes  performances  de  ka  turbomachine  aux  vitesses  faibles  ou  moderement 
supersoniques. 

-  baisse  des  performances  de  la  turbomochine  karsque  ka  vltesse  s'occroit. 
comperasee  par  rougmentotion  de  celtes  du  statoreacteur . 

La  disposition  des  deux  moteurs  etait  coaxkate,  autorlsant  I'utliisatlon  commune  de  ka  prise 
d'air  et  de  ka  tuyere  .  L'adaptation  de  prise  d'air  et  tuyere  fixes,  communes  au  deux 
propulseurs.  est  une  caracteristique  majeure  de  ce  moteur  combine  turboreocteur- 
statoreacteur . 

Cette  etude  a  ete  sulvie  datas  les  annees  196D-1965  par  des  proJets  destines  d  rdaNser  un  moteur 
combine  turboreocteur  double  flux  -  statoreacteur  d  entree  d'air  et  tuyere  variable 
(diaposittve  n”  2  )  .  Les  etudes  et  essais  realises  ont  permis  de  valider  un  domaine  de  vol 
etendu  ( jusqu'd  Mach  4  et  30000metres  d'aitttude ) . 

Daras  le  domaine  des  missiles  tactiques.  grdce  d  des  projets  Importants  et  des  progres 
realises  dans  de  nombreuses  techniques  (  aerodynamique.  systemes  de  pilotage  et  de 
guldage.  moterkaux.  methodokagie  d'essais  ou  sol  et  en  vol. ... )  le  debut  des  annees  1970  a  vu 
raaitre  des  engins  d'une  nouvelle  generation  .  plus  homogdnes  techniquement  et  dont  la 
compacite  accrue  ameikare  serasiblement  les  copocites  operotlonnelles  (dkaposltlve  n®  3 ) . 
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Ce  sent  les  stotoraocteurs  6  Qcc6l6fQteur  Irtt6af6.  oCi  le  systdme  propulsif  est  constitud  par  un 
acedidrateur  fus^e  et  un  $tator6acteur  de  croisidre  .  Afin  de  conserver  au  missile  des 
dimensiortt  urte  masse  limitdes  et  ainsi  permettre  son  emport  sous  avion,  I'accdidrateur 
fusde  a  placd  dam  la  chombre  de  combustion  du  stotordocteur .  Cette  demidre  a  vu  son 
architecture  bouleversde  :  le  nouveau  profii  de  1‘alimentatbn  en  air  a  permis  de  cr§er  des 
zorres  tourbillorvKiires  (  diapositive  3  bis )  dans  le  ttux  d'air  6  nnt6rieur  de  la  chambre,  assurant 
ainsi  la  stabilisation  de  la  combustion  sans  accroche  flamme,  ce  qui  permet  d‘int6grer 
I'accdbrateur  d  poudre . 

La  phase  la  plus  ddlicate  de  la  mise  au  point  du  systdme  propulsif  est  la  transition  fusde 
stotordocteur  f  cKopo^ive  n“  4).  En  une  fraction  de  seconde  fengin  doit  assurer ; 

-  1‘ouvertuie  des  opercules  fermanf  les  entrdes  d'air  pendant  le  stockage,  I'emport 
et  le  fonctionr^ement  de  I'accdldroteur, 

-  rejection  de  la  tuydre  d'acc6l6ration, 

-  ralimentation  rdgulde  en  kdrosdne  et  I'allumage  du  statordacteur . 

Les  engins  les  plus  reprdsentatifs  de  cette  nouvelie  g§n6ration  sont : 

-  L' Air-Sol  Moyenne  Port6e  (  ASMP  ),  missile  d  charge  nuebaire  dont  la  mise  en 
service  au  sein  de  farmde  frangaise  remonte  d  1986  ( diapositive  n"  5 ), 

-  L'Anti-Novire  Supersordque  (AI^  )successeur  de  la  fomille  EXOCET,  dont  la 
faisabiiitd  a  dtd  ddmontr^  en  voi ,  ( diapositive  n  ^  6 ) . 

La  mise  au  point  de  ces  propulseurs  a  pu  dtre  occomplie  grdee  d  de  nombreux  progrds : 

-  dorw  les  technologies  des  organes  de  regulation  et  de  calcul : 

•  miniaturisation  des  dquipements , 

•  utilisation  de  calculateurs  numdriques  offrant  urre  grande  souplesse 

d'utilisotion  et  une  grande  precision  . 

-  dans  les  mdthodes  de  developpement 

a-  MEIHQDQLQGIE  DE  DEVELOPPEMENT  DE  MOTEURS  AEROBIE 

La  methodologie  de  developpement  peut  etre  rdsumde  sur  le  schema  suivant 


METHODOLOGBE  DE  DEVELOPPEMENT  DE  MOTEURS  AEROBffiS 
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33-  METHODOLOGIE  D  ESSAIS  DE  MQTEUBS  AEBQBIE 

Le  programme  des  essciis  ou  sol  comprertd  : 

-  des  essQis  oerodvr>omlQues  ossuront  la  conr^alssance  des  coefficients 
adrodynamiques  globoux  de  rer>gln  (  Cx.  Cz )  et  les  coroctdristiques  de 
forctionnement  des  entr6es  d'oir  .  e  )'. 

-  des  essals  anaivtiaues  de  combustion  ossuront  la  connaissonce  des 
caroctdristiques  du  stotordocteur  (coefficient  de  poussde  ,  rendement 
de  pression'it* ,  rendement  de  combustion  .domaine  de  fonctionrwment 
(  extinction  et  instabilitds  ). 

Remarque  :  les  rdsultats  expSrimentaux  des  essals  aSrodyrtamlques  et  de 
combustion  permettent  une  modSSsatlon  de  la  propulsion  du  missile 
(  connaissance  pour  chaque  point  de  vol  du  bttan  Gn-  Cx.  des  ttmites  de  stabXt6  du 
moteur).  foumissant  alnsi  le  domaine  de  foryctionnement  op4rc3tlomel  du  missile . 

Cette  demarche  peut  6tre  repr6sent6e  par  le  schema  suivont : 


Soufflerie  a4rodynamique  Soufflerie  sp^ciflque 

(Combustion) 


IMISSION 


♦ 

rRAJECTOIRESl 


Outre  les  essals  de  combustion  et  les  essals  a^rodynamique  le  programme  des  essals  au  sol 
comprerKt  6galement ; 

-  des  essois  d'eauioements  ou  sous  sysfdmes 

-  des  essals  d'intfearation  de  sous  svstemes  permettant  des  validations  partielles 
( olimentation  carburant,  entree  d’air,  regulation,  equipements....) 

-  des  essois  d’enduronce  dont  l  obiectif  est  de  volider  les  choix  des  concepts  ou 
des  materiaux  de  protections  thermiques  du  moteur  dans  son  environnement  .  Ces 
essois  necessitent  la  simulation  precise  des  trojectoires  avec  reproduction  de 
I'echauffement  cinetique  externe  . 
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-  des  essais  de  svnth^sft  propulsion  pQfmettnnt  une  validation  du  fonctionnement 
du  systdme  propulsif  complet  et  plus  particulldrement  des  phases  de  transition . 

-  oes  essab  de  svnth^sa  plohnle  mi  sol  permettant  la  validation  du  systdme  et  de 
son  installation  de  tir  avant  un  essal  en  vol .  Les  divers  dquipements  sont 
embarquSs  et  la  definition  est  celle  de  I'essai  en  vol . 

Cette  demarche  peut  etre  representee  par  le  schema  suivant : 


Missions 


Essais  de  synthase 
propulsion 


I 


Essais  de  synthase 
giobale 

/fhoteur  +  alimentation\ 
I  carburant  +  regulation  I 
I  +  equipements  j 

\  +  entries  d’air  y 


Trajectoires 


Regulation 
circuit  carburant 
stator^acteur 
acceierateur 


Spus-systemes 

Equipements 

Regulation 


Essais  en  vol 


Essais  d’endurance 
( Tenue  thermique  du 
moteur  en  environnement) 


[Essais  de  sous-systemes 
d’equipements 


I 


Essais  d’integration 
de  sous-systemes  et 
essais  de  regulation 


4)-^QYENS  D  ESSAIS  POUB  MOTEUR  AEROBIE  : 

La  mise  en  oeuvre  des  statoreacteurs  pour  la  propulsion  des  missiles  necessite  done  des 
moyens  d'essais  specifiques  trOs  performants,  dont  les  caracteristiques  sont  Ifees  d  ceRes  des 
engins  .aerospatiale  a  developpe  ces  techniques  de  pointe  parce  qu'elies  etoient 
indispensables  d  ses  projets  de  moteurs . 

Plusieurs  modes  d'essais  sont  possibles  ; 

-  Ig  yfilne  forego. VF  ( diaposltlve  n-  8 )  permettant  des  essais  arxalytiques .  Ce 
mode  est  trds  souple,  II  permet,,si  ton  connait  les  caracteristiques  de  rentr§e  cfair, 
de  simuler  des  trajectoires  completes  , 

~le  let  semi  llbre  jsl  ( dlapositlve  n”  9 ),  par  princIpe  d  nombre  de  Mach  constant, 
permet  de  simuler  le  fonctionnement  du  missile  complet  avec  les  entrdes  d'oir  On 
I'utilise  pour  la  mise  au  point  de  la  transition  et  pour  les  essais  de  synthdse  d  bosse 
altitude , 

-  le  iet  libre  JL.  permet  d'integrer  le  missile  complet  dans  la  tuydre 
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Ces  trols  modes  sent  reprdsentds  sur  le  sch6ma  cl  -dessous  : 


.  Essais  en  veine  forc4e 

-  essais  de  d4veioppement 

-  investigations  syst4niatiques 
dans  le  domaine  de  vol 

-  simulation  de  trajectoire  completes 

-  mesures  de  performances 


(1  %  K ) 


2.  Essais  en  jet  semi-libre 

-  essais  de  d4veloppement 

-  essais  de  synth^  propulsion 


3.  Essais  en  Jet  libre 

-  essais  de  sjmth^ 

-  mesure  du  bilan 
pouss^  -  train4e 


-N  ^  A 


■‘4 

Ddbitd’air.T, 

r 

Pc  —  p. 

Ejecteur  si 

P^  <  bar 

\ _ 

Mach  ,P,  ,T,  1 

P  — ^  P 

r  \ 

Ejecteur  si 

P^  <  1^  bar 

compliqu£si  P,  variable 


51-  BESQINS  EN  ESSAIS  ET  EN  MOYENS  D’ESSAIS  DES  MOTEURS  COMBINES  AEROBIE  PQUB 
LANCEURS  FUTURS 

Le  succds  dun  programme  de  lanceur  futur  adrobie  d6pend  de  la  tr§s  bonne  connalssance 
des  performances  des  moteurs,  compte  tenu  par  exemple  des  coefficients  de  sensibllit§  de 
la  masse  de  charge  utile  par  rapport  d  leur  poussde  spdeitique  et  d  leur  consommotion . 

oerospatiaie  mdne  actuellement  une  dtude  dont  le  but  est  de  foumir  des  didments  permettant 
d'apprdcier  I'intdrdt  technique  et  dconomique  des  diffdrents  rrroyens  qu’#  serait  envisageable 
de  mettre  en  piece  pour  fdtude  et  le  ddveloppemenf  de  tels  moteurs . 

A  tttre  d'exemple  deux  concepts  de  moteurs  sont  retenus : 

-  un  tubo-stotordocteur-fusde  ( diapositive  n*  1 1 ) 

-  un  fusde  -  statordacteur-fusde  ( diapositive  n*  12 ). 
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Romnrauf) :  aerospotkile  examine  6galement .  dans  le  cadre  de  cette  6tude.  un  moteur 
qui  assoclercrit  la  combustion  sub  et  supersonique  en  stator6acteur : 

-  statorSacteur  d  combustion  subsonique  de  Mach  2d 6, 

-  statordacteur  d  combustion  supersonique  de  Mach  6d  12. 

La  premidre  difference  qui  apparait,  si  Ton  compare  un  moteur  de  missile  avec  celui  d  un 
lanceur  futur,  est  celle  de  la  faille  (  diapositive  n®  13  )  .  CecI  ne  sera  pos  sans  poser  des 
probiemes  au  niveau  des  moyens  d'essais  (  debits  importants  pouvant  conduire  d  des 
echelles  reduites, ... ) . 

Le  corridor  de  vol  d  un  tel  lanceur ,  pxjur  des  pressions  dynamiques  comprises  entre  0,2  et  0.8 
incluant  la  plupart  des  lanceurs  actuels.  dans  le  domaine  de  nombre  de  Mach  entre  0  et  6.  est 
par  centre,  moins  s6vdre  ( plus  §troit  ? )  que  celui  efun  missile  ( diapositive  n®  14 ) 


Chacun  des  deux  concepts  de  moteur  retenu  a  et#,  dans  un  premier  temps,  dfecompos#  en 
sous  systemes  (  entries  d'oir,  tuyere  et  arriere  corps,  circuit  d'ergols,  chambre  de 
combustion) .  One  attention  particuli6re  a  ete  portee  aux  interfaces . 


Les  piincipaux  points  durs  ont  Hstds 


SOUS-SYSTfeMES 

DIFFICULTES 

ENTREE  D’AIR 

gdomdtrie  variable  -  integration  -  refroidissement  - 
distorsion  -  dimensions  - .... 

TUYfeRE  ET  ARRifeRE  CORPS 

gdometrie  variable  -  integration  -  refroidissement  - 
recombinaisons  -  interactions  de  jet  -  bruit  - .... 

CIRCUITS  D’ERGOLS 

gamme  de  debit  -  cryotechnie  - .... 

CHAMBRE  DE  COMBUSTION 

differents  modes  -  transitions  -  refroidissement  - 
cinetique  chimique  -  melanges  -  pollution  - .... 

V 


Les  besolns  en  essals  ont  6t6  obtenus  en  dressont  des  listes  de  donn^es  expdrimentales 
n^cessolres  d  kj  conception  et  d  I'dtude  des  moteurs  combinds  odrobte,  non  accessible  ou 
insufflsante  d  I'heure  actuelle  .  De  mdme.  les  besolns  en  movens  d’essols  lids  au  caractdre 
adrobie  des  moteurs  ( done  d  I'utilisation  de  souffleries )  ont  dtd  recensds  en  tenant  compte : 

-  des  difficultds  technologiques  en  fonction  de  fdtendue  du  domaine  de  vol, 

-  des  possibiltds  de  trovailler  d  dcheile  rddulte,  ovec  ou  sans  recoupement 
dventuel  ovec  des  essals  d  dcheUe  1, 

-  de  la  prise  en  compte  de  la  diffdrence  des  performances  obtenues  ovec  une 
alimentation  en  air  vicid  comparotivement  d  celles  rertcontrdes  ovec  de  fair  pur, 

-  des  limites  et  des  coOts  des  moyens  cTessais  d  mettre  en  oeuvre  . 

Deux  exemples  sont  foumis  ci-aprds,  concemont  I'entrde  d'air  et  la  chambre  de  combustion, 
dons  une  des  premidres  phases  d'dtude  se  ropportant  d  la  ddfinition  gdomdtrique  . 
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EXEMPLI  N°  1 


EXEMPLE  N°2 : 
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6)-  LOGIQUE  D  ESSAllPOUR  LE  DEVEIOPPEMENT  DE  MOTCUBS  AEBOBIE  DESHNES  AUX  LANCEUBS 

FWTURS 


L‘§tude  est  d§coup6e  en  plusieurs  phases  : 

-6tudes  amont, 

-  definition  des  geometries, 

-  projet, 

-  synthese  partielle, 

-  demonstrateur . 

Pour  cette  demiere  phase,  retude  des  moyens  d'essais  aerobie  pourra  montrer  I'impxsssibilite 
de  valider  totalement  tous  les  sous-syst6mes  ou  systemes  au  sol  .  Dans  ce  cos  it  sera 
necessaire  d'etudier  la  faisabilite  d'un  moyen  d'essais  en  vol . 

En  paralieie  seront  menees  ; 

-  des  recherches  fondamentales  (  mises  au  point  de  codes  de  calculs,... 

-  des  recherches  technologiques  (  materiaux,  geometries  variables 
refroidissement,.,.) 

A  chaque  phase  correspond  des  types  d'essais  :  on  retrouve,  par  exemple,  les  deux  fiches 
d'essais  precedentes  correspondant  d  la  definition  geometrique  des  entrees  d'air  et  de  la 
chambre  de  combustion  . 

Un  schema  complet  de  la  logique  d'essais  figure  ci  aprds . 


T 
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a)-cotitcwaQNS: 

II  apparait  que  dans  ces  deux  cos  la  couverture  existante  est  globalement  sotisfalsante  ou 
que  les  moyens  comptementaires  (  debits  Importants  d  haute  temperature,...)  pourront  6tre 
mis  rapidement  en  place,  grdce  d  des  financements  approprids 


f  ^ 


TFSF 

BESOINS  EN  nOVENS  D'ESSAIS 

FSF 

COUVERTURE  EUROPEENNE 
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gygffiflry 

A  research  program  has  been  carried  out  to  validate  a  numerical  simulation  of  the 
flow  and  combustion  process  in  the  combustion  chamber  of  a  solid  fuel  ramjet  with 
experimental  results.  Operating  conditions  were  chosen  to  represent  a  sustained  missile 
flight  at  Mach  4  at  an  altitude  of  13  km.  Experimental  data  were  obtained  by  burning 
cylindrical  fuel  grains  made  of  polyethylene  and  hydroxyl  terminated  polybutadiene  in  a 
solid  fuel  ramjet  using  a  connected  pipe  facility.  For  numerical  simulation  a  computer 
code  was  developed,  describing  rotational  symmetric  steady-state  turbulent  reacting  flows 
through  channels  with  and  without  a  sudden  expansion.  Calculations  were  carried  out  using 
polyethylene  as  a  fuel.  For  the  validation  emphasis  was  laid  on  the  regression  rate.  The 
results  show  that  the  computer  code  predicts  the  mean  regression  rate  with  reasonable 
accuracy.  The  value  for  the  effective  heat  of  gasification  is  found  to  be  very  important. 
The  experiments  and  the  calculations  carried  out  show  the  feasibility  to  apply  a  solid 
fuel  ramjet  for  sustained  hypersonic  flight  at  these  conditions. 
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area 

characteristic  velocity 
specific  heat  at  constant  pressure 
thrust  coefficient 
drag  coefficient 

diameter 
drag  force 
diameter 

equivalence  ratio  st 

mixture  fraction 

variance  of  mixture  fraction 

step  height 

specific  enthalpy 

effective  heat  of  gasification 

turbulent  kinetic  energy 

length 

molar  mass 

mass  flow  rate 

static  pressure 

heat  flux 

universal  gas  constant 

regression  rate 

source  term 

temperature 

thrust 

time 

velocity  in  x-direction 
velocity  in  y-direction 
flight  velocity 
coordinate 
mass  fraction 
coordinate 


r  diffusion  coefficient 

c  dissipation  rate  of  turb.  kin.  energy 

7)  efficiency 

♦  mix  ratio  (m  air/m  fuel) 

(fi  arbitrary  independent  variable 

p  density 
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Subscripts 
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Superscripts 


Acronyms 

COPPEF 

HTPB 

NMA 

pdf 

PB 

PE 

PMMA 

mL 

SCHC 

SFRJ 

SIMPLER 


ambient 

air 

combustion 

chamber 

frontal 

inlet 

Euler  index 

net 

port 

species 

stoichiometric 

theoretical 

initial 

reference 


mean 

rate 

reference 


A  Computer  Program  for  Parabolic  and  Elliptic  Flows 

Hydroxyl  Terminated  Polybutadiene 

Methylmethacrylate 

probability  density  function 

Polybutadiene 

Polyethylene  or  Polyethene 

Polymethylmethacrylate 

Prlns  Maurits  Laboratory 

Sonic  Control  and  Measuring  Choke 

Solid  Fuel  Ramjet 

Semi-Implicit  Method  for  Pressure-Linked  Equations  Revised 


Introduction 

For  about  ten  years  a  joint  research  program  to  investigate  the  flow  and  combustion 
process  in  a  solid  fuel  ramjet  (SFRJ)  has  been  carried  out  by  the  Prins  Maurits 
Laboratory  TNG  and  the  Faculty  of  Aerospace  Engineering  of  the  Delft  University  of 
Technology  in  the  Netherlands.  It  encompasses  both  theoretical  and  experimental  work  and 
is  primarily  aimed  at  getting  a  better  understanding  of  the  flow  and  combustion  process 
with  their  mutual  interaction  in  the  combustion  chamber  of  an  SFRJ. 

In  an  SFRJ  air  is  fed  into  the  bore  of  a  solid  fuel  grain,  see  Fig.  1.  At  the 
interface  between  the  pyrolyzing  fuel  and  the  air  combustion  takes  place.  Within  the 
framework  of  the  research  program  mentioned  above,  the  flow  and  combustion  process  have 
been  modeled  theoretically  [1],  while  combustion  experiments  have  been  performed  using  a 
connected  pipe  facility  [2,  3,  4]. 


recirculation  developing  turbulent 

zone  boundary  layer  SToese 


Fig.  1.  Schematic  view  on  a  solid  fuel  ramjet  combustion  chamber. 

For  this  fundamental  research,  test  conditions  have  been  selected  that  were  based  on 
flight  conditions  at  sea  level  and  at  Mach  numbers  up  to  3.  This  normally  results  in 
Inlet  air  temperatures  between  400  K  and  700  K  and  pressures  between  0,4  and  1,0  MPa  in 
the  combustion  chamber,  while  the  mass  fluxes  in  the  bore  of  the  solid  fuel  grain  remain 
relatively  low  and  may  range  between  100  and  400  kg/m^s.  Most  of  these  studies  were 
performed  using  polymethylmethacrylate  (ntMA)  and  polyethylene  (PE)  as  a  fuel,  since  both 
of  these  fuels  are  readily  available  and  well  documented  in  the  literature.  In  addition 
PMMA  is  transparent,  which  makes  it  particularly  interesting  for  fundamental  combustion 
research,  whereas  the  heat  of  combustion  of  PE  is  comparable  with  that  of  a  more 
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practical  non  aetallized  fuel  like  hydroxyl  teminated  polybutadiene  (HTPB) . 

Application  studies  have  indicated  that  SFRJs  may  also  be  of  Interest  at  higher 
flight  Mach  numbers  [5].  For  instance,  the  use  of  SFRJs  to  propel  kinetic  energy 
penetrators  in  the  range  between  1  and  2,5  km  seems  to  be  extremely  advantageous.  In  that 
particular  case  the  SFRJ  should  operate  at  Mach  4,5  to  5,  resulting  in  inlet  air 
temperatures  of  about  1500  K  and  combustion  pressures  of  approximately  4  MPa.  The  mass 
fluxes  in  the  bore  of  the  grain  may  attain  values  above  1000  kg/m^s.  Especially  at  these 
high  flight  Mach  numbers  testing  of  SFRJs  is  expensive  and  regulres  special  dedicated 
facilities.  This  is  particularly  true  for  a  proper  simulation  of  inlet  air  temperature. 
The  air  heater  (vltlator  type)  that  is  presently  available  at  the  test  facility  of  PNL 
can  only  raise  the  inlet  air  temperature  up  to  about  1000  K.  A  special  vitiator  that  will 
raise  the  inlet  air  temperature  up  to  2000  K  is  presently  being  designed  and  is  expected 
to  become  operational  by  the  end  of  the  year.  The  air  however  will  be  polluted  by 
significant  amounts  of  water  and  carbon  dioxide. 

At  these  extreme  operational  conditions,  numerical  simulation  of  the  flow  and  combustion 
process  may  reduce  the  costs  considerably  by  eliminating  extensive  testing.  Some  testing, 
however,  will  always  be  needed  to  validate  the  computational  results. 

This  philosophy  was  also  followed  in  a  study  in  which  the  calculated  combustion 
behavior  of  an  air-to-air  missile,  flying  at  a  speed  of  Mach  4  at  an  altitude  of  13  km 
and  powered  by  an  SFRJ,  is  compared  with  experimental  results.  For  the  calculations 
polyethylene  was  used  as  a  fuel.  The  major  results  of  this  study  are  presented  in  this 
paper.  Since  similar  experiments  were  also  performed  with  HTPB,  the  combustion  behavior 
of  PE  is  also  compared  with  that  of  HTPB. 

Theoretical  Performance  of  a  Missile 


To  prepare  experiments  at  realistic  hypersonic  conditions,  an  air-to-air  missile  is 
considered,  flying  with  a  speed  of  Mach  4  at  an  altitude  of  13  km.  This  missile,  shown  in 
Fig.  2,  is  performing  a  horizontal  flight  in  a  sustained  phase,  by  generating  a  thrust 
which  equals  the  drag  of  the  missile.  The  sustain  engine  of  the  missile  is  a  central  dump 
type  solid  fuel  ramjet  engine.  The  required  air  is  supplied  by  means  of  four  aft  mounted 
symmetrical  inlets.  These  concern  two-dimensional  three-shock  (two  oblique  shocks  and  one 
normal  shock)  inlet  systems  operating  at  design  conditions  which  results  in  an  inlet 
total  pressure  efficiency  of  0,48  at  Mach  4  [6].  Combined  with  the  atmospheric  conditions 
at  an  altitude  of  13  km  [7],  a  combustion  chamber  pressure  of  1,2  MPa  can  be  obtained. 


L 


Fig.  2.  Schematic  view  on  the  SFRJ  propelled  missile,  D  =  0,1  m, 

L  -  2,0  m,  -  0,3  -  0,4  m. 

To  facilitate  comparison  of  the  theoretical  performance  calculations  with 
experimental  data  and  to  avoid  scaling  effects,  the  missile  is  sized  to  an  external 
diameter  related  to  the  geometry  of  the  fuel  grains  used  in  the  experiments.  This  results 
in  a  missile  body  diameter  of  0,1  a.  Assuming  an  VD  ~  20,  the  length  of  the  missile 
becomes  2,0  a.  For  such  a  missile  a  fuel  grain  with  a  maximum  length  of  0,4  m  is 
considered  to  be  acceptable.  The  fuel  block  la  designed  in  such  a  way  that  stoichiometric 
combustion  is  achieved,  to  obtain  maximum  thrust  per  unit  of  air  zmss  flow. 
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The  net  thrust  of  the  propulsion  systee  follows  from: 

T.  -  \  ^  v»)  -  ]  (1) 

where  n  is  the  combustion  efficiency  and  here  assumed  to  be  0,9,  while  V  is  the  flight 

c  0  ^ 

speed  of  1180  m/s  (Mach  4  at  13  km  altitude)  [7]. 

The  thrust  coefficient  follows  from  the  pressure  expansion  ratio,  assuming  ideal 

expansion.  The  ratio  of  specific  heats  of  the  combustion  gases  is  assumed  to  be  1,3 
during  the  expansion  process,  which  results  in  a  thrust  coefficient  of  1,5  [8].  For  the 
combustion  of  HTPB  and  PE  with  air  the  values  of  the  characteristic  velocity  are 
calculated  at  various  equivalence  ratios  using  the  NASA  SP-273  computer  program  [9].  The 
temperature  of  the  air  entering  the  combustion  cheunber  is  taken  to  be  900  K  and  follows 
directly  from  the  flight  velocity  and  flight  altitude.  Both  fuels  are  considered  to  have 
a  standard  initial  temperature  of  300  K.  The  results  of  these  calculations  are  depicted 
in  Fig.  3. 


equivalence  ratio  -> 


Fig.  3.  Theoretical  characteristic  velocity  versus  equivalence  ratio 
for  PE  and  HTPB. 

The  aerodynamic  drag  of  the  missile  is  calculated  from: 

D  -  0,5  p,  V/  A^^  (2) 

where  is  the  drag  coefficient  assumed  to  be  equal  to  0,35,  and  p  is  the  ambient 
density  (0,2655  kg/m’  at  13  km  altitude)  [7). 

A^^  follows  from  the  frontal  area  of  the  four  inlets  added  to  the  cross  sectional  area  of 
the  missile  body. 


Fig.  4.  Acting  forces  on  the  missile  system  assuming  stoichiometric 
combustion. 
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The  results  of  the  theoretical  thrust  and  drag  calculations  are  shomi  in  Fig.  4. 
From  this  Figure  it  can  be  seen  that  a  theoretical  thrust  to  drag  ratio  of  unity  is 
obtained  at  an  air  mass  flow  rate  of  about  0,8  kg/s.  Air  mass  flow  rates  between  0,25 
kg/s  and  1,0  kg/s  were  selected  for  this  study. 


Theoretical  Flow  and  Combustion  Modeling 


To  describe  the  flow  and  combustion  processes  in  an  SFR7,  a  computer  program, 
COPPEF,  has  been  developed  [1].  This  program  calculates  rotational  symmetric  (20) 
steady-state  turbulent  flows  through  pipes  with  or  without  a  sudden  expansion  or  through 
a  single-sided  sudden  expansion  configuration.  Turbulence  is  accounted  for  by 
Favre-averaglng  of  the  conservation  equations  and  by  modeling  terms  containing  products 
of  fluctuating  varleUsles  with  the  high  Reynolds  number  version  of  the  k-c  turbulence 
closure  model.  All  governing  equations  can  be  cast  in  the  following  general  form  : 


-A.  (X' 

aXj  ax^‘ 


= 


(3) 


where  ^  can  be  one  of  the  following  variables  :  u,  v,  p,  k,  c,  h,  f,  g  or  Y  ,  where  P.  is 

■  e 

a  diffusion  coefficient,  and  where  S.  is  a  source  term. 
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The  enthalpy  h  is  defined  as  : 

h  =  E  V  h  (4) 

where  Y^  is  the  mass  fraction  of  species  s  and 
.  T 

h  =  h°(T  )  +  i  c  dT  (5) 

•  •  0  tji  P, 

0 

The  equation  of  state  is  written  as  : 
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The  Influence  of  density  gradients  on  the  turbulence  field  is  taken  into  account  by 
a  special  pressure-velocity  correlation  term  occurring  in  the  equations  for  k  and  c  [1]. 

At  the  inlet  of  the  SFRJ  combustion  chamber  the  values  of  all  variables  are 
specified.  At  the  outlet  and  at  the  center  line  a  no-gradient  condition  is  specified  for 
all  variables,  except  for  the  radial  velocity  which  is  zero.  At  the  solid  wall  the 
temperature,  the  mass  fractions  and  both  velocities  are  specified.  The  values  of  k  and  c 
are  not  specified  at  the  wall  but  are  calculated  just  near  the  wall  using  wall- functions. 
The  two-layer  wall-function  method  of  Chieng  and  Launder  [10]  is  incorporated  in  the 
COPPEF  computer  program.  This  wall-function  method  is  adapted  in  the  case  of  a  small 
non-zero  normal  velocity  at  the  wall.  Heat  transfer  at  the  boundaries  is  taken  into 
account  by  coupling  the  heat  flux  to  the  wall  to  the  near-wall  variation  of  the 
temperature.  Mass  transfer  at  the  boundaries  is  included  by  the  injection  of  gaseous  fuel 
at  the  solid  wall.  The  injection  velocity  is  a  function  of  the  heat  flux. 

Four  combustion  models  have  been  Implemented  in  the  COPPEF  computer  program.  Two 
models,  the  diffusion  flame  models,  are  based  on  the  assumption  that  the  combustion 
process  can  be  described  by  one  irreversible  infinitely  fast  chemical  reaction  (mixed  is 
burnt)  [11].  In  one  of  these  two  models,  the  mass  fractions  are  weighted  with  the  0 
probability  density  function  (pdf)  to  take  into  account  the  effect  of  turbulence  on  the 
combustion  process.  Both  models  require  the  solution  of  a  transport  equation  for  the 
mixture  fraction  f,  while  for  the  0  pdf  also  the  variance  of  f,  called  g,  has  to  be 
calculated. 

The  third  model  is  based  on  finite  rate  chemical  kinetics  and  involves  a  large 
number  of  species  and  reactions.  Dissociation  and  formation  of  intermediates  is  Included. 
In  this  model  the  effect  of  turbulence  on  the  combustion  process  is  neglected. 

The  fourth  model  Is  the  chemical  equilibrium  combustion  model,  which  calculates  the 
chemical  equilibrium  of  the  combustion  products.  The  equilibrium  is  considered  to  be 
reached  infinitely  fast.  This  model  takes  into  account  dissociation  of  species  and 
formation  of  intermediate  species.  This  model  is  much  faster  in  CPU-time  than  the  finite 
rate  chemical  kinetics  combustion  model.  Another  advantage  is  that  all  kinds  of  species 
can  be  considered,  also  species  for  which  no  kinetic  data  are  available,  like  MMA  or  PB. 
The  chemical  equilibrium  combustion  model  is  based  on  the  STANJAN  [12]  computer  code, 
which  solves  for  chemical  equilibrium  by  means  of  calculating  element  potentials.  The 
equilibrium  module  is  used  at  every  grid  node  at  every  iteration  cycle. 

The  choice  of  the  combustion  model  used  in  the  calculations  has  a  small  effect  on 
the  regression  rate  [2].  Therefore  it  was  decided  to  perform  all  calculations  using  the 
turbulent  diffusion  flame  combustion  model,  which  is  expected  to  yield  the  most  reliable 
results  in  flows  where  mixing  is  the  flame  controlling  mechanism. 
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A  finite-voluae  integration  method  is  employed  to  reduce  the  system  of  partial 
differential  eguations  describing  the  flow  to  a  system  of  algebraic  difference  eguatlons 
which  can  be  solved  numerically.  The  combined  convective-diffusive  flvixes  at  the  cell 
interfaces  are  approximated  with  the  Power-Law  scheme  [13].  The  solution  is  done  in  a 
segregated  approach,  in  which  an  iteration  procedure  takes  into  account  the  non-linear 
coupling  between  the  equations.  The  strong  coupling  between  the  pressure  and  the  velocity 
field  is  handled  by  the  SIMPLER-algorithm  [13],  together  with  a  line  continuity  and  a 
block  correction  procedure. 


In  the  COPPEF  computer  code  the  regression  rate  of  fuel  is  modeled  as  follows  [14]  : 


r 


(7) 


in  which  is  the  local  heat  flux  to  the  wall  and  h^  is  the  effective  heat  of 

gasification,  which  is  defined  as  the  amount  of  heat  required  to  bring  1  kg  of  polymeric 
fuel  from  the  Initial  state,  usually  solid  taken  at  room  temperature,  to  the  pyrolytic 
(gaseous)  state  at  the  pyrolysis  temperature.  The  value  of  the  effective  heat  of 
gasification  is  very  important,  as  was  already  noticed  in  Ref.  [2].  Normally  the  value  of 
the  effective  heat  of  gasification  used  for  PE  is  4,5  HJ/kg  [15].  Presently  a  research 
study  on  fuel  pyrolysis  is  being  carried  out  [15,16],  where  it  is  believed  that  the 
effective  heat  of  gasification  of  PE  is  affected  by  the  heating  rate  of  the  fuel  surface. 
If  the  mass  flow  rate  of  incoming  air  is  increased,  the  heat  transfer  to  the  wall 
increases  and  so  does  the  regression  rate,  and  hence  the  heating  rate.  This  will  affect 
the  surface  temperature  and  therefore  it  is  reasonable  to  assume  that  the  effective  heat 
of  gasification  will  also  increase.  Depending  on  the  heating  rate  the  surface  temperature 
will  vary  from  700  to  1000  K  for  PE,  and  the  effective  heat  of  gasification  will  vary 
from  less  than  4,0  to  more  than  5,5  KJ/kg,  see  Fig.  5.  These  values  depend  on  the  heating 
rate  and  on  the  composition  of  the  pyrolysis  products,  i.e.  whether  monomer  gas  is 
assumed  or  several  different  pyrolysis  products  (the  so-called  lump  model  [16]).  Even  if 
the  wall  temperature  is  kept  constant  the  effective  heat  of  gasification  will  still  vary 
with  the  heating  rate,  due  to  the  different  composition  of  the  pyrolysis  gases. 


pyrolysis  temperature  [K]  -> 


Fig.  5.  The  effective  heat  of  gasification  as  a  function  of  the  pyrolysis 
temperature  for  polyethylene  as  predicted  by  two  theoretical 
models . 

From  this,  it  was  decided  to  perform  also  some  calculations  while  varying  the 
effective  heat  of  gasification  of  PE  in  accordance  to  the  above  described  mechanisms.  The 
values  chosen  for  the  effective  heat  of  gasification  can  be  found  in  Table  l. 

It  was  assumed  that  the  convective  heat  transfer  mechanism  is  dominant  and  that  the 
radiative  heat  transfer  nay  be  neglected.  This  assumption  is  believed  to  be  valid 
especially  at  higher  mass  flow  rates. 

The  Experimental  Test  Facility 

At  the  Prlns  Haurits  Laboratory  TNO  an  experimental  facility  is  available  to 
simulate  solid  fuel  ramjet  combustion  [17].  A  schematic  view  of  the  main  parts  of  the 
facility  is  given  in  Fig.  6.  Not  shown  in  this  Figure  is  a  the  computer  operated  gas 
supply  system,  which  supplies  air,  oxygen,  hydrogen  and  methane  to  the  experimental 
Installation.  Mass  flow  rates  are  controlled  by  sonic  control  and  measuring  chokes 
(SCMCs;  ,  with  an  accuracy  of  3  %  [18].  In  a  vitiator  methane  is  burnt  with  oxygen,  to 
raise  the  SFRJ  inlet  air  temperature.  During  every  experiment  the  oxygen  content  of  the 
vitiator  exhaust  gases  is  kept  constant  to  that  of  ambient  air.  A  three  way  valve  vents 
the  heated  air  into  the  atmosphere  before  the  actual  experiment  takes  place.  As  soon  as 
steady  conditions  are  reached  within  the  vitiator,  the  three  way  valve  is  opened  towards 
the  SFRJ. 
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1  vitiator. 

2  three  way  valve. 

3  solid  fuel  ramjet  combustion  chamber. 

4  thrust  bench. 

The  SFRJ  set  up  itself  consists  of  an  injection  chamber,  a  combustion  chamber 
consisting  of  a  polymeric  fuel,  and  an  aft  mixing  chamber  (see  also  Fig.  1).  To  ignite 
the  solid  fuel  grain  hydrogen  and  oxygen  are  injected  in  the  injection  chamber,  while 
this  mixture  on  its  turn  is  ignited  by  a  sparh  plug.  The  combustion  pressure  is 
controlled  by  choosing  a  proper  diameter  of  the  nozzle,  fitted  in  the  aft  mixing 
chamber. The  SFRJ,  Including  vitiator  and  three  way  valve,  are  positioned  on  a  thrust 
bench,  in  order  to  measure  the  thrust.  A  data  acquisition  system  is  capable  of  storing  16 
digital  signals  simultaneously. 
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For  the  present  test  series  cylindrical  fuel  grains,  made  of  PE  and  HTPB  were  burnt 
with  vitiated  air.  The  fuel  grain  length  was  300  ibib,  while  the  initial  inner  diaaieter  was 
40  ma.  To  slBiulate  Mach  4  test  conditions  the  teaiperature  of  the  inlet  air  was  kept  at 
approxiBiately  850-900  K,  while  the  coBibustion  pressure  was  1,2  MPa.  The  Biass  flow  rate 
was  varied  between  250  and  1000  g/s.  All  coBibustion  experiaients  with  PE  and  HTPB  had  a 
burning  tlaie  of  25  s  and  10-15  s  respectively. 

PyroBietry 

The  fltaxlBiUBi  teaiperature  in  the  aft  Biixlng  chaatber  was  detenained,  using  a  two  color 
pyroBieter.  The  pyroaieter  deteraiines  the  soot  teatperature,  by  aieasuring  the  ratio  of 
spectral  radiances  at  respectively  577  nai  and  830  nai.  It  is  assuaied  that  the  teaiperature 
of  the  soot  equals  the  ataxlanuB  gas  teaiperature  in  the  aft  laixing  chaaiber  of  the  SFR7. 

Regression  rate  neasureaient 

The  regression  rate  in  the  SFRJ  was  detenained  by  three  different  aiethods.  To  obtain 
the  overall  aiean  regression  rate  the  weight  of  the  fuel  grain  was  detenained  before  and 
after  a  test  run.  To  obtain  the  local  aiean  regression  rate  the  fuel  inner  port  diameter 
was  measured  as  a  function  of  the  axial  coordinate,  also  before  and  after  the  test  run. 

During  several  tests  the  local  instantaneous  regression  rate  in  the  SFRJ  was 
determined  using  the  ultrasonic  pulse-echo  technique  [ 19 ] .  In  this  technique  ultrasonic 
transducers  are  placed  on  the  outer  side  of  the  fuel  grain.  Each  transducer  emits  an 
acoustic  wave  into  the  fuel.  This  wave  is  reflected  at  the  burning  interface  within  the 
combustor,  and  this  reflection  (echo)  is  then  received  again  by  the  same  transducer.  The 
time  derivative  of  the  measured  pulse-echo  time  is  considered  to  be  proportional  to  the 
local  instantaneous  regression  rate,  as  long  as  the  combustion  is  quasi-stationary  [19]. 

Results  and  Discussion 


To  compare  theoretical  and  experimental  combustion  behavior,  emphasis  was  laid  on 
the  regression  rate.  The  regression  rate  is  considered  to  be  one  of  the  most  important 
design  parameters  since  it  determines  the  fuel  mass  flow  rate  and  hence  the  mixture  ratio 
and  therefore  the  overall  system  performance.  In  addition  temperatures  were  measured  and 
combustion  efficiencies  were  estimated. 

Before  calculated  and  experimental  results  are  to  be  compared,  some  important 
coBuaents  have  to  be  made. 

First  of  all,  the  COPPEF  computer  code  assumes  a  steady  state  flow  and  combustion 
process.  However,  this  assumption  is  in  strong  contrast  with  the  actual  situation,  where, 
due  to  regular  vortex  shedding  at  the  inlet,  locally  highly  fluctuating  quantities  like 
velocities,  temperatures  and  species  concentrations  can  be  expected.  Nevertheless,  the 
regression  rates  appear  to  change  only  relatively  slow  during  the  experiment,  as  will  be 
discussed  later  on. 

Secondly,  to  simulate  an  experiment  adequately,  it  is  necessary  to  choose  an 
appropriate  fuel  grain  inner  bore  diameter.  In  the  experiment  this  diameter  will  vary  in 
time,  while  in  the  calculation  this  value  is  fixed.  For  the  calculations  the  value  of  the 
inner  bore  diameter  was  taken  to  be  about  5  mm  less  than  the  final  averaged  inner  bore 
diameter  after  the  experiment.  The  effect  of  diameter  variation  on  the  calculation 
results  can  be  significant  and  will  also  be  discussed  in  more  detail  later  on. 

Thirdly,  it  is  known  that  the  heat  transfer  is  dependent  on  the  axial  location,  due 
to  different  flow  conditions.  For  example  one  can  distinguish  the  recirculation  zone  from 
the  developing  boundary  layer,  see  Fig.  1.  Therefore  the  effective  heat  of  gasification, 
the  wall  temperature  and  the  pyrolysis  products  will  differ  with  the  axial  position.  In 
the  computer  code  this  has  not  been  taken  into  account,  simply  because  not  enough  data 
are  available  yet.  When  carrying  out  the  calculations  these  quantities  have  been  kept 
constant  and  uniform  and  hence  only  the  regression  rate  varies  with  the  axial  position  as 
a  function  of  the  local  heat  flux. 

Finally,  the  regression  rate  is  dependent  on  the  inlet  conditions  [11,20].  Variation 
of  inlet  conditions  was  not  taken  into  account  in  this  study.  The  inlet  conditions  used 
for  the  calculations  are  specified  in  Table  1.  In  this  Table  the  conditions  used  in  the 
experiments  and  the  calculations  are  summarized. 

Observed  combustion  behavior 

Isolated  experiments  showed  that  spontaneous  ignition  and  coaibustion  of  the  fuel 
grain  did  not  occur  within  at  least  10  s.  This  is  attributed  to  the  fact  that  the  desired 
level  of  inlet  air  temperature  was  only  reached  after  some  time,  due  to  heat  losses  in 
the  piping  between  the  air  heater  and  the  combustion  chamber.  Therefore  it  was  decided  to 
use  the  hydrogen  oxygen  ignition  system  also  in  these  experiments. 

Almost  immediately  after  termination  of  the  ignition  the  equilibrium  pressure  in  the 
combustion  chaadser  was  reached. 

A  few  experiments  were  also  carried  out  to  investigate  the  minlmiua  step  height  to 
initial  diameter  ratio  to  obtain  sustained  combustion.  It  was  noticed  that  sustained 
combustion  could  be  achieved  in  all  cases  when  using  a  step  height  to  initial  diameter 
ratio  of  about  0,19  (7,5  mm  /  40  mm).  All  reported  experiments  were  carried  out  with  this 
step  height  to  initial  diameter  ratio. 

To  investigate  the  behavior  of  the  regression  rate  during  the  combustion  process, 
for  some  experiments  the  local  Instantaneous  regression  rate  was  measured  continuously  at 
4  locations  along  the  fuel  grain  by  means  of  the  ultrasonic  pulse  echo  technique.  The 
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reeults  of  one  experiment  with  PE  at  a  mass  flow  rate  of  750  g/s  are  shown  in  Fig.  7, 
from  which  the  following  can  be  observed.  First  of  all,  the  regression  rate  distribution 
along  the  fuel  grain  changes  in  time  significantly,  especially  in  the  region  close  to  the 
inlet.  At  the  aft  e.id  section  of  the  fuel  grain  the  regression  rate  hardly  changes. 
Secondly,  the  location  of  maximum  regression  rate  shifts  downstream  during  the  combustion 
process.  Clearly  the  observed  regression  rate  profile  is  dependent  on  time,  especially  in 
the  first  10  -  15  s  of  the  combustion  process.  After  this  time  the  shape  of  the 
regression  rate  distribution  changes  only  slowly. 


Fig.  7.  Experimental  regression  rate  distribution  for  PE  at  several  axial 
locations  at  5  subsequent  instants,  obtained  by  means  of  the 
ultrasonic  pulse-echo  technique. 

Overall  mean  regression  rate 

In  Fig.  8  the  experimental  overall  mean  regression  rate  is  given  as  a  function  of 
the  air  mass  flow  rate,  both  for  PE  and  for  HTPB.  From  this  Figure  it  can  be  noticed  that 
the  mean  regression  rate  Increases  at  Increasing  mass  flow  rate.  The  observed  regression 
rates  are  somewhat  lower  than  those  reported  by  Schulte  [21,22].  For  PE  also  the  overall 
mean  regression  rate  is  calculated  both  for  a  constant  effective  heat  of  gasification 
(4,5  MJ/kg)  as  well  as  a  mass  flow  rate  dependent  effective  heat  of  gasification,  see 
Table  1.  The  agreement  between  calculated  and  experimental  regression  rates  is  good, 
especially  if  variation  of  the  effective  heat  of  gasification  with  the  mass  flow  rate  is 
applied. 


Fig.  8.  Calculated  and  experimental  mean  regression  rates  as  a  function 
of  air  mass  flow  rate,  for  PE  and  HTPB. 

The  experiments  with  HTPB  show  regression  rates  which  are  one  and  a  half  to  two 
times  as  high  as  the  observed  regression  rates  for  PE.  A  similar  behavior  was  also 
reported  by  Schulte  [23].  This  can  be  understood  by  comparing  the  value  of  the  effective 
heat  of  gasification  for  PE  being  about  4,5  MJ/kg  with  the  value  of  the  effective  heat  of 
gasification  for  HTPB  which  is  estimated  to  be  3,2  MJ/kg. 
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Local  regression  rate 

For  a  test  condition  of  an  air  mass  flow  rate  of  750  g/s  calculated  regression  rate 
profiles  are  given  in  Fig.  9.  In  these  calculations  only  the  fuel  grain  inner  diameter 
has  been  varied.  The  overall  mean  regression  rate  is  approximately  the  same  for  all 
calculations  and  is  equal  to  the  overall  mean  regression  rate  of  the  experiment.  In  this 
Figure  also  the  experimental  regression  rate  profile  is  shown.  This  profile  was  derived 
from  inner  bore  profile  measurements  after  the  test  and  gives  the  mean  local  regression 
rate.  In  the  beginning  of  the  test  the  step  height  to  diameter  ratio  is  relatively  small 
(0,19),  but  this  ratio  increases  rapidly  to  about  0,32,  due  the  high  regression  rate.  It 
is  a  well  known  fact  that  the  location  of  the  reattachment  point,  which  is  considered  to 
be  equal  to  the  point  of  maximum  regression  rate,  depends  on  the  step  height  to  diameter 
ratio  [2].  Hence  the  regression  rate  distribution  changes  during  the  experiment,  see  also 
Fig.  7,  and  the  distribution  given  in  Fig.  9  is  the  time  averaged  distribution. 


position  from  inlet  Im]  -> 

Fig.  9.  Local  mean  regression  rate  as  a  function  of  the  axial  location. 

Effect  of  variation  of  the  inner  bore  diameter  in  the 
calculations,  h^  =  4,5  MJ/kg. 

In  the  calculations  the  regression  rate  distribution  also  changes  with  variation  of  the 
step  height  to  diameter  ratio  (Fig.  9) .  However,  here  the  diameter  and  the  effective  heat 
of  gasification  are  constant  along  the  fuel  grain.  Therefore  it  is  not  allowed  to  make  a 
direct  comparison  between  the  calculated  regression  rate  profiles  and  the  experimentally 
determined  profile.  But  it  must  be  concluded  that  the  choice  of  the  diameter  in  the 
calculations  affects  the  regression  rate  distribution,  while  the  choice  of  the  effective 
heat  of  gasification  affects  the  value  of  the  regression  rate  itself,  see  also  Fig.  10. 
The  choice  of  a  diameter  that  can  be  considered  as  a  weighted  mean  of  the  experiment  will 
yield  a  fairly  good  prediction  of  the  local  mean  regression  rate. 


position  from  inlet  (m)  -> 

Fig.  10.  Comparison  of  calculated  and  experimental  local  mean  regression 
rates  for  two  mass  flow  rates.  Inner  bore  diameter  is  50  mm  at 
250  g/s  and  65  mm  at  750  g/s. 

Flame  temperature 

In  Fig.  11  the  adiabatic  flame  temperature  at  chemical  equilibrium  is  given  as  a 
function  of  the  equivalence  ratio,  both  for  PE  and  HTPB.  This  flame  temperature  was 
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determined  using  a  chemical  equilibrium  code  [9].  The  temperatures  in  the  aft  mixing 
chamber  measured  by  the  pyrometer  are  also  plotted  in  this  Figure.  As  can  be  observed,  a 
fairly  good  agreement  between  experimental  and  theoretical  temperatures  is  obtained.  Due 
to  the  fact  that  the  local  equivalence  ratio  may  differ  from  the  overall  equivalence 
ratio,  hot  spots  may  occur  and  will  be  detected  by  the  pyrometer.  However,  the  maximum 
temperatures  observed  by  the  pyrometer  never  exceeded  the  maximum  theoretical  flame 
temperature . 


Fig.  11.  Adiabatic  flame  temperature  at  equilibrium  and  maximum 
experimental  temperature  versus  equivalence  ratio  at  specified 
initial  conditions  for  PE  and  HTPB. 


Efficiency  and  performance 

in  Fig.  12  the  combustion  efficiency  (c*  /c*  )  is  given  as  a  function  of  the 
equivalence  ratio.  No  corrections  were  made  for  heat  losses.  From  this  Figure  it  can  be 

seen  that  the  combustion  efficiency  increases  with  increasing  equivalence  ratio,  hence 
with  increasing  air  mass  flow  rate.  Since  the  residence  time  of  the  combustion  gases  in 
the  engine  decreases  with  increasing  mass  flow  rate,  the  increase  in  combustion 
efficiency  may  be  explained  by  the  increasing  ratio  between  generated  heat  and  heat 
losses  to  the  wall. 
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Fig.  12.  Efficiency  based  on  the  ratio  of  experimental  and  theoretical 
characteristic  velocities  as  a  function  of  the  equivalence  ratio. 

Fuels  are  PE  and  HTPB. 

In  contrast  to  one  of  the  assumptions  made  earlier  in  this  study  for  the  sustained 
flight  of  a  missile,  a  combustion  efficiency  of  0,9  at  stoichiometric  conditions  was  not 
proved.  However,  since  the  observed  combustion  efficiencies  around  stoichiometry  were 
rather  close  to  this  value,  an  efficiency  even  greater  than  0,9  may  be  feasible  by 
increasing  the  turbulence  intensity  and  by  decreasing  heat  losses.  This  may  be  true  in 
particular  for  PE.  The  regression  rates  of  PE  however  are  relatively  low  and  require 
complicated  grain  designs  to  provide  stoichiometric  combustion  at  grain  lengths  not 
exceeding  0,3  -  0,4  a  for  this  missile  system.  HTPB  is  a  more  suitable  fuel  for  this 
application  because  of  the  higher  regression  rate  (Fig.  8.). 


+  PE  exp. 
a  HTPB  exp. 


Fuel  :  To  =  300  K 
Air  :  To  =  900  K 
Pc  =  1,2  MPa 


29-12 


gonglvigipng 


The  value  of  the  effective  heat  of  gasification  is  very  important  for  the  prediction 
of  the  mean  regression  rate  in  an  SFR7,  while  the  choice  of  the  inner  bore  diameter 
affects  the  distribution  of  the  regression  rate  along  the  fuel  grain. 

The  COPPEF  computer  code  is  suitable  to  predict  the  mean  regression  rate  and  the 
regression  rate  distribution  of  polyethylene  in  a  solid  fuel  ramjet  at  operational 
conditions . 

Using  PE  or  HTPB  as  a  fuel  it  may  be  well  feasible  to  propel  the  specified  missile 
with  a  solid  fuel  ramjet  engine  in  the  sustained  phase  of  a  Mach  4  flight  at  an 
altitude  of  13  km. 

The  ultrasonic  pulse-echo  technique  is  very  useful  to  understand  the  history  of  the 
combustion  process  and  the  regression  rate  distribution. 
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Integrated  airbreathing  propulsion  systems  for  future  hypersonic 
under  funding  of  the  German  MOD. 

A  30  km  range-Mach  5-antiradiation  mission  was  selected  for  more 
Main  aspects  for  the  missile/propulsion  design  are 
0  simple  design  with  no  or  minimum  geometrical  variability, 

0  no  ejecta  during  boost/sustain  transition, 

0  high  average  velocity  (transition  Mach  number  well  above  3) 

To  minimize  the  mass  fraction  of  the  required  booster  propellant 

-  an  optimum,  conmon  (non  ejectable)  boost/sustain  nozzle  must 

-  the  booster  pressure  should  be  optimized  to  use  the  strength 

-  the  intake  must  be  closed  during  boost  to  reduce  drag  and  to 
A  special  two  position  intake  concept  permits 

+  intake  closure  during  boost, 

+  starting  of  the  internal  shock  system, 

+  cruise  flight  with  minimum  external  drag  and  high  pressure  recovery  at  transition  Mach  numbers. 

Based  on  promising  test  results  of  the  DLR/Cologne  obtained  with  a  comparable  intake  model  a  new  family 
of  intakes  with  different  internal  compression  ratio  and  lip-bluntness  has  been  designed. 

A  boron  loaded  ducted  rocket  with  subsonic  self  throttling  gasgenerator  flow  has  been  selected  for  cruise 
flight  propulsion  due  to  its  simple  design,  excellent  combustion  stability  and  the  high  level  of  existing 
experience. 

Even  at  combustor  temperatures  above  the  condensation  temperature  of  boron-oxide,  the  volumetric  impulse 
of  boron  loaded  propellants  remains  attractive.  The  ducted  rocket  gasgenerator  can  be  integrated  within 
the  missile  forebody  which  also  contains  seeker,  warhead,  electric  compartment  and  missile  controls. 

The  missile  flight  control  system  is  based  on  jet  reaction  using  minirockets  during  boost  and  high  pressure 
intake  tap  air  during  cruise. 


tactical  missiles  have  been  studied 
detailed  investigations. 


be  adopted; 

potential  of  the  ramcombustor  structure; 
avoid  dangerous  buzz, 


C/C  material  has  been  adopted  for  the  structural  design. 

The  superiority  of  the  ducted  rocket  powered  medium  range  antiradiation  missile  has  been  demonstrated  by 
comparison  with  a  rocket  powered  missile  having  the  same  diameter  and  payload. 

For  short  range  (6  to  12  km)  low  level  missions  the  solid  fuel  ramjet  with  integral  boost  will  be  an 
attractive  propulsion  concept. 


LIST  OF  SYMBOLS 


“lat 
c«o  .c 

c* 

‘'Do 


sp 


ref 


Ax 

Ax 


EK 

ZK 


area,  cross  section 

lateral  acceleration 

flight  velocity,  average  velocity 

characteristic  velocity 

zero  lift  drag  coefficient 

nozzle  thrust  coefficient 

diameter 

acceleration  of  gravity 
specific  impulse 
length 
mass 

Mach  number 
pressure 

reference  area  for  aerodynamic 

coefficients 

volume 

length  of  internal  contraction  zone  (Fig.  11) 
centerbody  translation  for  closure  of 
intake  entrance 


eL  angle  of  incidence 

£  nozzle  expansion  area  ratio 
'd'c  centerbody  cone  angle  (Fig.  11) 

Az.  internal  cowl  angle  of  intake  (Fig.11) 
nozzle  exit  momentum  coefficient 

Subscripts 

oo  condition  at  free  stream  (Fig.  11) 

1  condition  at  intake  exit  (Fig.  11) 

4  condition  at  nozzle  throat 

5  condition  at  nozzle  exit 

c  chamber  condition 

cp  cruise  propellant 

E  condition  at  intake  entrance  (Fig.  11) 
K  condition  at  intake  throat  (Fig.  11) 

L  nominal  intake  capture  area  (Fig.  11) 
sol  shock  on  lip  condition 
t  total  condition 


30-2 


1 .  INTRODUCTION 

Ducted  rockets  (also  known  as  solid  propellant  ramrockets)  for  military  applications  are  under  investi¬ 
gation  at  ICB  and  Bayern-Chemie  since  more  than  twenty  years  /I ,2,3,5/. 

The  experimental  work  started  with  simple  fixed  flow  ducted  rockets  using  medium  energy  propellants. 

Since  the  early  1970's  the  work  concentrated  on  achieving  efficient  primary-  (gas  generator-)  and  secon¬ 
dary-  (ram-)  combustion  with  highly  boron  loaded  propellants.  Stable  combustion  even  under  severe  lateral 
manoeuvres  could  be  demonstrated  during  two  successful  flight  tests  with  the  EFA  experimental  missile 
in  1981  /5,6/  (Fig.  1). 

Meanwhile  the  effort  was  focused  on  variable  flow  ducted  rockets  with  different  amounts  of  boron  content 
/4,5,6/.  Within  the  predevelopment  program  for  a  large  antiship  missile,  a  variable  flow  ducted  rocket 
engine  (with  integrated  booster)  was  developed  to  f lightweight-prototype  status.  The  performance  of  the 
propulsion  system  was  demonstrated  successfully  in  direct  connect  tests  simulating  different  flight  path 
profiles  /?/. 

While  the  engine  design  and  testing  was  done  by  MBB,  the  development  of  gasgenerator  and  integral  booster 
propellants  was  performed  by  Bayern-Chemie. 

All  the  theoretical  and  experimental  work  mentioned  above  was  done  for  ducted  rockets  operating  in  the 
Mach  2-2.5  regime  at  sea  level  and  below  Mach  4  at  high  altitudes. 

The  influence  of  higher  (moderate  hypersonic)  flight  Mach  numbers  on  design  and  performance  of  ramjets 
and  ducted  rockets  were  investigated  since  1983  under  funding  of  the  German  MOD. 

This  paper  presents  some  of  the  theoretical  and  experimental  results  obtained  by  the  ongoing  study 
/8,9,10/. 


2.  DOMINATING  ASPECTS  FOR  MISSILE  LAYOUT  AND  PROPULSION  INTEGRATION 


The  application  oriented  investigation  of  potential  future  hypersonic  airbreathing  missile  propulsion 
systems  was  based  on  anticipated  tactical  requirements.  As  illustrated  by  Fig.  2,  a  primary  requirement  for 
all  tactical  missiles  in  Europe  will  be  the  capability  to  fly  sea  level  missions. 

Therefore  the  research  work  concentrated  on  missile  and  propulsion  designs  suitable  to  low  level  flight. 

A  typical  antiradiation  mission  (Fig.  3)  was  selected  for  a  detailed  investigation. 

§SlS£5i9D-9f.^§§i£.'!!i5§ilS.£9I!fi9yi!5ii20- 

With  increasing  flight  Mach  number 

+  the  required  intake  capture  ai’ea  increases  with  respect  to  the  missile  reference  area, 

+  the  interference  between  intake  and  fuselage  becomes  more  dominant. 


Therefore  at  hypersonic  speeds  a  separate  investigation  of  rampropulsion  and  missile  fuselage  design 
becomes  useless. 

With  regard  to  -  engine  integration 

-  complexity  (cost) 

-  structure  mass 

-  volume 

-  aerodynamic  characteristics 

three  families  of  missile  configurations  were  analysed  (Fig.  4): 


Waveriders  and  blended  body  configurations  offer  superior  lift  to  drag  ratios.  At  sea  level  flight  con¬ 
ditions,  however,  the  required  lift  coefficients  (~50  g)  can  be  attained  at  low  incidence  even  with  con¬ 
ventional  bodies  with  circular  cross  section.  Consequently,  the  high  lift  to  drag  ratios  of  unconventional 
configurations  are  of  importance  only  at  high  altitude  flight. 

The  governing  aerodynamic  parameter  to  determine  the  cruise  propellant  mass  fraction  is  the  following 
term  of  zero  lift  drag  coefficient,  missile  reference  area  and  missile  body  volume: 


_£E_ 


c. 


m, 


transition 


D« 


Vef 


<''body) 


m 


For  a  given  (required)  missile  body  volume  and  the  corresponding  reference  area  this  parameter  defines 
the  drag-  and  thrust-level  for  cruise  flight. 

It  was  demonstrated  /8/,  that  conventional  missile  configurations  exhibit  minimum  zero  lift  drag  levels 
especially  when  they  are  combined  with  suitable  front  intakes. 

Their  manoeuverabil ity  characteristics  are  acceptable  (and  can  be  improved  by  adding  body-strakes). 


Due  to  the  superior  properties  summarized  in  Fig.  4,  the  conventional  missile  configuration  with  circular 
body  cross  section  is  best  suited  for  hypersonic  sea  level  missions  and  was  selected  for  the  ducted  rocket 
integration  and  performance  evaluation  studies. 


3.  GENERAL  ASPECTS  FOR  DESIGN  OF  THE  BOOST-  AND  CRUISE  PROPULSION  SYSTEM 
The  general  requirements  for  the  propulsion  system  are  listed  in  Fig.  5: 

Due  to  severe  kinetic  heating  (freestream  total  temperature  exceeding  1500  K  at  Moo  =  5)  the  engine  and 
missile  assembly  should  be  kept  as  simple  as  possible.  The  use  of  adjustable  structural  components  of  the 
engine  and  missile  as 

-  variable  intake  geometry 
-gas  generator  throttle  valve 

-  fin  control  Is 

should  be  avoided  as  far  as  possible  especially  during  cruise  flight. 

A  high  boost  end  Mach  number  will  help  to  attain  favourable  average  velocities  and  to  guarantee  efficient 
operation  of  the  ramcombustor  even  without  fuel  flow  control  during  cruise  phase. 
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Starting  from  zero  velocity  (launch  Mach  number  zero)  a  booster  propellant  mass  corresponding  to  40  %  - 
45  %  of  the  missile  launch  mass  will  be  required  to  attain  transition  Mach  numbers  between  3.5  and  4.  To 
minimize  the  engine  mass,  the  performance  of  the  integral  boost  motor  should  be  kept  as  high  as  possible 
and  not  compromised  by  inproper  grain  and  boost  nozzle  design.  On  the  other  side  ejectable  booster  nozzles 
should  be  avoided  to  reduce  complexity  and  risks  (endangering)  of  potential  launcher  aircraft. 

QB?l0i?§^^9D.9f.^99§^_!!l9^9C.!!!§§§.^E29l.§]I 

The  required  mass  of  the  integral  boost  motor  depends  on  required  velocity  increment,  non  boost  propulsion 
masses  and 

0  isp  =  c*  Cf 

0  mass  ratio  propel lant/booster-ramcombustor  structure 
0  boost  phase  drag  losses 
0  transition  losses 

The  characteristic  velocity  c*  depends  on  the  propellant  composition  that  can  be  adopted  with  regard  to 
signature  and  safety  requirements.  An  excellent  nozzle  thrust  coefficient  Cy  requires  a  nearly  optimum 
nozzle  expansion  ratio  £  and  a  proper  nozzle  contour  with  high  exit  momentum  coefficient  .  The 
booster  burning  pressure  should  be  kept  as  high  as  possible  within  the  constrains  of  the  ramcombustor 
structure  to  obtain  a  maximum  nozzle  thrust  coefficient  and  minimum  structure  masses. 

The  structure  mass  increases  with  the  required  chamber  volume,  therefore  a  high  volumetric  loading  with  a 
case  bonded  grain  and  a  small  grain  bore  area  are  also  required. 

Minimum  losses  of  missile  velocity  during  boost-cruise  transition  can  be  expected,  if  a  simple  transition 
procedure  without  nozzle-  and  port  cover  ejection  can  be  realized.  Minimum  boost  drag  losses  will  be 
achieved,  when  a  high  thrust  level  can  be  combined  with  low  external  drag. 

While  the  combustor  entrance  must  be  kept  closed  (with  port  covers)  during  boost  in  every  case,  an 
acceptable  external  wave  drag  level  requires  a  closed  (or  covered)  intake  entrance  area  too.  As  outlined 
below,  the  intake  closure  prior  to  cruise  flight  is  necessary  to  avoid  buzz  during  boost  and  to  improve 
handling  properties  before  launch. 

§9952§!r_9§§i9D.!!!yl§5  • 

The  structure  of  the  booster  chamber  (i.e.  ramcombustor)  should  be  designed  according  to  maximum  strain 
during  cruise  flight  which  depends  on 

-  chamber  pressure  (determined  by  transition  pressure  recovery,  flight  mission  envelope  and  engine 
characteristics)  and 

-  manoeuver  loads. 

These  being  the  major  factors  specifying  the  structural  strength,  the  booster  burning  pressure  should  be 
chosen  as  high  as  possible  with  regard  to  specific  boostimpulse,  minimum  chamber  volume  and  maximum 
thrust  level  (acc.  to  boost  phase  drag). 

The  nozzle  exit  area  A5will  be  selected  with  regard  to  engine  thrust  and  missile  base  drag  (  a  possible 
body  flare  for  missile  stabilisation  must  be  taken  into  account). 

The  nozzle  area  ratio  -  . 

€  =  A5/A4 

should  be  kept  slightly  below  the  corresponding  rocket  mode  optimum,  to  make  sure  that  the  nozzle  thrust 
coefficient  at  moderate  post  transition  pressure  ratios  is  not  too  much  mismatched.  The  resulting  nozzle 
throat  area 

A4  =  Ag/f 

should  be  appropriate  with  regard  to  the  airbreathing  rampropulsion  mode,  e.g. 

+  thrust  demand  (cruise  flight  drag  level) 

+  intake  capture  area  (external  drag,  payload  volume) 

+  fuel  to  air  ratio  (specific  impulse) 

and  should  yield  sufficient  high  boost  thrust  levels  to  achieve  attractive  average  velocities  confined 
with  moderate  boostdrag  losses. 

With  regard  to  the  large  influence  of  nozzle  exit  momentum  losses  on  ramjet  thrust  at  hypersonic  speeds, 
the  nozzle  divergence  angle  should  be  defined  well  below  typical  values  of  solid  rocket  motors. 


4.  INTAKE  INVESTIGATIONS 

The  most  complex  component  of  the  airbreathing  missile  propulsion  system  is  the  air  intake. 

§?9§r§Li92?!s§.5i§i§'P-§§p?92§-iEi9i.Zl 

For  flight  Mach  numbers  below  or  around  5  a  supersonic  combustion  engine  is  not  competitive  (with  regard 
to  performance,  booster  integration,  etc.)  to  a  subsonic  combustion  ramjet.  Therefore,  only  intakes  suit¬ 
able  for  subsonic  combustion  are  of  interest. 

Internal  boundary  layer  bleed  could  create  a  large  amount  of  bleed  drag  and  may  lead  to  excessive  thermal 
heating  within  the  bleed  area.  Consequently,  bleed  should  be  avoided. 

Closure  of  the  intake  entrance  area  is  required 
+  to  improve  handling  properties 
+  to  reduce  drag  prior  to  transition 
+  and  to  avoid  dangerous  buzz  during  boost. 

§yp?r29rl2^.9f.2!!?.9irsyl§c.fr99LiD59!s§.i?l9i-§^ 

The  classical  disadvantage  of  the  circular  front  intake  is  the  more  difficult  payload  integration  within 
the  intake  centerbody.  The  associated  volumetric  loss  becomes  acceptable  at  hyersonic  speeds,  where  the 
subsonic  duct  area  of  the  intake  is  much  smaller  than  the  capture  area. 

Looking  at  other  evaluation  criteria  a  distinct  superiority  of  the  front  intake  is  obvious  compared  to  the 
side  intake  arrangement. 
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The  mixed  compression  intake  has  more  problems  with  the  starting  process  than  the  external  compression 
intake.  In  basic  tests  /12,  13/,  discussed  later  on,  a  practical  solution  could  be  demonstrated.  Inspite 
of  their  very  high  internal  friction  losses,  the  performance  of  the  tested  mixed  compression  intakes  is 

by  far  sufficient  to  provide  a  maximum  ramcombustor  pressure  in  the  order  of  100  bar. 

On  the  other  hand,  the  mixed  compression  front  intake  exhibits  a  much  lower  external  wave  drag,  than  the 
external  compression  intake  types  shown  in  Fig.  9.  The  external  compression  intake  with  the  low  drag 
cowl  has  the  particular  disadvantage  that  the  installation  of  the  required  intake  entrance  closure 
appears  unfeasible. 

Therefore,  the  intake  investigations  were  concentrated  on  circular  mixed  compression  intakes. 

Fiq^.  10  summarizes  the  typical  features  of  the  intakes  under  investigation  since  1985: 

The  centerbody  contour  fits  well  with  the  internal  contour  of  the  intake  cowl,  so  that  the  intake 

entrance  is  closed,  when  the  centerbody  is  in  the  forward  position. 

If,  starting  to  retract  the  centerbody,  an  intermediate  geometry  of  moderate  internal  contraction  is 
formed,  the  bow  shock  can  be  swallowed  and  the  internal  shock  system  can  be  established. 

With  started  shock  system  the  internal  contraction  may  be  increased  far  beyond  the  fixed  geometry 
starting  limit.  Now  the  intake  operates  at  high  performance  with  most  favourable  external  drag. 

As  listed  in  Fig.  10,  the  front  intake  concept  with  translating  centerbody  offers  two  additional 
advantages : 

The  lateral  discharge  of  a  few  percent  of  high  pressure  ram  air  may  be  sufficient  to  controll  the 
missile. 

The  opening  of  the  combustor  port  cover  can  be  combined  with  the  translation  of  the  centerbody,  so 
that  a  simple  propulsion  concept  without  any  ejecta  may  be  realized. 

Fig.  11  summarizes  the  prinzipal  geometrical  data  of  the  mixed  compression  intakes  under  investigation. 

The  amount  of  internal  area  contraction  depends  mainly  on  the  minimum  operating  Mach  number  (transition) 
required  by  the  missile  design. 

With  regard  to  supersonic  friction  losses,  the  length  of  the  internal  contraction  zone  should  be  kept  as 
short  as  possible.  This  is  a  rather  complex  task,  as 

-  small  internal  cowl  angles  irHLi  and 

-  the  geometrical  limitations  for  the  starting  of  internal  supersonic  flow  (being  explained  below)  tend 
to  create  long  internal  contraction  passages. 

f2C55-§iP9ri!!!9Dl§l.§iBfEi§D£§.with_closeable_hypersonic_front_intakes_(Fig._12;16} 

Stimulated  by  the  theoretical  considerations  mentioned  before,  the  DLR  Cologne  started  with  the  develop¬ 
ment  of  an  Mach  4.5-intake  for  initial  wind  tunnel  tests. 

The  model  (Fig.  12)with  the  designation  Hy  1  exhibits  a  very  high  degree  of  internal  contraction  and  has 
provisions  for  extensive  internal  bleed.  The  intake  entrance  could  be  closed  by  hydraulically  activated 
centerbody  translation. 

Fig.  12  shows  the  inviscid  flow  field  and  the  corresponding  Mach  number  distribution. 

Using  the  centerbody  translation,  the  intake  could  be  started  without  problems  using  different  bleed  confi¬ 
gurations. 

With  regard  to  -  the  tnassflow  losses, 

-  the  associated  external  drag 

-  and  the  internal  heating  problems 

induced  by  bleed,  the  intake  was  modified  for  operation  without  boundary  layer  bleed.  This  intake  with 
reduced  internal  contraction  was  designated  as  Hy  1A. 

The  measured  pressure  recovery  at  Msol  =  4.5  and  5°  degrees  incidence  (cf.  Fig.  13) 

+  corresponds  to  a  kinetic  energy  efficiency  of  91  % 

+  and  would  result  in  107  bar  chamber  pressure,  which  is  well  above  the  off-design  pressure  limit  of  an 
airbreathing  missile  accelerating  to  Mach  5. 

The  minimum  operating  Mach  number  of  the  Hy  lA-intake  is  in  the  4.2  regime.  To  proceed  with  systematic 
parametric  studies  and  to  expand  the  operational  limits  to  lower  Mach  numbers  (transition  Mach  nurabers«3.6) 
a  new  family  of  intake  models  was  designed. 

Fig.  14  lists  the  main  design  aspects.  The  modular  windtunnel  model  allows  36  independent  geometrical 
variations. 

During  the  first  tests  performed  at  a  freestream  Mach  number  of  4.5,  we  experienced  that  closeable  mixed 
compression  intakes  will  not  start,  if 

-  the  initial  increase  -  during  centerbody  retraction  -  of  internal  area  contraction  is  too  fast 

-  or  additional  intermediate  throats  are  formed  during  centerbody  translation. 

These  problems  can  be  overcome  by  adjusting  the  internal  contours  of  centerbody  and  intake  cowl. 

It  should  be  mentioned,  that  the  critical  pressure  recovery  should  not  be  too  low  just  after  starting  of 
the  internal  supersonic  compression,  when  the  centerbody  is  only  moderately  retracted.  Insufficient  con¬ 
ditions  for  the  intake  start  and  simultaneous  initiation  of  the  ramcombustion  may  occur,  if  the  critical 
pressure  recovery  during  the  starting  process  is  too  poor.  The  thrust  nozzle  throat  cannot  swallow  the 
combustion  gases  formed  form  low  air-  but  high  propel lant-massflow  if  the  combustor  pressure  is  too  low. 
Therefore  the  intake  starting  throat  area  should  be  significantly  smaller  than  the  final  design  throat 
area  Ak  . 

This  aspect  must  be  added  to  the  constraints  for  design  of  closeable  mixed  compression  intakes,  which  are 
sumnarized  in  Fig.  15. 

The  fundamental  experimental  and  theoretical  experience  gained  studying  closeable  mixed  compression  intakes 
is  listed  in  Fig.  16. 

Performance,  operating  and  installation  characteristics  of  this  type  of  intake  look  very  promising  for  low 
level  hypersonic  missile  applications. 

liBiile  the  currently  used  centerbody  translation  gear  performs  very  well  with  the  windtunnel  heavy  weight 
models,  design  studies  are  under  way  to  explore  the  feasibility  of  light  weight  translation  mechanisms. 
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5,  PROPULSION  SYSTEM  SELECTION  AND  MISSILE  PERFORMANCE 

For  medium  range  hypersonic  low  level  missions  the  ducted  rocket  has  been  selected  (Fig.  17)  as  the  most 
suitable  cruise  propulsion  system  due  to 

-  favourable  volumetric  heating  values  of  appropriate  (boron  loaded)  propellants, 

-  excellent  functional  safety  (combustion  stability), 

-  minimum  volumetric  loss  due  to  grain  insulation  (with  regard  to  external  kinetic  heating)  using  grain 
arrangements  illustrated  by  Fig.  18. 

For  short  range  missions  the  solid  fuel  ramjet  looks  more  promising  (Fig.  17).  A  corresponding  missile 
design  is  presented  at  the  end  of  this  paper. 

Main  characteristics  of  the  selected  ducted  rocket  propulsion  system  for  the  medium  range  antiradiation 
mission  are  suimarized  in  Fig.  18: 

Even  for  ramcombustion  temperatures  well  above  the  condensation  temperature  of  B~0,,  boron  is  still 
an  attractive  propellant  ingredient  due  to  its  superior  density.  ^  ^ 

A  self- throttling  gasgenerator  with  subsonic  outflow  was  selected  to  avoid  a  complex  thermal  protection 
system  or  an  active  cooling  system  required  to  protect  the  actuators  of  a  throttle-valve.  The  grain 
configuration  depicted  in  Fig.  18  requires  no  special  insulation  against  external  kinetic  heating. 

(Case  bonded  propellants  can  hardly  be  used  due  to  external  recovery  temperatures  in  the  order  of  1500  K). 
While  the  missile  accelerates  after  the  boost-cruise  transition,  the  propellant  burn  rate  increases 
slightly  due  to  the  simultaneously  rising  ramcombustor  and  gasgenerator  pressures  at  increasing  flight 
Mach  number.  Nevertheless  the  intake  supercritical  margin  keeps  growing  with  increasing  Mach  numbers 
and  therfore  only  a  moderate  specific  impulse  can  be  realized  during  cruise  flight.  On  the  other  hand 
the  cruise  flight  fuel  consumption  remains  very  low  due  to  the  exceptional  low  drag  of  the  missile 
design  (with  minimum  wave-  and  base  drag).  The  corresponding  engine  operation  at  low  equivalence  ratios 
offers  two  additional  advantages: 

+  the  thermal  loads  are  moderate  as  compared  to  rocket  engine  operation, 

+  the  engine  exhibits  favourable  signature  characteristics. 

The  integration  of  the  payload  into  the  intake  centerbody  of  the  antiradiation  missile  is  illustrated  by 
Fig.  19: 

An  antiradiation  seeker  with  a  mass  of  about  4  kg  is  housed  within  the  translating  cone  of  the  center- 
body. 

The  sliding  centerbody  tube  is  supported  by  the  central  guide  tube,  which  is  fixed  to  the  intake  cowl 
by  four  or  six  struts. 

The  fixed  central  guide  tube  contains 

-  the  guidance  and  control  compartment  of  about  8  kg  (including  fuze,  battery  and  cooling  device), 

-  a  warhead  (JSt  9  kg) 

-  and  the  ducted  rocket  gasgenerator. 

With  regard  to  kinetic  external  heating,  the  conventional  arrangement  of  missile  tail  controls  with 
actuators  housed  adjacent  to  the  thrust  nozzle  cannot  be  realized. 

Canard  controls,  as  depicted  in  Fi^.  20  permit  much  better  provisions  for  the  actuator  thermal  protection. 
Taking  advantage  of  the  high  ram  air  pressure  (well  above  50  bars  at  sea  level  flight)  a  simple  jet  reac¬ 
tion  missile  control  may  be  realized  by  lateral  discharge  of  intake  tap  air.  The  lateral  thrust  of  the 
ram  air  discharge  nozzles  will  be  greatly  enhanced  by  interference  of  the  jet  with  the  external  hypersonic 
flow.  Thrust  enhancement  factors  in  the  order  of  two  may  be  expected. 

For  lateral  thrust  control  during  the  boost  phase  of  the  missile  a  minirocket  arrangement  must  be  included 
in  the  design. 

Fig.  21  illustrates  the  overall  arrangement  and  summarizes  key  parameters  of  the  hypersonic  antiradiation 
missile  under  investigation: 

+  53  kg  of  aluminum  loaded  composite  propellant  are  required  to  boost  the  missile  to  a  Mach  3.6  transition 
speed  at  sea  level  (launch  Mach  number  eq.  zero). 

+  23  kg  of  boron  loaded  ducted  rocket  propellant  are  needed  for  the  30  km  of  powered  cruise  flight  at 

sea  level.  While  the  terminal  Mach  number  approaches  5.1,  an  average  velocity  of  nearly  1500  m/s  can 

be  attained  (Fig.  22).  For  target  distances  of  more  than  10  km  the  average  velocity  of  the  missile  is 
well  above  1200  m/s. 

+  Lateral  manoeuvers  up  to  50  g  are  possible  at  angeles  of  incidence  between  4  and  5  degrees  using  small 
strakes  along  the  missile  fuselage. 

+  With  C/C  structures  of  about  30  kg,  and  a  payload  corresponding  to  Fig.  19  (21  kg)  the  missile  launch 

mass  will  arrive  at  127  kg.  The  overall  fineness  ratio  of  the  missile  will  be  about  14. 

9909§Ci59D.9f.§ir^r§?5!liD9-§!!^.r9?!5®5.9r5Byl5i9D- 

Fig.  23  shows  a  comparison  of  220  nm  9  antiradiation  missiles  having  the  same  payload  but  different  cruise 
propulsion  systems: 

The  integration  of  the  payload  within  the  missile  forebody  is  much  easier  with  the  rocket  powered 
missile.  The  beneficial  volumetric  loading  results  in  a  shorter  length  of  the  payload  compartment. 

The  wave  drag  of  a  (relative  slender)  4:1  von  Kanmln  ogive  is  still  below  the  wave  drag  of  the  assumed 
intake  cowl  (of  only  45  %  frontal  area)  having  an  intake  lip  bluntness  required  for  C/C  structures. 
Nevertheless  the  rocket  powered  missile  exhibits  a  roughly  30  %  higher  drag  level  (at  Ma»  5)  due  to 
increased  base  and  friction  drag.  Assuming  an  appropriate  boost/cruise  grain  arrangement  providing  a 
3:1  thrust  ratio,  187  kg  of  aluminium  loaded  composite  propellant  are  required  for  the  30  km  sea  level 
mission. 

The  missile  is  accelerated  to  Mach  5  within  11.5  km  and  then  cruises  with  constant  speed.  Due  to  the 
limitation  in  boost  thrust  (using  a  connon  boost/cruise  nozzle)  the  average  velocity  is  decreased 
especially  for  short  range  missions  and  reaches  only  1200  m/s  at  maximum  range. 

With  the  missile  diameter  fixed  to  the  value  of  the  ducted  rocket  system  the  launch  mass  of  the  rocket 
powered  missile  will  be  doubled  compared  to  the  airbreather  (due  to  increased  drag  and  much  lower 
specific  impulse).  The  corresponding  fineness  ratio  of  21  is  unfavourable  with  regard  to  structural 
loads.  The  greater  missile  masses  will  reduce  the  manoeuverability. 

Signature  and  thermal  problems  are  increased,  using  a  rocket  propuUion  system  with  a  combustion 
temperature  about  1000  k  higher  than  with  the  ducted  rocket. 
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The  insulation  of  the  cruise  propellant  grain  against  external  kinetic  heating  would  be  a  major  additio¬ 
nal  design  problem  for  a  hypersonic  medium  range  rocket  motor. 

6^X5D559§§.9f-r?!!9r9Byl§i9D.f9C-§b9r5.r§D9§.T3§§i9D§ 

While  the  benefits  of  air  breathing  propulsion  are  evident  for  medium  and  long  range  missions,  ram  pro¬ 
pulsion  can  be  attractive  even  for  short  range  applications.  At  Mach  4  +  sea  level  flight  conditions, 
the  mass  of  an  integrated  ram  propulsion  system  will  be  favourable  (in  comparison  to  a  rocket  motor)  when 
the  flight  range  exceeds  5  km  /5/. 

Boost/coast  and  continuous  powered  airbreathing  missiles  have  been  compared  for  an  hypersonic  ground  to 
air  mission  of  8  km. 

For  flight  durations  up  to  6  sec.  the  expensive  C/C  structure  may  be  substituted  by  insulated  metal  or 
carbon  fiber  reinforced  plastic  (CFRP)  structures. 

Facing  roughly  4  sec  of  extensive  kinetic  external  heating  a  case  bonded  cruise  propellant  grain  can  be 
adopted.  Under  these  conditions  a  solid  fuel  ramjet  as  depicted  in  Fig.  24  may  be  most  attractive.  In 
comparison  to  a  boost/coast  rocket  powered  missile  the  ramjet  offers  the  following  advantages: 

*  Superior  average  velocities  at  both  minimum  and  maximum  target  distances  due  to  extreme  boost  to 
cruise  thrust  ratios  and  continuous  cruise  propulsion 
+  More  favourable  missile  control  characteristics  due  to  continuous  cruise  thrust  and  reduced  Mach  number 
excursions. 

+  No  excessive  kinetic  heating  associated  with  extremely  high  boostend-Mach  numbers. 

+  Excellent  growth  potential. 

The  missile  design  shown  in  Fig.  24  has  a  launch  mass  of  86  kg,  a  caliber  of  197  mm  and  an  overall  length 
of  2500  mm.  A  warhead  of  10  kg  can  be  delivered  over  an  8  km  target  distance  within  less  than  6  sec. 


6.  CONCLUSIONS 

Future  hypersonic  low  level  missions  can  be  favourably  realized  using  airbreathing  propulsion  with 
0  conventional  missile  design  with  circular  body  cross  section, 

0  closeable  mixed  compression  intakes  with  high  pressure  recovery  at  transition  but  low  external  drag, 
0  solid  propellant  ducted  rocket  propulsion  with  boron  loaded  propellant  and  subsonic,  self-throttling 
gasgenerator  for  medium  range  missions  or  solid  fuel  ramjets  for  short  range  missions. 

The  comnon  boost/cruise  thrust  nozzle 
+  facilitates  the  transition  process 
-*■  avoids  dangerous  ejecta 

+  and  gives  high  boost/cruise  thrust  ratios  which  result  in  superior  average  velocities  even  for  short 
range  missions. 
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Fig.  1  FIRST  DEMONSTRATION  OF  BORON  LOADED  DUCTED  ROCKET 

PROPULSION  IN  FREE  aiGHT 

•  Two  flight  tests  with  MBB  EFA  missile  in  1981 

•  Tandem  boost  fixed  flow  ducted  rocket  (40%  boron) 


•  Mach  2  to  2.5;  max.  lateral  maneuvers;  over  30  g 


Fig.  2  FUTURE  TACTICAL  MISSILE  APPLICATIONS 


Flight  mission 

FIJ  gh^  a  1 1  Hude  x 

Sea  Tevel”  Medium  alt.  High  alt. 

Anti-Tank 

X 

-Radiation 

X 

-Ship 

X 

-Helicopt. 

X 

-Ai  rcraH 

X  (X)  (X) 

-Missile 

X  X  (X) 

Fig.  3  DATA  FOR  SELECTED  ANTI-RADIATION  MISSION 

-  Launch  Mach  number  0  «  ^“"/Launch*  ' 

-  Cruise  Mach  number  M^wB  (at  sea  level) 

-  Range  30  km 

-  Lateral  acceleration  w  50  g 

-  Mass  of  payload  a»21  kg  (seekeraAkg, 
warhead  =»  9  kg) 


Fig.  4 


SELECTION  OF  PRINCIPAL  MISSILE  CONFIGURATION 


Missile  configuration 


Front  intake  integration 
Side  Intake  Integration 
Ramcomb. /booster  integr. 
Complexity,  costs 
Structure  mass 
Volumetric  loading 
Zero  lift  drag 
Manoeuvrability 


♦  ♦ 

0 

♦+ 

0 


Suitability  for  M  5  SI  I  ♦ 


0 

0 

0 

0 

0 

0 


0 


0 


LEGEND:  **  vtry  900d,  *  good,  o  fair,  -  Mrgfnal ,  --  unacceptable 


REQUIREMENTS  FOR  H  5  PROPULSION  SYSTEM  DESIGN 


-  Simple  assembly  (severe  thermal  heating) 

-  Fixed  geometry  sustain  motor  (complexity) 

-  Sufficient  high  (favourable  c. 

efficient  operation  of  fixed  geometry 
rampro pulsion) 

Soostpropellant  massfraction  40  i  45* 

-  No  ejecta  (missile  launch  from  aircraft) 


OPTIMIZATION  OF  BOOST  MOTOR  MASS 


High  Cp 


Min.  structure 
mass 


Opt.  volumetric 
loading 

Min.  transition 
loss 


•high  Pj.  , 

•opt.f  ,  opt. 

r-p  compatible  with  design  of 
ramcombustor  structure 

■opt.  volumetric  loading 
•  -case  bonded  grain 
.•minimum  A^  — w  high  p^. 

-short  transition  period 
— *  no  ejecta 


♦  Min.  boost  drag 
losses 


i  -max.  thrust  level  -*■  high  P^- 

■closed  (or  covered)  intake  en¬ 
trance  area  during  boost  (drag, 
buzz,  handling) 


GENERAL  REQUIREMENTS  FOR  M  5  MISSILE  INTAKE 

0  Intake  suitable  for  subsonic  combustion 
engine  (SCRJ  not  competitive  at  M  <  5) 

0  No  internal  boundary  layer  bleed 

(excessive  thermal  heating,  bleed  drag) 

0  Requirement  for  closure  of  intake  entrance 
area  prior  to  transition  (handling, 
ingestion  of  debris,  boost  drag,  buzz) 


COMPARISON  OF  M  5  MISSILE  INTAKE  ARRANGEMENTS 


Intake  arrangement 

OdCd 

External  drag  (boost  S  cruise) 

•f+ 

Weight 

** 

Aptitude  for  closure  of  intake 

entrance  area 

■f 

Payload  integration 

Maneuver  characteristics 

♦ 

Complexity,  costs 

Ranking 

1  2 

Fig,  9 


COMPARISON  OF  CIRCULAR  FRONT  INTAKES 


Type  of  intake  Compression: 

Cowl  angle  : 


Pre  entry  drag 
Cowl  drag 

Drag  of  boost  configuration 
Press,  recovery  at  transit. 

"  “  "  cruise 

"  “  “  incidence 

Mass  flow  characteristics 
Starting  problems 
Feasib.  for  cl os.  of  entrance 


Ranking 


mixed 

small 


extern,  extern, 
large  small 


++ 

+ 


++ 

++ 


Fig,  to  FEATURES  OF  CLOSEABLE  FftONTINTAKES 

•  Centerbody  forward,  intake 
entrance  dosed  : 

Favourable  handling  *  boost 

•  Starting  of  shock  system 
with  centerbody  translation 
at  small  internal  contrac¬ 
tion;  increasing  contraction 
with  started  shock  system 

•  High  performance  and  low 
drag  with  backward  center- 

Addit,  features  :  body 

•  Possibility  for  missile  jet  reac¬ 
tion  control  using  intake  tap  air 
e  Integation  of  moveable  centerbody  and  port  covers 


Fig.  11 


GEOMETRICAL  CHARACTERISTICS  OF  CLOSEABLE  FRONT  INTAKES 


Cone  angles: 

Shock  on  lip  Mach  numbers: 

Internal  cowl  angles: 

Internal  area  contraction:  .25  <  ^K/Ae  w 

Length  of  intern,  contr.  zone:  0.7  *  ^^EK/Olw 
Centerbody  translation:  0.5  *  ^xZK/Dl« 


Fig.  12  INVISCID  FLOW  FIELD  AND  MACH  NUMBER  DISTRIBUTION 

FOR  THE  DLR  HY  1  INTAKE  AT  Mjot  =  4.5  HV 


(High  internal  contraction  intake  design  of  the  DLR 
-Cologne  with  ^/Aj  »  .26  and  Internal  bleed) 
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Fig.  13  TOTAL  PRESSURE  RECOVERY  OF  THE  DLR  HY  1A  INTAKE  [\l] 

HY  1A  ®  modified  HY  1  intake  without  bleed  and 


diminished  internal  area  contraction  (.30) 


Fig.  14  DESIGN  ASPECTS  OF  NEW  HYPERSONIC  INTAKE  MODEL  FAMILY 

+  Lower  minimum  Mach  number  diminished  AK/Ag 

*  Reduced  supersonic  friction  — >  shorter  length  of 

intern,  contr.  zone 

+  Systematic  parameter  studies: 

^Model -fami  ly  with 

0  3  values  of  internal  contraction 
03"  “  throat  divergence  angle 

0  4  "  “  intake  lip  bluntness 


. 

(  van- 
I  ations 


Fig.  15  CONTOUR  DESIGN  PRINCIPLES  FOR  CLOSEABLE  INTAKES 

1  Desired  internal  contract,  with  backward  centerbody 

2  Smoothly  varying  internal  cross  section 

3  Short  length  of  internal  contraction  zone 

4  Contours  giving  minimum  local  expansion  and  admis¬ 
sible  pressure  gradients 

5  Fitting  of  internal  contours  for  intake  closure 

6  Initially  small  internal  contraction  for  starting 
without  formation  of  intermediate  throats  during 
centerbody  translation 

7  Starting  throat  of  intake  significantly  smaller 
than  design  throat  cross  section 


Fig.  16  EXPERIENCE  WITH  CLOSEABLE  MIXED  COMPRESSION  INTAKES 

•  Overcontracted  intakes  can  be  started  if  appropriate 
internal  contours  are  adopted 

•  Satisfying  performance  can  be  obtained  without  bleed 
even  at  incidence 

e  Drag  of  closeable  intakes 

-  wave  drag  of  closed  configuration 

-  pre  entry  drag  below  shock  on  lip  Mach  number 

-  cowl  drag 

looks  roost  favourable 


Fig.  17 


COWARISON  OF  RAMJETS  AND  DUCTED  ROCKETS 
FOR  MEDIUM  RANGE  HYPERSONIC  SEA  LEVEL  MISSIONS 


Type 

of 

ram¬ 

jet 


LFRJ 

SFRJ 

DR 


sp 


Off 
p  design! 
capa¬ 
bility  I 


Relia¬ 

bility 


Propel¬ 
lant  in¬ 
sulation 
problems 


Com¬ 

ple¬ 

xity. 

costs 


♦  I  0 
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CHARACTERISTICS  OF  SELECTED  DUCTED  ROCKET 


Propellant:  40*  Boron  composite  propellant  with 

pressure  sensitive  burn  rate 

Gasgenerator:  Design  with  selfadjusting  subsonic 
outflow 

grain 

grain  support  tu^ 


Performance:  Low  drag  — > 
Operation  of 


low  thrust  demand! 


combustor  with 
c,.s,d.r.bU 
air  excess 

Intake  with  wide  at  cruise 
supercritical  (~6300m/s 
margin  at  cruise;  at  M=5) 


Fly.  19 


PAYLOAD  INTEGRATION  WITHIN  CENTERBODY  OF 
ANTI-RADIATION  MISSILE  INTAKE 


'Anti -radi¬ 
ation 

seeker  4kg 


Cooling  device 


Signal  proces 
Inertial  ref.  unit 
Battery 
Interface 
Mini  rocket  /  tap 
air  actuators 


Fig.  20  PRINCIPAL  ARRANGEMENTS  FOR  ANTI-RADIATION  MISSILE  CONTROLS 

Conventional  canard 
controls 


Jet  reaction  controls 
Detail : 

High  pressure 
tap  air  jet  re-  , 
action  control 
during  cruise 


Mini  rocket  ba¬ 
sed  jet  reaction 
control  during 
boost 


2Z0  MM  0  ANTI-RADIATION  MISSILE  WITH  INTEGRATED 
DUCTED  ROCKET  PROPULSION 


•  C/C  structures 

•  Payload 

•  Cruise  propellant 
»  Boost  propellant 

LAUNCH  MASS 
FINENESS  RATIO 


30  kg 

21  " 

Performance: 

23  " 

+  30  km  SL 

53  " 

+  c  =  1500  m/s 

127  kg 

+  b/iat  '  50  g 

14  ;  1 

^  Mmax“5.1 
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Fig.  22  AVERAGE  VELOCITY  C  AND  FLIGHT  VELOCITY  c^OF 

ANTI-RADIATION  MISSILE  DEPICTED  IN  FIG.  21 


Fig.  23 


COMPARISON  OF  30  KM  SL  ANTI-RADIATION  MISSILES 


4:1  v.Karman  ogive  ^Rocket  motor  with 

boost/cruise  composite  grain 


-  Drag  at  M  =  5 

+30%  (incr.  friction  and  base  dr 

-  Propellant 

187  vs  76  kg 

-  Launch  mass 

250  vs  127  kg 

-  Fineness  ratio 

21  vs  14 

-  Average  velocity 

1200  vs  1500  ro/s  (at  30  km) 

-  Maneuverability 

reduced 

-  Signature  and  thermal  problems:  increased 


i ncreased 
laS£_aj)d 
f  ri  ction~‘''N 
drag 


Fig.  24  HYPERSONIC  SHORT  RANGE  (»10  km)  MISSILE  WITH  INSULATED 

CFRP  STRUCTURES  AND  INTEGRATED  SFRO  PROPULSION 
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Discussion 


WEYER 

You  described  considerable  high  kinetic  efficiencies  of  the  air  intakes 
at  high  Mach  numbers  with  no  bleed.  Did  you  make  any  detailed  flow 
measurements  to  study  the  intake  internal  flow? 

AUTHOR'S  REPLY 

The  kinetic  energy  efficiency  (see  Fig  25)  which  was  demonstrated  with 
the  Hy  6M-intake  model  from  MBB  was  obtained  using  a  calibrated  plug  nozzle 
measuring  technique  at  the  DLR  Cologne.  This  well  established  measuring 
technique  gives  accurate  total  pressure  recovery  and  mass  flow  data.  For 
design  and  function  of  the  ducted  rocket  these  data  are  quite  sufficient. 
Detailed  investigations  of  the  internal  flow  governed  by  shock  boundary  layer 
interactions  would  give  valuable  information  for  improved  intake  designs  and 
additional  data  for  CFD-code  validation.  Due  to  the  available  funding  however, 
we  could  not  perforin  such  expensive  experimental  tests  up  to  now. 


fig  25  Maximum  Critical  Kinetic  Energy  Efficiency 
Demonstrated  with  a  Hy  6M-Intake  Model. 


CAZIN 

With  the  choice  of  the  inlet,  have  you  problems  with  the  integration  of 
the  seeker? 

AUTHOR'S  REPLY 

Within  the  overall  study  discussed  in  the  paper,  a  preliminary 
configuration  of  an  antiradiation  seeker  with  conformed  antenna  was  designed. 
The  seeker  with  no  moveable  parts  and  provisions  for  active  cooling  is 
integrated  in  the  conical  part  of  the  translating  centerbody.  For  the 
antiradiation  mission,  we  therefore  see  no  major  problem  for  intake/ seeker 
integration. 
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SUMMARY 

In  the  free  expansion  of  the  exhaust  gases  of  engines  flying  at  altitudes  suitable  for  air-breathing 
launchers,  the  turbulent  shear  layers  interact  with  the  jet  shock  structure,  posing  a  challenge  for  CFD. 
A  series  of  experiments  in  this  flow  regime  is  performed  to  provide  data  suitable  for  code  validation. 
Angular  and  axial  Pitot  surveys  of  heated,  high  pressure,  nitrogen  jets  exhausted  from  a  Mach  3  conical 
nozzle  into  a  low  pressure  tank  are  presented.  The  results  indicate  that  there  is  strong  turbulent  mixing 
throughout  the  flowfield  downstream  of  the  first  Mach  disk  in  addition  to  a  repetitive  shock  cell 
structure. 


1.  INTRODUCTION 

The  Computational  Fluid  Dynamics  (CFD)  modelling  of  low  altitude  «70  km)  rocket  exhaust  plume 
flowfields  has  direct  application  to  the  prediction  of  infrared  signatures  and  missile  aerodynamics  [H. 
The  computer  codes  developed  by  Dash  et  al.  to  meet  this  need  have  been  extended  for  application  to 
the  problem  posed  by  the  operation  of  scramjet  engines  121.  As  mentioned  by  Chuech  13],  experimental 
test  data  is  still  required  to  further  verify  and  'calibrate*  the  turbulence  prediction  methods  for  these 
high  speed  compressible  flows. 

The  underexpanded  jets  studied  in  the  experiments  C3-SJ  that  are  currently  used  for  comparison 
with  plume  flowfield  CFD  13,  6-81  are  representative  of  those  produced  by  supersonic  aircraft  nozzles. 
The  static  pressure  at  the  nozzle  exit,  is  only  slightly  greater  than  that  of  the  surrounding  still  air, 
P,,,  and  the  ratio  of  the  stagnation  pressure,  Pg,  to  the  ambient  pressure  is  less  than  20. 

Experiments  reported  in  the  open  literature  that  are  representitive  of  plume  formation  at  an 
altitude  of  30km,  where  Pg/Pj,  is  of  the  order  10*  are  mostly  limited  to  flow  visualisation  studies 
performed  prior  to  or  during  the  early  1960's  C9-12,  reviewed  in  133.  Attention  then  was  largely  focused 
on  the  first  shock  cell  in  the  jet,  as  is  also  the  case  in  the  more  recent  base  flow  studies  at  FFA  [143. 
Radiometric  work  at  Calspan  CIS,  163  has  produced  spatially  resolved  infra-red  measurements  of  model 
reacting  rocket  plumes  that  have  high-lighted  the  importance  of  the  viscous/inviscid  interactions  that 
occur  in  the  plumes  C13.  However,  the  highest  pressure  ratio  for  which  detailed  measurements  of  this 
region  have  been  made  appears  to  be  P^  /P^  =  4  with  Pg  /Py^  =  60.  In  that  experiment  by  Kalghatgi  et 
al.  [173,  refractive  index  fluctuations  in  the  exhaust  of  a  liquid  bipropellant  engine  were  measured  using 
a  crossed  beam  correlation  technique  that  allowed  calculation  of  rms  density  fluctuations  and  convective 
velocity  in  the  outer  mixing  layer  of  the  jet  but  could  not  detect  the  shock  structure  in  the  plume.  The 
purpose  of  the  present  paper  is  to  provide  Pitot  pressure  measurements  in  the  near  field  of  moderately 
underexpanded  jets  that  correspond  more  closely  to  a  plume  produced  by  a  rocket  motor  or  scramjet 
engine  flying  in  the  stratosphere. 

A  gun  tunnel  was  adapted  for  use  with  small  supersonic  nozzles.  The  test  gas,  is  compressed  in 
the  tunnel's  barrel  and  is  normally  expanded  in  a  hypersonic  nozzle  to  generate  an  intermitent  high 
Mach  number  stream.  In  the  test  descibed  here  the  gas  was  only  partially  expanded  in  a  Mach  3  nozzle 
to  a  pressure  P^  and  then  exhausted  into  the  test  section  which  was  at  a  lower  pressure  P,^.  Jets  with 
expansion  ratios  P,/P|j  =  18  and  50  were  investigated. 


2.  THE  STRUCTURE  OF  MODERATELY  UNDEREXPANDED  JETS 

When  the  pressure  at  the  exit  plane  of  a  nozzle  is  much  greater  than  the  ambient  pressure 
surrounding  the  nozzle,  the  exhaust  gas  undergoes  a  rapid  expansion  in  a  Prandtl  Meyer  fan  centered  at 
the  nozzle  lip  (  Fig.  1  ).  In  the  inviscid  case,  the  streamline  closest  to  the  wall  Is  deflected  through  an 
angle  sufficent  to  expand  the  gas  to  P^,.  Along  all  other  streamlines,  the  gas  is  over-expanded  by  the 
fan  and  Its  reflections  from  the  axis  of  symmetry.  Part  of  the  recompression  to  P^,  takes  place  through 
compression  waves  which  coalese  into  a  shock  that  sits  close  to  the  free  boundary  and  is  descriptively 
named  the  'Barrel  Shock'.  The  flow  within  the  barrel  shock  Is  not  influenced  by  the  external  pressure 


92-16992 


31-2 


and  it  aaaumes  the  source-like  nature  that  it  would  in  a  vacuum.  It  is  well  described  by  the  modei 
developed  by  Alblnl  [181,  Boynton  1191  and  Simons  C20]  and  has  Ueen  the  subject  of  previous  experiments 
for  example  Legge  et  a/  [211  and  Anderson  et  a/  C221. 

The  flow  external  to  the  barrel  shock  is  rotational  as  the  gas  has  crossed  the  shock  at  different 
locations  which  results  in  an  entropy  gradient  across  the  shock  layer.  There  is  also  a  significant  static 
pressure  gradient  across  it  due  to  the  centrifigul  acceleration  required  for  it  to  follow  the  curvature  of 
the  barrel  shock.  The  shock/shetu*  layer  Is  further  complicated  by  the  turbulent  mixing  with  the  free 
external  stream.  Despite  these  complications,  simple  models  that  Involve  the  numerical  integration  of  a 
single  ordinary  differential  equation  that  describes  the  free  boundary  trajectory,  provide  adequate 
profiles  of  jets  up  to  their  maximum  diameter  CIO,  19,  23  reviewed  in  241. 

In  the  case  of  moderately  underexpanded  jets  the  barrel  shock  is  too  strong  to  reflect  in  a  regular 
manner  from  the  axis  of  symmetry.  A  Mach  stem  is  formed  which  in  the  axisymetric  case  is  known  as  a 
Mach  disk.  The  Mach  disk  position  is  controlled  by  downstream  influences  which  are  transmited 
upstream  through  the  embedded  subsonic  region  behind  the  Mach  disk.  Various  models  of  Mach  disk 
formation  have  been  suggested  and  they  have  been  reviewed  and  added  to  by  Peters  and  Phares  [25]  and 
Abbet  [261.  The  Abbet  model  used  in  conjunction  with  MOC  solutions  has  proved  accurate  in 
comparison  with  some  experiments  C27]  but  is  restricted  in  application  by  the  assumption  of  no  mixing 
along  the  slipiine  between  the  supersonic  and  subsonic  streams  downstream  of  the  triple  point.  Mixing 
along  the  slipiine,  which  has  been  measured  [281  and  observed  [291,  reactivates  the  hot,  low  momentum 
subsonic  gas,  and  as  stated  by  Dash  et  al.  [301  “must  be  accounted  for  in  any  model  of  the  flow  behind 
the  Mach  disk”. 

In  the  experiments  reported  here,  the  turbulent  supersonic  flow  surrounding  the  Mach  disk  is 
found  to  rapidly  mix  with  the  embeded  subsonic  flow  and  fluctuations  in  Pitot  pressure  are  present  at 
alt  locations  downstream  of  the  first  shock  cell.  The  magnitude  and  frequency  of  the  fluctuations  is  a 
function  of  the  pitot  probe  dimensions,  but  qualitatively  they  provide  a  clear  indication  that  the  jet  is 
fully  turbulent. 


3.  APPARATUS 

3.1  Gun  tunnel  end  Noalee 

The  gun  tunnel  is  a  facility  that  generates  a  hypersonic  flow  for  a  period  of  10  to  100  msec  and 
has  been  described  previously  [311.  The  Oxford  tunnel  employs  a  large  high  pressure  air  reservoir  to 
drive  a  120g  piston  down  a  10m  barrel  of  %mm  bore.  The  piston  travels  supersonically  and  forms  a 
shock  which  travels  ahead  of  it  at  approximately  Mach  2.4  in  nitrogen.  The  shock  reflects  at  the  end  of 
the  barrel  and  collides  with  the  on-coming  piston.  This  generates  a  third  shock  and  the  process 
continues  until  the  piston  is  brought  to  rest.  The  nature  of  the  compression  is  evident  in  the  pressure 
signal  obtained  from  a  Kistler  601  transducer  mounted  128mm  from  the  barrel  end,  Rg.  2. 

An  estimate  of  the  stagnation  temperature  is  obtained  by  calculating  the  entropy  increase 
associated  with  the  consecutive  passage  of  the  first  four  shocks.  Each  shock  is  assumed  to  result  in  a 
velocity  change  of  the  gas  equal  to  the  initial  piston  velocity  (which  is  derived  by  iteration  from  the 
pressure  after  the  first  shock  reflection).  A  polynomial  for  the  specific  kaat  at  constant  pressure  [321  is 
integrated  to  calculate  the  enthalpy  and  entropy  of  the  nitrogen  when  solving  the  conservation 
equations  for  each  shock.  The  calculated  pressure  history  is  in  good  agreement  with  the  measured 
pressure  during  the  passage  of  the  first  three  shocks  but  expansion  waves  emanating  from  the  piston  as 
it  decelerates  result  in  weaker  subsequent  shocks.  The  actual  entropy  increase  is  expected  to  be 
bounded  by  the  values  calculated  for  three  and  four  shocks  which  leads  to  an  estimate  of  the 
stagnation  temperature  of  1203  K  to  1233  K  when  the  nitrogen  (initially  at  16°C)  is  compressed 
adlabatically  from  1.01  bar  to  72  bar.  These  are  the  nominal  stagnation  conditions  of  the  plume  gas  in 
these  experiments. 

Two  similar  supersonic  nozzles  "A"  and  "B”  were  used  in  the  tests  and  dimensions  are  given  in  Fig. 
3  A  nozzle  was  mounted  at  the  end  of  the  barrel  and  due  to  the  small  throat  (4.2mm),  the  flow 
continued  for  1  second.  Plume  pitot  measurements  obtained  at  times  other  than  during  a  27  msec  period 
over  which  the  stagnation  pressure  was  steady  were  subject  to  disturbances  due  to  wave  motion  within 
the  barrel,  but  it  is  demonstrated  that  it  is  possible  to  remove  this  influence  from  the  signals  by 
normalisation. 

3.2  Tit  section 

The  test  section  is  a  0.9  x  0.6  x  0.6  m  box  that  is  connected  to  a  28m3  dump  tank  by  a  8m  long, 
0.4m  diameter  pipe.  The  nozzle  exhausting  into  the  test  section  creates  an  ejector  action  which  results 
in  an  intense  noise  field  and  low  frequency  (8Hz)  oscillations  In  the  test  section  pressure.  The 
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fluctuations  were  measured  with  "Sensortec  LX1602A''  piezoresistive  pressure  transducers  (SO  kHz 
natural  frequency)  and  found  to  be  uniform  within  the  confines  of  the  test  section  at  frequencies  below 
S(X)Hz.  The  ambient  conditions  do  not  influence  measurements  within  the  first  shock  cell  and  by  a 
process  of  normalisation  it  is  also  possible  to  remove  their  influence  on  Pitot  measurements 
downstream  of  the  Mach  disk. 

3.3  Schllaran  System 

An  example  of  schlieren  photographs  taken  with  exposures  of  0.1  ps  (spcu-k  source)  and  4  msec 
(shutter)  are  given  in  plates  1  to  3.  Photographs  of  both  types  have  been  available  in  the  literature  for  a 
considerable  time,  for  a  variety  of  under-expanded  jets  (section  1).  Although  the  photographs  are  the 
result  of  an  integration  of  density  gradients  across  the  axisymmetric  jet,  the  system  is  most  sensitive 
to  the  area  of  a  shock  that  has  a  normal  vector  which  is  orthogonal  to  both  the  incident  light  and  the 
Toeppler  knife  edge.  This  behavior  is  evident  in  plate  1  by  the  very  thin  line  that  the  barrel  shock 
produces  on  the  photograph.  The  location  of  the  shocks  in  a  plane  of  the  jet  that  cuts  through  the  axis 
of  symmetry  can  therefore  be  measured  directly  for  comparison  with  CFD  or  analytical  predictions. 
However,  it  has  been  found  that  the  location  of  the  barrel  shock  is  rather  insensitive  to  the  model  of 
the  expansion  process  and  it  does  not  provide  a  strict  test  of  the  prediction  methods  [191. 

3.4  Traveralllg 

Two  traversing  mechanisms  were  developed  to  allow  axial  and  angular  scans  of  the  jets  with  a 
pitot  probe  during  the  27  msec  over  which  the  stagnation  pressure  is  constant. 

The  axial  traverse  consisted  of  a  round  bar  held  in  roller  bearings  that  was  free  to  travel  140mm. 
(fig.  4)  Its  position  was  monitored  with  a  reflective  optical  switch  that  detected  the  passing  of  thin 
dark  lines  inscribed  at  intervals  of  4mm  on  the  bar's  surface.  A  cubic  spline  was  used  to  interpolate 
between  the  marks.  A  pitot  pressure  probe  was  mounted  at  the  upstream  end  of  the  bar  and  a  disk  was 
fixed  to  the  rear  end.  The  bar  was  blown  downstream  by  the  action  of  the  jet  during  the  run  and  the 
diameter  of  the  disk  was  chosen  to  result  in  a  speed  of  approximately  5  m/s.  The  motion  produced  a 
negligible  change  in  the  relative  velocity  of  the  probe  to  the  gas  which  had  a  speed  of  1.6  km/s  (the 
limiting  velocity)  upstream  of  the  Mach  disk.  Downstream  of  this  strong  shock  the  velocity  would  be  a 
factor  lower  (where  y  is  the  ratio  of  specific  heats)  but  at  that  position  the  stagnation 

pressure  Is  close  to  the  static  pressure,  resulting  in  the  probe  motion  having  no  measurable  influence 
on  the  pitot  pressure. 


An  angular  traverse  was  made  by  mounting  a  swinging  arm  on  a  pivot  placed  below  the  jet 
centerline  at  the  nozzle  exit  (Fig.  S).  The  arm  was  initially  set  at  some  angle  to  the  flow  and  was 
restrained  there  by  a  thin  strand  of  nylon  that  passed  over  the  nozzle  exit.  A  strong  rubber  band  was 
attatched  to  the  free  end  of  the  arm  and  to  a  securement  point  mounted  below  the  centerline  of  the  jet. 
The  strand  is  given  sufficient  purchase  to  counteract  the  force  of  the  band  but  it  melts  when  the  nozzle 
starts  and  releases  the  arm.  The  swinging  arm  and  pitot  probe  that  was  mounted  on  it  entered  into 
damped  simple  harmonic  motion  about  the  jet  centerline,  the  period  of  which  was  adjusted  to  give  an 
adequate  scan  during  the  test  time.  The  probe  motion  was  monitored  by  a  servo  potentiometer  at  the 
pivot  point. 

3.5  Htot  probea 

The  pitot  probes  contained  "Kulite  XCQ— 093"  absolute  pressure  transducers  that  were  fed  through 
hyperdermic  tube  of  lengths  that  range  from  ISmm  to  3Smm  and  outside  diameters  of  0.8mm  to  2.6mm. 
The  various  probe  geometries  produced  no  measurable  difference  In  Pitot  pressure  and  it  was  concluded 
that  the  probe  shape  was  not  influencing  the  measurements.  A  2Smm  long,  0.8mm  diameter  hyperdermic 
tube  was  used  for  the  majority  of  the  axial  traverses  but  the  length  was  reduced  to  ISmm  for  the  angular 
traverses  to  attain  sufficient  rise  time  to  record  the  peaks  in  the  thin  shock  layer  outside  the  barrel 
shock.  The  frequency  response  of  the  Pitot  tubes  Is  discussed  In  section  4.3.  Regular  calibration  of  the 
piezoresistive  transducers  and  associated  electronics  has  demonstrated  the  system  sensitivity  has 
a  precision  of  */-  0.8  X. 

3.6  DaU  anulaitlon 

Signals  from  the  transducers  were  multiplexed  into  a  single  Hewlett  Packard  12  bit  analogue  to 
digital  convertor  and  stored  in  a  64kword  memory.  The  multiplexer  switched  every  11  (is  and  typically  6 
channels  are  recorded  for  0.4  seconds.  The  data  was  then  transfered  to  a  Hewlett  Packard  9836  mini 
computer  where  it  was  processed. 

Spectrum  analysis  of  the  Pitot  and  background  pressure  signals  was  conducted  with  a  Hewlett 
Packard  3S62A  Dynamic  Signal  Analyzer,  sampling  a  single  channel  at  256kHz  for  a  period  of  80  ms. 
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4.  PKOCBDURE 

4.1  ^oUgf  of  th*  It  41IH— riniM 

The  source  nature  of  the  expanding  ]et,  results  In  density,  p,  falling  with  the  square  of  the 
distance  from  some  point  on  the  centerline  near  the  nozzle  exit.  Since  the  velocity  of  the  gas,  V,  is 
essentially  the  limiting  velocity  in  a  steady  expansion,  the  momentum  flux  (pV^)  falls  with  the  square  of 
the  distance  from  the  source.  The  barrel  shock  is  formed  at  a  position  where  the  component  of  the 
momentum  flux  normal  to  it,  the  Newtonian  pressure,  is  similar  to  the  pressure  in  the  surrounding  still 
air.  This  results  in  the  plume  dimensions  scaling  with  D*-/!  Pq/P^).  The  scaling  is  discussed  in  more 
detail  by  Moran  C33]  and  Draper  and  Sutton  [341. 

4.2  of  the  oltot  ore— mw 

4.2.1  Wlthla  the  first  shodc  call.  The  pitot  pressure,  P^,  within  the  first  shock  cell  is  proportional  to 
the  stagnation  pressure  Pg  and  independent  of  the  background  pressure  P|,.  This  follows  from  the 
discussion  above  as  the  pitot  pressure  is  essentially  the  modified  (y  not  equal  to  1)  Newtonian  pressure 
and  the  barret  shock  marks  the  limit  of  influence  of  the  background  pressure. 

4.2.2  Downstream  of  the  Mach  Disk.  Downstream  of  the  Mach  disk  the  pitot  pressure  measured  on  the 
axis  of  the  jet  is  observed  to  rise  rapidly  and  this  can  only  be  a  consequence  of  the  embedded  subsonic 
region  mixing  with  the  surrounding  supersonic  gas.  An  inviscid  acceleration  of  the  subsonic  core  would 
not  increase  the  total  pressure  of  the  gas  and  once  it  became  supersonic  the  bow  shock  on  the  pitot 
probe  would  again  result  in  the  measured  pitot  pressure  decreasing. 

The  mixing  is  sufficientiy  vigorous  that  a  reasonable  estimate  of  the  maximum  Pitot  pressure 
downstream  of  the  mach  disk  can  be  made  by  assuming  that  the  jet  is  one-dimensional  with  a  static 
pressure  equal  to  the  ambient  pressure.  When  entrainment  of  the  background  gas  is  neglected, 
application  of  the  first  law  of  thermodynamics  results  in  the  following  expression  for  the  Mach  number 
of  the  equilibriated  jet,  M. 


M 


(  1  ) 


where,  ag  is  the  speed  of  sound  at  the  stagnation  temperature,  Tg,  and  U  is  the  velocity  of  the 
equilibriated  jet.  U  can  be  obtained  from  the  momentum  balance  for  a  control  volume  that  extends  from 
the  nozzle  exit  to  a  station  where  the  pressure  is  uniform  across  the  jet  and  equal  to  P,,. 
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Thus,  the  Mach  number  is  essentially  independent  of  Pj^  at  high  P./Pj,  and  since  the  ratio  P^/Pj,  is 
only  a  function  of  Mach  number  (Rayleigh's  Pitot  formula),  the  Pitot  pressure  should  be  directly 
proportional  to  P^  downstream  of  the  Mach  disk. 

In  section  S  it  is  demonstrated  that  normalising  the  Pitot  pressure  with  the  back  pressure  and 
plotting  it  as  a  function  of  the  non-dimensional  plume  scale  (x/L)  produces  results  that  are  not 
sensitive  to  small  variations  in  P^  or  Pg. 

4.3  Ohtalnine  Mean  Levels  from  the  11m*— dv  MaaBuramenU 

4.3.1  Flltaring.  The  turbulence  downstream  of  the  Mach  Disk  results  in  unsteady  flow  even  under 
conditions  of  constant  stagnation  and  background  pressures.  The  lowest  frequency  of  the  turbulent 
disturbances  may  be  estimated  by  the  ratio  of  the  mean  velocity  U/2  (Eq.  2)  to  the  jet  width  and  is  for 
the  largest  jet  studied,  approximately  6  kHz.  This  is  above  the  lower  estimate  for  the  resonance  of  the 
2Smm  Pitot  tube,  which  is  approximated  by  the  quarter  wavelength  equation  [351.  That  is,  the  resonance, 
fp,  is  equal  to  the  speed  of  sound  in  the  tube  divided  by  four  times  the  probe  length,  which  equals 

3.4  kHz  if  the  gas  in  the  tube  is  assumed  to  have  accomodated  to  the  wall  temperature.  Therefore, 
filtering  the  signal  with  a  passband  from  DC  to  less  than  fp^S  should  prevent  signal  distortion  by 
either  the  probe  or  the  turbulence. 

A  third  factor  to  consider  is  the  intense  noise  field  in  the  test  section  and  its  effect  on  the  Pitot 
pressure  in  the  jet.  Spectrum  analysis  of  the  signal  from  a  Kulitc  XCQ-093  2SA  transducer  with  a  200 
kHz  natural  frequency,  placed  in  the  test  section  outside  of  the  jet  revealed  high  Intensity  acoustic 
noise  of  a  uniform  level  from  2S0  Hz  to  5  kHz.  Beyond  this  frequency  there  Is  a  decrease  in  signal 
power  of  22  dB/decade  until  40  kHz. 
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The  scaling  procedure  of  section  4.2  is  only  applicable  for  those  frequencies  for  which  there  was 
spatially  homogeneous  variation  in  the  test  section.  A  digital  3  pole  Butterworth  fitter  with  a  cut 
frequency  (-3dB)  at  SOOHz  was  found  to  reduce  discrepancies  between  two  pressure  transducers  placed 
O.Sm  apart  in  the  test  section  from  20X  to  less  than  2X.  The  signals  were  filtered  once  and  then 
reversed  in  time  and  filtered  again  to  remove  the  frequency  dependent  time  delay  Inherent  in  the 
Butterworth  filter.  Application  of  the  same  filter  to  a  step  function  constructed  with  lOOps  point 
spacing  resulted  in  a  rise  time  (lOX  to  90%)  of  900|is.  Therefore,  a  step  in  Pitot  pressure  which  would 
occur  for  instance  if  the  probe  was  swept  downstream  of  an  oblique  shock,  would  typically  be  smeared 
over  less  than  1  D*  by  the  filter. 

4.3,2  A  Statistical  Approach.  The  frequency  of  the  signal  was  too  close  to  that  of  the  noise  for  the 
temporal  filter  to  be  completely  effective.  By  taking  multiple  samples  of  the  mean  level  over  long 
periods  (for  example  0.2s)  it  was  possible  to  discriminate  between  the  signal  and  the  noise  on  the  basis 
of  randomness  rather  than  frequency.  This  is  made  possible  by  the  multiple  centerline  crossings  that 
occur  with  the  angular  traverse,  or  by  using  slow  axial  traverse  speeds.  Measurements  taken  during 
periods  of  varying  stagnation  and  background  pressures  were  quasi-steady  as  the  flow  establishment 
time  was  short  compared  to  the  timescale  of  the  variations  in  pressure.  However,  it  was  necessary  to 
introduce  the  scaling  described  in  sections  4.2  to  correlate  the  jet  over  the  range  of  conditions  to  which 
it  is  subjected  by  the  pressure  variations.  The  scaling  effectively  removes  the  low  frequency  disturbance 
from  the  measurements,  while  the  averaging  removes  the  noise. 

The  procedure  is  implemented  by  splitting  the  spatial  co-ordinate  into  typically  300  "bins"  and 
averaging  the  ordinate  (Pt^Pb^  each  bin.  The  non-dimensional  arc  length  rd/L  was  the  spatial 
co-ordinate  for  the  angular  traverse. 

All  the  data  presented  in  section  S.3  has  been  reduced  with  this  method  as  it  was  found  to  be 
more  suitable  than  the  the  temporal  filter. 

4.4  Error  Estimation 


4.4.1  Within  the  Hret  Shock  cell.  The  error  in  the  ratio  P^/P^  resulting  from  uncertainty  in  the  gauge 
calibrations  is  less  than  2%.  Just  upstream  of  the  Mach  Disk  where  is  close  to  the  test  section 
pressure  a  significant  component  of  the  error  in  P^  is  due  to  the  +/-0.3mmHg  uncertainty  in  the 
measurement  of  the  initial  tank  pressure.  Distance  from  the  nozzle  exit  is  measured  to  within  +/-0.5mm 
by  the  optical  detector  and  angles  are  measured  to  within  ♦/-0.15°  with  the  servo  potentiometer.  The  jet 
centerline  is  established  by  the  symmetry  of  the  radial  Pitot  profiles.  Representitive  error  bars  are 
plotted  with  the  data. 

4.4.2  Downatrcam  of  the  Mech  Diak.  The  uncertainty  in  the  Pitot  measurements  when  taken  in  the 
turbulent  flow  behind  the  Mach  disk  and  during  periods  of  fluctuating  stagnation  and  back  pressures,  is 
a  stronger  function  of  unsteadiness  and  the  validity  of  the  correlation  (scaling  procedure)  than  it  is  of 
the  accuracy  of  the  pressure  and  displacement  measurements.  Confidence  limits  of  95%  are  calculated 
for  the  mean  by  using  the  "Student  t-distribution"  1361  to  analyse  the  data. 


S.  RESULTS  AND  DISCUSSION 
5.1  Schllerm 

The  schlieren  photograph  taken  with  a  spark  light  source  demonstrates  the  turbulent  nature  of  the 
jet  boundary.  In  the  jet  of  plate  I  the  shear  layer  between  the  barrel  shock  and  surrounding  air  becomes 
turbulent  close  to  the  nozzle  exit  and  the  disturbed  nature  of  the  shock  and  its  reflection  from  the 
triple  point  would  indicate  that  the  turbulence  extends  across  the  entire  shear  layer  at  the  Mach  disk 
position.  Streamwise  streaks  apparent  on  the  schlieren  photographs  of  jets  at  higher  nozzle  exit 
pressure  ratios  may  be  due  to  Gortler  vortices  1371  forming  prior  to  transition  In  the  concave  shear 
layer  and  this  is  currently  being  investigated.  Mach  disk  position  and  diameter  for  a  jet  from  nozzle  "A" 
with  Pj,/P|,«613  have  being  measured  as  0.91L  and  .077L  respectively.  Corresponding  figures  for  a  jet 
with  Po/Pb  *1885  are  .87L  and  .0S4L. 

5  J  TIm  Hrat  Shock  call 

5J.1  PIUOM  Model.  In  the  present  study,  attention  is  directed  to  the  plume  flowfield  downstream  of  the 
Mach  disk  and  measurements  within  the  first  shock  cell  are  made  to  define  the  nozzle  exit  conditions. 
A  program  employing  the  method  of  characteristics  to  calculate  the  free  expansion  of  the  exhaust  gas 
while  assuming  conical  one  dimensional  isentropic  flow  to  the  nozzle  exit  was  written  to  provide 
comparison  with  the  experimenU.  Vibrational  equilibrium  of  the  nitrogen  within  the  nozzle  was  assumed 
but  vibration  in  the  plume  and  downstream  of  the  bow  shock  on  the  Pitot  probe  was  taken  as  frozen 
(Y«7/S). 
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SJlJZ  The  Effect  of  StafiMtloa  Tmnporaturo.  If  an  isentropic  expansion  of  a  gas  with  y  =  7/S  is  assumed, 
the  exit  Mach  number,  M^,  of  nozzle  "B"  is  3.06.  The  effect  of  vibrational  relaxation  when  1220  K  is 
to  lower  to  2.%  and  also  to  decrease  the  static  pressure  at  a  give  Mach  number  by  a  factor  0.93 
after  full  recovery  of  the  vibrational  energy.  Both  effects  result  in  a  decrease  in  the  predicted  Pitot 
pressure  at  any  particular  location  in  the  plume.  Agreement  between,  the  MOC  prediction  with 
relaxation  in  the  nozzle,  and  the  measurements  for  nozzle  "B”  obtained  at  the  stagnation  condition  of 
Pq=  72  bar  and  Tq  =  1220  K  is  very  good  (Fig.  6)  but  data  obtained  with  To=  820  K  and  Pq  *  46  bar 
agrees  less  well  with  the  model  and  is  indistinguishable  from  the  higher  temperature  experiment.  This 
may  indicate  that  vibration  is  frozen  within  the  nozzle  and  that  M^  and  total  pressure  are  reduced  by 
some  other  mechanism.  Tests  with  Nozzle  “A”  with  T^-  1030  K  and  Pq  =  53  bar  are  also  in  good 
agreement  with  the  MOC  if  vibrational  relaxation  occurs  (fig.  7),  in  which  case  the  exit  Mach  number  is 
reduced  from  3.07  (for  y  =  7/S)  to  3.02,  and  the  static  pressure  at  a  given  Mach  number  is  reduced  by  a 
factor  of  0.96. 

5.2.3  The  effect  of  Nozzle  Boundary  Layer.  Calculations  of  boundary  layer  displacement  thickness  made 
by  integrating  the  Momentum  Integral  equation  C38}  using  turbulent,  flat  plate  correlations  for  skin 
friction  and  shape  factor  139]  indicate  that  it  is  3.1X  of  the  exit  radius  (with  Pq=  53  bar,  Tq=  1030  K). 
However,  it  would  require  a  displacement  thickness  of  6X  to  decrease  M^  in  the  isentropic  core 
sufficiently  to  reconcile  the  small  difference  between  the  prediction  and  results.  The  influence  of  the 
boundary  layer  Mach  number  profile  on  the  free  expansion  has  not  been  calculated  and  may  account  for 
the  discrepancy. 

5.2.4  Tile  effect  of  Non-laentroplc  Core  Flow.  An  entropy  increase  due  to  shocks  within  the  nozzle 

could  also  account  for  low  Pitot  pressure  measurements  and  the  multitude  of  weak  waves  emanating 
from  the  nozzle  that  are  visible  on  the  schlieren  photographs  are  another  possible  source  of  the 

discrepancy  between  the  MOC  solution  and  the  measurements.  The  sensitivity  of  the  Pitot 

measurements  in  the  far  field  to  nozzle  exit  conditions  made  the  measurements  of  static  and  Pitot 
pressure  within  the  strong  gradients  in  the  nozzle  too  innacurate  to  adequately  define  the  exit 
conditions  and  therefore  it  may  be  better  to  ascertain  them  from  the  plume  measurements.  This 
approach  was  taken  by  Anderson  et  al  C221  to  define  the  orifice  discharge  coefficient  when  comparing 
MOC  predictions  and  experiments  on  sonic  jets.  For  supersonic  nozzles,  a  comparison  of  angular  pitot 
profiles  in  addition  to  the  axial  profiles  helps  to  determine  the  correct  combination  of  entropy  increase 
(drop  in  total  pressure)  and  Mach  number. 

5.2.5  Oetermlniiig  Nozzle  Eidt  Mach  Niunbar  horn  Angular  Pitot  Profllea.  An  angular  profile  at  x/D*  - 
10.8  for  Nozzle  "A",  is  shown  to  agree  well  with  a  MOC  solution  for  M^s3.0  in  Fig.  8.  Solutions  for 
M^32.9  and  3.1  are  included  on  the  figure,  to  indicate  the  sensitivity  of  the  profile  to  exit  Mach  number. 

5.2.6  Nozzle  exit  Conditions.  The  nozzle  exit  conditions  may  be  able  to  be  calculated  from  the  source 

conditions  and  nozzle  geometry,  to  a  greater  degree  of  accuracy  than  given  by  the  one  dimensional 
methods  employed  in  this  study.  However,  for  codes  that  proceed  from  nozzle  exit  conditions,  the 

following  values  for  nozzle  "A"  (which  was  used  for  all  the  following  experiments)  are  suggested; 

conical  with  a  half  angle  of  5  degrees,  M,  =  3.02  with  Pq^P,  =  39.4  (4X  above  the  isentropic  value).  The 
absolute  values  of  temperature,  and  pressure  were  found  to  be  unimportant  over  the  range  studied. 

5.3  Maaauramenta  Downatream  a£  Mach 

5.3.1  Jata  Studied.  Two  underexpanded  jets  were  investigated.  One  with  Pq/Pi,  =  1800  and  the  other  with 
Pq/Pjj=  650.  The  nominal  stagnation  conditions  are  Pq  =  72  bar  and  Tq=  1220  K  for  both  jets,  and  the 
background  pressure  was  varied  by  a  factor  of  3.  The  increase  in  the  background  pressure  results  in  a 
corresponding  increase  in  measured  Pitot  pressures  and  a  73  decrease  in  the  length  scale,  L.  However, 
the  scaling  procedures  described  in  section  4.2  considerably  reduce  the  difference  between  the  profiles 
for  the  two  jets  (Figs.  9  and  10)  which  justifies  the  use  of  the  procedures  in  the  data  reduction  to 
decrease  the  influence  of  the  relatively  small  variations  in  the  nominal  conditions. 

5.3.2  Axial  Pitot  Profiles.  The  rise  in  Pitot  pressure  downstream  of  the  Mach  disk  that  is  plotted  on 
Figs.  9(a)  and  10(a)  is  due  to  mixing  (section  4.2.2)  and  is  at  a  rate  higher  than  measured  previously  for 
a  Mach  reflection  in  an  axisymmetric  supersonic  diffuser  1281.  In  Back  and  Cuffel's  experiment,  the 
inner  edge  of  the  shear  layer  did  not  intersect  the  centerline  until  approximately  2  Mach  disk  diameters 
downstream  of  the  disk.  In  the  present  experiments,  the  Pitot  pressure  rose  within  1  disk  diameter, 
indicating  that  mixing  had  reached  the  centerline.  The  turbulent  nature  of  the  supersonic  shock/shear 
layer  surrounding  the  Mach  disk  flow  is  probably  the  reason  for  the  high  mixing  rate. 

The  dynamics  of  the  plume  which  arise  from  the  shock  wave  reflections  at  both  the  centerline  and 
the  free  constant  pressure  boundary  (where  they  are  reflected  as  expansion  waves),  result  In  a 
re-expansion  of  the  plume  gas  until  the  low  static  pressure  in  the  core  of  the  plume  again  causes  the 
surrounding  plume  gas  to  collapse  back  towards  the  center.  The  process  is  followed  for  3  cycles  in 
Fig. 9(b)  from  which  It  can  be  seen  that  plume  gas  Is  beginning  to  equilibriate  with  its  surroundings  in  a 
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non-isentn^ic  manner  aa  expected  from  the  control  volume  analysis  (section  4.2.2). 

SJJ  Angular  Pitot  proflloa.  Angular  profiles  at  three  radial  stations  are  presented  for  each  jet  in 
Figs.9(c)  and  iO(c).  The  profiles  represent  averages  of  greater  than  eight  scans  about  the  jet  axis.  71ie 
axial  co-ordinate  of  each  station  is  calculated  using  the  average  characteristic  length  L.  Agreement  with 
the  axial  traverse  results  for  the  centerline  value  of  is  within  the  9SX  confidence  intervals. 


6.  CCWCLUSION 

Results  are  presented  for  the  pitot  pressure  distribution  in  two  moderately  underexpanded  jets 
issuing  from  a  Mach  3  nozzle.  The  data  has  been  compared  with  method  of  characteristics  solutions 
within  the  barrel  shock  as  a  method  of  establishing  the  nozzle  exit  conditions.  Downstream  of  the  Mach 
disk  the  data  is  presented  in  a  form  which  minimises  its  sensitivity  to  boundary  conditions  and  that 
should  make  it  suitable  for  testing  CFD  plume  codes. 
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Mach  Disk  Mixing 
Layer 


Fig.  1  ;  Schematic  of  a  moderately  underexpanded  jet  (  after  Dash  eJ  al.  [301). 


time  msec 


Fig.  2  :  Stagnation,  background,  and  Pitot  pressure  history,  during  an  angular  traverse. 


Movement 


RC.  6  :  Measurements 
and  MOC  predictions 
oF  axial  Pitot  profiles 
within  the  first  shock 
cell.  Nozzle  B. 


Hg.  7  :  Measurements 
and  MOC  predictions 
of  axial  Pitot  profiles 
within  the  first  shock 
cell.  Nozzle  A. 


Rg.  8;  Measurements 
and  MOC  predictions 
of  angular  Pitot 
profile  at  r/D*  =  10.8, 
within  the  First  shock 
cell.  Nozzle  A. 


Degrees 


Hg.  9(a):  Axial  Pitot 
pressure  profile 

downstream  of  the  Mach 
disk  in  a  nitrogen  jet 
from  nozzle  "A". 
Nominal  Pq/P^,=  1800. 


Fig.  9(b):  Axial  Pitot 
pressure  profile  in  the 
second  and  third  shock 
cells  in  a  nitrogen  jet 
from  nozzle  "A". 
Nominal 


Rg.  9(c):  Angular  Pitot 
pressure  profiles 

downstream  of  the  Mach 
disk  in  a  nitrogen  jet 
from  nozzie  "A". 
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Discussion 


STOLLERY 

How  steady  were  the  main  features  of  the  flow?  For  example  if  you  take  6 
independant  microsecond  pictures  of  the  flow  is  the  Mach  disc  in  roughly  the 
same  place? 

AUTHOR'S  REPLY 

The  flow  external  to  the  barrel  shock  is  unsteady  due  to  the  turbulence. 
Schlieren  photographs  taken  with  a  spark  light  source  often  show  kinks  in  the 
barrel  shock  and  tilted  Mach  discs.  Long  exposure  times  blur  the  shocks.  The 
spatial  extent  of  this  bluring  gives  an  indication  of  the  RMS  variation  of  the 
shock  position.  Measurements  of  this  variation  in  addition  to  the  scatter  in 
the  measurement  of  Mach  disc  diameter  and  position  obtained  from  the  short 
exposures  will  be  presented  in  the  author's  D.  Phil  thesis. 

With  regard  to  the  unsteadiness  associated  with  the  slowly  varying  stagnation 
conditions  it  appears  as  though  it  is  appropriate  to  regard  the  jet  as 
quasi-steady  as  the  scaling  procedures  discussed  in  the  paper  effectively 
remove  this  influence. 
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SUMMARY 

A  parametric,  3-D,  Euler,  CFD  study  was  carried  out  on  a  hypersonic  vehicle  engine  nozzle.  The  Configuration  analyzed,  though 
generic,  is  representative  of  diose  being  considered  for  current  generation  vehicles.  A  series  of  flow  profiles  ranging  from  completely 
uniform  to  highly  distorted  were  developed  and  introduced  at  the  inflow  plane  of  the  nozzle  in  an  effort  to  understand  the  associated 
impact  on  no^e  performance.  Nozzle  performance  is  quantified  for  each  case  and  a  qualitative  rationale  fOT  the  performance  impact 
is  developed. 


INTRODUCTION 

Interest  in  hypersonic  vehicles  powered  by  airbreathing  engines  has  increased  dramatically.  The  engine  and  airframe  on  such 
vehicles  are  highly  integrated,  often  utilizing  the  entire  underside  of  the  vehicle  for  compression  and  expansion  of  the  flow  (Figure  1). 
Nozzle  design  for  these  vehicles  provides  several  unique  challenges.  H}q)ersonic  vehicle  nozzles  differ  dramatically  from  those  of 
traditional  rocket  and  jet  engines  in  that  they  are  largely  nonsymmetric,  ohen  exhibiting  tme  three-dimensional  flow  characteristics. 
Earlier  studies  performed  by  Rao  (1)  and  Foelsch  (2)  were  instrumental  in  the  qttimization  of  the  more  traditional  de  Laval  type 
nozzle.  However,  the  nozzle  flows  typical  of  hypersonic  vehicles  can  not  be  modeled  accurately  as  axisymmetric  or  two-dimensional 
and,  in  fact,  may  be  highly  nonideal  with  shoclu  existing  throughout  the  expanding  flowfleld.  These  nozzles  are  often  composed  of 
internal  and  external  ponions,  the  internal  part  possibly  having  lateral  and  vertical  geometric  expansions.  The  external  portion 
typically  makes  up  a  majority  of  the  expansion  surface  by  utilizing  the  vehicle  aftb^y.  The  internal  nozzle  (engine)  exhaust  stream  is 
bounded  by  the  external  nozrie  above,  but  is  open  to  the  freestream  below.  A  further  complication  arises  from  the  fact  that  the  flow 
exiting  the  engine  combustor  region  and  entering  the  nozzle  is  nonunifemn  and  difficult  to  characterize.  Proper  optimization  of  the 
integrated  engine-airframe  performance  must  account  for  all  of  these  flow  features  by  accurately  predicting ,  as  a  minimum,  the 
complex  3-D  flow  and  shock  structures,  and  ultimately  viscous,  kinetic,  and  real  gas  effects. 


Figure  1.  Integrated  Airframe  and  Engine 


The  Rockwell  Unified  Solution  Algorithm  (USA)  computational  fluid  dynamics  code  (3, 4)  has  been  applied  to  hypersonic  vehicle 
nozzle  analysis.  Because  the  code  haridles  3-D  multistream  flows,  issues  of  dimensionality  and  the  two  flowstrcams  (engine  and 
freestream)  are  largely  resolved.  However,  understanding  the  effect  on  nozzle  performance  due  to  the  nonuniformity  of  the  flow 
passed  to  the  nozzle  remains  largely  unresolved.  As  the  freestream  air  is  processed  it  is  distoned  in  several  ways  before  reaching  the 
nozzle.  The  initial  compressions  on  the  vehicle  forebody  and  further  contraction  within  the  inlet  affect  the  flow  uniformity,  often 
biasing  the  pressure  toward  the  vehicle  side.  Boundary  layer  buildup  on  the  long  forebody  surface  can  be  significant.  Within  the 
combustor,  as  air  and  fuel  are  mixed  and  burned,  additional  flow  nonuniformity  may  be  introduced  or  diminished  depending  on  the 
particular  configuration.  Thus,  a  great  deal  of  uncertainty  exists  as  to  the  detailed  nature  of  the  flow  being  passed  to  the  nozzle. 

A  detailed  description  of  the  combustor  exit  profile  would  provide  a  spatial  definition  of  all  basic  flow  parameters  (e.g.  Mach 
number,  temperature,  pressure,  species).  Efrons  to  define  this  3-D  flow  (nofile  have  been  made  both  ex(>erimentally  and  analytically. 
Experimental  techniques  for  detailed  descriptions  of  the  combustor  exit  profile  are  limited.  Nonintrusive  techniques  such  as  planar 
laser-induced  fluorescence  (FLIF)  are  promising  and  showing  increased  use,  but  are  not  yet  wides(>read.  Analy^l  techniques  are 
often  limited  to  one-dimensional  thermal  cycle  calculations  and  simple  two-dimensional  flow  codes.  Additionally,  3-D  CFD  analysis 
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has  been  peifomted  in  an  effott  to  describe  the  entire  vehicle-engine  flowfield  including  the  combustor.  While  extremely  useful  as  an 
aid  to  unkrstanding  qualitative  effects,  computer  limitations  combined  with  inadequate  physical  models  for  kinetics  and  turbulence 
result  in  profiles  of  limited  quantitative  value.  Thus,  a  significant  number  of  2-D  and  3-D  nozzle  calculations  have  been  based,  for 
lack  of  better  characterization,  on  1-D  cycle  calculations,  effectively  staning  the  higher  order  analysis  with  a  uniform  average  flow 
condition. 

The  study  described  herein  represents  a  first  attempt  to  understand  the  sensitivity  of  hypersonic  nozzle  poformance  to  inflow 
nonunifemnities.  A  realistic  set  of  inflow  conditions  was  chosen  to  make  this  evaluation.  An  appro]»iate  set  of  atmospheric 
conditions  was  defined  for  a  generic  vehicle  flying  at  Mach  10.  The  Rocketdyne  perftmnance  code  (PERFO),  a  1-D  thermal  cycle 
code,  was  then  used  to  "process"  the  freestream  air  accounting  for  appropriate  shock,  compression,  boundaiy  layer,  and  combustion 
effects,  thus  defining  an  average  combustor  exit  condition.  This  was  us^  as  an  average  uniform  nozzle  inflow  condition.  The 
inflow  profile  was  systematictdly  varied,  starting  with  the  uniform  condition  and  then  introducing  an  increasing  amount  of  distortion 
into  the  pressure  pr^ile.  Distortion  levels  introduced  were  chosen  to  bracket  those  that  might  be  encountered  in  a  real  engine.  Other 
flow  parameters  were  adjusted  according  to  isentropic  relationships  while  conserving  the  overall  mass  and  streamthrust  of  the  average 
profile. 


NOZZLE  CONFIGURATION  AND  FLOW  CONDITIONS 

The  geometry  chosen  for  this  study  (Figure  2),  though  generic,  is  representative  of  current  concepts.  It  is  comprised  of  two  parts, 
a  short  internal  section  and  a  relatively  long  external  secdon,  simulating  a  i«hicle  aftbody.  The  internal  nozzle  has  p^uallel  top  and 
bottom  walls  and  diverging  sidewalls.  Thus,  the  internal  nozzle  flow  expands  laterally,  but  not  in  the  vertical  direction.  A  short  flap, 
set  in  this  case  in  line  with  the  bottom  wall  is  also  included.  Such  a  device  might  be  used  for  directing  the  exhaust  flow.  The  external 
portion,  representing  the  vehicle  aftbody,  extends  from  the  end  of  the  internal  nozzle  top  wall  allowing  the  flow  to  expand  in  the 
vertical  direction,  'fte  fleestream  flow  would  exist  just  below  the  line  of  the  internal  nozzle  bottom  wall  and  flap. 


Figure  2.  Computational  Domain 


The  average  flow  conditions  applied  at  the  nozzle  inflow  plane  were: 

Pressure  (P)  =  3392.27  lbW2 
Density  (p)  =  l.lObTxlO"^  Ibm/fl^ 

Mach  (M)  =  2.45 


The  ambient  freestream  flow  conditions  were: 


Pressure  (P) 
Density  (p) 
Mach(M) 


17.34  lbf/ft2 

7.87x10-*  lbm/ft3 
10.0 


A  constant  value  of  y=1.25  (ratio  of  the  specific  heats)  was  used  throughout  the  computational  domain. 


COMPUTATIONAL  DETAILS 

The  computational  domain  includes  the  intonal  lateral  exptmsion  nozzle,  the  aftbody  (external  nozzle)  and  the  freestream  below. 
Because  geometry  and  flow  symmetry  exist  in  die  lateral  direction,  only  one  half  of  the  nozzle  was  modeled,  from  the  center  plane  to 
the  sidewall.  The  portion  of  die  external  nozzle  analyzed  is  a  projection  ctf  the  internal  nozzle  exit  plane. 

Figure  3  shows  the  computational  grid  on  the  plane  of  symmetry.  The  computational  domain  is  comprised  of  two  zones.  The 
first  zone  contains  dK  internal  nozzle  and  the  aft  flap  and  utilizes  a  total  of  6072  grid  points.  The  second  zone  contains  the  external 
nor^e  and  a  portion  of  the  ambient  freestream  flow,  modeled  with  16,698  grid  points,  making  a  emnbined  total  of  22,770  grid 
points. 


32-3 


The  thiee-diiiiensk>nal  version  of  the  Rockwell  USA  (Unified  Solution  Algcrithm)  code  was  enq>loyed  for  this  computation.  The 
code  was  tun  in  the  time  dependent,  Euler  mode,  using  approximate  factorixation,  with  the  third  order  Total  Variation  Diminishing 
(TVD)  option.  The  Rockwell  USA  code  solves  the  conservation  law  form  of  the  Euler  ^uation  or  the  full  Reynolds  averaged  Navte 
Stokes  equations  using  the  finite  volume  approach  with  the  implicit  upwind  biased  solution  methodology.  Its  ability  to  haridle  multi¬ 
zone  Hnmains  facilitates  the  solution  of  complex  geometries. 

For  this  computation,  the  domain  was  initialized  with  values  obtained  from  a  one-dimensional  isentropic  expansion  formulation. 
The  calculation  was  started  with  an  initial  CFL  of  1  which  was  ramped  up  gradually  to  a  maximum  value  of  about  100  over  300  time 
steps.  A  typical  time  step  took  under  three  seconds  of  CPU  time  on  the  NASA  Ames  (Ziay-XMP.  A  converged  solution  for  a 
nonuniform  profile  case  was  obtained  in  about  600  time  steps  using  up  a  maximum  of  30  minutes  of  CPU  time.  The  solution  was 
considered  to  be  fully  converged  when  the  residuals  dropped  more  than  four  orders  of  magnitude. 


FLOW  NONUNIFORMITY  DEVELOPMENT 

The  nonuniform  profiles  were  developed  from  the  uniform  flow  values  given  earlier  such  that  the  mass  and  irximennim  (stream 
thrust)  of  the  original  uniform  flow  were  the  conserved. 


To  parametrically  study  the  effect  of  nonuniform  pressure  profiles  at  the  combustor  exit/nozzle  enuance  plane,  three  basic 
variations  of  the  uniform  pressure  profile  were  developed.  Semi-linear,  quadratic,  and  cubic  profiles  for  the  ratio  of  static  pressure  to 
stagnation  pressure  were  Hrst  generated.  Assuming  local  one-dimensiond  isentropic  flow  at  the  inlet  cross  section,  the  conesponding 
Mach  number  profile  was  then  obtained  from  this  pressure  profile. 

Since 

u 


an  expression  was  obtained  for  the  inflow  stream  thrust  from  which  the  stagnation  pressure  was  obtained  so  as  to  maintain  a  constant 
momentum. 

In  order  to  obtain  the  density  profile,  the  ratio  of  density  to  stagnation  density  was  evaluated  from  the  Mach  number  profile 
assuming,  once  again,  local  one-dimensional  isentropic  flow  at  the  inlet  cross  section.  The  density  profile  was  obtained  after  the 
value  of  stagnation  density  was  calculated  from  the  expression  for  inlet  mass  flow.  The  pressure  profiles  were  designed  so  that  the 
pressure  values  would  gradually  rise  from  a  low  to  a  high  value.  The  profiles  can  be  characterized  in  terms  of  a  pressure  distortion 

parameter  T|p,  defined  as 
Pavg 


P  max 


where 

Pavg  =  Area  averaged  pressure  over  inflow  plane  for  each  profile. 

Pmax=  Maximum  pressure  value  in  the  nozzle  inflow  plane. 

As  mentioned  previously  the  distortion  levels  introduced  were  chosen  to  bracket  those  that  might  be  encountered  in  a  teal  engine. 
After  developing  the  three  basic  distoned  profiles,  three  new  inflow  pressure  profiles  were  created  by  inverting  the  three  basic  ones. 

By  the  previous  definition  these  new  profiles  would  have  the  same  value  of  tip  as  the  basic  profiles.  However,  for  convenience,  they 
are  distinguished  by  assigning  them  a  negative  value.  Generating  the  three  inverted  profiles  was  done  and  to  study  the  effect  of  high 
versus  low  pressures  on  the  cowl  surface  of  the  nozzle. 


Figure  3.  Computationa)  Grid 


Figure  4.  Seven  Nozzle  Inflow  Pressure  Profiles 
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Thus,  six  ixpofiles  with  distinct  values  of  Tip  (Tip=±0.338,  ±0.450,  and  ±0.724)  were  used.  Combined  with  the  uniform  profile 
(Tip^l.O)  a  total  of  7  cases  were  analyzed.  Figure  4  shows  a  schematic  of  die  seven  inflow  pressure  profiles.  Figures  5a  and  5b 
show  die  resulting  Mach  number  and  pressure  profiles  associated  with  the  three  positive  values  of  Tip. 


Figure  5a.  Inflow  Mach  Profiles  Figure  Sb,  Inflow  Pressure  Profiles 


NOZZLE  EFFICIENCY,  PRESSURE  FORCES,  AND  MOMENTS 

In  order  to  quantify  and  compare  the  tolerating  and  performance  characteiisdcs  of  these  nozzles  various  performance  parameters 
were  used.  These  are: 


i)  Nozzle  efficiency  -  Cfg 

This  is  the  ratio  of  ^  actud  thrust  produced  by  the  nozzle  to  the  theoretical  thrust  that  would  be  produced  if  the  flow  through  the 
nozzle  were  expanded  isentropically  to  the  ambient  pressure  (Figure  6).  Cfg  is  a  measure  of  how  well  the  nozzle  performs  as  related 
to  an  ideal  isentropic  nozzle.  It  is  defined  as, 

(ihU+PA)i„  +  |PdA-P^Aexit 
"  (ihU+PA)i„  +  j  P^dA„  -  P^A« 


where 


Aexit 

Pj 

A« 

JPdA 

/P-dA« 


=  Area  nozzle  exit 

=  Theoretical  state  of  nozzle  flow  isentropically  expanded  to  P„ 
=  Ambient  pressure 

=  Theoretical  area  for  isentropic  expansion  of  flow  to  Poo 
-  Axial  pressure  force  generated  by  the  nozzle 
=  Theoretical  axial  pressure  force  generated  if  flow  in  the 
nozzle  was  expanded  isentropically  to  Poo 


(PA)in 

(mU)in 


A  oo 
Poo 


Figure  6. 


Calculation  of  Nozzle  Effici 


ency,  Cfg 


The  value  of  the  numerator  can  be  obtained  directly  from  die  computed  results.  The  denominator,  however,  can  be  simplified  as 
follows: 

Since 

/PoodAo.  =  (mooUoo+P«oAoo)-(rtiU+PA)in 

the  denominator  thus  becomes 

=  rtlooUoo 
®  PooU^ooAoo 
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Fuithennore,  since 


the  denominator  becomes 


Thus, 

Cfg  = 


(mU-^PA)in  +  PdA  -  P«Aexit 

M«,^A-,y  P« 


In  Older  to  evaluate  the  denominate  for  the  nonunifoim  ixofiles,  it  is  assumed  that 
i=N 

deneninator  =  ^  M^iooAieo'^ae 
i=l 

whereby  each  conqtutational  cell  at  the  inflow  plane  is  considered  as  a  separate  stream  tube  and  is  expanded  isentropically  to  Ajoa 
where  die  corresponding  Mach  number  is  Mjee  at  the  ambient  pressure  of  Poe. 


ii)  Pressure  Forces  -  JPdA 

To  evaluate  the  lift,  thrust  and  lateral  forces  exerted  by  the  expanding  flow  on  the  nozzle,  the  wall  pressures  are  multiplied  with  the 
corresponding  normal  cell  face  areas  along  the  axial,  vertical,  and  lateral  directions  and  summed.  Thus, 

JPdAx  =  Axial  (thrust)  force 
JPdAy  -  Vertical  (lift)  force 

/PdAz  =  Lateral  (yawing)  ftnce  -  Reduces  to  zero  for  this  case  due  to  symmetry 


iii)  Moments  Due  to  Pressure  Forces 

To  facilitate  proper  engine/airframe  integration  the  pitching  rolling,  and  yawing  moments  must  be  evaluated.  These  moments  are 
generated  as  a  result  of  the  flow  expansion  and  the  corresponding  pressure  forces  acting  on  die  walk.  The  toll,  pitch  and  yaw 
nooments  are  computed  by  multipl^g  the  pressure  forces  calculated  above  for  each  cell  by  the  corresponding  centroidal  distance  ftom 
a  defined  origin  and  summing  up  the  moment  in  the  x,y,  and  z  direction,  assigning  the  aj^noptiate  sign  convention  fm’  the  clockwise 
and  anticlocl^se  moments. 

Again,  owing  to  the  symm^ry  of  the  nozzle  along  the  center  plane,  the  yaw  and  the  roll  moments  cancel.  The  pitching  moment, 
however,  is  important  since  it  dirKdy  affects  the  ove^  vehicle.  Depending  on  the  particular  vehicle,  additional  trim  may  be  requir^ 
to  offset  the  pitching  forces  generated  by  the  nozzle,  which  may  result  in  atWtional  drag. 


RESULTS  AND  DISCUSSION 

For  a  nozzle  to  produce  maximum  thrust,  the  expanding  flow  must  effectively  transfer  its  pressure  energy  to  solid  wall  surfaces. 
Ccmventional  de  Laval  nozzles  generally  have  solid  walls  available  on  both  sides  for  the  expanding  flow  to  transfer  its  static  pressure 
force.  Ttffee-t&nensional  hypersonic  nozzles,  however,  have  only  a  small  pration  of  the  outflow  area  bounded  entirely  by  walk.  For 
the  largest  surface  area,  the  vehicle  aftbody,  to  be  effectively  utilized  the  flow  must  be  "diverted"  to  allow  the  high  pressure  flow  to 
interact  wi^  the  surface  and  cons^uently  impart  its  ener^.  Flow  away  from  the  aftbody  has  no  solid  surface  with  which  to  interact 
and  thoeftne  nudces  no  contribution  to  the  dirast  production.  The  effect  of  high  pressure  as  introduced  in  the  assumed  profiles  k  to 
induce  a  turning  of  the  internal  nozzle  flow  towartk  the  lower  pressure  area.  When  the  flow  entering  the  nozzle  has  a  higher  pressure 
on  the  top,  as  in  profiles  2, 4  and  6  (tip  ^  40.724, 4  0.450, 40.338),  the  flow  streamlines  tend  to  bend  downward  toward  the  lower 
surface,  away  ftom  the  aftbotfy.  Conversely,  when  the  flow  entering  the  nozzle  has  a  higher  pressure  on  the  bottom,  (pn^les  3, 5, 

7)  tte  streantiines  tend  to  turn  upward  towa^  the  aftbody,  thereby  lowing  higher  pressure  flow  to  interact  with  that  solid  surface, 
thus  augmenting  the  thrust  Figures  7a  and  7b  show  thk  effect  thrwgh  the  flow  streamlines  in  the  symmetry  plane  of  dre  internal 
nonle  and  over  a  short  portion  of  tte  aftbody.  It  k  seen  that  for  the  case  of  higher  pressure  acting  on  the  lower  side  of  the  internal 
nozzle  (ilp>°-0.45),  the  stream  lines  are  turned  toward  the  upper  wall.  Hgure  8  shows  the  pressure  profile  on  the  nozzle  top  wall 
along  the  centerline  (symmetry  plane)  for  the  case  of  high  pressure  on  the  lower  side  (Tipa-0.45)  and  high  pressure  on  die  top  side 
(T|p»f0.45).  Higher  pressure  on  die  lower  side  not  only  turns  the  flow  streamlines  upward  but  also  produces  a  strong  shock  which 
inqiinges  on  the  aftb^y  just  beyond  die  end  of  the  intonal  nozzle  producing  higher  pressures  on  that  surftKe.  Thkshock 
impingement  and  die  consequent  higher  pressures  which  prevail  along  dw  top  wall  augmem  the  thrust  over  that  of  the  uniftitm  inflow 
case  (T)p>il.O)  or  for  that  of  the  inverted  inflow  profile  (1)^40.45).  Figures  9a  and  9b  show  pressure  contours  within  different 
computational  planes  for  profiles  4  and  S,  respectively.  Ine  formation  of  a  shock  and  its  sub^uent  impingement  on  the  top  wall 
(profile  5,  TipB4).45)  can  be  seen  in  Hgure  9b.  This  phenomena  however  k  absent  in  the  case  of  the  inverted  pressure  profile,  Hgure 
9a,  (Tlp-40.45). 


Figure  7a.  Streamlines,  Profile  4,  T]p=-»-0.45, 
High  inflow  pressure  At  Body  side 


Figure  7b.  Streamlines,  Profile  5,  T|p=>fl 
High  inflow  pressure  At  Cowl  side 
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Figures  lOtt  and  10b  compare  the  pitching  moment  ratio  and  the  thrust  vector  angle,  b,  for  different  values  of  Tip.  It  is  seen  that 
the  pitching  rnmnent  (normalized  by  that  rf  the  uniform  case,  ilp=1.0)  varies  significandy  with  the  level  of  distortion.  The  general 
trend,  as  depicted  by  the  least  squares  curve  fit  in  each  figure,  is  toward  a  decrease  in  pitching  moment  for  high  values  of  tip  (high 
pressure  at  top)  and  an  increase  in  pitching  moment  fw  low  values  of  Tip  (high  pressure  at  tottom).  This  is  connstent  wth  the  fact 
that  high  pressure  at  the  bottom  results  in  higher  pressure  on  the  aftbody,  the  net  results  being  an  increased  pitching  moment 

The  plot  (rf  thrust  vectm  angle  b  shows  the  opposite  trend.  As  the  inflow  pressure  profile  becomes  increasingly  biased  toward  the 
bottom  of  the  internal  nozzle  the  thrust  increases.  The  lift,  hwever,  tends  to  deci^  due  to  the  high  lower  cowl  pressures 
introduced  st  the  intenu^i  nozzle  inflow  plane.  The  net  result  is  that  a  decrease  in  dte  thrust  vector  angle,  b. 

Both  the  piw-hinE  moment  and  the  thrust  vector  angle  data  are  of  great  agnificance  to  the  overall  vehicle  design  and  performance. 
However,  the  total  effect  can  only  be  evaluated  by  considering  the  integrated  engine  and  airframe. 

Figures  1  la  and  1  lb  show  the  variation  of  the  pressure  forces,  jPdA,  with  Tjp  and  the  variation  of  Cfg,  nozzle  efficiency,  with  tip. 
The  efficiency  is  directly  related  to  the  thrust  produced.  The  nozzle  efficiency  is  directly  related  to  the  JPdA  (thrust)  produced 
and,  as  siwh,  it  is  generally  seen  that  introducing  higher  pressures  on  the  cowl  (bottom  of  the  nozzle)  improves  the  no^e 
performance.  As  one  would  expect  there  is  a  limit  to  how  great  the  flow  distortion  can  be  before  the  performance  is  adversely 
affected. 
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Figure  10a.  Moment  vs.  tip 
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Figure  10b.  Thrust  Vector  Angle  vs.  tip 
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Figarc  11a.  Thrust  vs.  qp 


Figure  lib.  Nozzle  Efficiency  vs.  Tip 
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CONCLUSIONS 

A  parametric  three-dimensional  Euler  CFD  study  was  performed  to  evaluate  the  effect  of  the  inflow  profile  on  the  poformance  of 
an  integrated  hypersonic  nozzle.  The  incoming  flow  profile  was  distorted  and  seven  distinct  cases  were  analyzed.  Using  Tip  as  a 
measure  of  the  t^tortion,  the  performance  was  quantified  in  terms  of  thrust  (/PdA),  nozzle  efficiency  (Cfg),  pitching  moment,  and  the 
thrust  vector  angle. 

It  was  found  that 

1 .  Nozzle  perftnmance  is  greatly  affected  by  the  level  of  nonuniformity  in  the  inflow  profile.  Serious  effort  must  be  devoted  to 
the  accurate  characterization  of  these  inflow  profiles. 

2 .  Hypersonic  vehicle  nozzles,  as  typified  by  the  study  configuration,  are  highly  nonideal.  Shocks  exist  throughout  the 
flo^eld.  Depending  on  the  inflow  profile  and  the  particular  geometry  considered  some  of  the  losses  associated  with  the 
shocks  may  be  recovered  if  the  flow  can  be  made  to  interact  with  appropriate  solid  surfaces. 

3 .  For  the  particular  case  analyzed,  higher  pressures  introduced  toward  the  bottom  of  the  internal  nozzle  resulted  in  improved 
axial  thrust  and  nozzle  efficiency,  but  at  a  cost  of  increased  pitching  moment  An  integrated  engine/airfiame  analysis  would  be 
required  to  evaluate  whether  the  additional  thrust  was  sufficient  to  offset  the  possible  increase  in  trim  drag. 
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Problems  connected  to  the  occurrence  of  finite  rate  chemical  processes  behind  shock  waves  in  hypersonic  flowfields 
are  analysed  and  a  numerical  technique  is  proposed  for  their  solution.  The  computational  difficulties  connected  with 
the  presence  of  large  gradients  of  the  species  concentrations  are  considered.  A  method  is  proposed,  based  on  a  shock¬ 
fitting  technique  for  the  gasdynamic  model  and  a  variable  step  integration  along  the  streamlines  for  the  energy  and 
species  conservation  equations.  This  approach  provides  the  needed  resolution  where  it  is  actually  required,  without 
becoming  cumbersome  elsewhere,  and  the  relaxation  layer  behind  shocks  can  be  computed  efficiently  and  precisely. 


1.  INTRODUCTION 

In  this  paper  a  methodology  is  illustrated  to  simulate  the  dissociation  phenomena  that  occur  behind  shock  waves 
in  airbreathing  engines  operating  in  hypersonic  regime.  Tipically  these  phenomena  occur  both  in  supersonic  inlets 
operating  at  high  flight  K^h  numbers  and  in  nossle  exaust  jets,  where  a  strop"  -tirframe-engine  integration  is  required 
or  in  ramrocket  configurations  within  the  mixing  duct  of  ramjet  and  rocket  exaust  flows. 

At  high  Mach  numbers  the  fluid  dynamic  variables  jump  through  the  shock  produces  a  large  departure  from  the 
equilibrium  conditions.  A  chemical  relaxation  layer  follows  the  shock,  in  which  dissociation  reactions  occur  in  nonequi- 
librium  conditions  and  the  air  composition  changes  with  a  behaviour  chacterised  by  strong  gradients  of  temperature 
and  species  mass  fractions. 

In  order  to  obtain  a  proper  numerical  solution,  a  high  spatial  resolution  is  required  behind  the  shock.  This  can  be 
achieved  with  adaptive  grids,  that  are  quite  cumbersome  from  a  computational  perspective.  A  different  approach  has 
been  recently  proposed  by  the  author  [l]  to  compute  hypersonic  exemal  flows.  Here  a  further  possible  application  of 
this  approach,  relevant  to  the  calculation  of  the  internal  flows  above  described,  is  considered. 

Instead  of  solving  the  fully  coupled  equation  system,  requiring  an  impractical  amount  of  computational  work 
when  implemented  on  multidimensional  flows,  the  method  follows  the  approach  based  on  an  operator  splitting  for 
gasdynamics  and  chemistry  firstly  proposed  by  Li  [2]  and  widely  adopted  [3,4,5].  Accordingly,  the  set  of  conservation 
laws  is  split  in  two  parts: 

-  the  gasdynamic  operator,  describing  the  mass  and  momentum  conservation  of  the  mixture, 

-  the  chemical  operator,  describing  the  conservation  of  the  energy  of  the  mixture  and  of  the  mass  of  each  individual 
chemical  species. 

In  flows  with  dissociation-recombination  reactions  typical  of  hypersonic  propulsion  applications,  the  variables  of 
the  gasdynamic  operator  have  a  quasi-linear  behaviour  and  can  be  solved  by  standard  approaches.  The  advantage  of 
using  integration  schemes  based  on  an  operator  splitting  is  therefore  to  bound  to  the  chemical  operator  the  numerical 
problems  relevant  to  the  stiff  nature  of  the  equation  system  and  to  the  nonlinearity  of  the  solution. 

The  proposed  technique  takes  full  advantage  of  this  approach  performing  the  integration  over  two  different  grids: 
a  standard  one  for  the  gas  dynamic  equations,  and  along  streamlines  for  the  chemical  operator.  Due  to  its  one¬ 
dimensional  nature,  the  integration  along  streamlines  can  be  easily  performed  by  using  a  variable  step  procedure.  In 
this  way  high  resolution  can  be  provided  where  it  is  actually  required,  without  becoming  cumbersome  elsewhere. 

Moreover,  the  shock  is  treated  by  a  shock-fitting  technique,  that  provides  a  consistent  and  accurate  way  to  describe 
a  reacting  shock  layer.  Indeed,  as  discussed  in  the  next  section,  while  some  problems  seem  to  exist  in  imposing  proper 
boundary  conditions  when  using  a  shock  capturing  procedure,  the  shock-fitting  allows  to  assign  the  correct  initial 
conditions  for  the  integration  of  the  chemical  variables  along  the  streamlines;  thus  the  relaxation  layer  behind  the 
shocks  can  be  computed  efficiently  and  accurately. 


a.  SHOCK  WAVES  IN  FLOWS  WITH  FINITE  RATE  CHEMISTRY 

The  solutions  of  steady  inviscid  flows  with  chemical  relaxation  processes  can  be  strongly  affected  by  the  modelling 
of  the  shock  wave.  As  a  matter  of  fact,  the  boundary  conditions  for  the  integration  of  the  chemical  equations  should 
be  enforced  at  the  shock,  and  a  physically  consistent  modelling  of  its  structure  is  therefore  mandatory.  The  same 
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considerations  hold  in  unsteady  flows,  in  order  to  predict  correct  shock  propagation  speeds  without  generating  spurious 
waves. 

The  classical  description  of  a  ‘partly  dispersed”  shock  wave  [6,7]  is  based  on  the  following  assumptions: 

-  ahead  of  the  shock  and  far  behind  it,  the  gas  is  in  equilibrium; 

-  translational  and  rotational  motions  across  the  shock  fit  the  variable  conditions  so  fast  that  they  can  be  considered 
in  equilibrium; 

-  vibrational  excitation  and  variations  of  the  chemical  composition  are  much  slower  processes  and  can  be  considered 
frosen  across  the  fluid  dynamic  discontinuity  of  the  shock.  They  relax  in  a  layer  following  the  frozen  jump. 

It  should  be  pointed  out  that  at  the  temperatures  tipical  of  the  hypersonic  propulsion  applications  vibrational 
phenomena  approach  equilibrium  conditions  and  thus  this  assumption  may  appropriately  be  used  in  the  modelling. 
Nevertheless,  as  shown  by  Candler  in  [14],  the  same  assumption  yields  a  large  discrepancy  with  the  experimental 
evidence  when  the  vibrational  relaxation  layer  is  of  the  same  order  than  the  fluid  dynamic  length,  for  instance  due  to 
the  small  reference  length  considered.  Vibrational  nonequilibrium  models  must  be  used  in  these  cases. 

As  a  consequence  of  this  modelling  the  variables  describing  the  chemical  composition  of  the  mixture  start  from  the 
values  at  the  shock  and  reach  the  new  equilibrium  composition  with  a  boundary  layer  behaviour.  In  particular,  at  the 
shock  the  mixture  composition  is  still  frozen  to  the  values  ahead  of  the  shock,  and  transition  from  these  conditions  to 
the  outer  solution  occurs  in  a  thin  layer  with  strong  gradients  of  the  nonequilibrium  variables  (Fig.l). 

Numerical  integrations  of  such  a  chemical  relaxation  layer  give  rise  to  specific  problems  that  can  be  summarized 
by  two  major  items,  that  will  be  discussed  in  the  following  subsections: 

-  the  singular  surface  is  the  position  where  the  boundary  conditions  for  the  chemical  integration  must  be  imposed 
and  its  detection  and  tracking  must  be  very  precise. 

-  the  system  of  the  governing  equations  is  stiff,  and  demands  suitable  integration  techniques;  moreover  the  variables 
describing  the  chemical  process  have  strong  nonlinear  solutions  that  need  a  high  space  resolution. 

a.l-  Numerical  handling  of  the  shocks 

In  non  reacting  flows  the  numerical  handling  of  the  shock  could  be  done  by  using  a  shock-capturing  scheme  or  a 
shock-fitting  procedure.  Nevertheless,  as  pointed  out  by  Le  Veque  and  Yee  [9],  in  flows  with  finite  rate  chemistry  the 
accuracy  and  reliability  of  the  solutions  obtained  by  shock-capturing  approaches  could  be  questionable. 

In  fact  in  the  solutions  of  non  reacting  gas  performed  by  shock-capturing  schemes  the  states  ahead  and  behind  the 
shock  are  connected  through  some  intermediate  states  that  do  not  represent  the  actual  physical  structure  of  a  shock 
wave.  When  the  gas  is  inert  this  is  just  a  local  behaviour  that  does  not  affect  the  fiow  downstream  and  the  jump 
relations  are  then  properly  obtained  as  weak  solutions  of  the  equations.  On  the  contrary,  in  a  gas  with  finite  rate 
chemistry,  source  terms  artificially  activated  by  these  unphysical  intermediate  states  can  wrongly  affect  the  overall 
computation.  To  overcame  this  difficulty  Le  Veque  and  Yee  [9]  suggest  either  a  front-tracking  approach  or  the  use  of 
subgridding. 

These  numerical  shortcomings  do  not  occur  if  a  shock-fitting  technique  is  adopted.  Actually  this  approach  seems 
to  be  the  more  consistent  and  accurate  way  to  numerically  describe  the  reacting  shock  model.  The  fitting  of  the  frozen 
shock  wave  followed  by  the  relaxion  layer  in  nonequilibrium  conditions  strictly  reproduces  the  internal  structure  of 
the  “partly  dispersed”  wave.  Moreover,  the  “frozen-fitted  shock”  can  provide  exact  initial  conditions  for  integration 
of  the  chemical  operator. 

2.2-  Numerical  Integration  of  the  chemical  relaxation  layer 

If  two  characteristic  times  are  defined,  the  fiuid  dynamic  time  tj  and  the  chemical  relaxation  time  Tc,  the  mathe¬ 
matical  model  for  fiows  with  finite  rate  chemistry  is  provided  by  the  following  set  of  conservation  equations: 

-  the  conservation  equations  of  mass,  momentum  and  energy,  that  in  quasilinear  form  are 
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-  a  state  equation,  written  in  the  form  h  =  h(p,T,C),  where  C  is  the  vector  of  the  N  variables  e,-  specifying  the 
state  of  nonequilibrium  of  the  gas  (for  example  the  c,-  mass  fractions  of  the  i-species), 

-  the  rate  equation  modelling  the  particular  nonequilibrium  process,  that  can  always  be  written  in  nondimensional 
form  as 
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where 

bars  denote  non  dimensional  quantities  of  0(1), 

Da  =  rjfre  is  the  Damkohler  number  that  identifiM  three  regimes:  equilibrium  flow  (Da  >  1),  frosen  flow 
(Da  <.  1),  nonequilibrium  flow  (Da  »  1), 
r  is  the  local  relaxation  time  for  the  nonequilibrium  process, 

X  is  a  measure  of  the  departure  of  the  system  from  the  state  of  equilibrium  C*  (p,T)  implicit^  deflned  by 

x(p.r,c*)  =  o  (3) 

with  the  state  equation  that  can  be  written  as  h  =  k(p,T,C'). 

In  principle  the  integration  of  the  equation  system  (1  *2)  should  not  give  rise  to  any  numerical  difficulty,  provided 
that  locally  is  always  Oa  »  1  or  that  the  equation  (3)  replaces  (2)  when  the  equilibrium  limit  is  approached.  However, 
it  is  not  generally  possible  to  localise  in  advance  when  and  where  the  three  regimes  (equilibrium,  nonequilibrium, 
frosen)  will  occur  and  consequentely  the  more  general  nonequilibrium  flow  model  described  by  (2)  has  to  be  adopted 
everywhere,  even  in  regions  where  the  solution  would  be  better  obtained  by  solving  the  equation  for  the  equilibrium 
state  (3).  Integration  of  the  equation  (2)  over  the  entire  computational  field  can  lead  to  different  difliculties  for 
equilibrium  flow  regions  and  for  nonequilibrium  regions,  that  can  be  summarised  as  it  follows: 

a)  in  EQUILIBRIUM  or  near  equilibrium  flow  regions  the  integration  of  (2)  gives  rise  to  stiffness  problems.  In 
particular,  when  Da  -*  oo  the  higher  order  derivative  is  multiplied  by  a  vanishing  coefficient  and  a  singular 
perturbation  problem  occurs. 

The  system  of  differential  equations  (1-2)  becomes  then  stiffer  and  stiffer  as  the  equilibrium  limit  is  approached. 
Stability  requirements  for  explicit  techniques  force  the  integration  step  to  be  very  small,  i.e.,computationally 
impractical.  Larger  integration  steps  are  allowed  only  if: 

-  implicit  schemes  are  used  to  satisfy  the  stability  requirements.  Nevertheless  the  solution,  even  if  stable, 
can  be  inexact,  since  the  stiffness  of  the  system  of  differential  equations  translates  into  ill-conditioning  of 
the  matrix  of  the  discretised  equation  system.  In  these  cases  appropriate  implicit  algorithms  should  be 
adopted. 

-  the  precision  of  the  solution  is  ensured  by  a  quasillnear  behaviour  of  the  variables  (as  for  example  in 
nossle  flows  with  regular  expansions).  On  the  contrary,  if  the  behaviour  is  strongly  nonlinear,  a  suitable 
resolution  is  mandatory:  large  steps  will  not  provide  reliable  results  even  if  stable  solutions  can  be  obtained. 

b)  in  NONEQUILIBRIUM  FLOWS  behind  shocks  the  chemical  variables  have  a  boundary  layer  behaviour.  As 
above  referred,  their  transition  from  nonequilibrium  conditions  towards  the  new  equilibrium  state  occurs  in  a 
thin  layer  with  large  gradients.  This  feature  leads  to  the  conclusion  that  large  integration  steps  for  the  chemical 
equations  are  not  allowed,  even  If  implicit  techniqes  are  adopted.  Reliable  results  can  be  achieved  only  if  a 
suitable  resolution  is  used  in  order  to  follow  accurately  the  steep  gradients  of  the  solution. 

In  principle  numerical  problems  can  occur  not  only  in  integrating  the  chemical  equations,  but  also  in  coupling  the 
solutions  of  chemical  and  gasdynamic  equations  obtained  independently  of  each  other,  when  iterative  procedures 
are  used.  Nevertheless  in  endothermic  reactions  like  those  occurring  behind  shocks,  the  gasdynamic  variables 
are  not  strongly  affected  by  the  variations  of  the  chemical  variables.  In  particular,  they  display  a  quasi-linear 
behaviour  even  if  the  species  mass  fraction  profiles  are  highly  nonlinear  as  shown  in  Fig.  1  reporting  solutions 
for  dissociating  flows.  Consequently  the  integration  of  the  system  (1)  can  be  performed  by  standard  approaches 
on  standard  meshes,  while  linear  approssimation  of  the  gasdynamic  values  on  the  smaller  grid  used  for  the 
integration  of  (2)  can  be  considered  satisfactory  and  does  not  yield  further  numerical  difficulties. 

FVom  the  above  considerations  it  turns  out  that  in  chemical  relaxation  layers  the  integration  techniques  for  the 
system  (1-2)  can  be  based  on  separate  algorithms  for  chemical  and  gasdynamic  equations  and  should  satisfy  two  basic 
requirements,  at  least  for  the  solution  of  the  energy  and  species  conservation  equations:  a)  algorithms  should  be  in  a 
suitable  implicit  form  to  face  stiffness  when  approaching  the  equilibrium  conditions,  b)  high  resolution  should  be  used 
where  strong  nonequilibrium  conditions  occur.  Meeting  the  latter  requirement  yields  very  burdensome  calculations.  As 
a  consequence,  integration  techniques  including  front-tracking  and  grid  refinements  are  mandatory  for  multidimensional 
solutions. 


3.  MATHEMATICAL  MODELLING 


As  discussed  in  [1,10],  extending  to  reacting  flows  the  quasi-linear  lambda  formulation  [11],  the  most  suitable  set 
of  dependent  variables  has  been  considered  to  be  (A,  s,q,C)^  where,  denoting  with  s  the  entropy,  a  the  frosen  speed 
of  sound  defined  by  assuming  a  frosen  composition  of  the  mixture,  and  7  the  associated  frosen  specific  heat  rate,  the 
auxiliary  variable  A  is  expressed  as 


A  = 


6  = 


Tf-1 


Following  the  procedure  described  in  [1,10]  the  system  of  conservation  equations  (1)  can  be  written  in  quasi  linear 
form  as 
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A,  -(-q  •  VA4-oV  ■  q  =  ii 

(4a) 

q«  4-  q  ■  Vq4-  uVa  —  tfVs  =  q 

(4b) 

s»  4-q-  Vs  =  s 

(4c) 

c.,  4-q  Vc.  =  c, 

i=l,N 

(4d) 

where  B  is  the  temperature  and  c.  is  the  rate  of  production  of  each  i-species,  which  takes  into  account  the  effects  of 
all  reactions,  including  forward  and  backward  steps.  The  other  source  terms  A,  q,  i  are  given  by 


A  = 

q  =  B'Y^QiVci 
% 

i  = 

« 

where  with  m  the  chemical  potentials,  and  with 


(5) 


Qi 


»i 


In  order  to  have  the  matematical  model  written  in  form  of  compatibility  equations,  the  procedure  reported  in  [11] 
has  been  followed  and  extended  to  chemical  nonequllibrium  flows.  Thus  if  eqn.  (4b)  is  dot-multiplied  by  a  unit  vector 
w  and  added  to  (4a),  and  defining  n,r  two  unit  vectors  lying  in  the  x-y  plane,  with  n  forming  an  angle  ao  with  the 
x-axis,  the  following  general  form  for  the  compatibility  equations  are  obtained: 


where 


(i4  w  q),  4- q  ■  V  (i4  w  q)  -h  a  [w  •  •  V  (n  ■  q)  +  T  •  V  (t  •  q)  -I-  k  x  q  •  Voo]  - 

-  q  (q  V)  w  -  w  Vs  +  5r  =  0 


(6) 


5r  =  A4-W-4 


Assuming  w  =  n,-n,  r,  -r  and  w’  =  r,  -r  ,-n,  n,  four  compatibility  equations  are  obtained  in  the  Riemann 
variables  Rj  =  A  +  wy  •  q,  namely 

( Ry),  Ay  ■  V Rj  -I-  tt  wy  •  V  (wy  •  q)  =  w  •  Vs  -f  Ry  -I-  -I-  F  (7) 

with  j  =  1,4  and  where 


=  q  ■  Vao 

F 

=  ak  X  q  •  V( 

Ai 

=  q  4-  an 

Ri 

=  A  4-  n  •  q 

Aa 

=  q  —  an 

Ra 

=  A  —  n  •  q 

As 

=  q4-aT 

«s 

=  A4-rq 

A4 

=  q  —  aT 

R* 

=  A  —  T  •  q 

while  the  corresponding  source  terms  are: 

Ri  =  i44-nq,  Rj  =  A-  nq,  R8  =  A-(-Tq,  .^  =  A-  rq 

The  redundancy  of  the  above  equation  system  can  be  circumvented,  still  following  [11],  by  a  suitable  recombination 
of  the  equations,  thus  obtaining  for  the  gasdynamic  operator  the  form: 
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3i4,  -  3a5,  -H  3aq  A.  (VR-aVs)  -  3q  VA^-  3F  =  A*  (8a) 

3  (q  n),  -f  A,  •  (Vji,  -  aVs)  -  Aj  (Vila  -  aVs)  -  3)8 q  •  r  =  J7*  (8b) 

3  (q  •  r),  +  As  (VjZ*  -  aVs)  -  A*  •  (ViZs  -  aVs)  +  3/Jq  n  =  V*  (8c) 

where  the  aource  terms  are  defined  as 

4 

A*  =  5^^  -3A,  cr*  =  Ji,  -  Ra,  V‘=ji,-Rt. 

•=1 

while  the  chemical  operator  still  holds  its  compatibility  form  (4c, d): 

+  q-  Vs  =  i 

T, 

C,  -f  q  •  VC  =  C 


4.  INTEGRATION  TECHNIQUE 

Solution  of  the  system  (8,9)  can  be  obtained  by  integrating  the  fnUy  coupled  system,  as  indicated  in  [8,17]  for 
one-dimensional  flows.  Nevertheless,  the  extension  to  multidimensional  flows  [16]  requires  a  tremendous  amount  of 
computational  work  that  is  actually  not  needed,  since  the  high  resolution  required  for  integrating  the  flnite  rate 
chemistry  is  not  generally  needed  for  the  gasdynamic  integration.  In  fact,  in  the  case  of  endothermic  reactions,  the 
strong  variations  of  the  chemical  variables  have  a  weak  overall  effect  on  gasdynamics,  whose  variables  show  a  qnasi- 
linear  behaviour. 

A  more  efficient  strategy,  suggested  in  [3]  and  currently  adopted  [3,5,10],  consists  in  decoupling  the  equation  system 
in  two  parts,  the  chemical  and  the  gasdynamic  operators,  and  integrating  them  separately  step  by  step.  In  particular, 
the  mixture  is  considered  frosen  when  integrating  the  gasdinamics  equations,  while  the  flowfield  is  considered  frosen 
when  integrating  the  chemical  operator.  Details  on  the  two  algorithms  are  given  in  the  following  subsections. 


4.1  The  gnsdyniamlc  operator 

The  system  of  equations  (8)  is  integrated  by  an  explicit  two  levels  (predictor-corrector)  flnite  difference  scheme,  with 
3nd  order  accuracy.  The  integration  is  performed  on  body-fitted  non-orthogonal  coordinate  lines.  The  formulation  of 
the  equations  written  for  non  orthogonal  H-grids  is  reported  in  details  in  [1,10]. 

The  compatibility  equations  are  discretised  in  the  following  way: 

-  the  terms  containing  derivatives  of  the  Riemann  variables  are  discretised  in  space  by  means  of  upwind  derivatives 
computed  with  two  mesh  points  at  each  level.  The  upwind  direction  is  defined  by  the  sign  of  the  relevant 
coefficient; 

-  the  terms  containing  the  entropy,  as  well  as  the  chemical  source  terms,  are  treated  by  an  upwind  discretisation 
in  space  according  to  the  sign  of  the  coefficient  of  the  relevant  Riemann  variable  term; 

-  the  metric  source  term,  which  appears  when  the  equations  are  written  in  a  non  orthogonal  base,  is  determined 
analitically. 

The  shocks  are  treated  by  a  shock-fitting  procedure,  according  the  wide  tested  procedure  introduced  by  Moretti. 
While  details  about  the  technique  can  be  found  in  [11,13],  the  main  features  can  be  summarised  as  follows. 

At  the  shock  the  mixture  is  considered  to  have  a  frosen  composition,  and  the  jump-relations  are  solved  starting 
from  the  the  values  of  the  gasdynamic  variables  ahead  of  the  shock,  the  direction  of  the  normal  to  the  shock  profile, 
and  the  value  of  A  behind  the  shock.  As  a  matter  of  fact,  there  is  at  least  one  Riemann  variable  on  either  side  of 
the  shock  that  has  the  appealing  property  to  be  independent  of  its  value  on  the  other  side.  That  variable  can  thus 
be  computed  correctly  without  using  derivatives  approximated  by  differences  taken  accross  the  shock  discontinuity. 
Consequently,  considering  for  example  one-dimensional  flows,  and  calling  the  two  sides  ahead  and  behind  the  shock 
A  and  B,  respectively,  the  following  quantity  can  be  defined 

y.  Rj-Rj 

a* 

The  relative  shock  Mach  number,  defined  as  M  =  (u^  -  w)/a*  (where  ui  is  the  shock  velocity),  can  then  be 
determined  by  an  iterative  procedure  based  on  the  calculation  of 


«  1  (H-«)Af  (1  +  «)A/  / 


(10) 


Once  the  relative  shock  Mach  number  has  been  computed,  the  shock  discontinuity  is  moved  in  the  new  appropriate 
position  connected  with  the  integration  step  used  and  the  values  of  the  speed  of  sound,  the  velocity  and  the  entropy 
behind  the  shock  are  obtained  by  Rankine-Hugoniot  relations. 
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4.2  Th«  chmlc«l  opwtor 

The  epeciee  coneervation  aquationa  and  the  energy  conaervation  equation  (9)  are  integrated  along  the  atreamlinea. 
The  initial  valnea  of  Ci  and  a  ahoald  be  preacribed  at  an  initial  point  of  the  atreamline  along  with  the  velocity  and 
preaanre  along  the  atreamline.  The  initial  point  ia  aaaumed  to  be  the  inteiaection  of  the  atreamline  with  the  aide  of  the 
cell  to  which  the  point  belonga,  and  e.  and  a  are  obtained  by  interpolating  between  the  node  valuea. 

Since  the  integration  ia  performed  aiming  at  the  ateady  atate  aolution,  the  equationa  can  be  written  in  the  form: 


tt  C»  —  C 


with  C  =  (ci,  a)*" 

The  integration  ia  performed  along  the  atreamline  in  the  direction  of  the  velocity  by  an  implicit  acheme  baaed  on 
the  following  diacretised  form  of  the  eqnationa: 


-  C")  (C"  +  C"'*’*) 

A*  ~  2 


where  the  aource  term  C"'*'*  ia  expreaaed  by  a  firat  order  Thylor  expanaion  with  reapect  to  the  dependent  variablea. 

A  variable  integration  atep  ia  implemented  by  checking  the  aolution  obtained  with  a  tentative  atep.  Once  the 
increment  AC  haa  been  computed,  Az  ia  conaidered  unappropriate  if  the  new  concentration  valuea  are  negative  or  if 
AC/C  ia  too  large  or  too  amall.  In  thia  caae,  the  diacretiaation  atep  ia  changed  according  to  the  criterion  auggeated 
in  [8]  and  integration  performed  again. 

Nevertheleaa,  aince  the  ayatem  of  finite  difference  equationa  can  be  atrongly  ill-conditioned  near  the  equilibrium 
limit,  the  uae  of  a  direct  method  of  aolution  can  atill  give  probiema  of  accuracy,  even  if  inatability  ia  avoided  by  naing 
implicit  algorithma.  An  iterative  procedure  of  the  Newton  type  ia  thua  adopted  for  aolving  the  ayatem.  Thia  procedure 
takea  few  iterationa  and  helpa  both  in  aolving  the  atiffneaa  near  equilibrium,  and  to  increaae  the  accuracy  in  regiona  of 
atrong  nonlinearitiea. 


6.  RESULTS 

Some  teata  relevant  both  to  internal  and  external  fiowa  have  been  performed.  The  preliminary  reaulta  preaented 
here  draw  heavily  on  work  done  in  collaboration  with  G.  Moretti,  B.  Fhvini,  F.  Sabetta  and  M.  Valoranl. 

The  teat  caae  for  internal  fiowa  ia  that  propoaed  by  Montagn4  in  [19].  Ita  geometry  conaiata  of  two  atraight,  aemi- 
inflnite  ducta  of  different  ctoaa  aectional  area  connected  by  atraight  walla.  Thia  teat  allowa  to  analiae  the  baaic  numerical 
aapecta  connected  with  the  aolution  of  auperaonic  intake  fiowfielda,  where  endotermic  reactiona  occur.  Nevertheleaa 
a  aimilar  example,  but  with  eaothermic  reactiona,  haa  been  uaed  by  Buaaing  and  Mnrmann  [16]  to  teat  their  model 
including  the  effecta  of  finite  rate  chemiatry  to  predict  the  fiowfield  behind  auperaonic  flamehoidera. 

The  domun  of  integration  in  defined  by  the  auperaonic  entrance  auction,  where  the  flow  ia  in  equilibrium,  and  an 
exit  auction  with  a  flow  either  aubaonic  or  auperaonic.  The  boundary  conditiona  enforce  conaervation  of  total  enthalpy 
at  the  entrance  and  impoae  the  normal  component  of  the  velocity  equal  to  aero  on  the  axia  and  on  the  body. 

The  reaulta  preaented  here  are  obtained  for  nonreacting  flowa  treated  by  a  Moretti'a  ahock-fitting  technique  [12]. 
As  can  be  aeen  from  Fig.  2,  the  acheme  provides  very  accurate  solutions.  They  are  actually  aimilar  to  thoae  obtwed 
by  shock-capturing  techniques,  even  if  a  much  coarser  mesh  haa  been  used.  In  fact,  as  can  be  seen  by  the  comparison 
with  the  results  in  [19,18],  the  shock-capturing  techniques  do  not  yield  a  aimilar  sharp  behaviour  for  the  shock  profile. 
This  can  (unphysically)  activate  reactiona  and  wrongly  affect  the  overall  calculation. 

A  different  application  is  reported  in  Fig.  3  and  is  relevant  to  hypersonic  nonequilibrium  flows  about  blunt  bodies. 
Details  about  the  technique  and  the  results  are  in  [1,18].  The  fiowfield  conaidered  is  the  region  between  the  bow  shock 
and  the  body.  In  Fig.  3a  Mach  iso-contours  are  reported  for  a  freeatream  Mach  =  25  and  an  angle  of  attack  =  30". 

The  mass  fraction  iso-contours  of  the  atomic  oxygen  are  shown  in  Fig.  3b;  the  presence  of  a  large  nonequiUbrinm 
sone  can  be  recognised  from  their  behaviour. 

An  assessment  of  the  capability  of  the  propoaed  technique  is  presented  in  Fig.  4,  showing  the  temperature  be¬ 
haviour  along  the  stagnation  streamline.  As  the  stagnation  point  is  approached,  the  flow  slows  down  and  the  mixture 
composition  tends  to  its  equilibrium  value,  that  should  in  principle  be  reached  at  the  stagnation  point,  where  the  resi¬ 
dent  time  is  infinity  and  reactions  have  enough  time  to  be  completed.  As  a  consequence  of  this  trend,  the  temperature 
drops  abruptly  by  ~  1000"#r. 

It  is  practically  impossible  to  obtain  the  same  results  without  using  a  suitably  small  integration  step  in  this  sone. 
Larger  steps  cannot  indeed  describe  the  nonlinear  behaviour  of  the  chemical  variables,  and  yield  locally  nnprecise 
solutions. 
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Fig.  1.  1-D  solution  of  temperature  and  species  mass  fractions  for  dissociating  air  behind  a  shock  wave. 
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Fig.  4.  Hypersonic  nonequilibrium  flowfieW  about  ellipses:  temperature  and  mass  fractions  behaviours  along 

the  stagnation  line. 
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SUMMARY 

A  Navier-Stokes  computer  code  has  been  validated  using  a  number  of  two-  and 
three-dimensional  configurations  for  both  laminar  and  turbulent  flows.  The  validation 
data  covers  a  range  of  freestream  Mach  numbers  from  3  to  14,  includes  wall  pressures, 
velocity  profiles,  and  skin  friction.  Nozzle  flowfields  computed  for  a  generic  scram- 
jet  nozzle  from  Mach  3  to  20,  wall  pressures,  wall  skin  friction  values,  heat  transfer 
values,  and  overall  performance  are  presented.  In  addition,  three-dimensional  solu¬ 
tions  obtained  for  two  asymnetrlc,  single  expansion  ramp  nozzles  at  a  pressure  ratio 
of  10  consist  of  the  internal  expansion  region  in  the  converging/diverging  sections 
and  the  external  supersonic  exhaust  in  a  quiescent  ambient  environment.  The  fundamen¬ 
tal  characteristics  that  have  been  captured  successfully  include  expansion  fans;  Mach 
wave  reflections;  mixing  layers;  and  nonsynnetrical,  multiple  inviscid  cell,  super¬ 
sonic  exhausts.  Comparison  with  experimental  data  for  wall  pressure  distributions  at 
the  center  planes  shows  good  agreement. 


NOMENCLATURE 

a  sound  speed 

Cf  skin  friction  coefficient 

Ch  heat  transfer  coefficient 

Cp  specific  heat 

Cy  velocity  coefficient 

M  Mach  number 

NPR  Nozzle  Pressure  Ratio 

n  nozzle  efficiency 

Pr  Prandlt  number 

Pv  local  wall  static  pressure,  Pw/P(o) 
Re  Reynolds  number 

T  temperature 

X  streamwise  distance 

Y  ratio  of  specific  heats 

Subscripts: 
c  combustor  exit 

e  nozzle  exit 

1  laminar 

n  unit  normal 

o  freestream  condition 

s  static  condition 

t  total  condition 

t  turbulent 

w  wall 

VI  viscosity 

density 
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INTSOOUCTION 

Accurate  evaluation  o£  nozzle  performance  is  essential  to  hypersonic  propulsion 
because  that  performance  is  highly  sensitive  to  net  thrust.  Highly  integrated 
fuselage/nozzle  configurations  may  experience  complex  interaction  of  shocks,  turbulent 
mixing,  differing  levels  of  under/over  expansion,  and  possible  boundary  layer  separa¬ 
tion.  To  simulate  these  complex  interactions,  the  full  Navier-Stokes  equations  need 
to  be  solved  and  the  appropriate  computer  code  carefully  calibrated  before  it  can  be 
applied  to  the  hypersonic  nozzle  flow  field.  The  goal  of  the  current  study  is  to  vali¬ 
date  the  PARC3D  code  over  a  range  of  flowfield  conditions  and  to  examine  the  flow  phys¬ 
ics  and  overall  nozzle  performance  over  a  wide  range  of  flight  conditions.  The  PARC3D 
code  solves  the  full,  three-dimensional  Reynolds  averaged  Navier-Stokes  e<piations  in 
strong  conservation  form  with  the  Beam  and  Warming  approximate  factorization  algorithm; 
the  implicit  schone  uses  central  differencing  for  a  curvilinear  set  of  coordinates. 

The  code  was  originally  developed  as  AIR3D  by  Pulliam  and  Steger;i  Pulliam  later  added 
Jamison's  artificial  dissipation  and  called  it  ARC3D.2  Cooper^  then  adapted  the  ARC30 
code  for  internal  propulsion  and  renamed  the  code  PARC3D. 


Code  Validation 

To  gain  confidence  with  the  PARC3D  code  simulating  the  interaction  phenomena 
characteristic  of  hypersonic  nozzle  flow,  experimental  data  were  selected  for  code  val¬ 
idation  as  follows:  a  two-dimensional  shock  boundary  layer  interaction  at  Mach  14 
(Holden^),  and  a  Haack-Adams  body  (Allen^)  with  a  favorable  pressure  gradient  at 
Mach  3.  Previous  configurations  examined  at  NASA  Lewis  by  Reddy  and  Harloff^  include: 
a  two-  and  a  three-dimensional  hypersonic  nozzle  at  Mq  =  5,  for  which  comparisons  were 
made  with  computations  of  Spradley^  and  others:  and  a  three-dimensional  corner  flow 
configuration  at  Mq  •  2.94  of  Oskam  et  al.^  The  Reddy  and  Harloff®  study  provided 
confidence  in  the  PARC  codes  for  a  variety  of  complex  shapes  and  high  speeds. 


Two-Dimensional  Shock-Boundary  Layer  Interaction  at  Mach  14 

The  two-dimensional  experimental  data^  at  Mach  14  are  used  as  the  first  test 
case.  The  flat  plate  length  was  1.44  ft,  the  ramp  angle  was  18*,  and  the  ramp  length 
was  1.14  ft.  The  Reynolds  number  per  foot,  based  on  total  conditions,  was  32xio^  and 
the  computational  grid  399  x  99.  The  predicted  surface  pressure  coefficient  and  skin 
friction  are  compared  to  the  test  data  (Figs,  l  and  2):  good  agreement  for  both  is  ev¬ 
ident.  The  predicted  negative  skin  friction  for  the  separated  zone  is  also  in  good 
agreement  with  experiment.  As  the  boundary  layer  in  the  experiment  was  laminar,  this 
study  validates  the  code  at  hypersonic  conditions  for  laminar  flow. 


Haack-Adams  Body  at  Mach  3,  Turbulent 

The  axisymnetric  Haack-Adams  body,^  was  3  ft  long,  had  a  length  to  diameter  ratio 
of  10,  and  a  base  to  maximum  diameter  ratio  of  0.532.  The  freestream  Mach  number  was 
2.96  and  the  Reynolds  number  based  on  static  conditions  O.lxio^  cm.  Detailed  velocity 
measurements  were  made  at  7  axial  stations.  Coiiq>arison  of  measured  and  computed  veloc¬ 
ity  profiles  at  stations  2  and  7  (Figs.  3  and  4)  are  in  excellent  agreement  with  each 
other.  Axial  stations  shown  in  Figs.  3  and  4  were  at  0.28  and  0.97  of  the  body  length, 
respectively.  The  streamwlse  pressure  gradient  is  favorable  for  this  configuration, 
which  is  similar  to  the  nozzle  flow  environment.  The  computed  Cf  (Fig.  5)  shows  ex¬ 
cellent  agreement  with  experimental  data.  This  study  validates  the  Baldwin-Lomax  tur¬ 
bulence  model  used  in  the  PARC3D  code  for  attached  axisymmetric  flow  at  a  single  Mach 
number . 


NOZZLE  FLOWFIELD  CALCULATICHIS 

Two-Dimensional  Flowfield  Calculations,  Mach  5,  Laminar 

A  generic  three-dimensional  nozzle"^  is  shown  schematically  in  Fig.  6.  Its  length 
was  six  entrance  nozzle  heights,  the  upper  wall  has  a  20*  slope,  the  lower  splitter 
length  was  three.  The  lower  wall  was  horizontal  up  to  one,  where  the  wall  expands  at 
a  6*  angle.  The  flow  was  assumed  to  be  laminar.  The  grid  used  was  199  x  99. 

The  nozzle  entrance  flow  was  assumed  to  be  uniform,  and  the  ratio  of  specific 
heats  1.27  for  both  streams,  the  nozzle  entrance  velocity  1610  m/sec.,  the  static  pres¬ 
sure  9206  N/m^,  the  static  temperature  2311  *K,  and  the  Mach  niimber  1.657.  The  corre¬ 
sponding  freestream  values  were:  1765  m/sec,  506  N/m^.  261  *K,  and  5.0,  respectively. 
Upper  wall  static  pressures  and  values  from  the  6IM  code,  the  Seagull  code,^  and  the 
Method  of  Characteristics  (MOC)^  are  shown  in  Fig.  7.  Pressures  near  the  nozzle  en¬ 
trance  are  in  agreement  with  the  GIM  results,  but  are  higher  in  the  aft  region.  The 
inviscid  results  of  Seagull  and  HOC  lie  between  the  current  viscous  solution  and  the 
GIM  solution  in  this  region.  The  predicted  flowfield  is  presented  in  terms  of  Mach 
number  in  Fig.  8.  The  contact  surface  between  the  nozzle  flow  and  the  freestream  de¬ 
flects  downward,  as  is  evident  in  the  total  pressure  contour  plot  and  the  velocity  vec¬ 
tors.’  Three-dimensional  calculations  «rere  also  performed  for  this  nozzle.^ 
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Two-Dimensional  Flow£ield,  Mach  3  to  20,  Turbulent 

Figure  9  shows  the  nozzle  geometry  used  in  this  study.  The  initial  divergence 
angle  is  about  37°. 


Freestream  and  Combustor  Exit  Properties 

The  ratio  of  specific  heats,  y ,  and  the  gas  constant  of  the  combustor  exit  are 
considered  constant  throughout  the  entire  flowfield  (Table  I).  Because  the  static  noz¬ 
zle  entrance  Reynolds  numbers,  based  on  nozzle  entrance  height,  are  such  that  turbu¬ 
lent  flow  is  expected  for  the  entire  range  of  Mach  numbers  studied,  turbulent  flow  is 
assumed  in  the  whole  flowfield. 


GRID 


The  grid  used  was  199  x  129,  uniform  in  the  x-direction  (Fig.  10).  Grids  were 
clustered  by  being  stretched  by  hyperbolic  functions  near  the  upper  and  lower  walls  to 
resolve  the  boundary  layers,  as  well  as  downstream  of  the  cowl  to  resolve  the  shear 
layer.  The  grid  was  not  adapted  to  the  shear  layer  location,  although  this  has  been 
accomplished  by  the  authors  in  previous  unpublished  studies,  which  indicated  that  the 
present  grid  was  sufficient  to  capture  the  flowfield. 

Boundary  conditions  are  uniform  inflow  and  extrapolated  outflow  properties  for 
supersonic  flow.  The  supersonic/hypersonic  inflow  boundary  above  the  exit  was  assumed 
to  be  uniform.  For  subsonic  outflow,  the  pressure  is  imposed  by  the  sublayer  approxi¬ 
mation.  These  boundary  conditions  are  ideal  and  more  realistic  inflow  profiles  can  be 
accounted  for.  The  wall  temperature  is  assumed  to  be  constant  at  1750  °R. 


Mach  3  Flowfield 

Velocity  vectors  for  Mq  =  3  (Fig.  ll)  show  that  the  flow  is  overexpanded  and  a 
shock  propagates  from  the  cowl  lip  to  the  upper  nozzle  wall.  The  exhaust  flows  along 
the  upper  nozzle  wall  similar  to  a  wall  jet.  A  slight  separation  occurs  on  the  upper 
wall  ahead  of  the  shock  (discussed  below  in  terms  of  Cp) .  The  Mach  number  contours 
are  shown  in  Fig.  12.  Due  to  the  overexpanded  flow  at  the  end  of  the  lower  cowl,  the 
shear  layer  turns  upward,  which  causes  a  shock  to  form  above  it. 

Total  pressure  contours  shown  in  Fig.  13  illustrate  the  gradient  in  nozzle  and 
freestream  total  pressure  across  the  shear  layer. 

The  divergence  of  velocity  provides  a  scalar  measure  of  density  gradients  such 
that  compressive  and  expansive  regions  of  the  flow  can  be  visualized  as  dark  and  light 
regions  respectively  (Fig.  14).  The  deflection  angle  of  the  shock  from  the  cowl  end 
to  the  upper  nozzle  wall  is  about  39°  and  the  Mach  number  in  front  of  the  oblique 
shock  is  about  3,5.  After  the  shock  reflects  off  the  boundary  layer,  it  propagates  in 
the  downstream  direction.  The  boundary  layer  separates  on  the  upper  nozzle  wall  ahead 
of  the  Incident  shock  (further  illustrated  with  the  skin  friction  prediction  below). 
Details  of  this  region  show  a  small  region  of  reverse  flow.  As  the  shock  interacts 
with  the  wall  boundary  layer,  it  initially  reflects  at  a  sharp  angle.  As  the  flow 
moves  over  the  surface  of  the  separation  bubble,  it  is  turned  less,  as  shown  by  the  de¬ 
crease  in  magnitude  of  the  compression.  At  the  aft  end  of  the  separation  bubble,  the 
flow  is  again  turned  at  a  sharp  angle  and  coalesces  into  the  reflected  shock  down¬ 
stream  of  the  separation.  Below  the  cowl,  a  shock  emanating  from  the  leading  edge  of 
the  cowl  is  observed,  and  is  caused  by  flow  deflection  from  the  boundary  layer  along 
the  lower  cowl  wall.  The  expanding  region  of  the  flow  downstream  of  the  cowl  is  also 
observed . 

Wall  pressures  as  a  function  of  X  for  the  three  nozzle  wall  surfaces 
(Fig.  15(a))  illustrate  that  the  wall  pressure  initially  decreases  with  increasing  X 
for  both  upper  and  lower  nozzle  walls.  The  interior  nozzle  shock  intersects  the  upper 
nozzle  wall  at  about  2.8  ft,  as  evidenced  by  the  marked  pressure  rise  there.  Because 
the  pressure  beneath  the  cowl  is  greater  than  the  pressure  in  the  nozzle,  the  shock 
forms  in  the  nozzle. 

Wall  skin  friction  values  are  shown  in  Fig.  15(b)  for  the  three  surfaces.  The 
skin  friction  on  the  upper  nozzle  wall  becomes  negative  at  about  2.8  ft,  indicating  a 
small  region  of  reverse  flow.  The  skin  friction  of  the  upper  cowl  wall  is  slightly 
higher  than  that  of  both  the  upper  and  lower  walls.  The  heat  transfer  for  the  upper 
and  lower  nozzle  walls  is  similar  over  the  cowl’s  length  (Fig.  15(c))  while  the  rise 
in  the  heat  transfer  coefficient  is  observed  at  X  =  2.8  ft,  where  the  boundary  layer 
flow  separates.  In  the  nozzle  the  heat  transfer  is  positive,  indicating  hot  gas  and  a 
cold  wall,  but  below  the  cowl  the  heat  transfer  coefficient  is  negative,  indicating 
the  reverse. 

A  large  scale  separation  on  the  upper  nozzle  surface  is  predicted  for  laminar 
flow  (Fig.  16),  whereas  the  turbulent  computations  show  a  small  separation. 


34-4 


Mach  6  Flowfield 

Figure  17  shows  the  velocity  vectors  for  Mg  =  6.  The  flow,  slightly  overex¬ 
panded  at  the  cowl  exit,  expands  behind  the  cowl  by  means  of  an  expansion  fan.  The 
wake  is  deflected  upward,  as  indicated  by  the  velocity  vector  angles  and  the  position 
of  the  velocity  shear  layer.  No  reverse  flow  at  the  upper  boundary  is  indicated. 

Mach  number  contours  for  the  flowfield  (Fig.  18)  also  indicate  the  location  of  the 
shear  layer  while  Fig.  19  shows  its  upward  deflection  as  well  as  total  pressure  con¬ 
tours  . 

Wall  pressures  (Fig.  20(a))  show  that  the  interior  wall  pressure  is  overexpanded. 
The  wall  skin  friction  and  heat  transfer  values  are  shown  in  Figs.  20(b)  and  (c) 
respectively. 


Mach  10  Flowfield 

The  exhaust  flow  is  underexpanded  at  Mach  10  as  indicated  by  the  downward  deflec¬ 
tion  of  the  nozzle  flow  (Fig.  21).  There  are  no  indications  of  shocks  inside  the  noz¬ 
zle,  but  a  shock  propagates  from  the  lower  cowl  lip  downward  due  to  the  under expans ion 
of  the  flow  (Fig.  22).  The  total  pressure  contours  at  Mg  =  10  (Fig.  23)  show  that 
the  flow  is  underexpanded  and  that  the  shear  layer  is  deflected  downward.  The  shock 
deflection  angle  is  about  18°.  Pressure  is  constant  on  the  lower  wall  (Fig.  24(a)), 

Cf  and  Cfj  wall  values  are  also  shown  in  Fig.  24. 


Mach  20  Flowfield 

The  velocity  vectors  are  deflected  downward  aft  of  the  cowl  due  to  underexpansion 
(Fig.  25)  which  causes  a  shock  to  propagate  from  the  lower  cowl  downward.  The  lower 
cowl  leading  edge  shock  merges  with  the  trailing  edge  shock  about  26  percent  of  a  cowl 
length  downstrecim  of  the  cowl. 

The  flow  along  the  curved  upper  nozzle  surface  turns  and  compresses,  like  flow 
along  a  curved  ramp,  and  a  curved  shock  forms  inside  the  nozzle.  An  upwardly  deflected 
shock  behind  the  end  of  the  upper  nozzle  wall  is  evident  (Figs.  25  and  26).  The  Mach 
number  contours  are  shown  in  Fig.  26.  Total  pressure  contours  (Fig.  27)  show  the  down¬ 
ward  deflection  of  the  shear  layer.  The  shock  is  detached  from  the  lower  side  of  the 
cowl  due  to  the  boundary  layer  there.  The  shock  from  the  leading  edge  of  the  cowl 
merges  with  the  shock  from  the  aft  end  about  18  percent  of  the  length  downstream  of 
the  cowl.  An  interior  shock  along  the  upper  wall  turns  the  flow  towards  the  horizon¬ 
tal  axis.  This  interior  shock  is  typical  at  overspeed  conditions.  The  nozzle  flow  is 
underexpanded  (Fig.  28(a));  the  upper  wall  pressure  does  not  follow  the  lower  nozzle 
wall  pressure  but  instead  increases  the  full  length  of  the  nozzle,  even  inside  the 
cowl.  The  Cf  and  Cp  values  are  shown  in  Fig.  28(b)  and  (c)  respectively. 

A  perfect  gas  model  has  been  assumed  in  these  calculations,  and  the  constant  ratio 
of  specific  heats  (y)  has  been  varied  with  flight  Mach  number.  This  assumption  may 
not  be  as  valid  at  high  Mach  numbers  as  at  low  Mach  numbers  and  should  be  further 
investigated . 


Nozzle  Performance 

The  adiabatic  nozzle  efficiency,  N,  is  the  ratio  of  the  nonisentropic  to  isentro- 
pic  expansion  enthalpies  between  the  combustor  exit,  c,  and  the  nozzle  exit,  e.  The 
velocity  coefficient,  Cy,  is  the  ratio  of  the  actual  to  the  isentropic  velocity  and  is 
the  square  root  of  the  efficiency.  The  velocity  coefficient  increases  with  Mach 
number  up  to  Mq  of  10  but  decreases  at  Mq  of  20.  For  example,  Cy  is  0.93  at  Mq 
of  3,  0.98  at  Mq  of  6,  1.0  at  Mg  Of  10  and  0.94  at  Mg  of  20.  The  reported  Cy 
values  peak  at  Mg  of  10  because  the  nozzle  design  Mach  number  is  close  to  10  and 
the  Mg  20  is  an  overspeed  condition  for  this  nozzle.  The  frozen  gas  assumption  has 
been  successfully  used  for  ramjet,  rocket,  and  hypersonic  wind  tunnel  nozzle  flows. 
Because  these  values  might  be  different  with  chemistry  accounted  for,  the  above  Cy 
values  should  be  considered  as  relative.  For  example.  Ref.  11  has  reported  that 
finite-rate  chemical  recombination  of  dissociated  species  affects  scramjet  nozzle 
force  coefficients,  at  Mach  20,  and  that  the  nozzle  flow  analyzed  was  in  vibrational 
equi 1 ibr ium . 


Three-Dimensional,  Single  Expansion  Ramp  Nozzle,  NPR  =  10,  Laminar 

Three-dimensional  solutions  of  a  single  expansion  ramp  nozzle  are  performed  to 
simulate  the  nonaxisymmetr ic  nozzle  flowfield  in  both  internal/external  expansion  re¬ 
gions  and  the  exhaust  plume  in  a  quiescent  ambient  environment.  Two  different  configu¬ 
rations  of  the  nozzle  at  NPR  =  10  are  examined.  They  were  selected  from  t^-e  single 
expansion  ramp  nozzles  experimentally  investigated  by  Re  and  Leavitt^^  to  analyze  the 
effects  of  various  geometrical  parameters  and  pressure  ratios  on  the  nozzles’ 
static  performance. 

The  present  converging/diverging  nozzle  has  a  long  upper  surface  functioning  as  an 
external  expansion  ramp,  with  a  rectangular  cross-section  in  the  internal  nozzle.  The 
edge  of  the  flat  sidewall  is  highly  skewed  at  the  nozzle  exit  to  connect  the  upper  and 
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lower  surface  lips.  The  flow  generated  by  large  streamwise  pressure  differences  ex¬ 
pands  from  near  reservoir  conditions  through  the  nozzle  and  exhausts  supersonically 
into  the  quiescent  air.  The  resulting  flowfield  is  characterized  by  flow  expansion 
Inside  the  nozzle  and  by  exhaust  plume  interaction  with  the  ambient  environment.  In 
particular,  a  strongly  interactive  flow  structure  containing  a  normal  shock,  expansion/ 
compression  wave  reflection,  and  separation  can  occur  along  the  external  expansion 
ramp  of  the  upper  surface.  Aro\ind  this  section,  the  free  shear  layer  emerging  from 
the  lip  of  the  shorter  lower  surface  acts  as  an  artificial  nozzle  wall,  and  its  trajec¬ 
tory  shape  can  alter  the  nature  of  the  flow,  depending  on  the  ambient  conditions  below 
it.  The  wave  structure  initiated  by  the  shear  layer  may  include  an  oblique  shock  or 
an  expansion  fan  emanating  from  the  lower  nozzle  lip.  This  shear  layer  can  also  de¬ 
flect  the  flow  upwards  at  a  high  angle  to  interact  with  the  upper  boundary  layer. 

A  similar  pattern  exists  in  the  spanwise  direction,  where  the  sidewall  creates  a 
vertical  free  shear  surface  starting  at  the  skewed  nozzle  exit.  At  high  Reynolds 
number,  the  shear  layer  behind  a  sharp  or  blunt  trailing  edge  may  not  be  stable;  how¬ 
ever  high  Reynolds  number  interaction  of  the  free  shear  layer  is  even  more  unstable  in 
a  quiescent  external  environment  than  in  a  subsonic  or  supersonic  external  stream. 
Consequently,  a  steady  state  solution  may  not  be  possible  for  certain  flows  with  a 
quiescent  external  stream.  The  three-dimensionality  of  the  flowfield,  its  unsteadi¬ 
ness,  and  stability  considerations  are  some  of  the  complications  of  the  present  prob¬ 
lem,  although  only  steady-state  solutions  are  computed. 

Converged  solutions  are  compared  with  the  experimental  measurements  for  the 
pressure  distributions  on  the  upper  and  lower  nozzle  surfaces.  The  configuration  of 
the  nozzle  (Fig.  29)  has  an  upper  two-dimensional  flap  and  a  shorter,  lower  two- 
dimensional  flap,  both  flat  in  the  spanwise  direction.  Part  of  the  upper  flap  extend¬ 
ing  from  the  throat  area  functions  as  an  external  expansion  ramp.  The  edge  of  the  ver¬ 
tical  sidewall  is  highly  inclined.  This  arrangement  gives  a  rectangular  cross  section 
parallel  to  the  exit  plane  aligned  with  the  tilted  edge.  Intersections  of  the  tilted 
edge  and  the  upper  and  lower  nozzle  walls  normally  occur  upstream  of  the  ends  of  the 
wall  surfaces. 

Two  nozzle  configurations  are  examined  (Pig.  30)  with  identical  lower  flaps  and 
sidewalls  and  a  nozzle  aspect  ratio  of  width  to  height  of  4,  with  the  height  measured 
at  the  throat.  Note  that  the  flow  expands  to  a  lower  pressure  in  case  2  because  the 
external  expansion  ramp  is  longer.  The  flat  sidewall  is  assumed  to  have  a  very  thin 
thickness  (0.0058  cm). 

All  boundary  conditions  are  treated  explicitly.  Since  a  plane  of  symmetry  exists 
in  the  spanwise  z-direction,  only  half  of  the  nozzle  flowfield  is  computed.  Symmetry 
conditions  are  specified  on  this  centerplane.  No-slip  velocity  and  an  adiabatic  wall 
temperature  are  imposed  on  the  nozzle  surfaces.  In  the  farfield,  still  air  conditions 
at  101.3  kPa  and  300  °K,  are  fixed  at  the  upper  and  lower  boundaries  in  the  vertical 
y-direction  sufficiently  far  away  from  the  nozzle;  similar  boundary  conditions  are 
imposed  at  the  farfield  in  the  spanwise  direction.  In  the  streamwise  x-direction,  a 
stagnation  pressure  of  1013  kPa  and  a  stagnation  temperature  of  300  "K  are  specified 
at  the  nozzle  entrance.  Other  variables  at  this  location  are  computed  using  the  isen- 
tropic  relationships  and  a  characteristic-like  condition  extrapolated  from  the  inte¬ 
rior.  At  the  outflow  boundary,  streamwise  flux  gradients  are  assumed  to  be  negligible. 

For  normalization,  stagnation  quantities  at  the  nozzle  entrance  ate  taken  as  the 
reference  variables.  The  nozzle  throat  height  and  the  speed  of  sound  are  the  refer¬ 
ence  length  and  velocity,  respectively.  The  Reynolds  number  is  computed  based  on 
these  values.  The  reference  temperature,  pressure  and  length  are  taken  to  be  300  "K, 
1013  kPa,  and  2.54  cm,  respectively.  The  corresponding  Reynolds  number  is  5.618  mil¬ 
lion. 


Grid 


The  simulated  flow  includes  the  nozzle  interior  and  exterior,  which  contains  the 
downstream  exhaust.  Since  the  nozzle  has  a  symmetrical  plane  at  the  middle  in  the 
spanwise  direction,  the  spanwise  regions  include  the  interior  half  of  the  nozzle  and 
the  flow  exterior  to  the  sidewall.  The  complete  domain  is  then  divided  correspondingly 
into  subsections  to  simplify  grid  generation  using  an  algebraic  technique.  To  resolve 
the  viscous  layers,  hyperbolic  tangent  functions  are  used  to  cluster  grid  points  in 
regions  near  the  walls.  Patching  these  separate  segments  produces  a  final  sheared  grid 
in  Cartesian  coordinates. 

Figure  31 (a)  illustrates  a  view  of  the  nonuniform  grid  in  the  x-,  y-plane  along 
the  streamwif  .  direction.  The  grid  clusters  near  the  wall  surfaces  to  the  exhaust 
region  behind  the  inclined  nozzle  exit.  Figure  31(b)  presents  a  detailed  view  of  the 
same  grid  showing  a  high  degree  of  grid  nonorthogonality,  particularly  next  to  the 
exit.  The  skewed  grid  lines  result  since  one  of  the  vertical  curvilinear  coordinates 
aligns  with  the  sidewall  tilted  edge  to  simplify  the  application  of  the  boxmdary  condi¬ 
tions.  Spanwise  views  of  the  grid  distribution  in  the  y-  z  plane  are  shown  at  two  dif¬ 
ferent  axial  locations  inside  the  nozzle  (Fig.  32(a))  and  downstream  in  the  exhaust 
plume,  (Fig.  32(b)).  The  vertical  coordinates  cluster  about  the  interior  and  exterior 
surfaces  of  the  sidewall,  and  are  not  on  a  plane  with  constant  x-coordinate . 

The  flow  starts  from  the  nozzle  entrance,  X  «  0,  where  the  total  pressure  is  pre¬ 
scribed,  expands  through  the  converging/diverging  and  external  ramp  sections,  and 
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exhausts  into  the  dovmstream  low  pressure  region,  which  is  bounded  by  quiescent  bound¬ 
aries  far  from  the  nozzle.  The  farfield  computational  boundaries  are  approximated  at 
distances  of  25,  10,  and  8  characteristic  lengths  in  the  x-,  y-  and  z-directions,  re¬ 
spectively.  The  solutions  discussed  below  have  been  computed  on  a  135  by  120  by  50 
grid  for  both  cases.  Of  these,  60  by  40  by  30  grid  points  are  employed  in  the  nozzle 
interior.  The  smallest  grid  is  on  the  order  of  0.001  near  the  wall  regions  for  the  y- 
and  2-directions.  This  grid  gives  typically  two  to  four  subsonic  points  in  the  domi¬ 
nant  supersonic  viscous  layers.  For  the  x-direction,  the  grid  is  slightly  refined 
near  the  nozzle  exit  and  is  on  the  order  of  0.01.  In  the  figures  discussed  below,  i 
and  1  indicate  the  streamwise  and  spanwise  grid  indices  respectively,  while  x  and 
z  represent  the  corresponding  nondimens ional  coordinates. 


Case  1 : 

The  converged  result  of  the  first  case  is  presented  with  Mach  number,  density, 
and  pressure  contours  at  several  streamwise  and  spanwise  cross  sections;  contours  are 
in  equally  spaced  increments  over  the  entire  range  of  values  unless  otherwise  noted. 
Mach  number  contours  on  the  center  plane  (Fig.  33(a))  show  a  typical  exhaust  plume  con¬ 
taining  a  steady-state,  multiple  inviscid  cell  pattern  in  the  supersonic  exhaust 
core.  The  flow  is  sonic  at  the  throat  and  highly  supersonic  at  the  exit.  The  first 
inviscid  cell  appears  very  irregular  and  is  bounded  by  an  expansion/compression  wave 
system.  Because  of  the  inclined  trajectory  of  the  exhaust  plume,  the  Mach  waves  ema¬ 
nate  from  the  ends  of  the  flap  surfaces,  where  the  upper  and  lower  free  shear  layers, 
which  depart  from  the  nozzle  walls  at  different  angles,  become  the  expansion  and  com¬ 
pression  ramps.  The  lower  shear  layer  is  very  diffusive  and  largely  due  to  lack  of 
grid  resolution  along  this  shear  layer.  The  first  cell  has  an  average  Mach  number  of 
2.7,  while  the  Mach  numbers  near  the  cell  centers  of  the  next  two  cells  are  about  2.3 
and  2.0,  respectively,  showing  a  gradual  decay  of  the  core  center  velocities.  The 
core  cells  reduce  in  size  and  numbers  towards  the  sidewall,  (Figs.  33(b)  to  (d))  whose 
effects  become  pronounced  (Fig.  33(d))  with  the  appearance  of  the  initial  vertical 
shear  layer.  The  flow  Inside  the  nozzle  has  very  thin  viscous  layers  next  to  the 
walls,  particularly  on  the  lower  surface,  and  thus  appears  predominantly  inviscid. 

The  spanwise  contour  views  are  shown  in  Figs.  34(a)  to  (d).  Figure  34(a) 
presents  Mach  contours  at  an  axial  station  in  the  nozzle  area,  where  the  clustered 
regions  indicate  the  upper,  lower,  and  sidewall  surfaces.  The  contours  in  Fig.  34(b) 
are  located  on  the  external  expansion  ramp.  The  structure  includes  the  lower  shear, 
thin  vertical  shear,  and  upper  boundary  layers.  In  the  exhaust  region,  these  free 
shear  layers  become  thicker  with  downstream  distance  (Figs.  34(c)  to  (d))  in  which  the 
plume  boundaries  are  evident.  The  density  contours  at  the  center  plane  and  on  the 
plane  next  to  the  sidewall  (Figs.  35(a)  to  (b))  show  a  pattern  very  much  like  Mach  con¬ 
tours  but  out  of  phase.  Density  variation  is  also  small  across  both  shear  layers. 

This  same  variation  occurs  for  the  pressure  (Fig.  36)  which  decays  quickly  to  the 
ambient  value.  The  contours  (Figs.  35(a)  and  36)  show  a  weak  wave  system  in  the 
exhaust  core,  particularly  after  the  first  inviscid  cell.  Figures  37(a)  and  (b),  and 
38  depict  typical  density  and  pressure  contours  in  the  spanwise  direction,  plotted  with 
smaller  increments  for  clarity.  Note  that  large  variations  in  density  and  pressure 
occur  inside  the  nozzle,  and  the  exhaust  flow  does  not  deviate  much  from  the  perfectly 
expanded  condition.  Finally,  comparison  made  with  the  measured  data  (Figs.  39(a)  to 
(b))  for  the  upper  and  lower  surfaces  in  the  center  plane  show  good  agreement  for  wall 
pressure  distributions. 


Case  2 : 

Solution  of  the  second  case  is  also  presented  in  terms  of  the  contours  of  the  flow 
variables.  Figures  40(a)  to  (d)  depict  the  basic  flow  pattern  of  the  supersonic 
exhaust  into  quiescent  air.  For  this  geometry,  the  upper  plume  boundary  is  well-defined 
by  the  very  thin  free  shear  layer  which  follows  the  upper  nozzle  contour,  and  remains 
nearly  at  this  height  downstream.  The  other  shear  layer  is  also  deflected  downwards 
and  is  diffusive.  Although  the  flow  expands  to  about  the  same  maximum  Mach  number  in¬ 
dicated  in  case  1,  the  supersonic  inviscid  core  (Fig.  41(a))  is  more  extensive.  As  a 
result,  the  fluctuating  decrease  of  the  core  center  velocities  becomes  smaller.  More¬ 
over,  the  flow  is  highly  asymmetric  along  the  exliaust  center  line.  The  sidewall 
(Fig.  41(d))  causes  the  initial  development  of  the  vertical  shear  layer,  which  curves 
irregularly  towards  the  center  plane  as  it  progresses  downstream  since  the  spanwise 
velocity  component  is  large  and  positive  in  the  initial  region  of  the  vertical  shear 
layer,  but  becomes  small  and  negative  downstream.  The  flow  behind  the  inclined  exit 
consists  of  two  small,  separate  supersonic  regions  next  to  the  exit  plane. 

Spanwise  views  of  Mach  contours  at  various  axial  locations  are  given  in 
Figs.  41(a)  to  (d).  The  interior  cross-sectional  view  (Fig.  41(a))  shows  a  thicker  ex¬ 
pansion  layer  in  the  lower  half  of  the  nozzle.  Figures ’ (41(b)  to  (d))  depict  the  con¬ 
tours  at  the  axial  plane  on  the  external  ramp  region  and  the  planes  in  the  exhaust 
region.  Density  and  pressure  contours  in  the  streamwise  planes  are  shown  in 
Figs.  42(a)  to  (b),  and  43.  A  clear  indication  of  the  compression/expansion  wave  re¬ 
flection  can  be  observed  at  the  first  cell  boundary  Figs.  42(a)  and  43  after  which  the 
wave  structure  then  becomes  very  weak  with  downstream  distance.  Spanwise  variations 
of  density  and  pressure  are  illustrated  in  Figs.  44(a)  to  (b)  and  45.  Comparison 
between  the  numerical  prediction  and  experiment  (Figs.  46(a)  to  (b))  show  very  good 
agreement  for  the  wall  pressure  distributions  in  the  center  plane. 
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SUMMARY  OF  RESULTS 

The  PARC3D  computer  code  has  been  validated  using  a  number  of  two-  and  three- 
dimensional  configurations  with  both  laminar  and  turbulent  flows.  The  validation  data 
used  included  wall  pressures,  velocity  profiles,  and  shin  friction.  The  validation 
data  cover  Mach  3  to  14  with  shock-boundary  layer  interaction  and/or  boundary  layer 
separation. 

Two-dimensional  nozzle  flowfields  were  computed  and  overall  performance  for  a  re¬ 
presentative  scramjet  nozzle  from  Mach  3  to  20.  Matching  the  external  pressure  at  the 
cowl  exit  is  necessary  to  avoid  waves  in  the  nozzle.  At  Mq  of  3  and  6  the  nozzle 
flow  is  overexpanded  and  shocks  are  inside  the  nozzle,  while  the  shear  layer  is  de¬ 
flected  upward.  The  laminar  Mq  =  3  nozzle  flowfield  showed  a  massive  separation  on 
the  upper  ramp  surface,  whereas  the  turbulent  solutions  showed  only  a  small  separa¬ 
tion.  At  Mo  of  10  and  20  the  nozzle  flow  is  underexpanded  and  shocks  are  outside  the 
nozzle,  while  the  shear  layer  is  deflected  downward.  At  Mq  =  20,  a  shock  forms  inside 
the  nozzle  along  the  upper  wall  to  deflect  the  flow  from  the  radial  to  the  horizontal 
direction. 

Three-dimensional  solutions  were  obtained  for  two  asymmetric,  single  expansion 
ramp  nozzles  at  a  pressure  ratio  of  10.  The  computed  flow  consists  of  the  internal  ex¬ 
pansion  region  in  the  converging/diverging  sections  and  the  external  supersonic  exhaust 
in  a  quiescent  ambient  environment.  The  fundamental  characteristics  of  the  flowfields 
for  the  prescribed  flow  conditions  were  predicted  successfully  and  include  expansion 
fans;  Mach  wave  reflections;  mixing  layers;  and  nonsymmetrical ,  multiple  inviscid. cell, 
supersonic  exhausts.  Comparison  with  experimental  data  for  wall  pressure  distributions 
at  the  center  planes  shows  good  agreement. 
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FI6URE  11.  -  3.  VELOCITY  VECTORS. 


FIGURE  12.  -  mCH  3*  MACH  NUMBER  CONTOURS. 
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FI6URE  17.  -  HACH  6,  VELOCITY  VECTOHS. 
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FIGURE  71.  -  mCH  10.  VELOCITY  VECTORS. 


A  0.00 
B  1.01 
C  2.03 
D  3.05 
£  <1.07 

F  5.08 
6  6.10 
H  7.12 
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FIGURE  23.  -  WCH  10.  TOTAL  PRESSURE  CONTOURS. 
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Discussion 


WEYER 

Did  you  study  the  details  of  the  free  shear  layers  -  using  the  computer 
code  -  and  what  type  of  vorticity  exists  within  supersonic  free  shear  layers? 

AUTHOR'S  REPLY 

The  details  of  the  free  shear  layers  have  been  qualitatively  and 
quantatively  studied.  The  turbulence  model  used  accounts  for  the  changing 
length  scale  associated  with  the  vorticity  distribution  within  tiie  spreading 
shear  layer.  However,  adequate  representation  of  the  shear  layer  spread  rate 
and  vorticity  are  incompletely  understood  at  hypersonic  velocities. 

ONOFRI 

You  showed  test  cases  for  high  Mach  number  flows  with  shocks.  Do  you 
think  that  chemical  Kinetics  and  real  gas  effects  play  a  substantial  role  in 
these  cases?  What  should  be  their  influence  on  the  propulsive  parameters? 

AUTHOR'S  REPLY 

The  paper  presents  flowfields  using  a  constant  property  model.  The  ratio 
of  specific  heats  and  gas  constant  were  changed  with  flight  conditions. 
Results  for  variable  real  gas  properties  are  outside  the  scope  of  the  current 
paper.  Including  real  gas  effects  will  decrease  the  performance  compared  to 
constant  property  predictions. 

HIRSCH 

You  mentioned  the  use  of  a  "modified  Baldwin-Lomax"  model.  Could  you 
comment  on  this  and  specify  the  modifications  introduced. 

AUTHOR'S  REPLY 

The  modifications  to  the  Baldwin-Lomax  model  are  necessary  to  account  for 
compressibility  effects  and  for  shear  layers.  The  compressibility  corrections 
can  be  found  in  reference  "Hypersonic  Turbulent  Wall  Boundary  Layer 
Computations"  by  S.  Kim  and  G.  Harloff,  AIAA  88-2829  AIAA/ASME/SAE/ASEE  It. 
Propulsion  Conference  Boston,  Mass.,  July  11-12  1988  or  NASA  CR-182147  May 
1988.  The  modification  for  free  shear  layer  is  necessary  because  the 
Baldwin-Lomax  model  was  developed  for  wall  boundary  layers. 

SCHWAB 

Based  on  the  results  obtained  for  the  2D-SERN  nozzle  configuration  what 
is  the  nozzle  performance  (gross  thrust  coefficient  for  the  flight  Mach 

number  cases  presented?  Remark  :  I  could  not  find  the  pertinent  graph  in  the 
paper. 

AUTHOR'S  REPLY 

The  computed  nozzle  velocity  coefficients  for  numbers  3,  6,  10  and  20  are 
.93,  .98,  1.0  and  .99  respectively.  These  are  listed  in  the  paper  under 

"Nozzle  performance",  and  should  be  considered  to  be  qualitative.  Real  gas 
effects  and  grid  adaptation  would  probably  change  these  values. 
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SUMMARY 

In  this  paper,  a  method  based  on  the  theory  of  characteristics  is  presented  for  two- 
dimensional,  supersonic  nozzle  design.  Individual  nozzle  configurations  for  different 
applications  are  obtained  by  combining  the  geometric  attributes  of  the  symmetric,  single 
expansion  ramp,  and  Prandtl-Meyer  type  expansion  nozzles.  Corresponding  to  the  design 
criteria,  such  as  minimum  length  and  optimum  thrust  efficiency,  relations  between  de¬ 
sired  properties  of  the  flow  field  and  nozzle  geometry  parameters  are  found,  and  a  fami¬ 
ly  of  length-optimized,  two-dimensional,  supersonic  nozzles  is  defined.  The  method  can 
be  applied  for  the  design  of  wind  tunnel  and  steam  turbine  nozzles  as  well  as  for  thrust 
nozzle  design  of  high  Mach  number  aircraft. 


NOTATIONS 


C'*',  C“  left-,  right-running  characteristics 

f  factor;  defining  initial  turn  angle  at  lower  nozzle  wall 

H  vertical  displacement  of  medium  stream  line  from  nozzle  throat  to  exit 

L  length  of  nozzle  wall 

M  Mach  number 

X  axial  coordinate 

y  vertical  coordinate 

a  flow  angle  at  nozzle  throat 

3  total  concave  wall  turn  angle  between  sharp  corner  and  nozzle  exit 

V  ratio  of  specific  heats 

6  initial  turn  angle  at  nozzle  wall  (sharp  corner  angle) 

e  flow  angle 

Mach  angle;  =  ^l(M) 

V  Prandtl-Meyer  function;  =  v  (M,‘Y  ) 


SUBSCRIPTS 

E  design  condition  at  nozzle  exit 

1  lower  nozzle  wall 

max  maximum  value 

min  minimum  value 

u  upper  nozzle  wall 

w  wall 


1.  INTRODUCTION 

The  exhaust  nozzle  for  high  Mach  number  fighter  aircraft  is  one  of  the  most  crucial  and 
challenging  components  of  the  propulsion  system.  The  design  requirements  for  the  nozzle 
are  high  performance,  flexibility,  and  integration  with  the  airframe;  this  leads  to 
multi-functional  nozzle  systems  with  thrust  vectoring  and  thrust  reversing.  Thrust  nozz¬ 
le  systems  currently  investigated  Include  two-dimensional,  rectangular  nozzle  configura¬ 
tions;  references  /!/  -  /4/. 

For  hypersonic  aircraft,  the  requirements  for  exhaust  nozzle  design  are  similar.  The 
nozzle  pressure  ratio  varies  from  3  at  take-off  to  approximately  800  for  Mach  7;  the 
nozzle  throat  area  must  be  variable  by  a  factor  5.  Especially  for  transonic  and  high 
Mach  number  flight,  high  nozzle  thrust  efficiency  is  necessary  to  meet  the  operational 
requirements  of  the  aircraft.  Additionally,  integration  constraints  are  very  high;  in 
order  to  reduce  weight  of  the  aircraft/propulsion  system,  the  lower  aft  end  of  the  fuse¬ 
lage  must  act  as  a  part  of  the  upper  nozzle  wall.  These  requirements  can  be  acco-\plished 
by  two-dimensional,  asymmetric  nozzle  configurations  ;  references  /5/  -  /8/. 

The  first  step  in  nozzle  design  is  the  determination  of  ideal,  two-dimensional  nozzle 
shapes.  Generally,  this  is  accomplished  by  using  an  algorithm  based  on  the 
method-of-characteristics;  the  isentropic  wall  contours  obtained  from  this  first  step 
form  the  basis  for  further  design  work.  In  order  to  meet  the  performance  and  Integration 
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requlrenents  for  the  nozzle,  the  ideal  wall  contours  must  be  cut  back,  and  an  optimum 
contour  adjustment  for  the  variation  of  ramp  angles  and  throat  area  must  be  achieved. 

In  literature,  e.g.  references  /3/  and  /7/,  rectangular  nozzle  design  for  high  Mach 
number  aircraft  is  based  on  two  ideal  configurations,  the  symmetric  (2DCD)  nozzle  and 
the  single  expansion  ramp  (SEKM)  nozzle.  In  order  to  extend  the  nujiber  of  basic  configu¬ 
rations  in  view  of  integration  requirements  for  different  applications,  a  nozzle  design 
method  is  presented  in  this  paper  resulting  in  individual,  length-optimized  nozzle  geo¬ 
metries  . 


2.  DESIGN  CONDITIONS 

The  discussed  method  for  nozzle  design  is  based  on  the  theory  of  characteristics;  only 
the  supersonic  part  of  the  nozzle  from  throat  to  exit  is  Investigated.  This  is  possible 
since  the  supersonic  flow  field  is  independent  of  conditions  upstream  of  the  sonic  line. 
The  convergent,  subsonic  portion  should  be  designed  to  produce  approximately  the  assumed 
shape  of  the  sonic  line  at  the  nozzle  throat;  references  /9/  and  /lo/. 

In  Fig.  2.1,  desired  properties  of  the  flow  field  and  nozzle  geometry  parameters  are 
defined.  The  axial  lengths  of  the  lower  and  upper  nozzle  walls,  and  Lq,  as  well  as 
the  vertical  displacement  of  the  medium  streeus  line  from  throat  to  exit,  H,  are  normali¬ 
zed  by  the  width  of  the  throat. 


Fig.  2.1:  Desired  Flow  Field  Properties  and  Nozzle  Geometry  Parameters 


The  definition  of  the  family  of  optimized  2-D  supersonic  nozzles  is  based  on  the  follo¬ 
wing  assumptions: 

-  parallel  and  uniform  flow  at  the  nozzle  exit,  characterized  by  the  desired  Mach  number 
Mg  and  the  flow  angle  e  «  0; 

-  parallel,  uniform  and  sonic  flow  at  the  nozzle  throat,  characterized  by  the  flow  angle 
0  =  a; 

-  two-dimensional,  Irrotatlonal,  Isentropic  flow; 

-  perfect  gas,  characterized  by  the  ratio  of  specific  heats Y  . 

For  each  combination  of  the  listed  design  parameters  M^,  a  and  Y,  the  expansion  of  flow 
from  throat  to  exit  can  be  realized  by  innumerable  nozzle  configurations.  The  objective 
of  the  described  design  method  is  to  limit  the  number  of  possible  configurations  to 
cases  with  length-optimized  wall  contours.  However,  the  minimization  of  nozzle  overall 
length  is  only  part  of  this  investigation.  In  consideration  of  applications  for  various 
integration  aspects,  emphasis  is  put  on  optimized  nozzle  geometries  with  different  ra¬ 
tios  of  lower  to  upper  wall  length.  Therefore,  to  define  the  complete  design  problem,  an 
additional  design  parameter  is  necessary  which  is  Introduced  in  Section  4. 

As  noted  above,  a  straight  sonic  line  at  the  throat  is  assumed  for  the  described  design 
method.  According  to  reference  /ll/,  the  assumption  of  sonic  line  shape  shows  only  a 
small  influence  on  the  determined  wall  length  for  high  design  Mach  numbers  at  the  nozzle 
exit.  For  two-dimensional,  symmetric  nozzles,  a  comparison  between  results  of  design 
methods  with  straight  and  circular  arc  sonic  lines  is  given  in  reference  /9/;  the  method 
based  on  a  curved  sonic  line  results  in  about  13  %  longer  wall  contours. 
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In  order  to  provide  the  required  Increase  In  area  and  the  change  In  flow  direction  bet¬ 
ween  nozzle  throat  and  exit,  the  curvature  of  the  wall  contours  domstrean  of  the  throat 
Bust  be  first  convex,  and  then  concave.  For  the  presented  method,  the  nozzles  are  de¬ 
signed  as  sharp-corner  nozzles;  the  convex  part  of  the  contours  is  contracted  to  a  sharp 
comer  at  the  throat.  This  results  in  nozzle  geometries  with  the  smallest  ratio  of  wall 
length  to  throat  width;  reference  /lO/.  The  sharp  corners  at  the  throat  are  defined  by 
the  Initial  turn  angles  of  the  lower  and  upper  nozzle  walls,  and  6u* 

With  regard  to  boundary  layer  considerations,  a  substitution  of  the  sharp  comers  by 
circular  arcs  of  small  radius  is  possible  without  significant  consequences  for  the  de¬ 
termined  nozzle  geometry. 

To  give  further  definitions,  Mach  waves  of  a  general,  length-optimized  nozzle  are  shown 
in  Fig.  2.2.  At  the  sharp  corners,  centered  expansion  waves  are  generated.  The  initial 
wall  turn  angles  and  the  strength  of  the  expansion  fans,  respectively,  are  related  to 
the  design  parameters;  the  determination  of  these  sharp  comer  properties  is  one  of  the 
key  problems  of  supersonic  nozzle  design. 


Fig.  2.2: 

Mach  Waves  of  a  Length-Optimized  Nozzle 


The  kernel  or  expansion  region  of  the  nozzle,  where  right-  and  left-running  expansion 
waves  are  present,  is  given  by  the  zone  a-g-e-d-a.  The  simple  wave  or  straightening 
regions  with  only  one  type  of  expansion  waves  are  defined  by  the  zones  a-b-c-g-a  and 
e-f-g-e;  at  their  wall  portions  a-b-c  and  e-f,  expansion  waves  which  are  incident  on  a 
contour  are  extinguished  by  proper  concave  wall  curvature  design.  Finally,  the  desired 
parallel  and  uniform  exit  flow  of  the  nozzle  is  realized  downstream  of  the  straight  wave 
segments  c-g  and  g-f. 

The  MOC  (method-of-characterlstics)  equations  for  two-dimensional,  irrotational ,  su¬ 
personic  flow  of  a  perfect  gas  can  be  written  as 

dv  +  da  =  0  ;  dy/dx  =  tan  (e-p,)  (2.1a,b) 

dv  -  da  =  0  ;  dy/dx  =  tan  (e+p)  (2.2a,b) 

Eqs,  (2.1)  are  valid  for  right-running  (C") ,  and  Eqs.  (2.2)  for  left-running  (C'*')  cha¬ 
racteristics;  the  principle  procedure  for  MOC-calculatlon  is  given  in  references  /lO/, 
/12/  and  /13/. 

According  to  Prandtl-Meyer  theory,  the  flow  conditions  at  the  walls  immediately  down¬ 
stream  of  the  sharp  corners  (points  a  and  d)  are  dr^emlned  by 

Va  =  6u  ;  83  =  a+  Sy  (2.3a,b) 

Vd  =  61  ;  ad  =  a-  6^  (2.4a,b) 

From  the  flow  direction  at  the  nozzle  throat  and  the  initial  wall  turn  angles,  the  total 
turn  angles  of  the  concave  wall  contours,  between  the  sharp  corners  and  the  nozzle  exit, 
are  given  by  the  geometrical  relations 

Pu  =  6u  +  a  (2.5) 

Pi  =  61  -  a  (2.6) 

To  get  more  information  on  requirements  for  length-optimized  nozzle  configurations, 
three  well-known  nozzle  geometries  are  analysed  in  the  following  section. 


3.  ATTRIBUTES  OF  WELL-KNOWN  2-D  NOZZLES 
Case  1;  Symmetric  Nozzle  ( a  =  0) 

In  Fig.  3.1,  Mach  waves  and  stream  lines  of  a  two-dimensional,  symmetric  nozzle  are 
shown.  This  type  of  minimum-length  nozzle  is  described  in  references  /9/,  /lO/,  /12/  and 
/13/. 
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Fig.  3.1;  Flow  Field  of  the  Syvnetric  Nozzle  -  case  1 


To  realize  ninimum  length  of  the  nozzle  walls,  reflections  of  the  expansion  waves  at  the 
walls  are  avoided;  the  waves  emerging  from  the  sharp  comers  are  extinguished  when  they 
are  incident  on  the  opposite  wall.  The  wall  points  of  the  nozzle  exit  (b  and  f)  are 
defined  by  the  final  waves  of  the  expansion  fans,  a-f  and  d-b;  for  that  reason,  the 
points  b  and  c  as  well  as  d  and  e  are  identical. 

Since  e  -  0  at  tt.s  nozzle  exit,  integration  of  Eg.  2.1a  for  the  right-running  wave  a-f 
gives 

Va  +  0a  ”  Vf  =  Vg  (3.1) 

where  vg  =  v(Me, V  ) . 

From  Eqs.  (2.3)  and  (3.1),  and  since  a  =  0  at  the  throat,  the  initial  turn  angle  of  the 
upper  wall  can  be  determined  by 

6u  =  ve/2  (3.2a) 

Furthermore,  from  Eg.  2.5,  the  total  turn  angle  of  the  upper,  concave  wall  conto;ur  is 
given  by 


Pu  “  ''e/2 


(3.2b) 


Application  of  Egs.  2.2a,  2.4  and  2.6  for  the  left-running  expansion  wave  d-b  leads  to 
the  following  relations  for  the  lower  wall 

Vd  “  0d  =  ''b  *  ''e  (3*3) 

6i  =  Ve/2  (3.4a) 

Pi  -  Ve/2  (3.4b) 


Case  2;  Single  Expansion  Ramp  Nozzle  ( a  =  0) 

The  centre  line  of  the  symmetric  nozzle  is  a  stream  line,  and  can  be  replaced  by  a 
straight  wall.  This  leads  to  the  asymmetric  nozzle  configuration  which  is  shown  in  Fig. 
3.2. 


Fig.  3.2:  Flow  Field  of  the  Single  Expansion  Ramp  Nozzle  -  Case  2 

For  this  type  of  nozzle,  a  sharp  comer  is  only  existing  at  the  upper  wall;  the  expan¬ 
sion  waves  generated  at  this  comer  are  totally  reflected  when  they  are  incident  on  the 
lower  wall.  The  exit  of  the  nozzle  is  defined  by  the  wave  e-c;  the  points  e,  f  and  g  as 
well  as  c  and  b  are  coincident  in  location  and  flow  properties. 

The  geometrical  data  of  the  upper  wall  are  the  same  as  for  the  symmetric  nozzle,  except 
for  the  dimensions  which  must  be  doubled  due  to  the  assumed  reduction  of  throat  width. 
Therefore,  the  wall  angles  are  given  by 

6u  ”  ''e/2  }  Pu  “  ''e/2 
-  0  ;  Pi  »  0 


(3.5a,b) 

(3.6a,b) 
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Caaa  3;  Prandtl-Neyer  Type  Expansion  Nozzle  ( a •  v^) 

In  Fig.  3.3,  Mach  waves  and  stream  lines  of  a  nozzle  configuration  for  a  ••  are  shown. 
The  flow  is  accelerated  and  turned  by  an  expansion  fan  which  is  generated  at  a  sharp 
comer  of  the  lower  wall.  Downstream  of  the  last  wave  d-b,  the  exit  flow  conditions  of 
the  nozzle  are  obtained.  Expansion  waves  which  are  incident  on  the  upper  wall  are  can¬ 
celled.  The  points  d,  e,  f  and  g  as  well  as  b  and  c  are  identical. 

Since  there  is  no  change  in  slope  at  point  a  of  the  upper  wall,  the  geometry  of  this 
wall  can  be  described  by 

6u  ”  0  ;  Pu  *  (3.7a,b) 

From  Eqs.  2.4  and  2.6,  and  since  a-  Vg,  the  properties  of  the  lower  wall  are  determined 
by 


6i  -  a  ;  Pi  =  0 


(3.8a,b) 


Fig.  3.3:  Flow  Field  of  the  Prandtl-Meyer  Type  Expansion  Nozzle  -  Case  3 


With  regard  to  boundary  layer  behaviour  and  thrust  efficiency,  one  purpose  of  the  design 
of  optimized  nozzle  geometries  is  to  avoid  compression  or  shock  waves  within  the  nozzle 
area.  By  means  of  the  descrllaed  nozzle  configurations,  further  design  requirements  can 
be  established  in  order  to  obtain  minimum  length  of  the  lower  and  upper  nozzle  walls: 

-  Unnecessary  reflections  of  expansions  waves  at  the  walls  must  be  avoided. 

-  The  concave  curvature  of  the  longer  wall  must  result  in  cancellation  of  all  expansion 
waves  which  are  Incident  on  this  wall.  For  the  defined  direction  of  a  ,  and  the 
condition  that  compression  or  shock  waves  must  be  avoided,  the  upper  wall  is  the  lon¬ 
ger  one;  >  Lx  is  also  assumed  for  asymmetric  configurations  and  a  =  0. 

-  Since  all  expansion  waves,  incident  on  the  upper  wall,  are  cancelled,  the  end  of  the 
lower  wall  must  be  defined  by  the  final  wave  emerging  from  the  sharp  comer  of  the 
upper  wall.  Therefore,  the  initial  wall  turn  angle  of  the  upper  wall  can  be  determined 
immediately. 

-  Reflections  of  expansion  wcves  at  the  lower  wall  must  be  realized  without  changing  the 
strength  of  these  waves;  therefore,  the  corresponding  portion  of  the  lower  wall  must 
be  designed  as  a  straight  contour. 

In  consideration  of  the  listed  design  requirements,  the  nozzle  geometries  described  in 
this  section  form  the  edge-points  of  a  class  of  optimized  nozzle  configurations;  these 
points  are  defined  by  limitations  for  the  flow  angle  at  the  throat  and  the  initial  turn 
angle  at  the  lower  wall. 

The  flow  angle  at  the  nozzle  throat  is  limited  to 

a=  0 - Vg  (3.9) 

For  a  <  0,  nozzle  design  results  in  configurations  identical  to  those  for  a  >  0.  For  a  > 
VE,  the  desired  exit  flow  of  the  nozzle  could  only  be  realized  if  compression  or  shock 
waves  are  contained  in  the  nozzle  flow  field. 

For  a  •  0,  the  initial  turn  angle  of  the  lower  wall  is  limited  to 

6i  -  0  . . . .  6u  (3.10) 

where  6u  -  vg/2.  By  means  of  the  Fig.  3.1  and  3.2,  it  can  be  easily  checked  that,  for 
the  assumed  nozzle  exit  flow,  6x<  0  orS^  >  ^u  will  result  in  compression  or  shock 


For  a  *  vg,  the  nozzle  geometry  shorn  in  Fig.  3.3  (6x  •a)  is  the  only  configuration  for 
a  flow  field  without  shock  waves. 
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4.  FAMILY  OF  OPTIMIZED  2-D  NOZZLES 

To  define  a  family  of  length-optimized  nozzle  configurations,  the  attributes  of  the 
nozzles  presented  in  Section  3  are  combined.  In  Fig.  4.1,  expansion  waves  and  stream 
lines  of  a  coaiblned  nozzle  are  shown. 


alVt  =  OA 

Fig.  4.1:  Flow  Field  of  a  Combined  Nozzle 


Since  the  final  wave  originating  from  the  sharp  corner  of  the  upper  wall  ends  at  the 
lower  wall  point  f,  the  initial  turn  angle  of  the  upper  wall  can  be  determined.  Integra¬ 
tion  of  Eg.  2.1a  for  the  expansion  wave  a-f,  and  application  of  Egs.  2.3  result  in 

6u  =  Ve/2  .  (1  -a/vg)  (4.1a) 

From  Eg.  2.5,  the  total  concave  turn  angle  of  the  upper  wall  can  be  calculated  by 

Pu  =  a  +  ve/2  •  (1  -a/vg)  {4.1b) 

The  initial  turn  angle  of  the  lower  wall  is  not  clearly  defined;  as  shown  in  section  3 
for  a  »  0,  this  angle  can  be  varied  within  certain  limits  to  realize  different  ratios  of 
lower  to  upper  wall  length.  The  limits  of  are  determined  as  follows: 

-  The  minimum  value  of  6x  is  given  by 

6l,min  ”  ® 

This  results  in  a  straight  and  horizonal  contour  of  the  lower  nozzle  wall  between 
sharp  comer  and  exit. 

-  The  maximum  value  of  6x  can  be  determined  for  the  assumption  that  the  end  of  the  upper 
wall  is  defined  by  the  final  expansion  wave  generated  at  the  lower  wall  (point  b  in 
Fig.  4.1).  Then,  integration  of  Eg.  2.2a  for  the  left-running  wave  d-b,  and  applica¬ 
tion  of  Egs.  2.4  and  4.1a  result  in 

6l,max  •  a  +  ''e/z  •  (1  -a/VE)-a  +  6u  (<-3) 

Again,  for  6x  <  or  6i  >  6 1, max'  nozzle  exit  flow  conditions  could  only  be 

obtained  if  compression  or  shock  waves  are  existing  within  the  nozzle  flow  field. 

As  depicted  in  Fig.  4.1,  in  general,  the  strength  of  the  lower  wall  expansion  fan  is  not 
sufficient  to  define  the  end  of  the  upper  wall  at  point  b.  To  realize  the  desired  exit 
flow  at  point  c,  some  waves  generated  at  the  upper  wall  must  be  reflected  at  a  straight 
portion  d-e  of  the  lower  wall.  Because  of  Egs.  2.5  and  2.6, 

6u  +  6i  -  Pu  +  Pi  (4.4) 

and  since  the  strength  of  any  expansion  wave  within  the  flow  field  is  not  changed  except 
for  concave  curving  of  a  wall,  the  rest  of  the  expansion  waves  are  adeguate  for  the 
reguired  bending  of  the  lower  wall  contour  e-f. 

Therefore,  the  initial  turn  angle  of  the  lower  wall  can  be  defined  by 

6i  *  a  +  f  •  ve/2  .  (1  -a/vg)  -  a  +  f  •  6u  (4.5a) 

and  then,  from  Eg.  2.6,  the  total  concave  turn  angle  of  the  lower  wall  is  given  by 

Pi  -  f  •  Ve/2  •  (1  -a/vg)  (4.5b) 

The  parameter  f  defines  the  sharp  comer  angle  of  the  lower  wall  and  the  strength  of  the 
generated  expansion  fan,  respectively;  in  order  to  obtain  different  ratios  of  lower  to 
upper  wall  length  of  the  nozzle,  f  can  be  varied  within  the  limits  given  by  Egs.  4.2  and 
4.3 


f  -  0 -  1  (4.6) 

The  presented  method  for  individual  nozzle  design  is  based  on  the  Egs.  2.1,  2.2,  3.9, 
4.1,  4.5  and  4.6.  The  design  parameters  are  given  by  Mg  (or  vg) , a  , Y  and  f;  by  these 
parameters,  the  wall  contours  of  the  optimized  nozzles  are  fully  determined. 
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As  a  result,  possible  nozzle  geonetries  deteralned  by  this  method  are  shorn  in  Fig.  4.2. 
For  constant  values  of  V£  and  Y ,  the  geometry  of  the  nozzle  is  only  dependent  on  the 
parameters  (1  -  a  /Vg)  and  f.  In  the  design  map  of  Fig.  4.2,  the  family  of 
length-optimized  nozzle  configurations  is  defined  by  the  lower  half-side  of  the  diagram; 
the  edge  points  of  this  triangle  are  given  by  the  special  nozzle  cases  presented  in 
Section  3. 


Fig.  4.2:  Design  Nap  for  the  Defined  Family  of  Length-Optimized  Nozzle  Configurations 


For  f  »  0.  the  attributes  of  the  cases  2  and  3  are  combined.  The  lower  wall  is  designed 
as  a  straight  and  horizontal  contour;  the  expansion  waves  which  are  incident  on  this 
wall  are  totally  reflected.  For  a  >  0,  a  sharp  comer  is  only  existing  at  the  upper 
wall;  for  increasing  values  of  a  ,  the  initial  turn  angle  of  the  lower  wall  is  in¬ 
creasing,  too,  while  is  reduced.  For  a  -  Vv;  the  sharp  comer  at  the  upper  wall  as 
well  as  the  concave  portion  of  the  lower  wall  will  disappear. 

For  f  »  1.  the  final  wave  of  the  expansion  fan  emerging  from  the  lower  wall  defines  the 
end  of  the  upper  wall;  for  this  case,  6^  i**  decreasing,  and  5i  is  Increasing  from  a  -  0 
to  vf.  For  f  •  1,  the  special  nozzle  cases  1  and  3  are  combined. 

For  g  -  0.  the  Initial  turn  angle  of  the  upper  wall  is  constant;  6]^  Is  reduced  for  de¬ 
creasing  values  of  the  parameter  f;  (combination  of  the  cases  1  and  2). 

Finally,  for  a  -  v  y.  the  nozzle  exit  flow  can  only  be  realized  shock-free  by  the  confi¬ 
guration  shown  in  Fig.  3.3  (case  3);  therefore,  the  value  of  f  is  undefined  for  a  -  v^. 

General,  length-optimized  nozzle  configurations  are  obtained  by  a  variation  of  the  para¬ 
meters  a  /vg  and  f;  by  that,  the  attributes  of  the  three  special  nozzle  cases  are  combi¬ 
ned.  As  an  example,  in  Fig.  4.1  a  nozzle  configuration  fora/vc  *  ^nd  f  <■  O.S  is 
depicted. 


5.  RESULTS  AND  CONCLUSIONS 

In  Fig.  5.1,  two  nozzle  configurations  with  a  small  ratio  of  lower  to  upper  wall  length 
are  shown  for  different  design  Mach  numbers.  As  noted  above,  the  nozzle  dimensions  are 
nomallzed  by  the  width  of  the  throat.  Distributions  of  the  Mach  number  along  the  walls 
are  presented  in  Fig.  5.2  for  Mg  «  3  and  Y  -  1.3.  The  differences  in  Mach  number  just 
downstream  of  the  throat  are  caused  by  different  values  of  the  sharp  comer  angle.  Ac¬ 
cording  to  the  theory  of  characteristics,  the  gradient  of  Mach  number  along  the  wall  (1. 
e.  acceleration)  is  not  zero  at  the  nozzle  exit;  reference  /9/. 
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Fig.  5.2:  Hach  Nxunber  Along  the  Halls  for  Different  Nozzle  Configurations 
when  Me  =  3  and  Y  =  1.3 


In  order  to  compare  the  integration  capabilities  of  the  nozzle  configurations  defined  in 
Section  4,  the  lengths  of  the  nozzle  walls  and  the  vertical  displacement  of  the  medium 
stream  line  from  throat  to  exit  are  given  in  Fig.  5.3  -  5.5  for  Me  »  3  and  5.  As  shown 
in  the  design  map  of  Fig.  4.2,  these  dimensions  of  nozzle  geometry  are  dependent  on  the 
parameters  (1  -c/Ve)  and  f  for  constant  values  of  Me  and  Y. 


The  lower  and  upper  wall  lengths  are  changing  in  the  opposite  way  for  varling  values  of 
f.  Minimum  overall  length  of  the  nozzle  can  be  obtained  for  f  »  i;  for  these  nozzle 
configurations,  the  upper  wall  shows  the  minimum,  and  the  lower  wall  the  maximum  length 
solution.  For  f  •  0,  minimum  length  of  the  lower  wall  is  combined  with  a  maximum  upper 
wall  length. 

For  changing  design  Mach  numbers,  the  tendencies  are  similar;  this  is  also  shown  in  Fig. 
5.6,  where  the  lengths  of  different  nozzle  configurations  are  plotted  versus  Mr.  Fur¬ 
thermore,  the  influence  of  the  ratio  of  specific  heats  on  the  wall  lengths  is  given  in 
the  figure;  since  ve  is  reduced  for  increasing  values  of  Y,  the  lengths  of  the  nozzle 
walls  are  decreasing,  too. 
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Fig.  5.5:  Vertical  Displacaaant  of  Hadiua  Straa 
for  M«  *  3  and  5  whan  y  «  1.3 


Lina  from  Throat  to  Exit 
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Fig.  5.6:  Length  of  Mozzle  Halls  versus  M£ 


The  study  has  shown  that  length-optimized  nozzle  configurations  still  have  high  overall 
length  to  throat  width  ratios,  which  is  due  to  the  assumptions  for  the  nozzle  exit  flow. 
For  some  applications,  e.g.  the  design  of  wind  tunnel  nozzles,  the  assumed  parallel  and 
uniform  flow  at  the  nozzle  exit  is  an  important  design  criteria,  and  therefore,  large 
nozzle  dimensions  must  be  accepted. 

For  other  applications,  e.g.  the  design  of  rectangular  thrust  nozzles  for  high  Mach 
number  aircraft  or  hypersonic  vehicles,  a  compromise  must  be  found  between  performance 
and  integration  constraints;  for  theses  cases,  the  determination  of  isentropic  wall 
contours  is  only  the  first  step  in  nozzle  design. 
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SUMMARY 

This  paper  describes  the  structural  materials  development  program  for  the  National  Aero-Space  Plane  (NASP).  It  indicates  the 
marerials  studied,  the  aiqnoaches  followed,  and  the  general  properties  being  developed.  The  major  materials  classes  include  titanium- 
aluminides,  titanium-aluminide  metal  matrix  composites,  cartx>a-catbon  composites,  ceramic-matrix  composites,  beryllium  alloys  and 
copper-matrix  composites. 


PREFACE 

The  U.S.  National  Aerospace  Plane  Program  (NASP)  is  developing  the  technologies  that  are  considered  to  be  key  to  the 
successful  operation  of  hypersonic  aeto^ace  vehicles.  The  general  go^  of  the  NASP  program  is  the  construction  and  testing  of  an 
experimental,  fully  reusable  vehicle,  designated  the  X-30,  that  will  be  used  as  a  manned  demonstrator  of  hypersonic  flight  The 
vehicle  will  use  hydrogen-fiieled,  air-breathing  ramjet/scramjet  engines  and  will  be  capable  of  hcaizontal  take-off  aixl  landing.  It  will 
be  designed  to  expand  the  envelope  of  high  speed  flight  in  a^  beyond  the  atmosphere  to  the  point  that  access  to  low  earth  orbit  can 
be  achieved. 

To  meet  weight  and  performance  requirements,  the  NASP  X-30  engines  and  airfnune  will  make  extensive  use  of  uninsulated, 
load-bearing,  lightweight  structures.  Active  cooling  with  the  hydrogen  fuel  will  be  used  in  many  cases  to  keep  temperatures  within 
the  capabilities  of  the  materials,  but  to  minimize  weight  it  will  be  vital  to  have  materials  that  combine  low  density  with  the  highest 
possible  ten^Tcramre  performance.  Because  of  their  potential  for  satisfying  these  needs,  the  materials  classes  of  primary  interest 
include  titanium-aluininides,  titanium-based  metal-matrix  composites,  carbon-carbon  composites,  ceramic-matrix  composites, 
copper-matrix  composites  and  beryllium  alloys. 

The  requited  materials  and  structures  developments  have  been  the  subject  of  an  extensive  $150  million  program  that  started  in 
March  1988.  Known  formally  as  the  NASP  Materials  and  Structures  Augmentation  Program,  it  is  a  cocqterative  venture  of  the  five 
prime  contractors  who  are  developing  concepts  for  the  NASP  airframe  and  engines.  In  addition  to  these  five  companies,  the  program 
uses  the  active  participation  of  more  than  a  hundred  specialist  subcontractors  in  addressing  the  various  materials  and  pnocesses 
development  needs.  The  scope  of  the  development  program  extends  to  the  fabrication  and  testing  of  full-scale  demonstration 
components  of  the  various  materials  systems. 

Each  of  the  flve  prime  contractors  has  undertaken  the  lead  role  for  the  development  of  one  five  key  classes  of  materials, 

with  each  company  participating  in  the  development  activities  for  all  five  classes.  General  Dynamics  heads  the  refhictoty  composites 
area,  involving  carbcm-carbon  composites  and  ceramic-matrix  composites.  Rockwell  has  taken  the  lead  for  the  titanium-aluminide 
development  and  scale-up  effort,  based  on  the  Ti3Al  and  TiAl  classes  of  materials.  McDonnell  Douglas  manages  the  effort  on 
titanium  metal-matrix  composites,  comprising  fiber-reinforced  titanium  alloys  and  Ti3Al  intetmetallics.  Rocketdyne  has  the  responsi¬ 
bility  for  high  conductivity  materials,  cooqitising  copper-matrix  composites  and  beryllium  alloys.  Pratt  and  Whitney  has  undo^en 
the  high  creep  strength  materials  activity,  involving  materials  and  structures  intended  for  hot,  actively  cooled  engine  components. 

This  latter  area  centers  on  mondithic  and  reinforced  TiAl,  using  porentially  compatible  fibers  such  as  titanium  diboride. 

Almost  all  of  these  materials  are  potentially  important  for  hot,  load-bearing  structures  in  both  the  airframe  as  well  as  the 
engines  d  the  vehicle.  On  the  airflame  they  would  be  used  as  lightweight  skin  panels  of  honeycomb-core,  truss-core,  or  integrally 
stiffened  thin  sheet  configuration.  Where  necessary  they  would  be  cooled  with  die  hydrogen  fiiel  by  incoiporating  appropriate  coolant 
passages  into  the  structures.  In  the  engines  they  would  be  used  as  the  sidewall  panels  in  the  hot  gas  path  of  the  ramjet/scramjet.  The 
engine  application  represents  a  particularly  severe  environment  in  the  sense  of  thermal,  acoustic  and  mechanical  lo^ng.  In  this  case 
the  structures  will  almost  certainly  have  to  be  actively  cooled,  meaning  that  the  materials  will  be  in  contact  with  hot  hydrogen  from  the 
fuel,  hot  oxygen  from  the  incoming  air,  and  the  gaseous  products  of  combustion. 

The  remainder  of  the  paper  describes  the  various  classes  of  materials  that  are  under  development.  Because  they  will  find 
application  over  all  of  the  vehicle,  little  distinction  is  made  between  the  engine  and  the  airframe  ne^.  The  general  materials  classes 
and  associated  processes  apply  equally  to  all  areas,  whether  they  are  the  small  hot  gas  path  panels  of  the  engines  or  the  more 
extensive  regions  of  the  airiiame.  The  specific  (xoperty  requirements  will  be  different-for  exan^le,  time  at  temperature— but  the 
materials  themselves  are  not  in  general  engine-  or  airfriune-specific. 


TITANIUM  ALUMINIDES 

Titanium-aluminide  intetmetallics  are  candidates  for  structures  in  both  the  engines  and  the  airframe.  They  have  essentially  the 
same  denaty  as  titanium  but  lead  to  the  possibility  of  much  higher  use-temperatures.  The  two  intermetallic  systems  that  are  of 
prinuiry  interest  are  based  on  the  Ti3Al  and  TlAl  compositions  and  have  potential  temperature  capabilities  of  about  815°C  and  980°C 
respeedvely. 
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The  principal  drawback  of  the  aluminides  is  their  limited  ductility  and  toughness  properties  at  temperatures  less  than  a  few 
hundred  degrees.  Coupled  with  the  requirement  for  very  high  fabrication  temperatures,  this  makes  their  processing  difficult.  Product 
forms  that  require  a  large  amount  of  metal  defoimation,  such  as  sheet  ftw  honeycomb-core  or  truss-core  panels,  must  be  processed  in 
a  carefully  controlled  manner  to  avoid  cracking  of  the  material  during  the  reduction  of  the  starting  materi^  to  finished  form.  In 
addition,  the  use  of  tiie  aluminide  con^xments  in  load-bearing  structures  must  take  account  of  the  probability  that  their  ductility  aixl 
toughness  characteristics  will  be  limit^  in  comparison  to  other  materials,  such  as  conventional  titanium  alloys. 

New  processing  methods  ate  being  used  to  modify  aluminide  compositions  and  microstructures  to  yield  structurally  useful 
materials.  The  goal  is  to  achieve  an  appropriate  balance  of  strength  with  toughness  or  ductility  while  retaining  the  low  density  and 
high  temperature  characteristics  that  triake  the  aluminides  so  attractive.  Oie  useful  approach  that  has  been  quite  successful  employs 
rapid-solidification  powder  methods  to  develop  improved  alloys  and  much  of  the  NASP-relatcd  work  in  this  area  uses  a  rotary 
atomization  process  to  produce  rapidly  solidified  powder.  The  powder  is  consolidated  into  fully  dense  billets  that  are  then  processed 
into  approfniate  product  forms.  The  process  is  now  relatively  mature  and  the  equipment  has  been  scaled  up  to  the  poin  that  it  is 
capable  of  making  hundreds  of  kilograms  of  powder  material  a  day. 

Advanced  thermal-mechanical  processing  methods  have  been  develqjed  for  both  the  powder-produced  intermetallics  and 
those  made  using  conventional  cast  and  wrought  methods.  These  processes  have  improved  the  characteristics  of  the  Ti3Al-based 
alloys  significantly  and  good  quality  sheet  products  are  being  produced.  Sheet-processing  methods  for  the  harder-to-work  TiAl-based 
materials  have  also  been  developed  but  have  yet  to  be  scaled  up  to  an  economit^  production  level.  In  terms  of  mechanical  properties, 
significant  improvements  have  been  made  in  the  Tl3Al-based  materials  and  they  can  be  regarded  as  good  candidates  for  broad 
structural  use.  In  the  TiAl  materials,  a  balanced  set  of  mechanical  properties-a  suitable  mix  of  strength,  toughness,  ductility,  fatigue, 
and  high  temperature  properties-is  still  to  be  achieved. 

Because  much  of  the  airframe  and  engine  structure  will  be  actively  cooled,  hydrogen  at  various  temperatures  and  pressures 
will  be  in  contact  with  many  of  the  structural  materials.  Hydrogen  interacts  adversely  with  most  titanium  alloys,  leading  to 
embrittlement  in  many  situations,  but  the  titartium  alumiiudes  ate  ttxxe  resistant  than  conventional  alloys,  wi  A  the  TiAl  materials 
being  the  least  affected.  Hydrogen-resistant  barrier  coatings  will  be  needed  fm  all  the  materials  to  some  extent,  and  the  development 
of  effective  coatings  is  an  integral  part  of  the  program. 


TITANIUM  ALUMINIDE  COMPOSITES 

Metal-matrix  composites  based  on  titaitium-aluminides  offer  significant  improvements  in  stiffness  and  strength  over  their 
monolithic  counterparts,  making  them  attractive  for  the  thin-gauge  skin  structures  required  for  NASP.  The  basic  technical  challenge 
in  making  these  composites  is  to  incorporate  reinforcement  fibers  into  the  matrix  without  creating  adverse  reactions  at  the  fiber/matrix 
interface. 

The  conventional  method  for  fabricating  metal-matrix  coroposites-involving  the  hot  pr^ng  of  sandwiches  of  matru 
material  and  fibers-is  difficult  to  accomplish  with  titanium-aluminides.  They  have  poor  formability  characteristics  and  they  interact 
with  the  fiber  at  the  temperatures  and  times  needed  for  consolidation.  There  is  also  a  thermal  expmsion  mismatch  between  the  fiber 
and  the  matrix  that  can  lead  to  cracking  of  the  low-ductility  matrix  on  cocking  fixxn  the  consolidkion  tenqretature  w  during 
subsequent  thermal  cycling. 

In  an  alternative  approach  to  consolidation,  a  nqrid-solidification  plasma-deposition  (RSIT>)  process  is  used  to  fabricate 
titanium-aluntinide  composites.  The  matrix  material  starts  as  a  powder  that  is  fed  th^gh  a  plasma  arc  to  convert  it  into  molten 
droplets.  These  are  deposited  onto  reinforcing  fibers  that  are  spiral-wrapped  on  a  large  diarneter  drum,  where  on  impact  they  are 
rapidly  quenched  to  a  solid  state.  Rotation  and  translation  of  the  drum  allows  the  build-up  of  a  layer  of  matrix  material  on  and 
between  the  ffbera.  This  solidified  deposit  of  matrix  material,  contaiiung  a  single  layer  of  fibers,  can  be  subsequently  slit  and  stripped 
off  the  drum  and  several  of  these  layers  can  be  stacked  together  and  hot  pressed  to  make  a  multilayer  composite. 

The  RSro  process  has  been  demonstrated  successfully  with  SiC  reinforcements  in  Ti3^  matrix  materials  and  useful 
mechanical  properties  can  be  obtained.  The  equipment  itself  has  been  scaled  up  to  a  pilot  plant  size  that  will  allow  the  production  of 
reinforced  sheet  material  that  is  about  1x3  m  in  size.  The  same  process  can  be  used  to  produce  "nAl-based  conqwsitcs  but  the  inherent 
brittle  nature  of  this  material  makes  subsequent  multi-layer  consolidation  difficult  to  achieve.  This  is  pritxtipally  the  result  of  the 
thermal  expansion  mismatch  between  the  fiber  and  the  matrix  that  produces  residual  tensile  stresses  in  the  matrix  on  cooling,  causing 
it  to  crack.  Altenutive  fibers  are  under  development  that  have  a  closer  expansion  match  and  better  chentical  conqiatibility  to  tfie  TlAl 
matrix  material  than  is  the  case  with  the  SiC  fiber.  These  appear  to  be  promising  but  this  class  of  composites  will  require  further 
development  to  make  them  reliable  structural  materials. 


XD  COMPOSITES 

The  XD  process  can  be  applied  to  a  variety  of  materials  to  form  fine,  close-spaced  distributions  of  reinforcing  second-phase 
particles.  The  term  XD  refen  to  the  proprietary  technique  that  is  used  to  create  the  reinforcements.  In  essence,  it  is  a  process  that 
results  in  the  fabrication  of  discontinuously  teitforced  metal  matrix  coitqrorites  where  the  matrix  can  be  any  one  of  a  number  of 
alloys  and  the  reinforcing  particles  can  be  varied  in  terms  of  composition,  size,  shape  aixl  distribution.  A  uttique  feature  of  the 
process  is  that  the  reinforcements  are  formed  and  grown  in  siru  within  the  matrix,  as  distinct  from  being  mechanically  ntixed  as  a 
separate  additive;  as  a  result,  the  particleAnatrix  interfaces  are  clean  and  well  bonded,  thereby  enhancing  the  effectiveness  of  the 
reinforcements. 

The  process  can  be  tailored  to  produce  a  variety  of  second  phase  particle  distributions,  where  the  particle  sluqre  can  vary  from 
spherical  to  needle-like.  Mixtures  of  different  reinforcements  also  can  be  formed  that  include  coexisting  sizes,  shapes  and  types  of 
particles.  In  many  cases,  the  dispersoids  ate  very  stable  and  can  survive  a  rennelting  process;  as  a  result,  the  material  subsequently 
can  be  cast  iim>  shaped  conqxments  widmut  deploying  die  teinforcemenL 
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The  XD  process  has  been  used  to  make  titanium  aluminide  composites  where  the  reinforcing  phase  is  titanium  diboride.  The 
microsttuctures  resulting  from  the  XD  process  are  attractive  princiimlly  because  they  lead  to  significantly  inqnoved  strength  levels 
over  the  useful  temperature  ranges  of  the  aluminides.  The  properties  are  also  essentially  isotropic,  making  the  materials  useful  for 
complex-shaped  structures  that  would  be  difficult  to  fabricate  from  continuous  fiber  reinfraced  materials. 


CARBON-CARBON  COMPOSITES 

Carbon-carbon  composites  have  the  potential  for  use  as  lightweight  structures  that  could  be  exposed  to  tenqieratures  in  excess 
of  1400°C  without  the  need  for  active  cooling.  Because  of  this  capability,  they  are  candidates  for  the  aiffiame,  whm  they  could  be 
used  as  large,  integrally  stiffened  sldn  panels  on  the  hotter  parts  (tf  the  vehicle.  They  may  be  useful  also  for  engine  structures. 

In  general,  from  the  point  of  view  of  availability  as  structural  shapes,  carbon-carbon  composites  can  be  regarded  as  mature 
materials.  There  is  a  large  b^  of  knowledge  available  regarding  their  fabrication  and  practical  use  and  they  have  been  used  in  a 
variety  of  applications.  Several  companies  specialize  in  the  manufacturing  of  components  and  there  are  several  basic  methods 
available  frv  making  structural  shapes. 

There  are  technical  problems  to  solve  before  they  can  be  used  as  load-bearing,  thin-gauge  structural  conqtonents  for  NASP. 
Chief  among  these  is  the  n^  for  effective  oxidation  protection  in  the  hypersonic  flight  environment  Existing  protection  schemes, 
usually  involving  multilayer  coatings  and  sealants,  work  reasonably  well  in  situations  where  the  material  is  taken  up  to  a  single  high 
temperature  and  then  cooled,  but  they  face  significant  problems  when  exposed  to  complex  temperature  cycles. 

The  basic  difficulty  with  existing  protection  schemes  is  their  use  of  refractory  materials  such  as  silicon  carbide  as  outer 
protection  layers.  These  work  well  from  a  chemical  standpoint  but  they  can  crack  due  to  the  theimal  expansion  mismatch  between  the 
silicon  carbi^  and  the  carbon-carbon  substrate.  To  alleviate  this  problem,  use  is  made  of  additional  int^ayeis  that  oxidize  to  form  a 
glass  that  can  flow  and  seal  cracks.  Unfortunately,  these  glasses  do  not  flow  readily  at  intermediate  temperatures,  reducing  their 
effectiveness  over  part  of  the  temperature  range  of  interest  Recent  advances  in  coating  technology  have  improved  the  situation  and 
small  coated  coupons  have  withstood  the  cyclic-temperature  loading  typical  of  a  NASP  environment  These  improved  protection 
schemes  have  yet  to  be  scaled  up  to  the  large,  complex-shaped  components  needed  for  NASP. 


CERAMIC-MATRIX  COMPOSITES 

Like  carbon-carbon  composites,  ceramic-matrix  composites  have  the  potential  for  use  at  temperatures  in  excess  of  1300°C, 
with  the  added  advantage  of  a  much  higher  degree  of  inherent  oxidation  resistance.  Unlike  the  carbon-carbon  materials,  they  are  not 
as  mature  as  a  class  of  structural  materials  and  do  not  enjoy  the  same  broad  base  of  manufacturing  ''xperience.  They  have  not  been  as 
widely  used  and  they  have  limitations  when  it  comes  to  using  than  for  long  times  at  the  higher  temperature  ranges. 

There  are  two  general  classes  of  ceramic-matrix  materials  that  may  be  imponant  for  NASP.  glass-ceiamic-matrix  composites, 
useful  up  to  temperatures  of  about  815°C,  and  advanced  ceramic-matrix  composites,  potentially  applicable  at  much  higher 
temperatures.  Glass-ceramic-matiix  composites  are  relatively  well  characterized  and  can  be  fabricated  into  product  forms  such  as 
honeycomb-core  panels,  truss-core  panels,  and  other  complex  shapes.  Advanced  ceramic-matrix  materials-such  as  silicon  carbide 
frber  reinforced  silicon  carbide  (SiCVSiQ-are  not  as  mature,  principally  because  of  the  lack  of  a  fiber  that  has  sufficient  stability  in 
the  matrix  when  exposed  for  long  times  above  1000°C.  Improvements  are  being  made  in  these  materials,  and  large,  complex-shtyred 
demonstration  components  have  been  manufactured  by  specialist  companies.  A  particular  interest  in  the  ceramic-matrix  materials  for 
NASP  stems  from  their  inherent  resistance  to  hot  hyckogen  and  they  would  be  useful  for  actively  cooled  engine  conqronents.. 


BERYLLIUM  ALLOYS 

Beryllium  is  a  commercially  available  material  that  possesses  the  advantages  of  low  density,  high  elastic  modulus,  and  very 
good  thermal  conductivity.  Its  disa^antages  include  poor  toughness  characteristics,  crystallographic-texture-sensitive  properties,  a 
limited  use-temperature  of  about  340°C,  and  environmental  concerns  associated  with  die  toxic  nature  of  the  oxide.  In  spite  of  its 
problems,  beryllium  is  successfully  used  in  a  wide  variety  of  applications  and  there  is  a  considerable  body  of  experience  concerning 
its  fabrication  and  handling. 

In  addition  to  the  benefits  of  light  weight,  its  thermal  conductivity  characteristics  make  it  particularly  useful  for  structural 
components  that  are  designed  to  transfer  heat  efficienUy  from  one  location  to  another.  For  NASP,  the  beryllium  would  be  used 
primarily  in  heat  exchangers  or  actively  cooled  engine  panels,  where  it  would  be  in  sheet  form  in  honeycomb-core  or  truss-core  panel 
structures  that  would  contain  integral  cooling  passages  within  the  structure. 


COPPER-MATRIX  COMPOSITES 

Because  the  NASP  vehicle  will  make  extensive  use  of  actively  cooled  structure,  there  is  a  particular  interest  in  high  thermal 
conductivity  materials,  including  copper-matrix  composites.  Copper  itself  has  a  good  thermal  conductivity  but  is  heavy  and  its  upper 
use-temperature  is  limited  by  its  low  mechanical  properties.  Pitch-based,  high  modulus  graphite  fibers  have  excellent  thomal 
conductivity-better  than  the  copper  itself  in  the  direction  of  the  fiber-and  the  addition  of  these  fibers  to  copper  reduces  density, 
increases  stiffness,  raises  the  use-temperature,  and  significantly  improves  thermal  conductivity  in  the  direction  of  the  fibers. 

One  approach  to  the  fabrication  of  these  composites  starts  with  a  process  that  places  a  layer  of  copper  around  each  fiber  in  a 
graphite  fiba*  tow.  The  coated  fibers  are  subsequently  packed  together  and  hot  pre$.sed  into  a  friUy  dense  material  containing  a  high 
volume  percent  of  fibers.  In  practice,  cross-pli^  lay-ups  will  be  used  to  tailor  the  thermal  conductivity  and  conqtensate  for  the  direc¬ 
tional  effects  of  the  fiber. 
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Additional  work  in  this  general  area  addresses  discontinuously  reinforced  copper  composites.  These  are  made  by  adding 
alloying  elements  such  as  niobium  to  the  copper  and  applying  appropriate  processing  methods  to  foim  a  very  fine  dispersion  of  the 
alloying  addition.  In  this  way  it  is  possible  to  strengthen  the  mauiial  without  lowering  the  conductivity  of  the  matrix. 


COATINGS 

Coatings  will  play  an  inqxxtant  role  for  all  materials  used  in  the  NASP  airfiame  and  engines  and  are  a  key  part  of  the 
develq>ment  activities  for  each  material  system.  They  can  perform  several  critical  functions,  including  control  of  temperature  and 
protection  against  the  environment 

For  temperature  control,  they  are  designed  to  have  high  emissivity  and  to  be  noncatalytic  to  the  recombination  of  the 
dissociated  gases  present  in  the  hypersonic  airflow  across  the  skin.  This  can  lead  to  a  reduction  of  several  hundred  degrees  in  surface 
temperature.  For  oxidation  resistatKe,  diey  can  provide  a  suitable  barrier  that  prevents  contact  of  hot  oxygen  with  the  underlying 
material 

The  coating  issue  unique  to  NASP  arises  fiom  the  need  to  protect  the  materials  against  the  effects  of  the  hydrogen  used  for 
cooling.  Hydrogen  diffuses  readily  through  many  materials  and  can  form  brittle  conqrounds  within  the  material.  The  develr^ment  of 
hydrogen  barrier  coatings  is  a  critical  challenge,  eqrecially  coatings  that  are  thin,  lightweight,  resistant  to  damage,  and  can  be  applied 
to  complex  shapes,  including  internal  passages.  Successful  coatings  most  likely  will  incorporate  multilayer  protection  schemes 
involving  sevei^  thin  layers  of  materials,  each  performing  a  contributing  function. 


Discussion 


BOURY 

You  have  shown  a  structure  of  metallic  tube  in  carbon-carbon.  Have  you 
noticed  some  problem  of  thermal  contact  between  these  two  materials? 

AUTHOR’S  REPLY 

Yes,  there  is  a  problem.  There  is  an  expansion  mismatch  between  the 
materials.  We  need  to  have  very  close  contact.  We  have  no  solutions  with 
confidence. 

STOLLERY 

Could  you  say  something  about  the  fatigue  life  that  is  expected  of  modern 
carbon-carbon  material?  Engine  manufacturers  say  that  in  a  few  years  we  will 
have  entirely  non-metallic  engines. 

AUTHOR’S  REPLY 

It  is  a  question  of  trading  off  various  properties.  We  can  improve 
fatigue  performances  in  titanium  aluminides  at  the  cost  of  strength.  We  have 
to  achieve  a  balanced  set  of  properties.  The  question  of  fatigue  of 
carbon-carbon  is  a  different  kind  of  situation.  It  is  not  a  traditional 
material.  It  has  to  be  handled  somewhat  differently.  How  do  we  detect  a  flaw 
in  these  materials? 

OBSERVER  (BRITISH  AEROSPACE) 

What  are  the  difficulties  to  impregnate  these  materials  with  optical 
fibers? 

AUTHOR’S  REPLY. 

The  problem  is  the  survival  of  these  fibers  during  the  material  autoclave 
process. 
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RESUME 


Get  article  passe  en  revue  les  differentes  classes  de  matSrlaux  qui  peuvent  etre  envisagees  pour  1a 
construction  des  moteurs  hypersoniques  a  cycle  co<nb1n§  a§rob1e/anar6ob1e.  On  nontre  que  la  grande 
dimension  des  pieces,  des  conditions  Inhabituelles  de  temp§rature  et  d'amblance  soulevent  des 
problemes  nouveaux  dont  )a  resolution  passe  par  des  programmes  d'etude  de  grande  ampleur.  Les 
matirlaux  non  m6ta111ques  renforcis  ont  une  place  aussi  Importante  3  prendre  que  1es  matSrIaux 
m(ta111ques.  L'assemblage  de  pieces  aussi  dlssemblables  necessite  de  dSvelopper  des  solutions 
adlquates  d'assemblage  mecanique  et  de  rgsoudre  les  nombreux  problemes  tribologiques  qui  ne 
manqueront  pas  de  se  poser. 


ABSTRAGT 


This  paper  reviews  the  different  categories  of  materials  which  can  be  considered  for  the 
engineering  and  production  of  the  future  hypersonic  combined  cycle  engines.  The  large  size  of  the 
parts  associated  with  the  non  current  conditions  of  temperature  and  environnement  makes  arise  new 
problems,  the  solution  of  which  shall  require  programs  of  very  large  extent.  The  non  metallic 
reinforced  materials  have  a  potential  place  as  large  on  that  of  the  metallic  materials  on  these 
developments.  The  assembly  of  such  dissimilar  parts  goes  through  specific  solutions  of  mechanical 
assembly  and  the  solving  of  a  great  deal  of  tribological  problems. 
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1.  MISSIONS  ET  BESOINS  GEMERAUX 

Les  v§h1cu]es  hypersoniques  a  vocation  de  lanceurs  spatiaux  seront  t'-es  dfffSrents  des  v§hicu1es 
analrobies  actuels  du  type  ARIANE  5.  L'&nergence  de  ce  type  de  vehicule  n'est  envisageable  que 
s'ils  permettent  de  rSduire,  de  fagon  sensible,  les  couts  du  kilogranme  de  charge  utile  en  orbite. 
Leur  intSret  potentiel  rSside  dans  la  rlutilisation  du  vShicule  complet,  sur  un  noinbre  de  missions 
importantes  (200  3i  SOO),  et  a  terme  dans  une  mise  en  oeuvre  et  une  maintenance  reduites. 

Deux  types  de  vShicules  sont  envi  sageabl  es  : 

-  Monoitage,  propulsl  par  des  moteurs  3  cycles  combinSs  aerobies-fusles. 

-  Bi-§tage,  propul sS  par  des  moteurs  aerobies  sur  le  ler  etage,  puis  fus§es  sur  le  2eme  etage,  ce 
dernier  etage  itant  s§par§  au  Mach  le  plus  Sieve  possible. 

Dans  les  deux  cas,  on  cherchera  a  prolonger  le  vol  aerobie  le  plus  longtemps  possible  pour  profiter 
de  I'oxygene  de  I'air  disponible  comme  comburant  non  embarquS,  (de  fagon  3  limiter  la  taille  du 
vShicule).  Cela  implique  des  durSes  de  fonctionnement  des  structures  dans  des  conditions 
aerothermiques  particulierement  sSvSres  (voir  Figure  1).  Le  prolongement  du  vol  aerobie  n'est 
envisageable  que  si  les  performances  des  moteurs  a  cycles  combines  aerobies,  dans  ces  conditions 
a§rothermiques,  se  rSvelent  encore  superieures  3  cel les  des  moteurs  fusees  cryogeniques  actuels  ou 
envi sageabl es  (con^ommation  des  ergols  embarques  par  unit!  de  poussee,  rapport  poussee  sur 
masse  . . . ) . 

La  plupart  de  ces  moteurs  utilisent  1 'hydrogene  comme  carburant.  Get  hydrogene  est  stocke  sous 
forme  liquide  et  constitue  une  source  de  frigories  disponible,  mais  limitee,  pour  refroidir  une 
partie  des  structures  du  vehicule  et  des  pieces  de  moteur,  avant  d'etre  utilise  eventuellement 
comme  source  d'enthalpie  pour  creer  un  entrainement  mecanique,  puis  injects  dans  la  chambre 
propul sive. 

Enfin,  les  lois  de  trajectoires  conduisent  3  rechercher  des  indices  structuraux  tres  faibles,  plus 
particulierement  sur  les  monetages  ou  1  kg  de  structure  est  1  kg  de  moins  de  charge  utile  pour 
chacune  des  missions. 


2.  EXAMEW  DES  BESOINS  POUR  LES  PIECES  DU  SYSTEMS  PROPULSIF 

Les  moteurs  3  cycles  combinSs  envisaggs  sont  en  cours  d'evaluation  (I)  :  Turboreacteur 

-statoreacteur,  turbofusSe  -  stato-fusSe,  fusSe-stato,  stato  3  combustion  supersonique  ... 

Un  moteur  representati f  de  la  complexite  de  ces  concepts  sera  retenu  pour  1 'analyse  et  les 
dSveloppements  ci-apres  ;  le  turbofusee  -  statoreacteur  -fusee,  moteur  combine  d'un  lanceur 
monetage.  II  est  presents  en  Figure  2  .  Ses  cotes  principales  et  les  conditions  de  fonctionnement  3 
un  de  ses  points  caracteristiques  sont  schematises  en  Figure  3.  Pour  chaque  type  de  pieces,  il  est 
possible  de  dresser  une  liste  de  conditions  generales  et  specifiques  de  fonctionnement  et  en 
deduire  les  besoins  en  materiaux  adaptSs  -  voir  Tableaux  1  et  2  pour  I'exemple. 
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A  partir  de  1a,  11  est  possible  d'envisager  deux  grandes  families  de  matSrlaux  disponibles,  3 
amSIlorer  ou  3  divelopper  pour  r§pondre  3  ces  besolns  : 

-  Les  matSrIaux  homogSnes  essentlellement  metalllques, 

-  Les  matirlaux  composites  a  matrice  metalllque  ou  non. 

Une  premiere  r§part1t1on  en  est  donnee  en  Figure  4. 


3.  LES  MATERIAUX  METALLIQUES 

La  temperature  llmite  d'utlllsatlon  des  alllages  metalllques  est  en  general  nettement  1nf§r1eure  3 
leur  temperature  absolue  de  fusion  T  en  raison  de  deux  phenom3nes  physiques  dont  1 'Influence 
devlent  significative  a  partir  de  0.6  Tf  : 

-  Les  evolutions  microstructurales  telles  que  la  coalescence  des  precipites,  ou  des  grains.  On  peut 
repousser  cette  llmite  en  augmentant  la  fraction  volumique  de  phase  durcissante  et  en  rajoutant  en 
solution  sollde  des  atomes  lourds  a  diffusion  lente  ;  11  existe  toutefols  une  llmite  llle  aux 
diagrammes  de  phases. 

-  Les  phenomlnes  d'oxydatlon-corroslon  qui  peuvent  conduire  a  la  rupture  prSmaturSe  des  p13ces 
lorsque  la  surface  est  sufflsamment  degradee,  et  dont  les  premices  se  font  sentir  par  diffusion  du 
gaz  riactif  de  I'atmosphere  dans  les  zones  d'endommagement  local  (fissures). 

3.1.  Les  alllages  metalllques 

La  Figure  5  lllustre  les  propriltls  mScanIques  speciflques  des  principaux  alllages  metalllques 
comparies  3  cel les  des  composites  rifractalres.  Le  Tableau  3  rassemble  les  parametres  physiques 
principaux  (autres  que  micaniques)  des  dIffSrents  types  de  materlaux.  SI  1 'on  excepte  les  alllages 
d'alumlnlum  dont  I'utlllsatlon  est  llmitee  aux  temperatures  Infirleures  a  300‘C  on  peut  distinguer 
quatre  grandes  classes  d'alllages  metalllques  pour  applications  3  moyenne  et  haute  temperature  : 

a) .  Les  alllages  de  titane  :  meme  pour  les  alllages  les  plus  r§fracta1res,  de  type  (T1834),  la 
temperature  llmite  d'utlllsatlon  sera  de  1 'ordre  de  600*C  ;  signalons  d'autre  part  que  les  alllages 
de  titane  sont  tris  sensibles  3  la  fraglllsatlon  par  I'hydroglne  et  3  I'oxygSne  (feu  titane),  done 
dlfflcllement  utlllsables  dans  la  turbine. 

b) .  Les  alllages  de  nickel  dont  on  distingue  trols  types  : 

-  Les  alllages  forges  conventlonnels  (INC0718,  WASPALOY  ...)  dans  lesquels  la  resistance 
optimale  est  obtenue  par  un  traltement  thermomecanique  comprenant  un  forgeage  a  la  presse  ou  au 
pllon.  Ces  alllages  peuvent  etre  utilises  sous  forte  solllcitatlon  mecanique  jusqu'3  environ 
650’C. 

-  Au-de13  de  650*C  les  alllages  couies-forges  ont  une  teneur  en  phase  durcissante  trop  falble 
pour  que  1'on  pulsse  les  utlllser  dans  les  disques  tres  solllcites.  On  dolt  alors  passer  aux 
alllages  eiabores  par  Metallurgle  des  Poudres  (ASTROLOY,  N18  ...)  et  mis  en  forme  par  forgeage 
Isotherme  (2).  Ces  alllages  presentent  une  resistance  speciflque  exceptlonnelle  jusqu'3  750*C 
environ. 

-  Au-dessus  de  750*C  le  taux  de  phase  durcissante  nScessalre  pour  assurer  la  resistance  au 
fluage  Impose  des  alllages  coules  non  forgeables  ;  1 'effet  nocif  des  joints  de  grains  qui  ne 
constituent  plus  des  obstacles  3  la  deformation  est  resolu  par  i'utlllsatlon  solt  de  structures 
de  grains  colonnalres  solt  de  plSces  monocristalllnes. 

Les  superalllages  de  nickel  contlennent  des  teneurs  en  chrome  et  en  aluminium  leur  assurant  une 
resistance  1ntr1ns6que  3  1'oxydatlon  et  3  la  corrosion  jusqu'3  environ  900’C  pour  des  durees  de 
1 'ordre  de  la  centalne  d'heures  ;  au-de13,  des  revetements  protecteurs  a  base  de  CrAl  et  N1A1  ont 
et#  mis  au  point  (3)  qui  assurent  une  resistance  3  I'oxydatlon  efficace  jusqu'3  1200*C. 

Les  superalllages  de  nickel  qui  constituent  un  mat€r1au  blen  adapt#  a  la  turbine  du  moteur  spatial 
risquent  de  poser,  au  volsinage  de  la  temp#rature  amblante  un  probleme  de  fraglllsatlon  par 
I'hydrogine.  Ce  point,  qui  risque  d'etre  Important,  sera  discut#  plus  loin. 

c)  Les  alllages  de  beryllium  sont  en  fait  1nt#ressants  pour  leurs  propr1#t#s  thermiques 
exceptlonnelles  et  leur  coefficient  de  Poisson  anormalement  bas  (Tableau  3)  ;  par  centre,  ils  sont 
p#na1is§s  par  leur  falble  point  de  fusion,  leur  tr#s  grande  fragilit#  et  leur  falble  rgsistance  et, 
en  ce  qui  concerne  leur  mise  en  oeuvre,  par  leur  toxicit#. 

d)  Les  alllages  de  niobium  qui  pr#sentent  d'excellentes  proprietes  sp#c1fiques  au-dessus  de  1200*C 
ne  peuvent  fonctlonner  en  atmosphSre  oxydante.  Leur  utilisation  n#cessitera,  3  la  fols  le 
divelopperaent  d'alllages  plus  r#s1stants  3  I'oxydatlon  et  celul  de  protections. 
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3.2  Les  coaposSs  interipCtalHques  : 

Ces  matSrlaux  dont  1a  composition  repose  sur  la  comblnalson  en  proportions  dSfInles  d'un  petit 
nombre  d'atomes  organises  cristallographlqueroent  sont  tr§s  attractifs  lorsqu'lls  prisentent  a  la 
fols  une  falble  density  et  un  module  §1ast1que  §1evg  assoclls  3  un  large  domalne  de  stab111t§ 
therralque. 

Ces  dernllres  ann^es  1'effort  a  $te  porti  sur  les  alumlnlures  tels  que  N13A1.  T13A1,  Tableau  1). 
T13A1  prisente  des  perspectives  Int^ressantes  puisque  la  ductlUte  3  1'amblante  a  pu  etre  amellorSe 
par  1 'addition  de  Niobium.  II  ne  permet  toutefols  pas  des  applications  au-dessus  de  750*C  en  raison 
de  probi ernes  d'oxydatlon  et  de  chute  de  1a  resistance  au  fluage.Des  composes  plus  1§gers  cornnie 
T1A1  ou  presentant  des  tempfiratures  de  fusion  tres  elevSes  conime  MoS12  (4,  5)  sont  3  1‘Stude. 

Les  composes  1nterm§ta111ques  sont  en  general  fragiles  3  1'amblante  et  leur  resilience  est  toujours 
falble.  Compte  tenu  de  leur  falble  tenacite,  on  envisage  essentlellement  de  les  utlllser  comme 
matrice  pour  des  materlaux  composites.  Sur  la  Figure  5,  figurent  par  example  des  resultats 
encourageants  pour  1e  systeme  S1C-T13A1  .  Ce  type  de  systeme  est  toutefols  difficile  3  eiaborer  et 
reste  a  caracterlser  compieteroent,  en  particuller  en  fatigue  thermique  et  mecanique. 


3.3  Probi gme  de  la  fraglllsatlon  par  1' hydrogene 

La  turbine  du  moteur  spatial  sera  a11ment3e  par  un  melange  riche  en  hydrogene  ;  on  risque  de  se 
heurter  alors  au  probleme  de  la  fraglllsatlon  par  I'hydrogdne  des  materlaux  metalllques. 

Ce  probleme.  blen  connu  depuls  longtemps  dans  les  aclers  prisente  deux  aspects  : 

-  La  fraglllsatlon  par  I'hydrogene  Interne  dissous  dans  1e  m^tal , 

-  La  fraglllsatlon  resultant  d'une  atmosphere  d'hydrogene  et  llee  aux  phenomenes  d'adsorptlon  et 
d' absorption  superficielle. 

Les  etudes  de  laboratoire  ont  montre  que  la  fraglllsatlon  etalt  un  phlnomene  complexe,  oQ 
Intervlennent  de  multiples  facteurs,  en  particuller  la  ralcrostructure  de  I'alllage.  La  Figure  6 
montre,  dans  1e  cas  de  riMC0903,  la  dScrolssance  trSs  rapide  de  la  ducti11t§  avec  la  teneur  en 
hydrog4ne.  Cet  effet  est  3  reller  3  la  perte  importante  des  caract§r1st1ques  de  traction  enta111§e 
(contrainte.  allongement). 

La  fraglllsatlon  par  I'hydrogene  Interne  est  un  phenomene  riverslble.  On  peut  par  example  retrouver 
les  proprietes  Initlales  grace  3  un  traltement  de  desorption  3  une  temperature  de  I’ordre  de  500*C. 
Par  contre,  sous  presslon  d'hydrogene,  la  tenue  en  fluage  des  superalllages  de  nickel 
polycristalllns  est  fortement  degradee. 

Une  caracterlsatlon  de  cet  effet  dans  les  alllages  retenus  pour  la  turbine  sera  necessaire  pour 
garantir  la  duree  de  vie  du  moteur. 

3.4  Perspectives 

Actuellement,  la  temperature  d'utlllsatlon  maximale  des  matlriaux  mltalHques  est  de  1150*C 
environ,  Une  extension  du  domalne  d'utlllsatlon  est  possible,  grace  3  I'utlllsatlon  de  barriires 
thermlques  qui  consistent  en  des  depots  de  fines  couches  ceramiques  (par  exemple,  Zircone 
stab111s§e).  Un  d§pdt  de  0,2  mm  d'3pa1sseur  peut  conduire  3  un  gain  en  temperature  de  1 'ordre  de 
150*C.  Un  gain  n'est  toutefols  possible  que  si  la  piece  possede  un  circuit  de  refroldlssement 
Interne. 

On  peut  prlvolr  deux  types  d'evolutlon  dans  I'utlllsatlon  de  ces  matirlaux  mitalllques  : 

-  Un  gain  en  densitS  dans  le  domalne  des  temperatures  moyennes  (T  ^  lOOO’C)  par  exemple  par 
1 ' Introduction  de  composes  1 ntermetal 1 1 ques  ou  de  composites, 

-  Un  accrolssement  de  la  capacite  en  temperature  grace  au  developpement  de  nouveaux  composes  3 
point  de  fusion  eieve, 

Parmi  les  problSmes  auxquels  on  se  heurtera,  on  peut  citer  les  phenorndnes  de  fatigue  mecanique  et 
thermique  lies  3  1a  rapidite  du  decollage. 

Dans  tous  les  cas  se  posera,  au  niveau  de  la  turbine,  le  problSme  de  fraglllsatlon  par  I'hydrogene; 
la  protection  par  depot  de  metaux  precleux  (or)  est  efficace,  11  est  toutefols  souhaltable  de 
mettre  au  point  des  alllages  ayant  une  resistance  Intrlnslque  3  I'hydrogene. 

4.  LES  HATERIAUX  COMPOSITES  :  GEMERALITES 

L' utilisation  des  materlaux  composites  constitue  une  vole  prometteuse  pour  etendre  le  domalne 
d'utlllsatlon  des  materlaux  massifs,  metalllques  ou  non.  Le  composite  presente  1'lnteret  d'utlllser 
la  tris  haute  resistance  des  fibres  tout  en  conservant  une  certalne  ductlllte  lorsque  la  matrice 
est  blen  adaptee.  Toutefols,  dans  les  difficultes  liees  3  ces  materiaux  i1  faut  citer  le 
comportement  anisotrope  qui  necessite  1 'adaptation  de  la  texture  au  type  de  solllcltation,  et 
1 'utilisation  de  modeies  mecaniques  de  comportement  plus  complexes  que  pour  les  materlaux 
monolithiques. 
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Les  applications  des  composites  sont  sp4c1f1ques  I  la  fols  du  type  de  fibres  et  de  matrices  ;  c'est 
pourquol.  nous  les  passerons  en  revue  s§parSment. 

4.1  Composites  1  base  de  titane 

Ces  matirlaux  se  caract§r1sent  pour  leur  grande  r1g1d1t§,  leur  r§s1stance  3  la  rupture  I1ev§e 
comblnSe  3  une  falble  dens1t§  (volsine  de  4).  Dans  1e  sens  des  fibres,  les  caractdristiques 
micaniques  sp6c1f1ques  Jusqu'3  environ  700*C  sont  nettement  sup3r1eures  3  celles  d'un  superalllage 
de  nickel  (Figure  7).  Dans  1e  sens  travers,  ces  composites  prSsentent  une  falble  ductlllti  et  une 
r§s1stance  volsine  de  celle  de  la  matrice  ;  La  tenue  3  1 'Impact  est  bonne  en  raison  de  la  ductllltS 
de  la  matrice. 

Signalons  1e  role  essentlel  jou§  par  ('Interface  fibre  -  matrice  :  outre  1e  role  dasslque  du 
transfert  de  charge,  ('Interface  conditlonne  (es  cInStIques  de  reaction  matrice  -  fibre. 

La  tr3s  grande  r3act1v1t6  de  (a  matrice  de  titane  Impose,  si  Con  veut  utKIser  des  fibres  fines  et 
t1ssab(es,  (a  mise  au  point  de  traltements  d'interface  particullers,  te(  que  (e  d§pdt  de  graphite 
pyrolltique  (Figure  8).  Ces  traltements  conferent  au  composite  une  bonne  stability  thermique  si  (a 
temperature  reste  modlree  (Figure  7). 

Industrledement,  ces  composites  sont  tr6s  difficlles  3  Slaborer,  en  particuller  si  Con  cherche  3 
utlllser  des  matrices  1nterm£ta(11ques  telles  que  T13A1.  ou  T1A(  susceptible  d'apporter  un  gain 
supplemental  re  en  temperature. 

4.2  Composites  3  matrice  verre 

Les  composites  3  matrice  verre  et  3  fibres  (ongues  peuvent  etre  consideres  comme  une  extrapolation 
sur  (es  hautes  temperatures  des  experiences  accuauiees  sur  (es  composites  3  matrices  organiques.  11 
s'agit  en  effet  d'un  renforcement  d'une  matrice  3  falble  module  (60  3  80  GPa)  par  des  fibres  3  trls 
haut  module  (200  GPa  pour  SIC,  300  GPa  pour  1e  carbone).  L' Incorporation  de  fractions  de  fibres  de 
30  3  sot  permet  d'obtenir  un  materlau  tres  resistant  et  3  falble  densite  (2  3  2,5). 

On  peut  distinguer  deux  classes  essentlelles  de  composites  : 

a)  Les  composites  3  renfort  de  fibres  de  carbone  et  3  matrice  boroslllcate  qui  presentent  une 
resistance  3  Camblante  tres  eievee  (600  HPa  en  traction  et  1200  NPa  en  flexion). 

Ces  composites  sont  utlllsables  Jusqu'3  400*C  environ  (Figure  9).  11s  peuvent  etre  obtenus  avec  des 
tissages  10,  20,  30  ou  meme  50. 

b)  Les  composites  renforces  par  des  fibres  de  SIC  (10,  20  ou  tresses). 

Ces  composites  sont  mol  ns  resistants  que  (es  precedents  3  basse  temperature  mals  sont  utlllsables  3 
des  temperatures  plus  eievees  :  environ  600*C  pour  des  matrices  borosllicates,  Jusqu'3  1200*C 
pendant  un  temps  court  (1  heure)  pour  des  matrices  LAS  (Figure  9). 

4.3  Composites  thermostructuraux 

Sous  ce  vocable  (a  SEP  a  developpe  plusleurs  families  de  materlaux  3  matriCe  carbone  ou  ceramique. 
Elle  a  alnsi  etudie  des  materlaux  composites  carbone-carbone  (SEPCARB).  Ces  materlaux  conservent 
des  caracterlstiques  mecaniques  eievees  3  haute  temperature  (  2500*C  environ)  mals  sont  tres 
sensibles  3  1‘oxydatlon  3  partir  de  400*C.  Pour  d'autres  applications,  requerant  une  duree  de  vie 
en  atmosphere  oxydante  (air,  gaz  de  combustion)  superleure  3  quelques  heures,  la  SEP  a  developpe  un 
precede  de  densificatlon  chimique  en  phase  vapeur  de  carbure  de  slllclum  (SIC)  permettant  la 
fabrication  de  materlaux  composites  3  matrice  ceramique  et  fibres  de  carbone  ( SEPCARB- I NOX ) . 
D'autres  matrices  ceramiques  et  d'autres  precedes  ont  ete  etudies  par  la  suite  (Alumlne,  zircone, 
mulllte  ...).  Pour  des  specifications  plus  exigeantes  de  regime  3  haute  temperature  en  milieu 
oxydant  elle  a  developpe  les  CERASEP  (S1C-S1C).  II  est  possible  de  reallser  avec  ces  composites  des 
elements  d'assemblage  tres  varies  (Figure  10). 

Proprietes  mecaniques  et  thermiques 

Contralrement  aux  ceramiques  monollthlques  qui  presentent  un  mode  de  rupture  fragile,  les 
composites  3  matrice  ceramique  possedent  un  comportement  pseudo-pi asti que  comme  1e  montrent  les 
courbes  de  traction  3  differentes  temperatures  sous  air  d’un  materlau  C/SIC  20  protege  presentees 
Figure  11.  En  consequence,  ces  materlaux  sont  peu  sensibles  au  choc  ou  aux  gradients  thermiques. 

revolution  de  la  resistance  speciflque  en  traction  des  differents  compo^  tes  thermostructuraux  en 
function  de  la  temperature  est  Indlqude  Figure  12.  Oe  par  leur  resist  ce  mCcanlque  speciflque 
eievee  associee  3  une  bonne  tenue  3  1 'oxydatlon,  les  materlaux  C/SIC  (Sl  CARB-INOX)  sont  de  tres 
bons  candidats  pour  la  realisation  de  composants  haute  temperature  d'un  mot^Mr  combine  pour  lequel 
1e  bllan  de  masse  est  primordial. 

Des  etudes  de  la  sensiblllte  3  la  fatigue  de  ces  materlaux  ont  ete  effectuees.  revolution  du 
comportement  en  traction  apres  un  million  de  cycles  de  fatigue  en  traction-compression  a  ete 
caracterlsee.  La  resistance  mecanique  en  traction  n'est  pas  degradee  par  des  solllcitatlons 
cycllques.  On  note  en  revanche  une  diminution  du  module  d'eiasticite  et  de  1 'allongement  3  rupture. 
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Dur<«  de  vie  des  cowposants 


La  durSe  de  vie  sp6c1f1€e  des  composants  d'un  moteur  coa^1n6  sera  probabal ement  sup§r1eure  3  100 
heures.  Pour  de  telles  applications,  des  traltements  de  finitlon  dolvent  etre  utlllsSs  afin  de 
protSger  1e  matSrlau  de  1'oxydatlon  par  1e  milieu  extSrIeur  (air,  gaz  de  combustion).  Des  Etudes 
sur  la  protection  contre  1'oxydatlon  ont  3t§  menfes  dans  1e  cadre  des  travaux  sur  les  protections 
thermiques  d'HermSs. 

Des  essals  de  viellllssement  de  matirlaux  ont  6t6  effectu§s  en  cyclage  thermique.  Des  Ichantlllons 
ont  subi  120  cycles  thermiques  sous  air  entre  la  temperature  amblante  et  1500*C  avec  un  paller  a 
haute  temperature  de  30  minutes.  Get  essal  correspond  aux  specifications  de  duree  de  vie  d'Herroes 
(2  fols  la  duree  de  vie  de  I'avlon).  85%  des  caracterlstiques  mecaniques  Initlales  ont  ete 
conservees  aprds  cyclage. 

D’autre  part,  des  essals  sur  pieces  reelles  ont  egalement  ete  effectues  :  une  piece  correspondent  3 
un  bord  d'attaque  de  1 'avion  spatial  Hermes  a  ete  testee  3  la  plate-forme  solaire  d'Almerla 
(Espagne).  15  cycles  thermiques  de  30  minutes  (dont  20  minutes  de  paller)  3  une  temperature 
maximale  de  1550*C  et  deux  cycles  d'une  duree  cumuiee  de  palller  de  20  minutes  3  1750*C, 
correspondent  3  une  rentree  de  sauvegarde  ont  ete  appliques.  Des  charges  mecaniques  ont  ete 
appllquees  3  la  plSce  durant  1 'essal  afin  de  simuler  les  charges  aerodynamlques  presentes  lors  de 
la  rentree.  Aucune  rupture  n'est  Intervenue  lors  de  ces  essals. 

Un  divergent  de  tuyere  du  moteur  HM7  (Figure  13)  en  C/SIC  a  ete  essaye  lors  de  deux  tirs  successifs 
en  simulation  d'altitude.  La  duree  cumuiee  de  tir  est  de  1700  secondes  et  la  temperature  maximale 
de  la  parol  d'environ  1700*C.  Aucune  evolution  du  divergent  n'a  ete  observee  apres  ces  deux  tirs. 

Perspectives  d'evolution  des  composites  thermostructuraux 

Les  principales  ameliorations  envisagees  pour  les  materlaux  composites  thermostructuraux  concernent 
1 'au^nentatlon  des  caracterlstiques  mecaniques,  1 'amelioration  de  la  duree  de  vie  et  la 
connalssance  des  caracterlstiques  mecaniques. 

Grace  3  1 'optimisation  de  la  rheologle  de  la  liaison  fibre-matrice  et  3  1 'utilisation  de  fibres 
plus  performantes,  une  augmentation  Importante  des  caracterlstiques  mecaniques  est  possible.  Une 
resistance  3  rupture  de  500  MPa  pour  un  materlau  2D  C/SIC  et  de  350  MPa  pour  un  2D  SiC/SIC  pourront 
trls  probablement  etre  obtenues  d'ld  5  3  10  ans.  L'utlllsatlon,  pour  certalnes  pieces  de 
geometries  partlculllres,  de  textures  adaptees,  permettra  egalement  de  depasser  de  faqon  Importante 
ces  valeurs.  O'autre  part  l'utlllsatlon  de  fibres  de  SIC  presentant  une  mellleure  stablllte 
thermique  permettra  dans  les  memes  deials  d'eiever  d'au  molns  200*C  la  temperature  llralte 
d'utlllsatlon  des  materlaux  SIC/SIC. 

Pendant  la  merae  perlode,  des  progrSs  Importants  continueront  d'etre  realises  dans  1e  domaine  de  la 
protection  contre  I'oxydatlon  de  ces  materlaux.  Compte-tenu  des  resultats  actuals,  I'objectif  de  la 
conservation  de  80%  de  la  resistance  mecanique  pour  une  duree  de  vie  de  100  heures  a  1700*C  en 
atmosphere  oxydante  constitue  un  objectif  tout  3  fait  reallste  3  moyen  terme. 

Une  mellleure  connalssance  du  comportement  mecanique  de  ces  materlaux  permettra  d' autre  part  une 
plus  grande  flablllte  du  dimenslonnement  et  une  mellleure  performance  des  systimes  realises  3 
1'alde  de  ces  materlaux.  Les  principaux  domalnes  d'etude  seront  lors  des  prochalnes  annees  : 

-  Le  comportement  en  fatigue, 

-  La  sensiblllte  au  fluage, 

-  L'etabllssement  de  modlles  de  comportement, 

-  La  determination  de  criteres  de  rupture. 

La  maftrlse  des  controles  non  destructlfs  permettra  egalement  d'amellorer  la  flablllte  et  la 
performances  des  systSmes  composites  pour  la  propulsion  comblnee. 

5.  SYSTEMES  MATE81AUX  POUR  MOTEUR  COMBINE 

En  plus  des  caracterlstiques  Intrinseques  des  materlaux,  11  est  Important  de  considerer  les 
contraintes  ou  Interets  lies  3  leur  mise  en  oeuvre  dans  un  systeme  complet. 

Ce  chapTtre  expose  en  fonctlon  du  systeme  envisage  (llste  non  exhaustive  correspondent  aux 
sous-systemes  du  moteur  presente  Figures  2,  3  certains  couples  "conceptlon/materiaux" 
envisageables,  leurs  Interets  et  Inconvenlents  respect! fs,  alnsi  que  quelques  examples  de 
realisation  se  rapprochant  des  besolns  d'un  moteur  combine. 

5.1  prise  d'air 

Les  premiers  dessins  de  concepts  font  apparattre  des  ensembles  de  tres  grandes  dimensions  solt  3 
section  carree  (typiquement  2ro  x  2m)  solt  3  section  semi  circulaire  (2  3  4m  de  rayon)  pouvant 
depasser  une  dizalne  de  metres  en  longueur.  Les  presslons  Internes  maximales  sont  tris  eievees  (5  3 
10  Bar)  et  ce  3  des  temperatures  pouvant  atteindre  1350*C. 
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Une  structure  aSta'IHque  $ventue11ement  IquIpSe  d'une  protection  thermlque,  nScessitant  done  un 
falble  refroldlssenent  est  envisageable.  Une  autre  conception  de  type  structure  chaude  falsant 
Intervenir  un  mat§r1au  thermostructural ,  llmitant  1e  refroldlssement  aux  actuateurs,  est  Sgalement 
possible  ;  1e  choix  se  fera  sur  un  bllan  global  entre  masse  du  systSne  et  besoln  en 
refroldlssement. 

La  conception  d'une  structure  chaude  est  attrayante  mals  e11e  Impose  une  maTtrlse  des  technologies 
permettant  de  fabriquer  et  d'assembler  des  structures  de  grandes  dimensions,  1§geres,  r§s1stantes 
et  rigides.  Compte  tenu  des  matSrIaux  envlsageables,  ces  techniques  sont  assez  mal  connues,  ou  au 
d§but  de  leur  d4ve1oppement  comne  dans  1e  cas  des  materlaux  composites  3  matrice  c§ram1que. 

En  effet,  dans  1e  cadre  du  programme  HERICS,  une  structure  de  grandes  dimensions  (1.7  x  0.8  metre) 
pour  un  caisson  de  gouverne  en  Sepcarblnox  Skinex  (texture  30  haute  r§s1stance  dSvelopp&e  par  SEP) 
fonctlonnant  3  1300*C  sous  air,  est  actuellement  en  cours  de  d^veloppement  (voir  Figure  14). 

5.2  Compresseur  d'alr 

L' architecture  monovelne  du  turbofus$e-statofus£e  present^  Figure  2  devralt  conduire  3  un  b11an  de 
masse  favorable.  Le  compresseur  d'alr  devra  cependant  pouvoir  supporter  de  hautes  temperatures, 
typiquement  1350*C.  Les  dIffSrentes  places  constituent  la  velne  a4rodynam1 que  seront  difficlles  3 
riallser,  en  particuller  les  aUbes  des  roues  mobiles.  Deux  technologies  sont  envlsageables: 

-  La  premiere  utlHsant  les  techniques  de  refroldlssement  actif  mises  au  point  pour  les  aubes  de 
turbine  des  turborgacteurs.  Le  premier  gtage  du  moteur  M88  peut  alnsi  supporter  une  temperature  de 
gaz  de  1580*C  avec  une  aube  en  alllage  de  nickel  monocristalllne.  Integrant  des  canaux  pennettant 
une  ventilation  par  de  I'alr  frals, 

-  L' autre  conception,  basge  sur  une  architecture  de  type  aubes  en  mater lau  thermostructural 
rapportees  sur  un  disque  metalllque,  prgsenteralt  1'avantage  de  limiter  le  refroldlssement  3  une 
simple  ventilation  du  disque. 

Un  programme  de  demonstration  de  cette  technologle  pour  un  matgrlau  composite  3  matrice  cgramlque 
“Sepcarblnox"  est  en  cours.  Pour  cette  application  le  probleme  particuller  du  comportement  au  choc 
(Ingestion  d'olseaux)  sera  3  examiner. 

Les  disques  d''  retention  de  ces  aubes  seront  trls  fortement  solllcites  mecaniquement  et 
thermi quement  afin  de  limiter  leur  ventilation.  Les  materlaux  envlsageables  sont  les  materlaux 
metal llques  avanegs  (Intermetalllques  3  base  de  titane  ...)  ou  les  materlaux  composites  3  matrice 
metalllque  (Sic/titane  par  example  ...). 

5.3  Turbine 

La  turbine  de  puissance  du  cycle  turbofusge  prgsentg  est  caractgrlsge  par  un  grand  diametre  et  une 
temperature  de  jaz  assez  moderge.  L'objectif  sera  d'obtenir  une  pllce  Iggire,  performante  et  sure. 
Les  solutions  et  architectures  possibles  sont  relativement  nombreuses  : 

-  Disque  et  aut  i  rngtalllques  ventllgs  si  besoln, 

-  Disque  en  mgtal  ventllg  et  aube  en  composite  thermostructural, 

-  Disque  en  coroosite  3  matrice  metalllque  et  aube  en  composite 
thermostructural , 

-  Bllsk  metalllque  ventllg  ou  composite. 

La  Figure  15  prgsente  un  exemple  de  realisation  de  type  monobloc  en  matgrlau  composite  3  matrice 
cgramlque  de  fa  ble  dimension. 

La  realisation  d'une  piece  monobloc  de  grandes  dimensions  ngcessltera  un  contr51e  sgvere  des 
dgfauts  sur  des  pieces  critiques  pour  la  s^urltg  du  moteur.  Une  conception  avec  aubes  en  composite 
3  matrice  cgramlque  rapportges  sur  un  disque  rngtalllque  seralt  alors  plus  attrayante. 


5.4  Chambre  de  combustion  aCroble 

Les  materlaux  constitutifs  des  parols  des  charabres  de  combustion  agrobles  devront  obllgatolrement 
etre  refroldls  activement,  compte  tenu  des  trgs  fortes  temperatures  atteintes  par  les  gaz  de 
combustion.  Les  parols  se  prgsenteront  alors  sous  la  forme  d'une  enveloppe  externe  structurale  et 
d'une  enveloppe  Interne  refroldle  Jouant  un  role  de  protection  thermlque,  gventuel  1  ement 
solldalres.  L 'enveloppe  externe  devra  supporter  une  tempgrature  assez  glevge  (5DD  3  8DD*C),  pour 
utlllser  au  mleux  les  capacltgs  de  refroldlssement  du  flulde  refroldlsseur.  Un  matgrlau  de  type 
composite  3  matrice  verre  pourralt  alors  gtre  intgressant  pour  rgallser  cette  virole. 
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Pour  I'enveloppe  refroldle,  diverses  solutions  sont  possibles  : 

•  Solt  une  chemise  rifractaire  ventllSe  par  de  1‘a1r  (double  parol,  film  ou  multi  perforation) 
refroldl  dans  un  §changeur  a1r/hydrog§ne, 

•  Solt  un  falsceau  de  tubes  assembles  et  refroldls  par  circulation  Interne  d'hydrog&ne.  Des  tubes 
en  beryllium  seralent  Intiressants  pour  obtenir  une  rigidits  Importante  de  cette  structure  tout  en 
offrant  de  bonnes  propr1§tes  thermiques, 

-  Solt  une  coque  meta111que  (a111age  de  culvre  en  propulsion  fus6e),  refroldl  par  circulation 
d'hydrogdne  dans  des  canaux  Internes  a  cette  parol.  Pour  ces  applications.  11  seralt  Intiressant  de 
dimlnuer  la  temperature  de  la  face  chaude  de  I'enveloppe  Interne  afin  de  rSduIre  1e  flux  thermique 
3  ellmlner,  et  done  limiter  1e  besoln  en  refroldlssement.  De  ce  point  de  vue,  une  coque  Interne  en 
matSrlau  rifractaire  homogene  seralt  plus  sure  et  plus  efficace  qu'un  depot  de  type  barrlire 
thermique. 

Les  composites  a  matrice  verre  pr§sentent  une  bonne  etanchelte  mals  1e  gain  en  temperature  sera 
falble.  Les  CMC  plus  rifractalres  presentent  par  centre  une  permeablllte  trop  elevee  qu'11  faudralt 
ridulre,  et  des  dlfflcultSs  d'assemblages  avec  la  structure  frolde. 

5.5  Divergent  de  tuySre 

Les  divergents  de  tuyire  sont  generalement  des  structures  refroldles  activement  par  ventilation 
d'air  ou  par  circulation  d'ergol.  Pour  les  moteurs  combines,  les  surfaces  seront  importantes  et  les 
capacltis  de  refroldlssement  Ilmltges.Un  prIncIpe  de  refroldlssement  par  rayonnement  d'une 
structure  rifractaire,  blen  que  condulsant  a  une  perte  d'inergle,  semble  plus  Intiressant  a 
premiere  vue.  L'expirlence  acquise  dans  ce  domalne  avec  les  matirlaux  composites  thermostructuraux 
est  Importante  mime  si  des  progres  en  durie  de  vie  restent  a  accompllr. 

La  Figure  13  montre  un  divergent  de  type  coquetler,  en  SEPCARBINOX  NOVDLTEX  texture  3D,  diveloppie 
et  brevetie  par  la  SEP,  d'un  diametre  de  sortie  de  I'ordre  du  metre,  riallsi  pour  1e  moteur  du  3eme 
itage  d'ARIANE  en  1988/1989.  Des  divergents  en  SEPCARBINDX  d'un  diamitre  de  sortie  de  2,5  metres 
sont  en  cours  d'itude. 

5.6  Couples  tribologiques 

En  raison  de  la  grande  diversiti  des  matirlaux  util  Isis  dans  le  moteur  hypersonique,  existera  un 
nofflbre  Important  de  couples  plice  statique  •  plice  mobile  de  natures  varlies. 

Dans  ce  moteur,  les  conditions  siveres  de  presslon,  de  tempirature  et  de  vibration  seront  la  source 
de  problimes  critiques  d'origine  tribologique.  Plusleurs  centalnes  de  types  de  couples  ont  iti 
recensis  dont  les  caractirlstiques  d'usure,  de  fretting  sont  diffirentes.  Un  certain  nombre  de 
solutions  sont  connues  pour  risoudre  les  problimes  de  frottement  (application  de  bisulfure  de 
molybdine  par  example),  mals  I'lntroductlon  massive  des  composites  dans  le  moteur  engendrera 
nicessal rement  de  nouvelles  mises  au  point. 

CONCLUSION 


La  construction  des  moteurs  comblnis,  pour  la  propulsion  hypersonqiue,  du  type  de  celul  projeti  par 
la  SMECMA,  fera  appel  a  une  grande  variiti  de  matirlaux  qui  seront  utillsis  dans  des  conditions 
sensiblement  diffirentes  de  celles  des  moteurs  aironautiques  actuals.  La  grande  dimension  des 
plices  et  les  icarts  de  tempirature  tris  Importants  qu'elles  recontreront  en  service  posent  d'abord 
le  problime  de  la  compatibillti  de  dilatation  de  celles-cl  ainsi  que  celui  de  leur  tenue  3  la 
fatigue  thermique. 

Les  choix  de  matirlaux  se  feront  en  outre  en  function  de  leur  risistance  aux  agressions  des  fluldes 
au  sein  desquels  11s  travallleront  et  en  partlculler  de  leur  comportement  v1s-3-v1s  de  1‘hydrogine, 
et  de  leur  tenue  3  1 'oxydatlon  et  a  la  corrosion.  Compte-tenu  des  possibilltis  de  ditirloratlon 
locale  des  revitements  protecteurs,  les  matirlaux  de  base  devront  avoir  une  risistance  Intrinsique 
suffisante  v1s-3-v1s  de  ces  agressions. 

La  disponibiliti  de  technologies  de  production  et  de  mise  en  oeuvre  de  ces  matirlaux  sera  tout 
aussi  diterminante.  Ces  technologies  devront  penmettre  la  riallsatlon  de  plices  de  grandes 
diemnslons  de  formes  complexes  et  comprendra  la  mattrlse  des  procidis  de  liaison  tels  que  le 
soudage,  le  brasage,  le  collage,  mals  aussi  des  procidis  de  traltement  de  surface. 

Enfin,  la  maltrlse  des  techniques  d'assemblage  micanique  entre  des  plices  de  matirlaux  Identiques 
ou  disponibles  sera  Indispensable.  Elle  devra  s'accompagner  de  solutions  a  tous  les  cas  nouveaux  de 
couples  tribologiques  dont  le  recensement  aboutit  3  identifier  un  nombre  considirable. 
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Fig.  3  :  Schema  du  moteur  et  conditions  de  fonctionnement 


S«pcart)inox  Tubes :  Nt 


T . :  Alliage  Utane  haute  te«np^ature.  hautes  caraclAristiques 
N I :  Alliage  sup^rieur  A  I'hastelloy  et  i  I'lNCO  718 
CMM  :  Composite  i  matrice  m4tallique 


Fig.  4  :  MatSriaux  du  moteur  Turbo-stato-fusee 


38-13 


Contrainte  k  rupture  en  traction 
(en  temperature) 


Fig.  7  :  Contrainte  a  rupture  a  650®C  d'un  composite  a  matrice 
titane  -  Influence  d'un  vieillissement  a  BSO^C. 


Depot  de  graphite  Pyrolithique 
(ep.  1m”i) 


Fibre  SCS-6  (TEXTRON)  :  Arne  de  Carbone  0  »  30  tim 
Fibre  SIGMA  (BP) :  Arne  de  tungStene  0  =  12  pm 


Fig.  8  :  Constitution  des  fibres  dans  un  composite  a  matrice  titane 
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a  /  d  (Gpa) 


Fig.  9  :  Resistance  sp^ifique  de  divers  composites  a  raatrice  verre 


Fig.  10  :  Elements  d'asseMblage  en  composites  C/C  et  C/SiC 
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Fig.  15  :  Roue  de  turbine  en  composite  C/SIL 


COMPBESSEUB  HAUTE  TEHPEBATUBE 


PIECE 

FQRftS  ET 
DIHENSIONS 
(mm) 

CONDITIONS 

WBIANTES 

TEAPERATIRE 

DU  miERIAU 

CONIRAINTES 

nAXIWLES 

PROPRIETES  SPECIFIOUES 

Cofc  d'entrEe 

0  =  500 

H  -  300 

E  =  1  A  3 

Air 

20  B 

1600  K 

Faible 

Aube  fixe 

□HO 

II 

1600  K 

Flexion 

Torsion 

•  Tenue  en  fatigue 

•  R£si stance  a  l' impact 

•  RigiditE 

•  EtAT  de  SIWFACE  ET  gEOfETRIE  BORD  DE  FUITE 

Aube  mobile 

H  =  500 

C  =  300 

E  =  20 

II 

1600  K 

Traction 

CENTRIFUGE 

Flexion 

•  Tenue  en  fluage  et  fatigue 

•  resistance  iEcanioue  ElevEe  dans  une  direction 

•  PAO  spEcifioue  pour  machine  TOURNANTE 

•  resistance  a  l' impact 

•  EtAT  de  surface  et  gEOMETRIE  BORD  de  FUITE 

Carter 

0=16OOA2OOO 

H  =  600  A  2000 

E  =  5  A  10 

» 

1600  K 

Pression 

interne 

•  NatEriau  Etanche 

•  Tenue  A  l'impact  (retention  d'aube) 

Cadre 

SUPPORT 

on 

Air 

1600  K 

Reprise 

d'effort 

*  PiECE  COMPLEXE  FORTEItNT  SGLLICITEE 

Disoue 

0Ext:z3OQA6OO 
0INT  =  2tt) 

E  =  50  A  100 

— 

1600  k 

EaATEICNT 
TENUE  DES 
AUBES 

*  resistance  mEcanioue  ElevEe 

•  Tenue  en  fatigue  et  fluage 

Voile 

RACCORD  AVEC 
ARBRE 

BBH 

— 

1600  k 

CiSAILLEMENT 

•  resistance  spEcifioue  ElevEe 

*  Tenue  au  fluage 

Tableau  1  ;  Conditions  de  fonctionnement  des  natEriaux  du  conpresseur 
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TUIBIME  DE  TttBBOFUSEE 


PIECE 

CIKDITIQNS 

AMBIANTES 

CONTRAIKIES 

MAXIMALES 

PR0PR''^TES  SPECIFIQUES 

Collecteur 

(tore) 

Distribute UR 
SUPERSQNIQUE 

0EXT  =  lOCD 
0TORE  =  100 
0rOR£  r2  A  3 

^aube  =  10 

H2  ou  H2/O2 

100  bar 

61000  K 

Tehue  a 

la 

press ION 

•  EtanchEitE  poor  le  tore 

•  Piece  cohplexe  fortememt  chargEe 

•  Etat  de  surface  a  amEliorer  (distributeur) 
GEoi^trie  bord  de  fuite  a  affiner  (distributeur) 

•  Fragilisation  a  l'hydrogEne 

Aube 
rapportEe 
(mobile  ou 
fixe) 

H  =10  A  50 
C=10  A  20 

E  10 

m 

m 

Effort 

CENTRIFUGE 

Flexion 

*  Fragilisation  A  l'hydrogEne 

*  PAD  adaptEe  au  champ  centrifuge  (aube  mobile) 

*  Etat  de  surface  et  gEop^trie 

*  Fatigue  et  fluage. 

Pisque(aube 

rapportEe) 

Roue  (aube 
intEgrEe) 

0EXT  =*900 
0INT  ^  300 

E  =  5  A  10 

m 

- 

Eclatepcnt 

retention 

DES  AUBES 

*  Fragilisation  H2 

*  Fatigue 

*  resistance  spEcifioue  ElevEe. 

Carter 

■ 

m 

u 

Tenue  a 

LA 

pression 

•  Fragilisation  H2 

•  resistance  a  l' impact  (ARRACHEhtNT  D'aUBE) 

•  EtanchEitE  A  chaud 

Voile  de 
liaison  avec 
l'arbre 

Tronconique 

0  =  800 

E  =  5  A  10 

m 

6=  UOO  K 

Cisaillement 

Effort 

localise 

*  Hautes  caractEristiques  mEcaniques 

*  Fluage 

Tableau  2  ;  Conditions  et  fonctionnement  des  matEriaux  de  la  turbine 


CABACTEBISTIQUES  DES  MATEBIAUX  POUB  HAUTES  TEMPEBATUBES 


BASE  Nl  Me 

Ti  Al 

T13  /V 

SiC  7  Ti 

SiC/verre 

C  /  SiC 

BE 

(NM) 

base  Nb 

BASE  ID 

2D 

2D 

DENSITE 

1.25 

8,6 

8,6-9,5 

3,8 

IHWHi, 

3, 3-3. 8 

2,5 

2,5 

2,1 

DUCTILITE  A  ?0-C  (X) 

10 

16 

20 

0,5 

^  / 

M 

■ 

0,3 

0,9 

OUCTILITE  A  lOOO’C  (I) 

18 

90 

10 

8 

vvHni 

BHI 

0,9 

0,9 

Kic  (MPa  -  Vm) 

70 

15 

~  15 

-  15 

<'-15 

TEMPERATURE  DE  ’FUSION* 

1290 

1350*C 

2900*C 

1950*C 

1600’C 

TENUE  A  L’OXYDATION 
(matEriau  nu) 

900 

lOOO’C 

900’C 

7 

600 ’C 

600*C 

900*C 

600*C 

900  "C 

CONDUCTIVITE  THERMIQUE 

150 

20 

■V  l|0 

22 

20 

MM 

//  17 

//  12 

(W/m.K) 

iHi 

mm 

i  9 

jcOEFFICIENT  DE  DILATATION 

19 

15 

8 

10 

//  6,5 

mm 

m 

Wm 

1  (V  10-6  /K) 

1 

Wm 

MODULE  ELASTIOUE  A 

192 

220* 

L'AMBIANTE  (GPa) 

220 

130 

178 

90* 

Tableau  3  :  MatEriaux  pour  propulsion  hypersonioue 
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14.  Abstract 


Contains  the  34  papers  presented  at  the  Propulsion  and  Energetics  Panel  75th  Symposium  on 
“Hypersonic  Combined  Cycle  Propulsion”,  which  was  held  28  May  —  1  June  1990  in  Madrid, 
Spjiin. 

The  Symposium  was  arranged  in  the  following  sessions:  Keynote  (1);  Technical  Review  of 
Hypersonic  Propulsion/Mission  Requirements  (4);  Propulsion  Concepts  (8);  Air  Intake  Flow  (4); 
Turbomachinery  (2);  Combustion  and  Ram/Scramjets  (9);  Nozzle  Flow  (5);  High  Temperature 
Materials  (2).  The  Technical  Evaluation  Report  is  included  at  the  beginning  of  the  Proceedings. 
Reports  of  the  discussions  follow  each  paper. 

The  Symposium  offered  a  large  number  of  experts  the  opportunity  to  appreciate  and  discuss  the 
present  status  in  the  broad  scope  of  subjects  contributing  to  hypersonic  combined  cycle 
propulsion.  Considerable  progress  in  design  and  analysis,  using  computational  fluid  dynamics 
techniques,  was  reported.  A  better  fundamental  understanding  and  experimental  effort  is  still 
required,  and  in  some  areas  suitable  test  facilities  are  not  yet  available.  Subjects  for  future 
dedicated  meetings  are  suggested. 
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